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FOREWORD 


Through the post-Apollo.reduction of the space effort in the USA and most other western countries the subject of 
hypersonic aerodynamics has been neglected in favour of more pressing needs in areas (ike transonic aerodynamics. New 
developments on both sides of the Atlantic place both the facilities and the qualified personnel in very strong demand again. 
This is mainly because of renewed strong interest in space applications such as space stations, atmospheric braking, re-entry 
vehicles, transatmospheric aircraft etc. 

The symposium provided a forum for a stocktaking of the still-available and new facilities, a discussion of traditional 
and newly-developed experimental and numerical techniques for hypersonic applications, as well as for presentations of 
design techniques and new projects. The meeting was timely, not because of a large body of accumulated good work, but 
because — at the outset ot the presently starting new era of hypersonic aerodynamics — it highlights the directions in whten 
particular effort must be invested in the coming years. 


En raison de la diminution des efforts deployes dans le domaine spatial apres le programme Apollo, tant aux Etats Unis 
que dans la plupart des autres pays occidentaux, la question de I’aerodynamique hypersonique a cte negligee au profit de 
besoms plus pressants dans des domaines tels que I'aerodynamique transsonique. De nouveaux developpements realises des 
deux cotes de 1’Atlantique font qu'il exisic a nouveau une ires forte demandc en matiere d'installatiof> et de personnel 
qualifie. Ccci cst du principaiement a un grand renouveau d'intcret pour les applications spatiales telles que les stations 
spatiales, le freinage dans I'atmosphere, les vehicules de rentree, les avions transatmospheriques, etc. 

Ce symposium a ete l'occasion dun forum permettant de fairc l inventaire des installations toujours disponibles et des 
installations nouvelles, de passer en revue les techniques experimentaks et numeriques tradirionnelles et nouvellement mises 
au point, et de presenter des techniques d'etude ainsi que do nouveaux projets. Cette reunion etait opportune, non seulement 
en raison de la grande quanfite de bons travaux rassembles, mais parce qu elle met en lumierc — au debut de la nouvellc ere 
de I'aerodynamique hypersonique qui est en train de s'ouvrir — les directions dans Icsquclles un effort particulier doit etre 
consenti dans les annees a venir. 
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A SURVEY OF EXISTING HYPERSONIC GROUND TEST FAC ILITIES - NORTH AMERICA 

by 

C.E.Witiliff 
CaJspan Corporation 
P.O. Box 400 
Buffalo. NY 14225. USA 


ABSTRACT 

In the past several years there has been a significant increase in the 
number of programs involving hypersonic vehicles, resulting in a resurgance of 
interest in experimental testing in hypersonic wind tunnels. Unfortunately, 
there are far fewer such facilities operating now than there were 10 or 15 years 
ago. The primary purpose of this paper is to survey the current status of 
hypersonic wind tunnels in North America and to describe their performance 
characteristics. As a part of this survey a comparison is drawn to the number 
and type of hypersonic wind tunnels that were active in the 1960’s and 1970’s 
relative to the current situation. Emphasis is placed on hypersonic aerodynamic 
and aerothermal testing and related areas. In surveying the hypersonic wind 
tunnels that are active in North America, all but one are located in the USA. 
There is a gun tunnel in Canada that will be reactivated this year. 

INTRODUCTION 

The 1950’s and I9b0's were a period uf concerted effort In hypersonic 
research and of explosive growth in both the number and variety of hypersonic 
experimental facilities. The motivation came first from the development of the 
ballistic missile and then from the early manned space flight programs 
culminating in the Apollo program to land men on the Moon. During the 1970's 
the Space Shuttle program and unmanned proDes to other pxaucLi, provided support 
for hypersonic research. Once the design of the Space Shuttle was finalized and 
the design of ballistic missile reentry vehicles and planetary probes was well 
established, interest in hypersonics was greatly diminished. Many hypersonic 
experimental facilities were ’’mothballed", placed on indefinite standby status, 
or scrapped. The number of currently operational facilities is only a fraction 
of the number that were active in 1971. Now a broad spectrum of new programs 







are under development or being considered; Including ground-based hypersonic 
interceptors, advanced ballistic RV's, space-based aeroassisted orbital transfer 
vehicles, and such advanced manned space vehicles as the National Aero-Space 
Plane (NASP). Most of these new programs will involve experimental hypersonic 
research and will strain the present capabilities. 

The current number of hypersonic wind tunnels in North America 
relative to the past is illustrated by comparing the results of surveys 
published in 1963 (Ref. 1), 1971 (Ref. 2), and 1985 (Ref. 31. The latte*' survey 
represents the recent status in as much as no new facilities have been built 
since then. However, not listed in Reference 3 is a gun tunnel that has been 
inactive at the National Aeronautical Establishment (NAE), Ottawa. This 
facility will be moved to the University of Toronto Institute of Aerospace 
Sciences (UTIAS) and reactivated this year. The following table lists the 
number of tunnels in each of the categories: continuous; intermittent 
(blowdown) using air or nitrogen; intermittent helium tunnels; "hotshot" (arc 
discharge); shock tunnels and other types. Only the facilities ttjat were listed 
as active in Reference 3 are listed for 1985. Several of the other facilities 
have been, or are being being reactivated. Thus, the last column for 1987 
represents the current status. 

Table I 

SUMMARY OF HYPERSONIC WIND TUNNELS 



1963 

1971 

1985 

1987 


Continuous 

in 

7 

3 

2 


Intermittent (Air/Nj) 

31 

32 

10 

15 


Intermittent (He) 

6 

n 

3 

3 


Hotshot 

in 

6 

0 

0 


Shock Tunnel 

16 

in 

2 

2 


Other 

1 

12 

1 

2 


TOTAL 

32 

75 

19 

2n 


In 1963, 82 hypersonic 

facilities were 

listed in Reference 1 whereas 

the most recent compilation (Ref. 

3) lists 

only 

29 hypersonic 

wind tunnels 

in 

North America (all of them located in the 

USA). 

Furthermore, 

six of these 

29 


tunnels are described as being inactive or on a standby basis and four are 
primarily used for propulsion-related research. Since Reference 3 was 
published, several of the inactive tunnels have been or are in the process of 
being reactivated and will be included in the present summary. Nevertheless, 
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the number of wind tunnels available for hypersonic aerodynamic or aerothermal 
testing is very limited compared to the period from the late 1950's through most 
of the 1970's. In fact, only one major facility has been built since 1975 — 
the Naval Surface Weapon Center (NSWC) Hypervelocity Tunnel 9 (Ref. 4). 

There have been some notable changes in the type of hypersonic tunnels 
in operation as well as in the number of facilities over the period shown in 
Table I. First it is noted that the number of continuous wind tunnels has 
decreased from 14 to 2. Although at the time that heference 3 was published 
there were three continuous tunnels listed, the NASA Langley Research Center 
(LaRC) Continuous Flow Hypersonic Tunnel is now operated only in an intermittent 
blowdown mode and has been renamed the 31-Inch Mach 10 Hypersonic Tunnel. The 
second notable feature of Table I is the total disappearance of any Hotshot 
tunnels and the current existence of only two Hypersonic Shock Tunnels. 
Intermittent (or blowdown) tunnels, which have always been the most numerous 
type, now dominate. 

In this paper the variety and performance of the facilities reported 
in 1963 and 1971 will be reviewed briefly before discussing the capabilities of 
the currently active hypersonic tunnels. To meet the constraints of time and 
space, the discussion will concentrate on wind tunnels for hypersonic 
aerodynamic and aerothermal testing. 

HISTORICAL REVIEW 

The ballistic missile programs provided the motivation for significant 
advances in hypersonic experimental facilities beginning in the mid-1950's. The 
reentry of vehicles at near-orbital velocities brought to focus a wide range of 
flow phenomena — the most publicized being aerothermal heating. Although 
aero-heating was a problem of major importance, the reentry vehicle also 
experienced high-altitude low-density hypersonic flows, chemically reacting 
nonequilibrium and equilibrium flows, and laminar and turbulent boundary layers 
with mass addition from an ablating surface. Extensive analytical and 
experimental research was undertaken to study these flow phenomena. Many new 
ground te3t facilities were developed in government, industry and university 
laboratories. 

Hypersonic aerodynamic problems were studied in either continuous or 
intermittent (blowdown) wind tunnels that used a variety of techniques to heat 
the test gas: conventional heat exchangers, pebble-bed heaters or electrical 
resistance heaters. Intermittent wind tunnels using helium as the test gas were 
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built also. These tunnels could produce hypersonic flows without the need to 
heat the test gas to avoid condensation at the low static temperatures in the 
hypersonic free-stream. Such facilities were not suited to investigating 
real-gas effects or the high reentry heating rates. Those problems were best 
studied in short-duration, high-enthalpy wind tunnels. Shock tubes evolved into 
hypersonic shock tunnels and the arc-discharge (or "Hotshot") tunnel was 
developed. Both could provide the flow Mach numbers, total enthalpies and, in 
some cases, the stagnation pressures of reentry flight. However, their short 
flow duration precluded the study of surface material and structural response to 
reentry heating. Long-duration, high enthalpy arc-heated facilities were 
developed for studying materials for thermal protection systems. Later, the 
electric-arc heater was applied to intermittent wind tunnels. 

Aerodynamic or ballistic ranges also underwent significant 
improvements in performance during this period and complemented the capabilities 
of the hypersonic tunnels. At NASA Ames Research Center (ARC) several unique 
counter-flow facilities were developed that combined a ballistic range with a 
shock tunnel (Ref. 2). Small models were launched upstream into the flow of a 
shock tunnel. 

The overall performance capabilities of the various hypersonic tunnels 
in existence or under construction by 1963 are summarized in Figure 1 (taken 
from Ref. 1). This figure shows Reynolds number per foot as a function of test 
Mach number. Note that the the Reynolds number ranges from 10 to nearly 900 
million/foot and that the Mach numbers ranged from 5 to 35. In Reference 1, the 
facilities reported stagnation temperatures as high as 80,000 degrees R and 
stagnation pressures up to 100,000 psia. It will be seen in the next section 
that current capabilities are far more limited. 

The development of hypersonic wind tunnels up to 1963 was, of 
necessity, accompanied by equally extensive instrumentation development 
programs. This was particularly true of instrumentation for the shock tunnels 
and hotshot tunnels with their short flow durations. During the decade 
following 1955, fast-response pressure transducers, heat transfer gauges, and 
force balances were developed. Yet data recording usually was on oscilloscopes 
or oscillographs and data reduction was a time-consuming process for the 
short-duration tunnels. 

The number of hypersonic wind tunnels surveyed in 1971 (Ref. 2) is 
slightly smaller than the number existing in 1963 (Ref. 1); however, in this 
later survey only hypersonic tunnels having a test section greater than 1 ft. x 
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1 ft. were listed unless the tunnels were either of special interest or they 
represented the major wind tunnel capabilities of the reporting organization. 

By 1971 several new and unique facilities had appeared in addition to the 
counter-flow ranges at NASA Ames. Notable was the expansion tube/tunnel at NASA 
LaRC, described in Reference 2, in wuich an unsteady expansion wave rather than 
a shook wave was used to accelerate the test gas to hypersonic speeds. 
Unfortunately, this facility is no longer in operation although there has been 
some discussion of reactivating it in conjunction with the NASP program. 

The overall performance of the hypersonic tunnels reported in 1971 is 
shown in Figure 2, again as Reynolds number per foot as a function of Mach 
number. Comparing the 1971 performance with that of 1963 (Fig. 1), it is seen 
that the maximum Reynolds number capability had decreased only slightly and that 
the Mach numbers ranged from 5 to 90. In Figure 2, the low Reynolds number 
scale has been truncated at 1000 because at that time only the General Electric 
Co. 59” Shock Tunnel (Ref. 2) could produce lower Reynolds numbers. This 
facility could cover Re/ft = 100 Mach numbers from 9 to 18 and could achieve 
Re/ft = 10 at M = 11. Also the performance of the NASA ARC Hyper-Velocity 
Free-Flight Facility (the counter-flow ranges) is not shown in Figure 2 because 
they are essentially ballistic range facilities rather than wind tunnels. In 
Reference 2, stagnation temperatures up to 80,000 degrees R and stagnation 
pressures up to 95,000 psia were reported by facilities that are no longer in 
operation. 


CURRENT CAPABILITIES 

In January 1985, NASA published the latest compilation of wind tunnels 
(Ref. 3) based on a survey that was initiated in late 1983. As mentioned 
previously (Table I) only 29 hypersonic wind tunnels were reported in the United 
States and six of them were listed as being inactive or on a standby status. Of 
the remaining 23, four are devoted primarily to propulsion research. Thus, in 
1985 there were only 19 active facilities in the U.S. engaged in hypersonic 
aerodynamic or aerothermal investigations. Since then several of the six 
inactive wind tunnels have returned to operational status and there are plans to 
reactivate the others. However, there is a permanent deletion to the list of 
hypersonic tunnels contained in Reference 3( the 2-Ft Hypersonic Wind Tunnel of 
the McDonnell Aircraft Co. has been scrapped. Therefore, Reference 3 reasonably 
represents the current capability in the USA which amounts to the 23 aerodynamic 
and aerothermal hypersonic tunnels listed in Table II according to the various 
categories shown in Table I. The gun tunnel at the NAE, which has been inactive 
for many years, will be reactivated at the UTIAS this year and is included in 
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Table II. After some general comments about the current status, these 
categories will be discussed in greater detail. 

Table II 

SUMMARY OF CURRENT HYPERSONIC TUNNELS 

Designation Test Section Mach Reynolds No./ft Stagnation* 

Size Number (Millions) Press Temp. 

(Psia) (Deg. R) 


CONTINUOUS FLOW 


AEDC Tunnel B 

50" Dia. 

6,8 

0.3-4.7 

850 

1350 

AEDC Tunnel C 

50" Dia. 

10 

0.3-4.7 

2000 

2250 

INTERMITTENT (Air OR N 2 ) 

NASA LaRC 8 ' High Temp. # 

96" Dia. 

5.8-7.2 

0 . 3 - 2.2 

2400 

3600 

NSWC Tunnel No. 9 (N 2 ) 

60" Dia. 

10, 14 

0.06-20 

20000 

3660 

NASA ARC 3.5' Hyper. W.T. 

42" Dia. 

5,7,10 

0.3-7.4 

1955 

3460 

Grumman 36" Hyper. W.T. 

36" Dia. 

8,10,14 

0.2-4.5 

2000 

3000 

NASA 31" Mach 10 W.T. 

31" Square 

10 

0.4-2.4 

1800 

1810 

Lockheed CA. 30" Hyp. W.T. 

30" Dia. 

8 

0.42.1 

550 

1400 

NSWC Tunnel No. 8 a (N 2 ) 

24" Dia. 

18 

0 . 2 - 0.6 

8800 

3700 

NSWC Tunnel No. 8 

17"—11" Dia. 

5 , 6 ,7 ,8 

0.7-60 

2205 

1460 

NASA LaRC 20" Mach 6 W.T. 

20"x20.5" 

6 

0.5-10.5 

550 

1018 

AFWAL 20" Hyper. W.T. 

20" Dia. 

12,14 

0 .4-1.0 

1600 

2000 

NASA LaRC M =8 Var. Density 

18" Dia. 

8 

0 . 1-12 

3000 

1510 

Sandia Labs. 18" Hyp. W.T. 

18" Dia. 

5,8,14 

0.2-9.7 

3000 

2500 

NASA LaRC Hyper. N 2 W.T. 

16" Dia. 

18 

0.17-0.40 

6000 

3500 

NASA LaRC Mach 6 High Re. 

12" Dia. 

6 

1 . 8-50 

3200 

1060 

AFWAL Mach 6 High Re. No. 

12" Dia. 

6 

10-30 

2100 

1100 

INTERMITTENT (Helium) 

NASA LaRC M=20 High Re. 

60" Dia. 

16 . 5-18 

1.9-15 

2000 

540 

NASA LaRC Aerodyn. Leg 

22.5" Dia. 

17.6-22.2 

1.1-11.3 

3000 

860 

NASA LaRC FI. Mech. Leg 

22"/36" Dia. 

20/40 

1.3-6 

2000 

860 

INTERMITTENT (CFy) 

NASA LaRC Hyper. CFn W.T. 

20" Dia. 

6 

0.3-0.5 

2500 

1260 

SHOCK TUNNELS 

Calspan 96" Hyper. S.T. 

24"/48" 

6.5-24 

0.001-75 

20000 

11500 

Calspan 48" Hyper. S.T. 

24"/48" 

6.5-20 

0.006-40 

5400 

5800 

GUN TUNNELS 

UTIAS 

12" Dia. 

8.3-12.5 

12 max. 

5200 

3800 


* Maximum stagnation pressure and temperature 

# Test gas is combustion product of methane and air 


The status of the Northrup Corp. 30-inch and the FluiDyne 20-inch 
hypersonic tunnels, listed as inactive in Reference 3, is unchanged and they are 
not included in Table II, The FluiDyne pebble-bed heater is used now as a 
static test facility. 

There are no hotshot tunnels listed in the latest survey and the only 
shock tunnels listed are those at Calspan Corp. However, the Lockheed 
California Co., which once had a shock tunnel with a 100" diameter test section 
(Ref. 2) that was scrapped, is currently working on plans for a new smaller 
shock tunnel. The NASA Langley expansion tube/tunnel is no longer in operation 
although there have been proposals recently to reactivate it. 

The Reynolds number-Maeh number performance map for current 
facilities, shown in Figure 3, covers a noticeably more restricted range than 
the performance capabilities that existed in 1963 (Fig. 1) and 1971 (Fig. 2). 
Because there are far fewer facilities than there were in the earlier surveys, 
the performance of the individual tunnels are shown rather than an overall 
envelope. There are such a large number of tunnels in the M = 6 to 8 range that 
no attempt has been made to identify them individually in Figure 3. An 
exception is the NASA LaRC 8' High Temperature Tunnel because of lt3 large 
8-foot exit diameter nozzle. Although the test gas in this facility is the 
combustion products of methane and air, the tunnel has been used to study 
detailed flow and heating phenomena on large structures. Several other tunnels 
are noted in Figure 3 because of their significance. They are the N3WC Tunnels 
No. 8 a and 9, the NASA LaRC Hypersonic Nitrogen Tunnel, the three NASA LaRC 
Helium Tunnels and the two Calspan Hypersonic Shock Tunnels. The performance of 
these shock tunnels is represented by an overall envelope because they use three 
different nozzles each with a number of nozzle throats of varying diameter to 
obtain the range of Mach number depicted. 

In comparing Figure 3 with the previous Figures 1 and 2, two areas of 
restricted performance are most striking. First, is that fact that the M = 40 
nozzle of the Fluid Mechanics Leg of the NASA LaRC Hypersonic Helium Tunnel 
represents the only capability for operating at above M = 24, and that facility 
does not utilize that nozzle on a routine basis. Second, low Reynolds number 
operation is available only in the two Calspan shock tunnels (Ref. 5). This is 
primarily a result of the emphasis in recent years on high Reynolds number, 
turbulent boundary layer research. The NSWC Hypervelocity Tunnel 9 was designed 
specifically as a high Reynolds number facility (Ref. 4). Recent improvements 
in that facility were directed at extending the M s 10 performance to higher 
Reynolds numbers (Ref. 6) and the H : 14 performance to lower Reynolds numbers 
(Ref. 7). 
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The investigation of real-gas effects in air requires high stagnation 
enthalpies (or stagnation temperatures). The Calspan shock tunnels are the only 
wind tunnel facilities currently capable of stagnation temperatures of 3800 
degrees R and above and flow velocities greater than 7000 ft/sec. An 
alternative approach to studying real-gas effects is embodied in the NASA LaRC 
Hypersonic CFj| Tunnel (Ref. 8), CFij or Tetrafluoromethane (Dupont Freon 14) has 
an effective specific heat ratio of 1.12, and hence the flow fields over models 
experience large density changes across shock waves typical of high temperature, 
chemically reacting air flows. Thus, the CFq Hypersonic Tunnel (M = 6) can be 
used to simulate high temperature airflows (Ref. 9). 

In general all of the current facilities listed in Table II have the 
capabilitity of measuring aerodynamic forces, pressure distributions, and heat 
transfer and have some type of flow visualization system. Dynamic stability 
measurement capability is reported for the AEDC Tunnels B and C and the Sandia 
Labs. 18" Hypersonic Tunnel. 

CONTINUOUS HYPERSONIC TUNNELS 


It can be noted in Table II that the Tunnels B and C at AEDC are the 
only current continuous tunnels. Both have 50-inch diameter test sections, 
interchangeable contoured axisymmetric nozzles, model injection systems and are 
variable density tunnels. Although it is not listed in Table II, Tunnel C also 
has a 24-inch diameter Mach 4 nozzle which provides true temperature 
capabilitity at that Mach number. Current improvements include adding a 24-lnch 
diameter Mach 8 nozzle for Tunnel C which will give it Mach 8 capability at a 
higher total temperature than Tunnel B. 

INTERMITTENT TUNNELS 


The intermittent tunnels listed in Table II have test times ranging 
from about 1 sec. (NSWC Tunnel 9) to many minutes (NSWC Tunnel 8 and NASA LaRC 
Hypersonic Nitrogen Tunnel). It has been noted that, although the NASA LaRC 
8-foot High Temperature Tunnel has been listed in Table II among the air and 
nitrogen tunnels, in fact the test medium is the combustion products of burning 
methane in air. There are plans to add oxygen enrichment so that the tunnel can 
be used for combustion testing. The addition of Mach 4 and 5 nozzles to this 
facility is planned also. The NSWC Tunnel 9 is the newest of all hypersonic 
tunnels and is in wide demand because of its large 60-inch diameter test 
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section, its Mach 10 and 14 capabilitity, and its high Reynolds numbers. At the 
time Reference 3 was published, the NASA ARC 3.5-foot Hypersonic Tunnel was on 
a standby basis, it has since been reactivated and has a heavy test schedule. 

The largest number of hypersonic tunnels at any single location is at 
the NASA Langley Research Center. In addion to the 8-ft High Temperature 
Tunnel, there are nine other intermittent tunnels listed in Table II. These 
include four air tunnels, three helium tunnels, one nitrogen tunnel, and the CFjj 
(Freon) tunnel. This complex of tunnels is very active and there are plans for 
upgrading their performance, flow quality, and measurement capability. It is 
noted in Figure 3 that the NASA LaRC Helium Tunnels provide higher Reynolds 
numbers than any of the air or nitrogen tunnels at Mach numbers above 15. 

SHOCK TUNNELS 


The two Calspan Hypersonic Shock Tunnels differ primarily in the size 
of their test chambers (48" and 96") and their maximum stagnation pressure 
capability as noted in Table II. Both use the same set of nozzles; 24-inch Mach 
8 contoured, 48-inch Mach 16 contoured, and 48-inch conical. Nozzle throats of 
various diameters are used to cover the Mach number range indicated (Table II 
and Figure 3). As mentioned previously these are the only current facilities 
having stagnation temperatures greater than 3800 deg. R. In a shock tunnel the 
test time is measured in milliseconds rather seconds; however a steady flow of 1 
msec can correspond to several body lengths of flow. Thus, only fast response 
transducers are necessary to obtain valid data. Such instrumentation was 
developed in the period from 1955 to 1965. 

Like many of the other currently active hypersonic wind tunnels, the 
Calspan facilties are being heavily used and have a backlog of programs 
extending into 1988. 


CURRENT CHALLENGES 

In the Introduction it was mentioned that there are a number of new 
programs involving hypersonic vehicles: ground-based interceptors, advanced 
ballistic RV's, space-based aeroassisted orbital vehicles (AOTV), and advanced 
manner space vehicles such as the Aero-Space Plane to mention only a few. An 
important question is: How adequate are the present hypersonic wind tunnels in 
relation to the testing needs of these programs? The flight regimes of these 
vehicles are shown in the Altitude-Velocity map of Figure 4. Also shown for 
reference is the altitude-velocity duplication capability of the Calspan 96" 
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Shook Tunnel which is the only currently active tunnel in which flow velocities 
of 10000 ft/sec or greater can be obtained. This tunnel can fully duplicate 
velocity and altitude in the region indicated in Figure 4. At velocities above 
7000 ft/sec it can duplicate the ambient density to even lower altitudes than it 
can provide full duplication. This latter capability is significant for flow 
phenomena governed by the Mach number independence principle. On this basis 
such a tunnel can cover most of the flight regime of the interceptor vehicle and 
the lower altitude region of Shuttle-like vehicle. Velocities appropriate to a 
long-range ballistic RV or an A0TV cannot be achieved in any of the facilities 
described in this paper. Although they are not treated in this review, 
ballistic ranges and arc-heater facilties can provide the velocity or the 
corresponding total enthalpy for 20000 ft/sec. However, such facilities have 
other shortcomings with regard to aerodynamic testing. Thus, we are faced with 
the question of what really must be duplicated. What is an acceptable 
simulation? Rather thorough discussions of similitudes are given in References 
10 and 11. 


Simulation of inviscid flow phenomena requires duplication of the Mach 
number, the vehicle geometry, and (strictly speaking) the specific heat ratio 
(Ref. 10), while Reynolds number duplication is required for boundary layer 
effects. The Reynolds number/ft. and Mach number for the vehicles shown in 
Figure 4 are compared with the existing hypersonic tunnels in Figure 5. For the 
interceptor vehicle and the Ballistic RV, full or nearly full-scale models can 
be tested in the larger facilities, while models of a Shuttle or an AOTV are 
more likely to be 11 or 21 scale. In Figure 5, the current wind tunnels can 
match the Mach and Reynolds numbers for almost all of the Interceptor flight 
regime and for portions of the Ballistic RV and Shuttle trajectories. The Mach 
number requirements for the AOTV really exceed current capabilities except for 
the seldom used Mach 40 nozzle of the one NASA LaRC helium tunnel. 

In Figure 5 it would appear that simulation for AOTV vehicles is 
beyond the scope of the hypersonic tunnels described herein. However, the AOTV 
flight regime is in reality beyond the region of thin boundary layers where only 
Reynolds number matching is important. The flow fields over such vehicles will 
be dominated by low density phenomena and viscous interactions. In this region, 
the viscous interaction parameter V (proportional to MVle) may provide the 
necessary simulation for other than real-gas phenomena. It has been found that 
this parameter, when modified to include the Chapman-Rubesin viscosity factor C, 
(i.e. f s Ml^/Re) provides the best correlation of the aerodynamic coefficients 
for the Shuttle during hypersonic high altitude flight (Ref. 12). In fact the 
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high altitude performance aerodynamics of several classes of AOTV’s have been 
predicted in terms of this interaction parameter (Ref. 13). 

Assuming a characteristic dimension for an AOTV of 40 feet, the 
corresponding Reynolds number would range from approximately 20000 to 450000 for 
the perigee altitudes between 300 Kft and 240 Kft shown in Figure 4 and the 
viscous interaction parameter would vary from about 0.22 to 0.05.. For a 
2.5t-scale model (1-foot), this range of values for V could be matched at Mach 
numbers between 10 and 20 with Reynolds numbers/foot ranging from 2000 to about 
20,0000 as shown in Figure 5. All of these values are within the range of the 
shock tunnels and partially overlap the capabilities of three ether hypersonic 
tunnels. These simulations would not address the real-gas phenomena however. 

Although these new vehicles will undoubtedly make use of the existing 
hypersonic wind tunnels, there is certainly need for more advanced facilities. 

A recent review of the requirements of wind tunnels for future aeronautical 
systems (Ref. 14) defined the need for a large high performance shock tunnel and 
a shock tube/expansion tube as well as for a facility that could provide the 
data needed for airframe propulsion integration. 

HYPERSONIC TESTING AND COMPUTATIONAL FLUID DYNAMICS 

The role of experiment in the development of Computational Fluid 
Dynamics (CFD) has been receiving considerable attention in recent years (e.g. 
Ref. 15). There is no doubt that now and in the future most of the testing in 
hypersonic facilities will be for the purpose of verifying CFD codes. This type 
of testing will require facility improvements in the areas of flow quality and 
instrumentation, particularly important is the development of nonlntrusive 
measurement techniques to obtain flow field data such as density, temperature or 
species distributions. 


SUMMARY 

It has been the objective of this paper to provide a survey of 
existing hypersonic wind tunnels in North America. By comparing the currently 
active hypersonic tunnels with those reported in 1963 and 1971, the decline in 
number has been vividly illustrated. While there is a significant capability 
still in existence and these tunnels are very active in testing some of the new 
vehicles, there is a definite need for improved capability in two specific 
areas: high enthalpy facilities to study real-gas effects and high Mach number 
low-density facilities to better address the flow fields over AOTV-type 
vehicles. 
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Figure 3 PERFORMANCE MAP OF HYPERSONIC FACILITIES IN 1985 








REYNOLDS NUMBER PER FOOT 


1-17 



Figure 5 REYNOLDS NUMBER - MACH NUMBER COMPARISON OF FLIGHT VEHICLES 
WITH CURRENT HYPERSONIC TUNNELS 
















M 


EUROPEAN HYPERSONIC WIND TUNNELS 

J.F, Wendt 

von Karman Institute for Fluid Dynamics 
B - 16A0 Rhode Saint Gen£se - Belgium 


1. introduction 

Although the hypersonic flow regime will probably be the first to be dominated by computational tech¬ 
niques 11] due to serious experimental simulation problems, the next generation of lifting reentry vehicles 
will still rely on wind tunnels not only for design validation but also to verify computer codes through 
benchmark test cases. Evidence for this statement is the proposal to utilize European hypersonic tunnels for 
upwards of 2000 occupancy days from 1986 to 1993 on the HERMES project. Basic research in hypersonics re¬ 
quired for the post-HERMES era (e.g. HOTOL, NASP, SSnger, etc.) will also rely heavily on wind tunnels and 
their associated instrumentation [2]. Thus, it is appropriate t" review the present status ot hypersonic 
tunnels. Since a companion paper will deal with the status of facilities in the U.S. [3], this contribution 
will be restricted to the European scene. 

The text briefly discusses the requirements for flow simulation in the hypersonic regime and then sum¬ 
marizes the present situation. Gaps are identified and suggestions for improvements are put forward. 

2. FLOW REGIMES IN HYPERSONIC REENTRY 

The flow regimes for various hypersonic vehicles are «iOSt conveniently illustrated by means of trajec¬ 
tories on the altitude-velocity plot shown in Fig. 1. NASA's STS, ESA's HERMES and Britain's HOTOL provide 
three examples of reentry from earth orbit. Aero-assisted orbital transfer vehicles would appear in the up¬ 
per right hand corner of this figure. 

Since quantitites such as stagnation temperature, unit Reynolds number, stagnation point heat transfer 
and air dissociation can be expressed as functions of density (and therefore of altitude) and velocity, lines 
of constant values of these parameters may be superimposed on such a plot. (Lines of constant Mach number 
could also have been plotted; to a first approximation they would be vertical at V*=M«(0.3) km/s.) The wide 
range of flow conditions through which a given orbital reentry vehicle must pass is obvious : from the rare¬ 
fied regimes characterized by M,/Re 0 o,L > l to the hypersonic turbulent boundary layer regimes for which Re/m= 
0(10 6 ). Stagnation temperatures may exceed 5000-6000 K and the air in stagnation regions will be largely 
dissociated. 

3. REQUIREMENTS FOR HYPERSONIC FLOW SIMULATION AND RESEARCH 

While the gas dynamic/chemical kinetic equations describing reentry flows can be made non-dimensional 
to form similarity parameters which can be used in turn to relate the results of tunnel tests to flight pre¬ 
dictions, it is well known that not all of the resulting non-dimensional groups can be respected simulta¬ 
neously. J.Leith Potter, a noted reentry aerodynamicist formerly with AEDC, is quoted as saying "aerodynamic 
modeling is the art of partial simulation". In other words, the vehicle designer must use engineering judge¬ 
ment to determine which parameters will dominate each part of the hypersonic regime. 

A study of the equations of fluid dynamics, combined with considerable fundamental research, has demon¬ 
strated that hypersonic aerodynamics can be subdivided into the following regimes : 

- the Mach number regime from Mach 6 to Mach 12 or 15 wherein the most important similarity parameters are 
the Mach number and the Reynolds number; 

- the hypervelocity regime wherein real gas effects including chemical reactions such as dissociation are 
important and for which only duplication of the dimensional variables density times length and velocity is 
acceptable; 

- the rarefied regime, characterized by values of M/v^e>0.01. 

The ratio of wall temperature T w to freestream temperature T„ must also be duplicated in wind tunnels 
to properly simulate both the boundary layer thickness and the state of the boundary layer; i.e., laminar, 
transitional or turbulent. Here we are somewhat fortunate; T^T* in hypersonic flight may vary from 3 to 10. 
Since most hypersonic wind tunnels expand the working gas to very low values of T x and the model temperature 
T w remains of the order of room temperature during the test, the requirement on T^/Tr,, duplication can be met 
to first order in many short duration facilities. 

The heat loads on structures must also be duplicated in ground test facilities. Because of the diffi¬ 
culty of achieving Mach, Reynolds and heat load (or true total temperature) simulation simultaneously, it is 
generally accepted that temperature (enthalpy) and pitot pressure are the essential parameters and thus heat 

loads are studied in high pressure, tow Mach number arc or plasma jet facilities. 

The requirements on hypersonic test facilities were summarized by Jaarsma and de Wolf [4] more than a 
decade ago. Their principal conclusions concerning reentry vehicles are just as valid today as they were then: 

for development testing, model lengths should be at least 30 cm to provide ample instrumentation. Final 
configuration studies may require at least some tests with models (or partial models) of 50 cm in lenqth 
or more. If high incidence is necessary, and this is likely for M^b, the nozzle diameter may need to be as 
much as twice the model length to avoid wall or free shear layer interference. Thus, facilities with nozzle 
diameters of order 0.5 to 1 meter will be essential and of course must operate at the correct Mach and 
Reynolds numbers. Smaller facilities will still play a vital role in providing, at modest cost, basic research 
results, "first looks" at new designs, and test conditions for instrumentation developments; 

-due to finite flow establishment times, the running time of any facility should be such that its product 

with model length is of order of 5 milliseconds-meter; thus, using the above factor of two for the ratio of 

nozzle diameter to model length, it follows that 1 meter facilities should have a running time of at least 
10 milliseconds; 

as force measurements will constitute an important aspect of design work, the limitations on internal bal¬ 
ances in terms of response times should be considered. While Jaarsma and de Wolf state that test times of 
order 50 milliseconds or more will be necessary to accurately measure forces on models of lengths in excess 
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of 50 cm, it is felt by many investigators today that improvements in balance design and compensation tech- 
nioijes may allow this limitation to be reduced to a few milliseconds. 

- accurate and detailed dynamic stability measurements with large, complex {moveable flaps, etc.) moaels 
will require even longer testing times than those mentioned above, probably some seconds at a minimum; 

- the accurate determination of transition location will require "quiet" tunnels. 

The above disci, ion has concentrated on wind tunnel requirements; however, it is obvious that the best 
wind tunnel will be useless if proper instrumentation is not available. All the classical techniques utilized 
in commercial transport and combat aircraft design will be required for the hypersonic vehicles : internal 
strain gauge balances for forces and moments, dynamic stability rigs, multi-port pressure techniques with 
rapid scan capabilities, surface and flow visualization techniques, etc. The hot flows and/or short running 
times which characterize most hypersonic facilities pose problems in some of these areas as mentioned above. 
Heat transfer distributions will be determined with thin film or thin-skin techniques which are now well 
known. The ability to identify regions on complex shapes which might be susceptible to high local heat trans¬ 
fer (embedded vortices, shock-shock or shock-boundary layer interaction, etc.) will be very important; ther¬ 
mal sensitive paints, liquid crystals, and so forth are proving to be very useful in this regard. Non-intru- 
sive techniques to measure flow temperatures and species concentrations will be essential as a means to va¬ 
lidate or correct codes incorporating dissociation/recombination reactions. 

A fir.al requirement, which is often overlooked, is the availability of trained personnel - both engi¬ 
neers and technicians. Productive wind tunnels are those in which a team of people have been working together 
for at least a few years and which is supported by an instrumentation branch. Experience in running facilities 
in selecting appropriate measurement techniques compatible with data needs, tunnel characteristics ana data 
handling systems? and in the development of new measurement techniques cannot be purchased: it must be de¬ 
veloped in-house and systematically utilized. 

4. CHARACTERISTICS OF EUROPEAN HYPERSONIC WIND TUNNELS 

The essential characteristics of European hypersonic wind tunnels are noted in the appendix, arbitrarily, 
only facilities with a nozzle exit diameter greater than 20 cm and a Mach number of five or more have been 
included. Of course, smaller facilities will continue to play an important role in fundamental research and 
training. 

As Mach and Reynolds number are acknowledged to be important simulation parameters, a selection of the 
facilities from the appendix has been transposed to Fig. 2 on which are shown the flight regimes of the NASA- 
STS, HERMES, HOTOL and MAIA. The characteristic length scale in the Reynolds number for the facilities has 
been taken as one-half the nozzle exit diameter for *he reasons described above. Note that the S4MA M=12 
nozzle will only be available in 1988, that some portions of the area identified as "Aachen" for the T.H. 
Aachen shock tunnel represent predictions, that the RAE shock tunnel and the DFVLR-G Ludwieg tube C are 
currently not in use; etc. 

Furthermore, with the renewed interest in hypersonics, some of the facilities are undergoing major reno¬ 
vations and up-dating so that their characteristics are in a state of flux; an example is the VKI longshot 
which is being fitted with a contoured Mach 15 nozzle. Finally, a major new facility, the R6 of ONERA is in 
the detailed planning stage; its predicted performance in the Mach 12-20 range will allow tests at Reynolds 
numbers which are within a factor of two from the HERMES flight case. 

A plot of oJ. versus velucity in Fig. 3 shows that only two facilities even come close to simulating the 
expected reacting flows and one of them, R6, as mentioned above, is only in the planning stage. As can easily 
be deduced as well from Fig. 3, a o* versus plot will show that at best the T.H. Aachen and R6 facilities 
will provide adequate coverage to about 5 km/s. 

5. C OMMENTARY ON PRESEN T STATUS 

While the capabilities of Europe's hypersonic wind tunnels appear adequate on a Mach-Reynolds plot 
(Fig. 2), many important tunnel characteristics are not made apparent in such a presentation. For example, 
all the facilities operating at M>12 are characterized by running times measured in milliseconds which 
results in much poorer measurement accuracies than in low Mach tunnels. Correspondingly, productivity is low 
and cost per data point is high. Many of these tunnels have conical nozzles and thus strong axial gradients. 
All intermittent tunnels are, to some degree, "dirty" and the erosive effects on instrumentation may be sevc.e 
Finally, flow expansions to high Mach number generally lead to "freezing" of vibration and dissociation, 
except for the facilities with very high reservoir pressures, and the result is a non-equilibrium freestream 
whose detailed characteristics often are not well known. 

A major deficiency is apparent in velocity duplication, essential for an accurate simulation of chemical 
effects. T.H. Aachen's shock tunnel seems to come closest to meeting present needs and the predicted perform¬ 
ance of R6 Chalais makes it look particularly interesting because of its much longer running time, measured 
in seconds. 

While it is clear that existing (renovated) facilities will play the major role in the HERMES program, 
it is also clear that time is available to design and construct new facilities for programs with a longer 
time-scale. It is the author's opinion that emphasis should be placed on : 

- a large ($>2 m) blowdown facility with Mach numbers to 8-10, reservoir pressures to 200 bar and running 
times of the order of 10 seconds for detailed configuration testing; 

- a high velocity facility, perhaps based on the "Stalker tube" concept as proposed recently by Hornung of 
the DFVLR-Gottingen; 

- a "real gas" facility similar to the CF4 tunnel at NASA Lanqley to simulate certain blunt body and high 
incidence effects. 

Because of the important need to validate CFD codes for future hypersonic designs, high quality tunnel 
flows and accurate, non-intrusive instrumentation capabilities will become increasingly important elements 
in a sound overall program for hypersonic research and development. 

Therefore, efforts should continue in the search for "quieter" hypersonic tunnels so as to better dupli¬ 
cate boundary layer transition. The ability to measure local species concentrations and temperatures at hiah 
flow speed in short duration facilities is a goal worthy of efforts at a much higher level than currently 
pursued. Finally, trained personnel - researchers and tunnel engineers - may very well be the most important 
problem in the whole present-day picture and, if so, its resolution deserves immediate attention. 




6. CONCLUSIONS 

Europe possesses a large range of hypersonic facilities which, when renovation and modifications currently 
underway are completed, will constitute a sound basis for Mach-Reynolds simulation. New facilities are needed 
over the long term to allow refined design studies and tu simulate at least some aspects of real gas effects. 
Non-intrusive instrumentation to aid in code validation and the enhancement of training programs are equally 
essential elements in a balanced program of hypersonic research and development. 
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ARA M & M7 BLOWDOWN.TUNNEL 


Organization : Aircraft Research 
Association (ARA) 
Location : Manton Lane 

Bedford MK41 7PF; U.K. 


Contact : Mr A.B. Haines 
Tel. : (0234) 50681 
Telex: 825056 

FAX Groups 243 0234 328584 



CHARACTERISTICS 

Blowdown Tunnel M4 

Blowdown Tunnel M7 

MACH NUMBER 

4 to 5 (2D) 

7 (contoured) 

NOZZLE EXIT DIAMETER, cm 

30x40 

31 

RUNNING TIME 

30 s (max) 

48 s (max) 

SUPPLY PRESSURE, bars 

10 to 20 

100 to 150 

SUPPLY TEMPERATURE, K 

380 

700 

NO TESTS/DAY 

6 (max) 

6 (max), typically 3 

PRESENT STATUS 

low level 

low level 

PERSONNEL REQUIRED 

2 

2 

MEASUREMENT TECHNIQUES 

force balances, pressures, 
dynamic measurements (pitch) 
schlieren 

force balances, pressures, 
dynamic measurements (pitch) 
schlieren 

CHANNELS OF DATA 

COMMENTS 

10 (currently) 

16 (near future) 

10 (currently) 

16 (near future) 

can be adapted with new nozzle 
to function at M=6 or M=8 


CURRENT ACTIVITIES : jet slot blowing ahead of and normal to a surface to develop stand-off 
shocks ahead of sensitive surfaces? aerodynamic coefficients and in some instances pressure 
distributions on project shapes 












BAe g.w. tunnel 


Organization : British Aerospace 
Location : British Aerospace 

The GW Wind Tunnel, W258 
Preston, Lancs PR4 1AX; U.K. 


Contact : J.A. Smith 

Tel. : (0772) 63 33 33, Ext. 2831 

Telex: 67627 


MACH NUMBER 

NOZZLE EXIT DIAMETER, cm 
RUNNING TIME 
SUPPLY PRESSURE, bars 
SUPPLY TEMPERATURE, K 
No TESTS/DAY 
PRESENT STATUS 
PERSONNEL REQUIRED 
MEASUREMENT TECHNIQUES 

CHANNELS OF DATA 


CHARACTERISTICS 

1.7-6.0 (contoured) 

46><46 

10 to 200 s 
35 (max, at M=6) 

475 (max) 

4-5 

in regular use 
6 

force balances, pressures, heat transfer. 

Continuous pitch and roll traverses during data acquisition 
60 off-line, linked to VAX 11/780 


CURRENT ACTIVITIES : aerodynamics of fin-stabilized shells and slender delta planforms; 

behaviour of lateral thrusters; lifting reentry shapes 



0 5 10 15 20 2S M 30 
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CEAT H 210 BLOWDOWN TUNNEL 


Organization : Centre d’Etudes AGrodynamiques 
et Thermiques 

Location : CEAT 

route de 1'Aerodrome, 43 
F-86000 Poitiers, France 


Contact : Prof. T. Alziary de 
Roquefort 

Tel. : (49) 58 37 50 


MACH NUMBER 

REYNOLDS NUMBER 
BASED ON EXIT D 

NOZZLE EXIT DIAMETER, cm 
RUNNING TIME 
SUPPLY PRESSURE, bars 
SUPPLY TEMPERATURE, K 
NO TESTS/DAY 
PRESENT STATUS 
PERSONNEL REQUIRED 
MEASUREMENT TECHNIQUES 

CHANNELS OF DATA 


7 and 8 

1.3-9.2«10 6 (M=7) 

1.5-4.2-10 6 (M=8) 

21 

•v. 2-3 min 
22-100 
600-800 
6 

in use 
2 

force balances, heat transfer 
pressure, schlieren 

20 on-line 
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DFVLR-ftVA TUBE TUNNELS A. B. C 


Organization : Deutsche Forschungs- und Contact : Dr G. Koppenwallner 

Versuchsanstalt fur Luft- Tel. : (0551) 709 - 2123 
und Raumfahrt, Gottingen 
Location .* DFVLR-AVA 

Bunsenstrasse, 10 

D-3400 Gottingen, FR Germany 




CHARACTERISTICS 


MACH NUMBER 

NOZZLE EXIT DIAMETER, cm 
RUNNING TIME 
SUPPLY PRESSURE, bars 
SUPPLY TEMPERATURE, K 
No TESTS/DAY 
PRESENT STATUS 
PERSONNEL REQUIRED 
MEASUREMENT TECHNIQUES 

CH7 V NELS OF DATA 
COMMENTS 


Ludwieg Tube A 
2.8, 4.5 (oontoureuj 
S0x50 (rect) 

350 ms 
10 (max) 

400 (max) 

20 

regular use 
2 


Ludwieg Tube B 
5, 6, 7 (contoured) 
50 

300 ms 
36 imax) 

65C (max) 

20 

regular use 
2 


Ludwieg Tube C 
9,10,11 (contcxired) 
50 

300 ms 
120 (max) 

1100 (max) 

20 

inactive 

2 


force balances, heat transfer using thin skin and liquid crystals 
schlieren, oil flow 

10 off-line 10 off-line 10 off-line 

design principle means that tunnel noise 
level is low. Flow establishment times 
from 10-30 ms 
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DFVLR-AVA VACUUM TUNNELS I, II, III 


Organization : Deutsche Forschungs- und 

: Versuchsanstalt fUr Luft- 

Raumfahrt, G5tt ingen 
Location s DFVLR-AVA 

Bunsenstrasse, 10 

D-3400 Gottingen, FR Germany 


Contact : Dr G. Koppenwallner 
Tel. : (0551) 709 - 2123 


MACH NUMBER 

NOZZLE EXIT DIAMETER, cm 


RUNNING TIME 
SUPPLY PRESSURE, bars 
SUPPLY TEMPERATURE, K 
No TESTS/DAY 
PRESENT STATUS 
PERSONNEL REQUIRED 
MEASUREMENT TECHNIQUES 


CHANNELS OF DATA 


Vacuum Tunnel I 

7-25 (conical) 

25 (useful core: 
10 - 20 ) 

one hour 
0.1-500 


not used as wind t. 

2 

force balances, heat 
transfer, pressure 
measurements 

16 on-line 



CHARACTERISTICS 
Vacuum Tunnel II 

10-25 (conical) 

40 (useful core: 
20-30) 


not used as wind t. 


heat transfer 


16 on-line 


Vacuum Tunnel III 

6-25 (free jet) 
free jet of ♦ < 25 

coat tnuous 


in regular use 


force balances, heat 
transfer 


16 on-line 

Ret)<1000, mean free 
paths to 20 mm 










DFVLR HA-KW ARC HEATED TUNNELS PK2 & PK3 


Organization : Deutsche Forschungs- und 

Versuchsanstalt fxir Luft- 
und Raumfahrt# Kfiln-Porz 
Location : D.F.V.L.R. 

Hauptabteilung WindkSnale 
Abteilung Kfiln-Porz 
Postfach 90 60 58 
D-5000 K&ln 90, FR Germany 


Contact : Mr H. Each 
Tel. : 102203) 60 11 


MACH NUMBER 

NOZZLE EXIT DIAMETER, cm 
RUNNING TIME 
SUPPLY PRESSURE, bars 
SUPPLY TEMPERATURE, K 
GAS 

PRESENT STATUS 

PERSONNEL REQUIRED 
MEASUREMENT TECHNIQUES 


COMMENTS 


CHARACTERISTICS 

PK2 

3-16 (conical) 

60 (useful core : ^42) 

continuous 

10 (max) 

6000 

air, N , A, He 

2 

used regularly but for 
different applications 

5 

force balances, pressures, 
flow visualization with r.f. 
arxi electron bean, heat trans¬ 
fer, electron beam 
open jet test section of 
2.6 m diameter 


PK3 

3 -14 (conical) 

60 (useful core : ''-42) 

continuous 

30 (max) 

7000 

air 

operational, but not used 
5 

pressures, heat transfer, 
flow field probes 

open jet test section of 4 m 3 








2-10 


DFVLR HA-KW HYPERSONIC TUNNEL H2K 


Organization : Deutsche Forschungs- und Contact : Mr H. Esch 

Versuchsanstalt fttr Luft- Tel. : (02203) 60 11 

und Raumfahrt, 

Location s D.F.V.L.R. 

Hauptabteilung WindkSnale 

> Abteilung Kdln-Porz 

Postfach 90 60 58 

| D-5000 K51n 90, FR Germany 


R 


MACH NUMBER 

NOZZLE EXIT DIAMETER, cm 
RUNNING TIME 
SUPPLY PRESSURE, bars 
SUPPLY TEMPERATURE, K 
GAS 

PRESENT STATUS 
PERSONNEL REQUIRED 
MEASUREMENT TECHNIQUES 

COMMENTS 


CHARACTERISTICS 
4.8, 6, 8.7, 11.2 (contoured) 

60 (< 40 useful) 

20 s 
3-45 
1400 (max) 
air 

in use 
4 

force balances, pressures, schlieren, infrared camera, 
thermal paints 

open jet test section of 2 m diameter 




L 
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FFA HYP 500 BLOWDOWN TUNNEL 


Organization : The Aeronautical Research Contact : Mr S. Lundgren 

Institute of Sweden (FFA) 

Location : FFA Tel. : +46 8 759 10 00 

Box 11021 Telex: S-10725 

S-16111 Bromma, Sweden 


CHARACTERISTICS 

MACH NUMBER 4 and 7 (contoured) 

NOZZLE EXIT DIAMETER, cm 50 

RUNNING TIME at Re max : 80 s (M=4); 200 s (M=7) 

SUPPLY PRESSURE, bars 10-22 <M=4); 110 (M=7) 

SUPPLY TEMPERATURE, K 800 design, 600 norm 

No TESTS/DAY 8 

PRESENT STATUS operational 

PERSONNEL REQUIRED 4-5 

MEASUREMENT TECHNIQUES force balances (a to 35°), 4°/s sweep rate, pressure 

distribution, heat transfer, schlieren, model injection 
system 

CHANNELS OF DATA 64 on-line (48 low-level; 16 high level) 

COMMENT open jet 

CURRENT ACTIVITIES : the tunnel has been restarted and reentry studies are planned. 
Concurrent numerical analysis is also intended. 
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I.C. GUN TUNNEL AND N 2 TUNNEL 


organization : Imperial College 
Location s Dept. Aeron.-Imperial College 
Prince Consort Road 
London, SW7 2BY; U.K. 


Contact : Dr J.K. Harvey 
Tel. : (01) 5895111, Ext. 4011 
Telex: 261503 


CHARACTERISTICS 


MACH NUMBER 

NOZZLE EXIT DIAMETER, cm 
RUNNING TIME 
SUPPLY PRESSURE, bars 
SUPPLY TEMPERATURE, K 
No TESTS/DAY 
PRESENT STATUS 
PERSONNEL REQUIRED 
MEASUREMENT TECHNIQUES 

CHANNELS OF DATA 
COMMENTS 


No 2 Gun Tunnel 

9 (contoured) 

45 (useful core : 25) 
5 ms 

550 (max) 

1070 

4 

in use 
2 

pressures,heat transfer, 
schlieren, electron beam 

24 on-line 

1 m 3 open jet test section. 
Incidence to 25° 


Heated N? Tunnel 

20 - 25 (conical) 

20 (useful core : 7.5) 
continuous 
25 - 500 
2000 (max) 

in regular use 
2 

pressures, electron beam (o^T^t) , 
heat transfer 

16 on-line 

a model injection system is available. 
Model inciderce to 45° 


CURRENT ACTIVITIES: Research into rarefied flow centres around the Monte-Carlo simulation 
method. A 3D code has been developed and used to calculate the flow around a blunt-ended 
cylinder and a spherically blunted cone both at angle of attack at a Knudsen number > 0.06. 

Experimental verification has shown that the predictions for the former shape at zero in¬ 
cidence are precise. Experiments are in progress to measure the lift and drag acting on, 
and the density distribution about, a cone at incidence at M=25. 

Hypersonic aerodynamics conducted at M=9 in the Gun Tunnel is concentrated on a study 
of the flow in an annular rectangular cavity on a conical body. 

Euler codes are being developed with improved shock capturing routines and these are 
being used to calculate unsteady blast problems and conical hypersonic flows. 
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ISL - HYPERSONIC SHOCK TUNNEL 


Organization : Institut de Saint-Louis Contact : G. Smeets 

Location : Institut de Saint-Louis Tel. : 89.69.50.00 

12, rue de 1'Industrie Telex: 881386 

Bolte Postale No 301 
F-68301 Saint-Louis C6dex, France 


MACH NUMBER 

NOZZLE EXIT DIAMETER, cm 
RUNNING TIME 
SUPPLY PRESSURE, bars 
SUPPLY TEMPERATURE, K 
GAS 

No TESTS/DAY 
MEASUREMENT TECHNIQUES 
COMMENTS 


CHARACTERISTICS 

4-11 (conical) 

2 0x20 
< l ms 
400 (max) 

7000 (max) 

air 

4 

interferometry, heat transfer 

the tunnel will be transformed for aeroballistic studies, 
but the above characteristics will be attainable if desired 



20 


0 


5 


10 


15 


25 „ 30 
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NLR CONTINUOUS SUPERSONIC TUNNEL - CSST 


Organization : Nationaal Lucht- en Contact : Mr S. 

Ruimtevaartlaboratorium Tel. : (20) 51’ 

Location : N.L.R. 

Anthony Fokkerweg, 2 
NL-1059 CM Amsterdam, Netherlands 


MACH NUMBER 

NOZZLE EXIT DIAMETER, cm 
RUNNING TIME 
SUPPLY PRESSURE, bars 
SUPPLY TEMPERATURE, K 
No TESTS/DAY 
PRESENT STATUS 
PERSONNEL REQUIRED 
MEASUREMENT TECHNIQUES 

CHANNELS OF DATA 


CHARACTERISTICS 
1.2 - 6.0 (contoured) 
20x27 

continuous (^ 30 min) 

39 

500 


N.A. 


operational 

5 

force balances, pressure distribution 
flutter, mass flow, heat transfer 

24 off-line, but results in minutes 



J. Boersen 
5113 


store separation, 


25 M 30 
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LRBA C 2 REFLECTED SHOCK TUNNEL 

Organization : Laboratoire de Recherches Contact : M. Desgardin, 

Saliotiqaeo et ASrodynamiques Service A£rodynamique 

Location : L.R.B.A. Tel. : 32.21.07.40 

Bolte Postale 914 Telex: LRBA VERNO 770817 

F-27207 Vernon C§dex, France 

CHARACTERISTICS 

MACH NUMBER 8-16 (conical) 

16 (contoured) 

REYNOLDS NUMBER 0.26*10 6 /m to 2.9*10 6 /m 

NOZZLE EXIT DIAMETER, cm 120 (useful core : 30-60) 

RUNNING TIME 10 to 20 ms 

SUPPLY PRESSURE, bars 30 to 350 

SUPPLY TEMPERATURE, K 1,800 to 2,400 

No TESTS/DAY 3 to 4 

PRESENT STATUS in regular use 

PERSONNEL REQUIRED 3 

MEASUREMENT TECHNIQUES force balances, pressure distributions, schlieren 

CHANNELS OF DATA 20 analog channels at 50 KHz 

acquisition with HP 1000 (disc, plotter, ...) 

COMMENTS the C 2 reflected shock tunnel is normally operated with 

the Mach 16 contoured nozzle 

CURRENT ACTIVITIES : used intensively for the measurement of the aerodynamic coefficients 
of reentry shapes 
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ONERA R2Ch & R3Ch BLOWDOWN TUNNELS 

Organization : Office National d'Etudes et Contact : M.C. Capelier 
de Recherches A6rospatiales Tel. : (1) 46.57.11.60 
Location : ONERA-Chatillon Telex: ONERA 260907F 

Bolte Postale 72 
F-92322 ChStillon C6dex, France 


CHARACTERISTICS 


MACH NUMBER 

NOZZLE EXIT DIAMETER, cm 

RUNNING TIME 
SUPPLY PRESSURE, bars 
SUPPLY TEMPERATURE, K 
No TESTS/DAY 
PRESENT STATUS 
PERSONNEL REQUIRED 


R2Ch 

3, 4, 5, 6, 7 (contoured) 

19 (M=3, 4) 

32.7 (M=5, 6, 7) 

(useful core : 18 to 29.7) 

35 s 

0.4 < P t < 80 
300 < T t < 650 

4 

regular use 

5 


R3Ch 

5, 7, 10 (contoured) 

32.7 (M=5, 7) 

34.7 (M=l0) 

(useful core : 22.7 at M=10) 
35 s (10 s at M=10) 

1.5 < P 1 < 170 
400 < T ± < 1100 

4 

regular use 

5 


MEASUREMENT TECHNIQUES 


CHANNELS OF DATA 


force balances;pressure distri¬ 
butions; heat transfer; local 
skin friction 
Visualization : 
schlieren; vail streamlines; 
thermosensitive paints 
25 


force balances;pressure distribu¬ 
tions; heat transfer; local skin 
friction 
Visualization : 

schlieren; wall stromalines; theriro- 
sensitive paints 
25 


COMMENTS 


starting time : 3 ms 
sweep rate : 50°/10 s 


CURRENT ACTIVITIES : boundary layer transition with roughness effects, shock boundary layer 
interactions on a range of two and three dimensional shapes, aerothermodynamic testing on 
reentry configuration 









t 




1 



ONERA S4MA BLOWDOWN TUNNEL 


Organization : Office National d'Etudes et Contact : M. Laverre 

de Recherches A§rospatiales Tel. : (1) 79 20 30 55 
Location : ONERA-Centre de Modane-Avrieux Telex: 

Bolte Postale No 25 
F-73500 Modane, France 


MACH NUMBER 

NOZZLE EXIT DIAMETER, cm 
RUNNING TIME 
SUPPLY PRESSURE, bars 
SUPPLY TEMPERATURE, K 
GAS 

No TESTS/DAY 
PRESENT STATUS 


PERSONNEL REQUIRED 
MEASUREMENT TECHNIQUES 
CHANNELS OF DATA 
COMMENTS 


CHARACTERISTICS 
Current S4MA 

6 (contoured) 

68 (useful core : 48) 

50 s - 90 s 

42 (max) 

T. < 1850 
i 

air 
2-5 

operational for hypersonic 
tests but possibility of 
use for airbreathing engines 
or air intake tests 

6 6 

force balances, pressures, heat transfer, shadowgraph 
48 

the maximum temperature of the heater is 1850 K. In the case 
of a filter upstream of the nozzle, the temperature is 1100 
for the Mach 6 nozzle and will be about 1500 K for the Mach 
12 nozzle. Currently, S4MA has an open jet test chamber of 
2.1 m * 2.8 m cross section and a length of 2.8 m 


S4MA Predictions for M 12 nozzle 

12 (contoured) 

10C (useful core : 60) 

30 s 

150 (max) 

T. < 1850 
i 

air 

2-5 

operational end 1988 


| 

j 

i 




Y 


X 
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OXFORD GUN TUNNEL 


Organization : University of Oxford Contact : Prof. D.L. Schultz 

Location : Engineering Laboratory Tel. : (865) 246 561 or 722 274 

Parks Road 

Oxford, 0X1 3PJ; U.K. 


CHARACTERISTICS 

MACH NUMBER 6, 8, 9 (contoured) 

REYNOLDS NUMBER J2*10 6 (M=6); 6.4*lQ 6 (M=8); 2.5*10 6 (M=9) 

based on exit D 

NOZZLE EXIT DIAMETER, cm 16 (M=6); 28 (M=8); 30 (M=9) 

RUNNING TIME 50 to 80 ms 

SUPPLY PRESSURE, bars 130 (max) 

SUPPLY TEMPERATURE, K 720 

No TESTS/DAY 8 (max) 

PRESENT STATUS operational 

PERSONNEL REQUIRED 2 

MEASUREMENT TECHNIQUES normal force (with free flight), heat transfer, schlieren 

CHANNELS OF DATA 64 on-line 

COMMENTS the tunnel has recently undergone a conversion to the LICH 

mode (Ludwieg tube with Isentropic Compression Heating) 
yielding M=8.2$ and very uniform pressures for 30-40 ms. 
Conversion to the gun tunnel mode can be made in 1 week. 




M9 


RAE 3'*4' TUNNEL 


Organization : Royal Aircraft Es£ab. 
Location : R.A.E. - 3**4' Tunnel 
Bedford, Beds; U.K. 


Contact : Dr L.F. East 

Tel. : (0252) 24461; Ext. 2719 

Telex: 858134 


MACH NUMBER 

REYNOLDS NUMBER 
based on exit D 

NOZZLE EXIT DIAMETER, cm 
RUNNING TIME 
SUPPLY PRESSURE, bars 
SUPPLY TEMPERATURE, K 
No TESTS/DAY 
PRESENT STATUS 
PERSONNEL REQUIRED 
MEASUREMENTS TECHNIQUES 
CHANNELS OF DATA 


CHARACTERISTICS 

2.5 - 5.0 (contoured) 

35*10 6 (max. at M=4.5) 

91*122 

continuous 

0.4 - 12 

N. A. 

N. A. 

operational 
N. A. 

N. A. 

N. A. 
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R A E SHOCK TUNNEL 


Organization : Royal Aircraft Estab. 
Location : R.A.E. Farnborough 
Hants, GUI4 6TD 


Contact : Dr L. F. East 

Tel. : (0252) 24461; Ext. 2719 

Telex: 858134 


CHARACTERISTICS 


Shock Tube Mode 


LICH Tube 


Ludwieg Tube Mode 


MACH NUMBER 7,9,10,13 (conical) 

9,13 (contoured) 

REYNOLDS NUMBER PER METER 8.7*10 7 - 2.7*10 6 (M=7) 
1.3*I0 7 - l.lxlO 6 (M=13) 

NOZZLE EXIT DIAMETER, cm 36 (useful core : 20) 

RUNNING TIME 3 to 10 ms (tailored 

reflected shock) 

No TESTS/DAY 4 

MEASUREMENT TECHNIQUES heat transfer, schlieren 

CHANNELS OF DATA 17 on-line 

PERSONNEL REQUIRED 2 

PRESENT STATUS not used since 1983 


7,9 (conical) 


3.7*10 7 - 2.5*10 6 (M=7) 
8.9*10 6 - 1.9*10 6 (M=9) 

36 (useful core : 

20 at M=7 
15 at 9) 

100 ms 


4 

heac transfer,pressure, 
forces,schlieren 

17 on-line 
2 

operational 


5 (contoured) 

4.3*10 8 - 1.7*10® 

23 (useful core : 20) 

100 ms 
4 

heat transfer,pressure, 
schl ieren 

17 on-line 
2 

not yet ocmissioned 


COMMENTS the shock tunnel is currently operating in the LICH rrode at M=7 with a 0.38 m 

by 0.38 m working section. External tube heating to about 250°C maximum is 
available for LICH and Ludwieg tube operation. A larger open-jet vorking 
section and model incidence setting equipnent will be available by mid-1987. 
Operating conditions for the Ludwieg tube are those projected. 







SESSIA/CNRS SR3 TUNNEL 


Organization : SESSIA/CNRS Contact : Dr J. AllSgre 

Location : Laboratoire d'ASrothermique Tel. : 45 34 75 50 

da CNRS 

4ter Route des Gardes 
F-92190 Meudon, France 


CHARACTERISTICS 


MACH NUMBER 

NOZZLE EXIT DIAMETER, cm 
RUNNING TIME 


2 to 30 

15 at M=7; 36 at 15 < M < 30 (useful core : 10—15) 
continuous 


SUPPLY PRESSURE, bars 
SUPPLY TEMPERATURE, K 
PRESENT STATUS 

PERSONNEL REQUIRED 
MEASUREMENT TECHNIQUES 

CHANNELS OF DATA 


up to 120 
up to 1,500 

in regular use in the supersonic and hypersonic range, 
mainly at Mach numbers 15 and 20 

3 

force balances, heat transfer (thermocouples, infrared 
system), pressure transducers, electron gun (for local 
density measurement and visualization) 

6 to 20 


CURRENT ACTIVITIES : As flows from continuum to transitional regimes may be produced, high 
altitude aerodynamics has been emphasized such as stage separation of 
launchers and satellite direction control. Hypersonic reentry aero¬ 
dynamics is now under study. 
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SOUTHAMPTON ISENTROPIC LIGHT PISTON TUNNEL 


Organization s The University of Contact : Prof. R. A. East 

Southampton Tel. : (0703) 559122; Ext. 2324 

Location : Department of Aeronautics & 

Astronautics 
The University 
So anH 5NH , t . f’. 


MACH NUMBER 

NOZZLE EXIT DIAMETER, cm 
RUNNING TIME 
SUPPLY PRESSURE, bars 
SUPPLY TEMPERATURE, K 
NO TESTS/DAY 
PRESENT STATUS 

PERSONNEL REQUIRED 
MEASUREMENT TECHNIQUES 

CHANNELS OF DATA 


CHARACTERISTICS 
6.85 (contoured) 

21 (useful core : 17) 

1 s 
90 
600 
5 

regular use 
3 

dynamic stability, schlieren 
liquid crystal thermography 

12 on-line 


9.4 

21 (useful core : 17) 
0.28 s (usable) 

60 

995 

5 

to date, one calibration 
condition only 
3 

dynamic stability, 9chlieren, 
liquid crystal thermography 

12 on-line 


CURRENT ACTIVITIES : Dynamic stability of simple axisymmetric shapes and hyperballistic 
vehicles - experiments and semi-empirical predictions# free-oscillation experimental tech¬ 
niques for studying large amplitude non-linear effects on hypersonic dynamic stability; 
dynamic effects of hypersonic separated flow, e.g. a rapidly deployed control surface? 
development of a continuous recording technique for free flight studies in short duration 
hypersonic facilities using optical position sensors; aerodynamic characteristics of a 
range of basic vehicle configurations with lower surface flow containment; development of 
liquid crystal thermography for heat transfer investigations; a study of interference 
effects on kinetic heating of slender finned bodies. 







TH AACHEN SHOCK TUNNEL 


Organization : Rheinisch-Westf&lische 
Technische Hochschule 
Location : Institut fur Luft- und 
Rauinfahrt 
Stosswellenlabor 
Templergraben, 55 
D-51C0 Aachen, Germany 


Contact : Prof. H. Gronig 
Tel. : (0241) 80 46 06 
Telex: 0832704 


MACH NUMBER 

N022LE EXIT DIAMETER, cm 


RUNNING TIME 
SUPPLY PRESSURE, bars 


SUPPLY TEMPERATURE, 


No TESTS/DAY 
PRESENT STATUS 


PERSONNEL REQUIRED 
MEASUREMENT TECHNIQUES 


CHANNELS OF DATA 


characteristics 

6-24 (conical/ 10.5°) 

three conical nozzles of D=50, 100, 200 cm, each with 
various throat inserts (useful core for M=24 : 1/3 D) 

10 ms 

1,500 (max) 

7000-8000 (max) 

N 2 z air 
1 or 2 (max) 

in preparation for hypersonic reentry experiments with 
conical nozzle D=50 cm 


heat transfer, pressures, schlieren and shadow optics, 
interferometry 


detailed calculations and further tunnel calibration tests 
are underway 

predictions shown below are for an initial barrel pressure 
of 1 bar. 



0 s 10 is 70 » „ 3S 


6 i f 
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VKI L0N6SH0T 



Organization : von Karman Institute for Contact 

Fluid Dynamics 

Location : VKIFD 

Chauss$e de Waterloo, 72 
B-1640 Rhode Saint GenSse, Belgium 


Prof. J.F. Wendt 

Tel. :(02) 358 19 01 
Telefax : (02) 358 77 21 


MACH NUMBER 

NOZZLE EXIT DIAMETER, cm 
RUNNING TIME 
SUPPLY PRESSURE, bars 
SUPPLY TEMPERATURE, K 
GAS 

NO TESTS/DAY 
PRESENT STATUS 
PERSONNEL REQUIRED 
MEASUREMENT TECHNIQUES 
CHANNELS OF DATA 
COMMENTS 


CHARACTERISTICS 
15-20 (conical, 6°) 

36 (useful 23-30) 

5-10 ms 
4000 (max) 

2400 (max) 

N 2 

1-2 

in regular use 
3 

heat transfer, pressures, schlieren 
48 transient recorders, 50 KHz each 

a Mach 15 contoured nozzle of 45 cm diameter is under con¬ 
struction and a conical nozzle of 60 cm diameter for Mach 
20+ may be installed. Open jet test section of 10 m 3 
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PREPA1ATION D'ESSAI3 PROBATOZRZS D’UK GENXRATEUR DZ PLASMA 
POOR L'ALIMENTATION D'UIIZ SOUITLERIE HYPERSOHIQUX 

H. Consign/, C. Pacou, 0. Papirnyk, Ph. Sagnier, J.P. Chevallier 
Office National d’Etudes et de Recherches Adrospatiales 
Boite Postale N° 72 - 92322 ChatiUon CEDEX 
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L'etude du projet d'avion spatial Hermes fait apparaltre la 
ndcessite d'un nouveau moyen d'essais au s.,1 susceptible H'offrir, non seulement des nombres de Mach 
61ev6s mais dgalement les enthalpies correspondent aux vitesses de rentrde dans le domaine d'altitude de 
70 4 50 km. L'avant projet d'une soufflerie 4 rafales de quelques sec<™*<>« a ete propose en ervisageant 
l'utilisation d'616aents existants (sphere 4 vide, groupe de poapage. tuyeres...) avec une alimentation 
en gaz chauds par un gdndrateur de plasma de 1‘Aerospatiale Aquitaine. Cc type d'alimentation, souleve 
des questions sur les qualitds requises de l'd^oulament : 

- permanence, homog4n6it£, composition, temperature. 

Avant de s'engager dans cette realisation le CNES a demand^ une validation prealable du gdnerateur. 
L'objet de la presente communication est d'exposer le processus retenu qui comporte les phases suivan- 

- etude et realisation d'une -uy6re se raccordant 4 des elements existar.ts et offrant par elle-meme les 
conditions requises pour le sondage, 

- etude et realisation des dispositifs de sondage de cet dcoulement (pression dynamique, debit masse 
local, enthalpie). 


1. IK TyoptKT I QE 

Le projet d'avion spatial Hermes, confie par le CNES 4 la societe AMD-BA a suscite un exaraen critique des 
methodes et aoyens ndcessaires 4 une bonne prevision des caracteristiques aerodynamiques de ce vehicule, 
en particular dans sa phase de vol hypersonique. 

A la lecture des legons [1] offertes par le "Space Shuttle", il apparait que la principale divergence 
entre previsions et resultats en vol qui concerne 1'equilibrage longitudinal, serait due 4 une prise en 
compte insuffisante des effets de gaz reels affectant l'ensemble de 1'6couletnent [2] ou plus particu- 
lierement les regions d'extrados [3] et d'interaction onde de choc-couche limite. C'est le perfection- 
nement des methodes de calcul qui devrait reduire ces marges d'incertitude car 1'absence de similitude 
pour les ecoulements de gaz reels ne perr*et pas l'utilisation directe de resultats obtenus sur modules 
reduits. 

La validation des codes doit cependant etre assurde par des essais probants, c'est-4-dire executes dans 
des installations presentant des caracteristiques suffisantes pour mettre en jeu les phenomenes physiques 
incrimines. L'analyse de ce besoin, tant pour les etudes de base que pour des essais 4 caractere indus¬ 
trial, a conduit 4 definir un moyen d'essai 4 rafales de duree moyenne (quelques secondes), propice 4 
toutes sortes de mesures 4 des niveaux relativement bas de pression et masse volumique. Ce moyen sera 
brievement d4crit. II doit utiliser, pour obtenir les enthalpies requises, un gdndrateur de plasma 
industriel dont il convenait de tester la quality d'4coulemeot (permanence, homogeneity, composition, 
temperature). 

La presente communication a essentiellement pour objet les dispositions adoptees pour ces essais proba- 
toires. 

2. m m n sssnma n a 

Propose au debut de 1'anode 1985, ce projet rdsulte de compromia entre impdratifs d'ordres divers : 
couts, deiais, performances. Pour reduire les premiers, il fait, pour son implantation (fig. 1) et sa 
constitution (fig. 2), appel 4 des bitiaents et elements existants ; pour son alimentation 4 haute 
enthalpie, il est prdvu un gdndrateur de plasma 5 MV de 1'Aerospatiale. Sa courbe limite de fonction- 
neaent dans le plan enthalpie-pression (fig. 3) montre que des conditions nominales de 50 b, Hi/RTa = 100 
sont noraaleaent accessibles. 

L'etude d'avant projet de cette installation [4] vise 4 l’obtention, avec des elements existants ou 
eprouv4s, de rafales de quelques secondes dans des tuyeres de dimensions suffisantes pour recevoir des 
noddles de 0,5 a de longueur environ. Avec une prise en compte approximative (celle-ci sera prdcisde par 
1'dtude de cheque tuyere) des effets de gaz rdels hors dquilibre en cours de detente on trouve, pour des 
noabres de Mach de 12, 16 et 20 les conditions physiques qui figurent dans le tableau suivant. 
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M 

II 

16 

20 

TOO 

240 

138 

88 

fo/fa 

0,16 10- 3 

0,17 10’« 

0,37 10-’ 

fo/fa 

0,18 10 - 3 

0,34 10-< 

0,11 I0"* 

a(m/s) 

311 

236 

188 

Vo(m/s) 

3737 

3777 

3770 

Re 

*,5 10 3 

8,6 10 3 

4,5 10 3 

tt/STF 

0,12 

0,17 

0,3 

Z (km) 

63 

75 

82 

Pi(Pa) 

3083 

595 

200 


On peut remarquer que ces conditions correspondent pour M - 12 
pression, density et tempera f ure de 1‘atmosphere standard 4 63 
tudes de 75 et 32 km est reproduite avec des temperatures 
detente (dissociation et vibration) est de l’ordre de 10 %. Le 
plan Mach, Reynolds est donnd fig. 4. 


4 une duplication complete des valeurs des 
km ; seule la masse volumique des alti- 
inf£rieures ; I'cnergie fig4e en cours de 
domaine de simulation ainsi obtenu dans le 


Les hypotheses retenues pour calculer les limites en Reynolds de ce domaine doivent etre precis^es : les 
valeurs maximales sont obtenues avec un fonctionnement cryogenique limits par la temperature de conden¬ 
sation hors equilibre [5] soit pour la pression nommale de 50 b, soit pour une pression accrue jusqu’4 
150 b (projet de generateur segment^). 


Les valeurs inferieures ae Re pourraient evidemment etre attemtes en diminuant les pressions generatri¬ 
ces mais c'est au contraire 4 des pressions maintenues aux maximum, de 50 et 150 b raais aussi a l’enthal- 
pie nominal* de 100 que correspondent les values minimal** 5 portees sur 1. iiigr^mrc. La ::;:Le pi 1C l 
ne constitue pas toute la fronti£re car aux nombres de Mach les plus eieves la pression d'arret 4 haute 
enthalpie peut devenir insuffisante pour un amorqage correct de 1’ecoulement. 

Cette figure montre en outre que des valeurs du parametre de rarefaction M/ ijTT” comparables au vol sont 
teproduit®* avec, simultanement, des valeurs de l'enthalpie qui, sans egaler le vol, sont cependant 
suffisantes ;«»«r faire apparaitrc 4 <?s effets de gaz reels notables. 

Ces effets sont illustres en geneial par le domaine (vitesse, altitude) Simula {fig. 5) mais peut etre 
plus pr£cis6ment par la fig. 6 ou l’on voit quo, 4 condition d'ajuster la pression gen6ratrice a l’er.- 
thalpie selon la courbe pi(To), il est possible de c^nserver ; nvariants les paramdtres de similitude 
classiques (M, R« , et K/ 4 "rT^ tout en faisant varier largement le taux de dissoci ation 5 Veqoiiibre (au 
point d’arret). 


On peut remarquer que ce taux de dissociation, nettement superieur 4 celui qui se ige au cours dc la 
detente dans la tuyere, sera plus facilement atteint dans la couche de choc du fait d’une certaine 
predissociation amont. 


Un autre parametre important pour les etudes de couche liasite est le rapport entre temperature de parol 
Tp et temperature statique To ; la fig. 7 montre que, toujours en maintenant constants les parametres M 
et Re (K = 12 ; R« nr~10 4 pour une longueur de maquette de 50 cm), grace 4 l’ajustage de pression g^neia- 
trice figure pi(To), il est possible avec une maquette 4 temperature ambiante de faire varier Tp/To dans 
un large rapport (de 2 4 8) ou au contraire de maintenir Tp/To 4 la valeur du vol moyennant un refroidis- 
sement ou un r£chauffage du module techniquement concevable. Ce type d’operations est evidemment plus 
facile 4 envisager sur les formes simples propices aux etudes de base defimes dans les programmes de R 
et D. 


La fig. 8 montre que, en maintenant une temperature juste suffisante pour eviter la liquefaction 'mettant 
4 profit le retard 4 1’equilibre) une variation independante et significative des parametres M et Re est 
encore obtenue. 


Des generateurs de plasma a arc prolonge ont 
jusqu'ici ete plutot utilises pour des essais d® materiaux [8, 9], Dans ce dernier cas, les exigences 
concernant 1'homogeneite, la pe manence et la purete de 1’ecoulctent sont moins severes qu'elles ne 
doivent l’etre pour des essais aerodynamiques. Il a done 6te decide, par les promoteurs du projet R6 Ch 
brieveraent decrit ci-dessus (ONERA, CfTES, AMD/BA) de soumettre le generateur prevu (JP50 de 1’Aerospatia¬ 
le) 4 des essais probatoires permettant de qualifier l’ecoulement. 

Ces essais ne peuvent se concevoir que sur le site "Aerospatiale" qui comporte 1*ensemble couteux des 
servitudes necessaires 4 1’alimentation du generateur (la transposition de ces elements pour le projet R6 
Ch, fig. 9 en montre 1’importance). 
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Le sondage de 1’ecoulement implique 1’utilisation d'une tuyere de detente representant une portion amont 
des tuyeres definitives d'un diametre de sortie suffisant pour un bon controle d'homogeneite et assurant, 
pour des mesures de concentration, un figeage de ces dernieres. 

II serait de plus intdressant que cette portion puisse se raccorder 4 la partie aval d'une tuyere M = 16 
qui fait partie des elements existants r£utllisables. 

II est enfin necessaire, compte tenu de 1'absence de moyens de pompage et de capacites 4 vide sur le site 
Aerospatiale que la tuyere puisse s'amorcer avec une pression de recuperation permettant -le rejet 4 
1*atmosphere. Pour satisfaire 4 ces exigences diverses la tuyere, conique et d'ouverture aoder6e, 
d6bouche avec un diaaetre de 85 ma dans un petit caisson de mesure (fig. 10) propre 4 contenir les 
moyens de sondage et 4 permettre la visualisation de 1'ecoulement. 

3.1. Tuyere - Calcul de 1*ecouleme nt [111 

La forme de tuyere etant determinee par des considerations purement gdometriques de raccord 4 des 
elements existants et de continuite dans Involution des courbures, le calcul de 1’ecoulement est 
effectue par approximations successives sur le couplage noyau non visqueux-couche limite, en conservant 
en premiere approximation l’hypotfcese d'un ecoulement par tranches. La premiere region, y compris le col 
et son voisinage immediat est calcuiee pour l'air 4 l'equilibre (diagramme de Mollier numerise d'apres 
les tables d'Hilsenrath [10], A l'aval, le calcul par tranche est poursuivi, hors equilibre thermodynami- 
que et chimique ; le modeie adopte comprend les 9 especes et 15 reactions dont les viLesses figureat dans 
le tableau N° 1. 

Ce programme [11] resulte d' adaptations successives d'un code etabli 4 l'ongine par le CALSPAN [12]. Les 
prmcipales hypotheses concerr.ant le gaz sont les suivantes : 

- fluide parfait, c’est-4-dire sans effets de diffusion des especes, de viscosite ou de conduction 
thermique, 

- equilibre thermodynamique des energies de translation et rotation ; relaxation des energies de vibra¬ 
tion des molecules d'azote et d'oxygene (oscillateurs harmoniques) avec des constantes de temps donnees 
par les expressions suivantes : 

pour 0z T^= 16.18 x 10-« e 3 

N 2 U.15 x 10- 6 T‘ 2 e ' = i/T‘ a 

- dissociations decrites par le tableau N° 1 et 
pref6rentiel. 

Le systeme d'equations differentielles ordinaires obtenu est integre par une methode de Runge Kutta avec 
quelques precautions concernant les choix de pas. Les resultats les plus typiques sont presentes er 
fonction de la distance le long de la tuyere 4 partir d'une origine situee dans 2e convergent 4 33 mm 4 

l'amont du col ; les r6sultats correspondants au calcul 4 l'equilibre sont donn6s 4 titre de compari¬ 
son ; ils justifient a posteriori le traitement 4 l'equilibre de la region sonique. 

On montre successivement 1'evolu*io-j le long de la tuyere de la pression (fig. 11), de la masse volumique 
(fig. 12) des temperatures (fio. 13) de la vitesse vfig. 14) et du nombre de Mach (fig. 15). Ces 
resultats suscitent quelques comraentaires classiques • 

- la zone de non equilibre est relativement courte pour la plupart des reactions et en paiticulier le 
figeage des temperatures de vibration est pratiquement atteint vers 100 ou 150 mm respectivement p^r 
N 2 et O 2 ; la fraction d'energie fig6e est faible si on la compare 4 l'enthalpie totale et en conse¬ 
quence les vitesses calcuiees en ou hors equilibre different peu (fig. 1 ). 

La conservation du debit P VS entraine corr61ativement une tres faible difference sur les masses volumi- 
ques en et hors equilibre 4 abscisse done 4 S donne. L'effet de l*energie figee est plus evident sur les 
temperatures de translation-rotation en fin de detente qui different de 820 K environ. Hors equilibre, la 
vitesse du son se trouve done nettement diminuee et cet effet l'eraporte sur la perte de vitesse pour 
donner des nombres de Mach hors equilibre surpassant de 20 % les nombres de Mach 4 l'equilibre 4 l'extre- 
mite de la tuyere. 

Un premier calcul de couche limite (laminaire et turbulente) a ete effectue pour evaluer les flux de 
chalecr afin que 1'Aerospatiale puisse prevoir le refroidissement de la tuyere tel que decrit ci-aprds. 
La prise en compte de l'6paisseur de deplacement dans une seconde iteration sur le calcul du noyau non 
visqueux (code Euler gaz parfait % = 1,2) entre 100 et 200 mm montre que l’hypothese de l'ecoulement par 
tranche est tout 4 fait justifiee pour la couche limite laminaire et encore acceptable pour une couche 
limite turbulente (fig. 16). 

On peut conclure des resultats precedents que la tuyere repond aux conditions prescrites pour les 
conditions de sondage : concentrations et temperatures de vibration figees ; noyau sain de dimension 
suffisante. Outre les resultats presentes, les c«*lculs de couche limite ont fourni les donnees de flux 
thermique necessaires 4 1’etude tecimologique de la tuyere ; en particulier 4 son refroidissement. 

3.2. Tuyere. - Rea lisation 

L'Aerospatiale congoit et realise la tuyere. Le dimensionnement de celle-ci est effectue pour les 
conditions generatrices suivantes : 


dynes s/cm 2 
dynes s/cm 2 

couplage vibration-dissociation par le modeie non 
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- pression p6n6ratrice : pi = 50 bars, 

- enthalpie gen4ratrice reduite : Hi/RTo - 100, 

correspondant 4 un debit gaz de 0,266 kg/s et une puissance gaz de 2,09.10* W pour le col de section 
1 cm 2 . 

Le calcul de l'6couleaent conduit 4 des estimations de flux de chaleur de 5.10 7 V/a 2 au col, decroissant 
jusqu’4 5 10 s H/a 2 environ en sortie. Ces conditions de flux et pressions sont couramaent rencontres 

dans les g6n6rateurs de plasma. La conception retenue est de type classique : 

- une enveloppe interne de faiHe 6paiss c ur en alliage de cuivre est r6alis6e au profil '•alcuie ; 

- un fila d'eau 4 grande vitesse (de 1‘ordre de 20 m/s) assure le refroidissement d'aaont en aval (il 
peraet d'obtenir des coefficients de convection 6lev6s) ; 

- des s6parateurs assurent la mise en forme de ce fila d'eau ; 

- 1'ensemble est dispose 4 1’interieur d’une structure ; 

- enfin, 4 l'aval une couronne aaintient l'enveloppe interne et coaporte 4 prises de pression panetales. 

Cette tuyere est presentee planche 17. Le refroidissement fetudie permet un regime permanent d’ecoulement, 
en 1'absence d'usure des pieces. La pressunsation du circuit d'eau de refroidissement est asservie 4 la 
pression generatrice dans la limite d'un ecart de 20 bars. Le niveau de pression d’eau peut atteindre 100 
bars. 

3.3. C aisson de aesure et dispositif de s ondage 

Le caisson de mesure se presente comme une mini soufflene a jet libre avec une reprise coulissante (tig. 
10). Son volume resulte d’un compromis : il doit etre assez re.c't pour que sa vidange par effet d’induc¬ 
tion jusqu’4 une pression voisine de 0,04 atm soit rapide pour assurer un bon amorgage du jet et un 
fonctionnement correct de la reprise ; il doit contemr 1‘ensemble du dispositif de sondage, escamote 
hors du jet avant et apres une traversee assez rar-ide {/v 0,1 s) pour que les sondes ne subisser.t qu’un 
4chauffe»ent mod4r4. 

Des hublots doivent assurer un champ d‘observation convenabie pour des visualisations ombroscopiques. 
Pour eviter durant la phase transitoire d'amorgage des retours de gaz chaud sur ces hublots, deux 
precautions sont prises, d'une part la reprise coulissante est amende au contact de la bride de sortie de 
tuyere avec une certaine etancheite pour une 4ventuelle vidange prealable du caisson, d'autre part une 
entree controlee d'air frais est menagee dans le caisson. 

Le bras porte-sondes oscillant autour d'un axe narallele 4 la veine, actionne par verm hydraulique ave<* 
amortisseurs de fin de course, de meme que la reprise coulissante sont commandes par un automate program¬ 
mable dont la sequence s’insere dans la programmation generale de fonctionnement du generateur. 

3.4. Sonde s 

L'ensemble des sondes utili$6es est dispose en arc de cercle 4 l'extremite du bras porte-sonde (fig. 18) 
pour balayer approximativement un diametre vertical ou horizontal de la tuyere dans un plan tres voisin 
de son extremite. 

- Deux sondes pitot mesurent une pression d'arret 4 l’aval d'un choc normal, l'une pour les valeurs 
moyennes est equipe*? d'un capteur Stathans type 731 et donne, compte tenu de sa canalisation (1 metre) 
un temps de mont6e de 7 ms avec d6passement de 8 %. L’autre destin6e aux mesures de fluctuations 
contient un capteur Kistler 6001. Son etalonnage dynamique montre (fig. 19) la reponse 4 un echelon de 
150 mb et le spectre de cette reponse qui pr6sente une faible resonnance vers 3 kHz avec attenuation 
reguli4re au del4. 

- La sonde de debit masse, dans l'axe du mat est tout 4 fait classique [13, 14] pour un mode de fonction- 
nement transitoire. Le debit capte par 1'entree d’air de section connue est mesure grace au col sonique 
aval d'apres la pression et la temperature 4 l’amont de ce dernier. Un ethangeur thermique 4 inertie 
reduit cette temperature au voismage de 1’ambiance. Les diametres de thermocouples et capteur de 
pression sont choisis pour que les temps de reponse de ces mesures soient du meme ordre que le temps de 
stabilisation de l’ecoulement interne dans la sonde (< 1 ms), 4 condition d'utiliser le thermocouple en 
regime transitoire [15J. 

- Sondes d’enthalpie : 

Elies sont toutes deux basees sur le meme principe : la mesure de flux sur obstacles sphenques. Le 
flux au point d’arret est directement lie 4 1’enthalpie d’apres la formule de Fay et Riddel, mais 

l’utilisation de deux sondes de diametre different permet de verifier 1’absence de pollution solides. 
Les flux de chaleur lies 4 1‘impact de particules sont independants du rayon de courbure alors que les 
flux aerodynamiques evoluent comme 1’inverse de sa racine. 

La sonde 0 10 mm se prete 4 1’exploitation de la temperature superficielle locale au point d'arret pour 
obtenir le flux soit dans l'hypothese simplificative d’un milieu semi-mfini avec correction d* 
courbure, soit avec une methode de differences finies en admettant une distribution de flux sur la 
spb4re (throne de Lees). 

La sonde 0 5 mm est trop petite pour que la localisation de la mesure au point d'arret soit assuree ; 
elle est done consideree comme un capteur 4 inertie thermique, pratiquement isotherme et souais 4 ur. 


flux moyen resultant de 1'integration de la distribution de Lees. Le diEensionneaent des sondes et le 
choix des matenaux sont dict^s par 1'utilisation en regime transitoire (traversee du jet en 0,1 s.i et 
conduisent 4 des echauffements de l’ordre de 400° C, donnant une grande sensibility de mesure. On s’est 
assure du bon fonctionnement de ces sondes 4 plus faible niveau avec une dur£e d’exposition accrue 
(soufflerie R? Ch). 

4- KEElfQXTATIpy W HEINES 

Outre les sondes ci-dessus il est pr6vu d'exploit-- w«s, v^suwlisations stnoscopiques ou oabroscopiques 
qui permettront de s'assurer que le choc sur la sonde de d£bit masse est bien attache aux 14vres de 
l'entr£e d'air. 

Ces visualisations, 4 relativement forte density compte tenu de la dytente liaitye A M = 6 devraient 
permettre une mesure assez prycise de la distance de dytachement sur les sondes sphynques. On ne peut en 
ddduire directement la composition du gaz dans la couche de choc. Il semble cependant que cette distance 
soit assez sensible aux effets de gaz ryels [16] sans l'etre trop a la conicity de 1'ecoulement [17] pour 
qu'il soit ainsi possible de valider les calcuis de concentration en cours de dytente hors yquilibre, ce 
type de calcul pouvant etre poursuivi sur les obstacles [18] et en incluant de pryfyrence effer r visqueux 
diffusion, tempyrature et catalycite de paroi. 

L’exploitation des mesures de pression d’arret ne souiyve pas de probiymes particuliers pcur cvaluer £V 2 
meme en prysence d'effets de gaz ryels. La sonde de dybit fournissant PV on peut en dyduire f et V et de 
14 V 2 /2 et l'enthalpie a comparer aux mesures sur les sondes thermiques. 

Le but principal des essais probatoires ytant de s'assurer de 1 1 homogynyity de 1'ycoulement, la technique 
de balayage permet avec les mesures ynumyryes ci-dessus d’escompter une qualification rapide de 1'ycoule¬ 
ment . 

5. 

Les essais probatoires pryvus doivent permettre de vyrifier qu'un gynyrateur de plasma peut constituer 
une alimentation de soufflene hypersonique fonctionnant en rafales de plusieurs secondes. Pour dyfinir 
le montage et le systyme de mesure, il est nycessaire de prendre en compte de nombreux phynomenes 
physiques et chimiques qui so.nt aussx analogues que possible 4 ceux rencontrys en cours de rentrye 
spatiale. Une fois de plus, il apparait que la mise au point d’une soufflene est, en elle-meme et avant 
tout essai sur des maquettes de vdhicules, un exercice trys fondamental de validation des mythodes de 
calcul qui serviront 4 la dyfimtion de ces vehicules. 
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SUMMARY 

The application of free piston shock tunnels to the simulation of real gas effects in hypersonic 
flight is discussed. It is pointed out that the primary simulation variables for this purpose are the 
stagnation enthalpy and the binary scaling parameter. The free piston reflected shock tunnel is 
considered first, and it is shown how test time limitations play a major role in determining the 
limiting stagnation enthalpy for a given model size. Nevertheless, flight values of the two simulation 
variables, for vehicles similar to the Space Shuttle Orbiter, can be matched by an existing free 
piston shock tunnel up to speeds of 7 km.s . Experiments performed in this shock tunnel are 
used to demonstrate real gas effects in model flows. 

Radiative energy loss limits the maximum stagnation enthalpy available with reflected shock tunnels. 
Fortunately, operation in the non-reflected mode circumvents this limitation and, in addition, allows 
higher values of the binary scaling parameter; although it also leads to greatly reduced test times. 
The use of the prior steady flow technique to enable high enthalpy non-reflected shock tunnel operation 
is described, and examples of experiments performed in the facility are used to demonstrate that short 
test times do not preclude worthwhile experimentation. A variant of the free piston shock tunnel, which 
is intended for propulsion research at high velocities, also is briefly described. 


1. INTRODUCTION - BULL GAS SIMULATION REQUIREMENTS 

Real gas effects are a feature of hypersonic flow at high flight speeds. They influence phenomena 
such as boundary layer heat transfer, shock layer vortex shedding, shock detachment, centre of pressure 
location, control surface effectiveness and combustion heat celease in propulsion systems. 

For most problem* associated »i'.h lifting venicles, the dominant real gas effects are associated 
with the dissociation of oxygen and nitrogen. this begins when the gas experiences the sudden 
temperature rise which occurs when it crosses the bow shock from the vehicle and, because the 
dissociation reactions take a finite time to come co completion, it continues for some distance 
downstream, wl*-*- qas in a non-equilibrium state. An indication of the magnitude of this distance 
is given in fig.l, where normal shock calculations have been slightly modified to show the 3treamwise 
variation of density in a stream tube which crosses a normal shock, and subsequently remains at constant 
pressure as it passes downstream. The distance downstream is expressed in terms of the binary reaction 
variable, % - px/u, where p is the pressure, u is the velocity and x is the distance from the shock. 
It can be seen that in terms of this variable, two curves at different altitudes (i.e. different 
densities) and the same flight speed are the same for a considerable distance downstream. 

The reason for this is that this part of the non-equilibrium process is dominated by the forward 
chemical reactions which increase the dissociation levels. Al* these are reactions which involve only 
two components , and therefore the rate at which they proceed is proportional to the density or, at 
the same temperature and dissociation level, to the pressure. Now, as also may be seen from fig.l, when 
the gas begins to approach an equilibrium state the curves, which were identical, increasingly diverge. 
This is because the backward, recombination, reactions play an Increasingly important role, and since 
these involve three components, the direct proportionality between reaction rate and density no \ -nger 
applies. The binary scaling variable % then ceases to be effective in correlating flows at different 
densities. 

An indication of the limits to the binary scaling regime for flight vehicles may be obtained by 
plotting two boundaries on a velocity-altitude diagram, as in fig.2. Here the flow downstream of a 
shock inclined at an angle of 40° to the oncoming flow is considered, since this is likely to be more 
representative of the flow field about a re-entry glider than a normal shock. Using curves similar to 
fig.l, a lower "equilibrium" boundary can be drawn. For altitudes below this boundary, the reactions 
require a distance of less than 1 metre after the shock to reach equilibrium and, since this may be 
expected to be an order of magnitude less than the typical dimensions of a flight vehicle, most of the 
flow about the vehicle can be expected to be in equilibrium. An upper, "frozen", boundary also may be 
drawn, above which no significant reactions occur for distances less than 1 metre from the shock. Thus, 
reaction effects will be weak close to this boundary, and will become weaker still at altitudes above 
the boundary. It may be noted that both boundaries tend to curve steeply to lower altitudes as speeds 
fall towards 4 km.s. . This is a manifestation of the fact that real gas effects behind a 40° shock 
are becoming very weak in approaching this speed, and indicates that wind tunnel facilities must be able 
to comfortably exceed this speed if they are to produce significant real gas effects in the general flow 
field about a re-entry glider. 

Trajectories for the Space Shuttle Orbiter and possible Aero assisted Orbital Transfer Vehicles also 
are shown on fig.2. It can be seen that they fall well into the region between the two boundaries, 
without approaching closely to the equilibrium boundary. This is fortunate, because it implies that 









recombination effects are unimportant in the flow field about these vehicles and, in order to simulate 
real gas effects in a shock tunnel, it generally is necessary only to ensure that the effects of forward 
reactions are represented, and th***e are accommodated by matching the values of the binary scaling 
variable. Similar remarks also apply to an acceleration vehicle because, although its trajectory on 
fig.2 passes close to the equilibrium boundary, the fact that it may be expected to generate shock 
angles substantially less than 40° over most of its flow field implies that it also falls into the 
binary scaling regime. 

Thus the primary requirements for real gas simulation in a shock tunnel are: 

(i) Matching tunnel to flight stagnation enthalpies. This ensures that stream energies are 
sufficient to generate real gas effects of appropriate strength. 

(ii) Matching values of the binary scaling variable at corresponding points in the flight and wind 
tunnel model flo’< fields. This can be done by matching tunnel to flight values of the binary 
scaling parameter p^D, where p m is the freestream density, and D is a typical configuration 
dimension. It is interesting to note that this criterion is the same 

as that for matching Reynolds' numbers. 

This paper discusses existing* shock tunnels which meet these requirements. They are based on the 
use of a free piston driver, with helium driver gas. the discussion is centred first on the reflected 

shock tunnel, and then on the non-reflected shock tunnel, showing how the latter extends the 

capabilities of the former, though with a much reduced test time. A further development of the free 
piston reflected shock tunneldesigned to allow propulsion experimentation, is then briefly outlined. 

2. THE ran PISTON REFLECTED SHOCK TUNNEL 

The free piston driver employs a simple principle***. It involves filling a compression tube 
with driver gas at a relatively low pressure. This tube is coupled to the shock tube at one end, and to 
a reservoir of moderately high pressure air at the other. The air is separated from the driver gas by a 
piston, which is prevented from moving until the facility is ready to fire. When the piston is released 
it is driven along the compression tube, accelerating and acquiring energy from the expanding reservoir 
gas. As the piston approaches the downstream end of the compression tube, its energy is transferred to 
the driver gas, raising its pressure and temperature to the point at which the shock tube diaphragm 
ruptures, and the shock tube flow is initiated. The piston is sufficiently massive that the time scale 

of the driver compression process is roughly two orders of magnitude longer than that of the shock tube 

flow processes, so that the transient peak driver conditions produced in the compression process can be 
taken as quasi steady for the purpose of calculating the shock tube flow. Thus, high temperatures and 
pressures can be generated in the driver gas, without introduction of contaminants, and this permits the 
hiqh shock speeds which are a feature of the method. For example, a regularly used test condition 
involves a driver gas compression ratio which raises the temperature of helium ariver gas to 4S0uK, ana 
produces tailored interface operation with air test gas at a primary shock Mach number of 22. The basic 
layout of a free piston reflected shock tunnel is shown at the top of fig. 9, and more details of the 
layout of such a facility are presented in refs.3 and 4. 


(a) Test Time and Simulation 

The question of stagnation enthalpy simulation is interwoven with test time considerations, and it 
is convenient to consider the latter first. It is limited by driver gas contamination arising from the 
shock boundary layer interaction which occurs as the shock wave reflects from the downstream end of the 
shock tube. As shown in fig.3(a) the bifurcation of the strong reflected shock as it interacts with the 
shock tube wall boundary layer causes "jetting" of the driver gas along the walls when the shock reaches 
the contact surface. The driver gas therefore arrives prematurely at the nozzle entrance, and 
contaminates the test gas. 

Davies and Wilsonhave developed an approximate theory which allows test times to be estimated 
according to this mechanism. this theory has been extended to allow for the effects of high enthalpy 
operation with a free piston driverand yields estimates of test times as shown in fig.3(b). The 
estimates are made for a 75 mm. diameter constant area shock tube but, for shock tube diameters which 
are within a factor of two of this vaiue, the test time can be taken to be roughly proportional to the 
diameter. Also, the driver gas pressure and sound speed can be adjusted to take account of the area 
change at the diaphragm station which is a part of the free piston driver configuration. For the 
figure, the horizontal axis expresses the stagnation enthalpy in terms of an equivalent flight velocity, 
and the vertical axis expresses the test time, r, in terms of the approximate length of the slug of test 
gas which passes through the test section before contamination begins. It can be seen that with given 
driver gas conditions, the test slug length reduces strongly as the nozzle stagnation enthalpy is 
increased but, if the driver sound speed is allowed to increase, then the test slug can be maintained 
roughly constant. 

It is worth noting that, in general, this theory errs somewhat on the conservative side, as demonstrated 
in fig. 3(c). This displays measurements of the time of arrival of driver gas contamination at the test 
section, normalized with respect to the theoretical estimate. Because it generally is difficult to 
detect the driver gas by aerodynamic methods, mass spectrometry has been employed at the higher 
enthalpies* and mass capture probes at the lower ones* 81 . A substantial scatter exists in the 


* In operation at the Australian National University, Canberra, Australia, 
t Under construction at the University of Queensland, Brisbane, Australia. 
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data at the upper end of the enthalpy range for the hydrogen driver results, as the tests approach the 
tailored interface condition. This is thought to arise from an intermitcency in the passage of the gas 
from the wall jet across the end wall of the shock tube and, if it is ignored, then the general trend is 
for the measured test times to exceed predictions. 

It can be seen that, with a test gas slug length only of the order of metres, the effect of the 
nozzle flow starting process on the test time becomes important. This is illustrated in fig.4. The 
figure shows the double snock system which arises from the expansion of the test gas into the shock 
tunne. nozzle after reflection of the primary shock wave at the end of the shock tube. If the initial 
gas density in the nozzle is sufficiently low, this shock system passes through the nozzle rapidly 
enough to ensure that it is always followed by an unsteady expansion. The upstream head of this 
expansion (the “(U-a) wave") marks the onset of steady flow. Taking the point C on the figure as 
indicating the arrival of driver gas contaminant at the entrance to the nozzle, it will transmit to the 
test section along the steady flow particle trajectory from C. It then follows that the difference 
between the time taken for the (u-a) wave to traverse the nozzle, and that for a flow particle, will be 
the net loss of the test time associated with the nozzle starting process. 

Some estimates of this test time loss lead to the rough rule of thumb that, for a contoured nozzle 
which begins with an included angle of 30° at the throat, it can be given as 

At = (2.5 / M i ♦ 14r)/^2h , 
s - s 

where 4 is the overall nozzle length, M — is the test section Mach number, r is the nozzle throat radius, 
and h 3 is the nozzle stagnation enthalpy. This is plotted in fig 3(b) for an = 6 nozzle 1 metre long, 
with a throat radius of 10 mm. It can be seen that it reduces the useful length of the test gas slug by 
approximately 0.5 m, and that this is enough to be significant at high enthalpies. 

The remaining test slug length provides an Indication of the size of models which can be tested in 
the shock tunnel. For example, for boundary layer studies without separation^ the steady flow test slug 
length must approach three times the model length. thus, the 4.4 km.s. speed of sound curve in 
fig.3(b) allows boundary layer stu dies (including heat transfer measurements) to be made on models which 
are 0.3 m. long at values of ^2h s up to 7 km.s. . Smaller models can be tested at higher stagnation 
entnalpies. this example shows how the useful stagnation enthalpy limits of a shock tunnel are 
conditioned by the model size. 

The value of the binary scaling parameter, pjD, obtained in a shock tunnel depends or the test 
section density, as well as the model s*«.«. With a given nozzle reservoir pressure (i.e. pressure at 
the end of the shock tube after the shock reflection process is completed) the density can be increased 
by reducing the test section Mach number. For a given test section size, this is limited by the 
allowable nozzle throat size, consistent with avoiding excessive drainage of gas from ^the shock 
reflection region. In fact, this requirement is not too demanding and, for the 4.4 km.s. speed of 
sound curve in fig. 3(b), it is possible to operate a nozzle with throat and test section diameter of 25 
mm. and 250 mm. respectively to produce test flow Mach numbers ranging from 6.5 to 5.5, depending on the 
stagnation enthalpy. With this nozzle, a model 0.3 m. long, and a flight to model scale ratio of 100:1, 
it is possible to establish a simulation boundary on a velocity-altitude diagram. This is shown in 
fig.5, as the M = 6 boundary. Since the flight value of p — D can be simulated for any point above this 
boundary, by reducing the nozzle reservoir pressure or the throat size, it follows from the figure that 
much of the high enthalpy portion of the Space Shuttle Orbiter trajectory can be simulated. 


3. REAL GAS FLOW EXPERIMENTS IN THE RELECTED SHOCK TUNNEL 

A number of basic research studies involving non-equilibrium real gas effects have been performed 
in the free piston reflected shock tunnel, T3, in Canberra, and some examples are briefly outlined here. 


(a)(i) Non-equilibrium Effects in Shock Detachment 

Shock detachment is a feature of blunt body flows. It drastically changes the flow field about a 
body, and can influence the stability characteristics of blunt body flight configurations. An 
investigation of non-equilibrium real gas effects on shock detachment^ has been conducted for 
two-dimensional wedge configurations, and results are shown in fig.6. First, tests were conducted with 
argon at low enthalpies in order to confirm the relation between shock detachment and wedge angle in the 
perfect gas case. This relation then was used to predict the perfect gas shock detachment for nitrogen, 
and is compared in the figure with measurements taken at h s » 22 MJ.kg. . It can be seen that real gas 
effects inhibit the development of shock detachment, yielding much less detachment for a given wedge 
angle than the perfect gas case. 


(a) (ii) Constant Temperature Curved Shock * 

Analysis of the non-equilibrium flow downstream of a curved shock in nitrogenshows that the 
dissociation reaction is quenched close to the shock, at a temperature which is independent of the shock 
slope. Thus, the constant density ratio shock wave of perfect gas hypersonic flow is replaced by a 
constant temperature ratio shock wave. This will, of course, be evident in the shock density ratio and 
to confirm this effect, Mach 2ehnder mterferograms were used to measure the density downstream of the 
curved shock formed by a two-dimensional cylinder model. The results are shown in fig.7., and indicate 
density ratios consistent with a constant temperature shock. 
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It is interesting to note that one of the consequences of this effect is a change in the vorticity 
downstream of the shock. 


(a) (iii) Flat Plate Heat Transfer 

Thin film gauges were used to study the heat transfer on a flat plate**** 0.5 m. long. The results, 
shown in fig 8(a), reveal the importance of surface catalysis effects. For the test conditions of the 
experiments, the oxidized steel surfaces of the shock tunnel models are non-catalytic and the increasing 
level of frozen atomic species in the freestream as the stagnation enthalpy is increased causes a 
corresponding increasing reduction in heat transfer level. This is evident in the figure. Also, 
increasing the tunnel nozzle reservoir pressure at V2h s • 5.7 km.s. 1 increases the forward reaction 
rates in the boundary layer, and produces the further reduction in heat transfer which is evident in the 
figure. 

Using these heat transfer values, combined with available catalytic coefficients for Space Shuttle 
Orbiter tile materials, it was possible to predict the reduction in heat transfer which is shown to be 
consistent with flight measurements in fig.8(b). 


(b) Tunnel Limitations 


These, and other, experiments have established the efficacy of the free piston reflected shock 
tunnel for real gas flow experiments up to, and perhaps somewhat exceeding, stagnation enthalp’"** 
corresponding to Earth orbital velocity. However, to proceed to higher stagnation enthalpies, it is 
necessary to produce substantial levels of ionization in the test gas at the end of the shock tube 
after shock reflection and, in experimental studies of this region **^*' (13) was f oun d that 

radiative energy losses wer* ♦ , n*> y i tc allow effective reflected shock operation. Thus, a "radiation 
barrier" prevented the attainment of significantly higher stagnation enthalpies. 


Also, some desired experiments called for higher nozzle reservoir pressures than were achieved, 
either to increase the value of the binary scaling parameter, or to increase the Mach number without 
reducing the binary scaling parameter. 


In order to meet both these requirements, the facility was developed to operate in the non-reflected 
shock tunnel mode. 


4. THE rWl PISTON NON-REFLECTED SHOCK TUNNEL 

Non-reflected shock tunnel operation has been employed by previous experimenters (e.g. ref.14). it 
requires that nozzle flow starting times be minimized, and this has been effected by using a 
pre-evacuated nozzle, with a light diaphragm near the nozzle entrance. However, this is not possible 
with the short test times which are available in shock tubes at high stagnation enthalpies, as the 
diaphragm fragments cannot be removed from the flow sufficiently rapidly. This problem was circumvented 
by developing the "Prior Steady Flow" technique for starting the nozzle ** 5 *. 


(a) The Prior Steady Flow Technique 

The manner in which the technique operates can be seen by noting that, as shown in fig.4, the 
starting process in an expanding nozzle normally involves the formation of a secondary shock wave, 
which tends to propagate upstream into the test gas. Although this shock wave is swept downstream by 
the motion of the test gas, it can be strong enough to cause a substantial delay in starting the nozzle 
flow and, if the shock tube test time is short, it may eliminate the steady flow period in the nozzle 
altogether. 

The prior steady flow technique weakness the starting shock by establishing a steady flow of test 
gas through the nozzle prior to arrival of the primary shock wave at the nozzle entrance. For high shock 
speeds, the velocity of the prior steady flow is insignificant. However, the associated density 
distribution in the nozzle is such that the starting shock system is swept through the nozzle without 
significant decay in velocity, and delays in nozzle starting associated with the starting shock system 
are eliminated. Steady flow in the test section there*''*'" <s established upon passage of the (u-a) wave 
in fig.4. 

Modification of a free piston reflected shock tunnel for non-reflected operation is shown in fig.9. 
It is effected by removing the nozzle and test section, and replacing them with a new t«st section, and 
an extension to the shock tube. The extension is surrounded by a nozzle feed tank, and the test section 
is vented to the damp tank via the valve assembly. The valve is spring loaded to open. The valve 
actuating sleeve is rigidly connected to the shock tube and, prior to a test, the dump tank and test 
section assembly is moved towards the shock tube, allowing the valve actuating sleeve to force the valve 
to open. The flow of test gas is initiated, passing from the shock tube and feed tank to the 
pre-evacuated dump tank. The feed tank is large enough to act as a steady state reservoir for this 
prior steady flow, ensuring that the shock tube pressure does not change significantly as the piston 
traverses the length of the compression tube. When the piston reaches the end of the compression tub", 
the shock tube main diaphragm is ruptured and the shock tube flow is initiated. 
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With the non-reflected modification installed, the overall length of the 75 mm. diameter shock tube, 
in the T3 facility, is 8.4 m. The entrance to the nozzle is 38 mm. diameter, and the nozzle is 
contoured to produce parallel flow at the test section. It is a supersonic to hypersonic nozzle, 
designed for an area ratio of 16. 


<b) Test Time and Simulation 

Tne non-reflected shock tunnel avoids the "radiation barrier", because at least half of the 
stagnation enthalpy takes the form of the flow kinetic energy, and therefore is not subject to radiation 
loss. However, it achieves this objective at the price of greatly reduced test times. These are 
displayed in fig. 10 in the form of test slug lengths, as in fig.3. They are determined by recording the 
termination of radiation from the stagnation point of a blunt body in the test section, with the time 
taken for the nozzle starting process obtained from time resolved Mach Zehnder interferograms. It can 
be seen that effective test slug lengths are an order of magnitude less than those obtained with the 
reflected shock tunnel. 

The simulation capability of the non-reflected shock tunnel is shown in fig.11. As for fig.5. it is 
possible to match stagnation enthalpy and the binary scaling parameter for altitudes above the shaded 
boundary. Because of the higher effective nozzle reservoir pressures associated with non-reflected 
operation, the simulation boundary lies at a lower altitude than that for the reflected shock tunnel at 
comparable stagnation enthalpies. 

It is worth noting that the high enthalpy capability of the non-reflected shock tunnel affords the 
interesting possibility of simulating flows associated with entry to the outer planets. The atmospheres 
of these planets are hydrogen-helium mixtures but, except at very high flow energies, the helium acts 
only as an inert diluent. In this role, it can be replaced by neon and, with hydrogen-neon test gas 
mixtures, it is possible to produce effects associated with ionization of hydrogen in the flow. For 
example, at a stagnation enthalpy of 140 MJ.kg. , using a 60% H 2 - 40% Ne mixture, it is possible to 
simulate flow over a blunt cone under conditions corresponding to peak heating in entry to the 
atmosphere of Saturn. 

5. EXPERIMENTS IN THE NON-REFLECTED SHOCK TUNNEL 

In order to demonstrate the utility of the non-reflected shock tunnel, two experiments are reported 
briefly. The first demonstrates the high enthalpy capability of the facility, and the second the high 
nozzle reservoir pressure capability. 


(a)(i) Ionizing Wedge Flows of Hydrogen-Neon Mixtures 

Wedge flows of 60% hydrogen 40% neon gas mixtures were studied using Mach Zehnder 
Interferometry* 16 *. Fig.12 shows a forward fringe shift (towards the leading edge), due to neutral 
particle density increase across the shock wave, at a wedge incidence of 30o. At 35°, the forward 
fringe shift is followed by a reverse shift, due to electron production. Close to the surface, a 
further forward fringe shift marks the presence of the boundary layer. These experiments demonstrated 
that steady flow over simple models could be established in the short test times available. The results 
were used to resolve uncertainties in hydrogen ionizaton rates which existed in the literature at the 
time of the experiments. 

(a)(ii) Non-equilibrium Afterbody Flows 

Mach Zehnder interferograms were taken of the two-dimensional flow of nitrogen over a flat plate with 
a cylindrically blunt nose' 1 *. A typical result is shown in fig.lL.. and is compared with results of 
numerical computations. The high effective nozzle stagnation pressures allowed a hypersonic flow to be 
produced at a pitot pressure level of 13 atm., thus raising the test section density high enough to 
allow strong real gas effects to occur at the relatively small blunt nose. The Mach Zehnder 
interferograms allowed the downstream effects of the flow at the nose to be observed. An experimental 
interferogram is compared with results of numerical computations in fig.13, and the two are seen to be 
consistent with each other, except near the surface, where the experiments indicate much lower densities 
than the computations. The reason for this discrepancy had not been resolved at the time of writing. 


f. A PROPULSION SHOCK TUNNEL 

The search for a means of deliverying payloads to Earth orbit which is cheaper than those used at 
present has directed attention to techniques of airbreathing propulsion at speeds approaching orbital 
velocity. In order to produce the combustion heat release which is essential to airbreathing propulsion, 
it is necessary to limit precombustion air temperatures to values around 1500K, even with hydrogen fuel. 
At the high stagnation enthalpies associated with high velocity flight, this implies that combustion will 
take place under hypersonic conditions. For vigorous hydrogen combustion to take place within a length 
scale of, say, 100 mm., experiments similar to those reported in ref.17 have shown that pressures of the 
order of 0.5 atm. are required and, at a Mach number of 7, this requires nozzle reservoir pressures 
approaching 2000 atm. Since test times in the non-rwllected shock tunnel are considered to be too short 
for most propulsion experiments, it was necessary to develop the reflected shock tunnel for this 
purpose. 
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No*, one of the disappointing features of the free piston shock tunnel T3 has been the pressure 
losses experienced in passing from the compressed driver gas at diaphragm rupture to the nozzle 
reservoir region at the downstream end of the shock tube**^, after shock reflection. Whilst the reason 
for this is not understood at present, model studies have established that the effect can be overcome by 
ensuring that the face ~f the piston is well removed from the entrance to the shock tube at diaphragm 
rupture. To accommodate this, whi’-t producing the high compressed driver gas temperatures necessary 
for high enthalpy operation, it j.s neces- *"y to use a long compression tube. 

The construction of a shock tunnel embodying these principles is nearing completion at the University 
of Queensland. It employs a compression tube 25 m. long and 228 mm. in diameter, driving a shock tube 
10 m. long and 75 mm. in diameter. It is designed to produce nozzle reservoir pressures of 2000 atm. 
and, although it obviously has potential for other applications, it is intended to use it, in the first 
instance, for studies of hypersonic combustion. 


7. CONCLUSION 

A discussion of the requirements for simulation of real gas effects in hypersonics leads to the 
conclusion that, for flows typical of re-entry gliders and acceleration vehicles, only the behaviour of 
the forward non-equilibrium reactions in air needs to be simulated. this implies that stagnation 
enthalpy and the binary scaling parameter, p D, represent the two primary requirements for simulation. 


The coupling of a free piston driver to a reflected shock tunnel has produced a facility which will 
satisfy both these requirements, for flight vehicles similar to the Space Shuttle Orbiter, at flight 
speeds up to approximately 7 km.s. . The simulation capability is limited by the test time, which is 
fundamentally determined by the shock boundary layer interaction occurring at shock reflection in the 
shock tube. Within this limitation, test times are sufficient to allow realistic experimentation on 
hypersonic real gas effects, and this is confirmed by the results of some typical experiments. 

It is worth noting that, although stagnation enthalpy and p^D can be matched in the tunnel, the 
overall simulation will be imperfect, in that freestream composition and Mach number are not matched. 
However, experience has shown that these imperfections are not a major impediment in many reacting flow 
situations, largely because conditions downstream of a strong shock tend to be independent of those 
upstream. If situations occur where they are particularly significant, their effects could be 
accommodated in numerical real gas simulation models, implying that shock tunnels then could be used to 
provide the experimental data base for validation of these models. 

Because a "radiation barrier" effect limits the maximum stagnation enthalpy available in a reflected 
shock tunnel, and high nozzle stagnation pressures are sometimes desired for real gas studies, the 
non-reflected shock tunnel is attractive, notwithstanding its short test times. The prior steady flow 
technique for nozzle starting makes high enthalpy non-reflected shock tunnel testing a practical 
proposition. It produces a facility which will allow testing with stagnation enthalpies well in excess 
of reflected shock tunnel limits, including values which allow simulation of the effects of hydrogen 
ionization on the gas dynamics of entry into the atmospheres of some of the outer plants. At lower 
stagnation enthalpies, values of p D appropriate to an acceleration vehicle are possible. 

When the established capabilities of the free piston reflected shock tunnel, and the free piston 
non-reflected shock tunnel, are combined with the designed capabilities of a new high enthalpy 
propulsion shock tunnel which currently is under construction, it becomes clear that shock tunnel 
facilities have developed to a point which will allow experimental study of real gas effects ir 
hypersonic flow over the range of flight speeds which are likely to be of foreseeable interest to beyond 
the turn of the century. 
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SUMMARY 

An assessment has been made of the potential for hot wire and laser anemometer measurements 
of turbulent fluctuations in hypersonic flow fields. The results of experiments conducted in the 
AFWAL M=6 High Reynolds Number Wind Tunnel are reported and comparisons made with previous 
hot wire turbulence measurements. 
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1. INTRODUCTION 


In the post-Apollo era. a time of reduced space effort in the United States and Europe, the subject 
of hypersonic aerodynamics has been neglected and many hypersonic simulation facilities have either 
been scrapped or decommissioned. However, with the resurgence of planned hypersonic research 
associated with the National Aerospace Plane, for example, facilities and experimental methods for 
hypersonics are once again in strong demand. 

During this period of hypersonic neglect, great strides have been made in our capabilities to 
compute complex fluid flows. But, reliable flight vehicle designs and modifications still cannot be 
made without recourse to extensive wind tunnel testing. At present, progress in computational fluid 
dynamics of hypersonic flows is restricted by the need for reliable experimental data and an 
improved understanding of both the physics and structure of turbulence in high speed flows which 
can be used for the development of empirical turbulence models and to validate Navier-Stokes codes. 
Although some hot wire data have been obtained in previous years, they are of questionable 
reliability due to the assumptions which must be made to determine velocity fluctuation levels from 
the measured hot wire variables. Currently, there are few compressible flow measurements which 
could be used for modelling purposes, and, since additional shear stress terms may oe significant at 
high Mach numbers, models based on incompressible measurements may not be realistic. 

Experiments designed to aid turbulence modeling of hypersonic flows and verify computer codes will 
require extensive flow field turbulence measurements. 

Experimental methods in lower speed regimes have also made significant advances due primarily 
to the availability of high power lasers. Their introduction has enabled the field of laser velocimelry 
to expand from low speed, small scale, closely controlled laboratory applications to the measurement 
of compressible flows in large scale wind tunnels. (Ref. 1). The advent of the laser velocimeter allows 
us to measure velocity fluctuations directly in a linear, non-intrusive manner. Of particular value is 
the capability it offers to measure some of the compressible turbulent shear stresses, since this is an 
impractical task with hot wires. 



5-2 


The challenge now is to apply these new computational and experimental capabilities to the 
solution of current and future hypersonic flow problems in a cost effective and timely manner. Bui, 
before complex and expensive test plans are made, an assessment of the potential for laser 
velocimetry in hypersonic flows must be made. To achieve this, fundamental questions of seeding and 
optical sensitivity must be answered by experimentation. The purpose of this work was to make such 
a determination for flowfield measurements in the AFWAL M=6 High Reynolds Number Wind Tunnel. 

2. BACKGROUND 

Current turbulence measurement requirements for hypersonic flow fall into three primary areas, 
namely: measurements to define wind tunnel flow quality in facilities to be used in future transition 
experiments, measurements of basic bench-mark flows 10 support turbulence modeling efforts and 
measurements to determine the mechanisms and effects of large scale turbulent interactions in flows 
of immediate practical interest. 

At present, the principal research tools for turbulence measurement in low speed flows are hot 
wire and laser anemometers. In hypersonic flows, hot wires can be used reliably to measure 
treestream mass flux and total temperature fluctuations but cannot be used in flows which involve 
high levels of turbulence, separation or time-dependent flow reversal which are often associated with 
shock/boundary layer interactions (Ref. 2). On the other hand, due to resolution limitations, the laser 
anemometer is not suitable for low turbulence, freestream measurements. But. with its linear and 
directional sensitivity it probably represents the instrument of last resort for the non-tntrusive 
measurement of large scale, unsteady turbulent flows. Thus, it is important that the practical 
problems associated with both hot wire and laser anemometry are addressed and that redundant hot 
wire and laser velocimeter experiments and comparisons be carried out to determine their reliable 
ranges of application. Measurements to support turbulence modeling could then be chosen so that the 
attributes of both techniques could be applied with care. 

A hot-wire anemometer senses any changes in the variables which affect the rate of heat- 
transfer between the wire and the fluid. Variations in heat transfer coefficient can change both wire 
temperature and resistance. If the wire is made part of a suitable electrical circuit, these change can 
be used to generate a signal which is related to the instantaneous heat transfer. Thus, as Morkov.n 
(Ref. 3) points out. for the correct interpretation of the electrical signal we need to know: 1) the 
identity of possible fluid flow variations (eg. turbulence or sound). 2) the laws of heal transfer 
between the wire and fluid, 3) the variation of wire resistance with temperature and the effects of 
conduction to the supports, and 4) the response of the associated electrical system which produces the 
measured current or voltage variations. 

Unfortunately, our knowledge in each of these categories is far from complete and could well be 
responsible for the current lack of reliable data. A recent review (Ref. 4) of supersonic and hypersonic 
hot-wire data taken in zero pressure gradient, adiabatic or isothermal wall boundary layers illustrates 
the problem. Fig. 1, taken from Ref. 4, shows data from several sources for the fluctuating axial 
velocity component The scatter is so large that it is impossible to construe that any form of similarity 

with Reynolds or Mach number exists. The picture is even more confusing when the distributions of 
the other two normal stresses are reviewed (Ref. 4). The measured shear stress distributions (Fig. 2) 
once again show that no pattern of similarity can be observed. Indeed, only Klebanoffs 
incompressible measurements (shown for comparison) approach the anticipated limiting value of 
unity in the wall region. These results give some indication of the deficiencies in the measurement 
techniques and data reduction assumptions. 

The problem is further compounded by the fact that a significant portion of the available studies 
were conducted in wind tunnel nozzle wall boundary layers in which unknown upstream influences 
could have affected the turbulent structure. Also, many measurements have been made with thin 
film gages which have doubtful validity for quantitative turbulence measurements, since substrate 
thermal feedback causes probe sensitivities to vary with frequency. It is particularly serious and 
complex for multiple films mounted on the same substrate which are the type of probes used for 
shear stress measurement. Even with crossed-wire probes, data interpretation is involved and can be 
unreliable. For instance, the t ime-averaged expression for one component of the compressible 
turbulent s hear s tress is (pv)'u' whereas the hot-wire, after questionable assumptions (Ref. 5), 
measures (pu)'v' which differs by a first-order term. Thus, it is clear that systematic investigations of 
fluctuating velocities are still needed, even in zero-pressure gradient compressible boundary layers to 
establish a reliable data base for turbulence modeling. Clearly, hot wire turbulence measurements in 
compressible shear flows still present a formidable scientific challenge. Most flows of practical 
interest can be extremely sensitive to probe interference. Local turbulence levels also normally 
exceed those for which reliable hot wire measurements can be expected. Directional intermittency can 
give rise to substantial hot wire errors (Ref. 6). 

There are other factors which affect the reliability of hot wire measurements in flows where 
more than one mode fluctuation is significant. In these flows, a fundamental hot-wire anemometer 
requirement for meaningful quantitative measurements is one of high-frequency response over a 



wide range of wire overheat ratios. This requirement is needed to separate mass flux and total 
temperature fluctuations in compressible, non-isothermal flows. But it brings out a basic flaw in the 
most widely used tool for current turbulence research, namely, the constant temperature anemometer 
(CTA). This weakness is illustrated by the following equation for the CTA frequency response 

Mcta = M W /(1 + 2rR w G) 1 


where M CTA and M w are the time constants of the anemometer system and the wire alone, 
respectively, r is the wire overheat, R is the wire resistance and G is the anemometer 
transconductance. It can be seen that the CTA frequency response is directly proportional to the wire 
overheat ratio and at low overheat ratios (r-»0) the anemometer system time constant approaches the 
wire time constant. Since M w can range from 1 to 5 ms (frequency response from 32 to 160 Hz), low- 
overheat. constant temperature anemometer measurements are clearly open to question. 

Unfortunately, low overheat measurements are required to determine the total temperature 
fluctuations and the mass flux total temperature cross correlations. But. with the use of compensating 
amplifiers, adequate constant current anemometer response can be maintained even at the lowest 
overheat ratios. Comparisons of the two basic hot wire systems have been made in Ref. 7. These 
measurements clearly show that there will be a need for alternate constant current anemometer 
measurements in many hypersonic flow situations. 

Other sources of hot wire turbulence measurement uncertainty are the assumptions involved in 
reducing the hot wire measurements of mass flux and total temperature fluctuations to terms which 
appear directly in the momentum and energy equations. For example, to obtain the axial velocity 
fluctuation levels, we assume that the flow field is isentropic. This permits us to write the energy 
equation in its differential form as 


1 3 Tt 
a Tt 


(v - DM 2 


3u 3p dp 
u * P ' P 


2 


where a « 1/(1 ^M 2 ) 

Then we consider the equation for the mass flow per unit area and time in its differential form 


3m 3u 
m ’ u * P 


Substituting for dp/p in equation 2 gives 


, 3u dp 3m 3u 
(v- DM — * -f - ~nf♦ TT 


or. collecting terms, we obtain 

3u __1_3Tt _l_r3p 3m i 

u a [ 1 * <y - 1)M 2 1 t < (1 * (y - 1)M 2 ) ^ p 


4 


5 


which, defining 3 = a(y - 1)M 2 , can be written as 

3u _ /_1 _ \3jn / a \r3p 3mi , 

u * l a ♦ $ ' Tt ’ta + S/ lp" m 1 

In past shear layer studies, the effect of pressure fluctuations has been negelected so that, with 

p'/p « 1.0, equation 6 may be written as 

u _ /i _\ Tt_ t ( a \ (pu) ' 7 

u ' q ♦ 8 ' Tt ' oc ♦ 8 ^ (pu) 

Squaring both sides of this equation leads to an expression for the streamwise turbulence 
intensity in the form 

Ul _ / 1 ~| 2 T' 2 + 2 ot (pu)'Tt ’ | / q \ 2 (pu) ' 2 
n 2 'Ot + 8' Tp (a * 8) 2 (pf5Tt) 'q + 8^ (pu) 2 


Clearly the measurement accuracy is governed by a pressure fluctuation assumption which is 
probably not valid in hypersonic flows, and questionable, low-overheat determinations of the first two 
terms in equation 8. The procedures used to evaluate other terms which appear in the momentum 
and energy equations are reviewed in Ref. 5. These analyses show that previous hypersonic hot wire 
measurements could be subject to substantial errors. 

However, recent developments in laser velocimetry facilitate the non-intrusive, linear 
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measurement of complex high speed turbulent flows and the direct measurement of some shear stress 
terms. But, before laser velocimetry can be extended to hypersonic flow, some basic questions must 
be addressed. The primary question is that of particle size requirement for reliable response 
combined with adequate Mie scattering. 

The motion of a spherical particle in a fluid flow has been reviewed and summarized by Hinze 
(Ref. 8). The results show that, given the particle diameter, specific gravity and the local flow 
conditions, the particle response to sinusoidal velocity fluctuations of the surrounding fluid can be 
estimated from 


(d2p p /18*i f )(dV p /dt) = (V f -V p ) = 0 9 

The analysts, which assumes Stokes drag with the Cunningham correction, gives the particle 
response to turbulent fluctuations in the moving frame of reference of the particle. Equation 9 may be 
transformed to 


V p (S)/V,<S) = l/(T p S + 1) 10 

where S is the Laplace operator and T p is the time constant defined as 
T p =d2 Pp /18n f 11 

By substituting io> for S in equation 10, the particle response in the frequency domain may be 
written as 


Vp/V f = l/(T p 2u>2 + 1)0.5 12 

where w is the frequency of the fluid flow fluctuations in radians/sec. However, in the low density 
and static temperature environments associated with hypersonics, corrections are required to the 
Stoke's drag coefficient which extend its range of application to flows where the Knudsen number is 
significant. The form used in Ref. 9 results in a modified time constant which may be writ'en as 

T p = (p r d p 2/l8 (M nl + k L/dp) 13 

where k is the Cunningham constant and L is the mean free path. Clearly, the effect of increasing 
Knudsen number is to degrade particle response. However, when the Knudsen number is large, 
equation 13 shows that relative seed particle response is proportional to the product of the diameter 
and specific gravity rather than the square of the diameter. In hypersonic flow, low static density and 
gas viscosity associated with low static temperature result in relatively large Knudsen numbers. 
Therefore, the use of large diameter, low specific gravity particles becomes a possibility. 

As an example, figure 3 shows some calculated particle response curves for the two operational 
extremes of the AFWAL 20 inch Hypersonic Wind Tunnel. The curves are for M=12 assuming particle 
densities of I gm/cc. Also shown is the response of a 0.1 gm/cc. 5 micron particle of the type used 
previously in combustion studies (Ref. 10). It can be seen that, when the mean free path is large, 
Knudsen number effects dominate the seed particle response to such an extent that the lighter 5 
micron particle response can exceed that of a 1 micron water droplet. Indeed, when the Knudsen 
number is large, the light-r seed material can have essentially the same response as that of a 0.5 
micron droplet. Since the intensity of the scattered light, and hence signal to noise ratio, is 
proportional to the square of the particle diameter and, since the number of photons emitted is 
proportional to the time of (light through the focal volume, the advantages of using large, low density 
particles in some hypersonic flows is clearly evident. 

These initial calculations indicate that final seed particle choice will be governed by the ratio of 
panicle size to mean free path and may well be different in other test facilities. Figure 4 shows the 
significance of this effect. Clearly, the flow conditions in the 20 inch facility and other hypersonic test 
facilities will be in the Knudsen number range where careful choice of seed material must be 
exercised. Mie scattering calculations (Fig. 5) which show the effects of particle size and scattering 
angle on light collection indicate that the use of larger particles may be mandatory in most back- 
scatter applications where the scattered light intensity can be reduced by several orders of magnitude. 

Although, at first glance, particle response appears to be generally poor in hypersonic flows, we 
must remember that the seed material is convected in the Lagrangian frame so that frequency 
response requirements are relaxed by a factor porportiona! to the difference between the turbulence 
convection and the local mean velocities. To compare with hot wire turbulence spectra observations, 
we must convert the frequencies to their equivalent counterparts in a fixed (Eulerian) frame of 
reference. To do this, we assume that the turbulent fluctuations relative to the moving particle 
approximate those observed in a frame of reference moving with the local mean velocity. Thus the 


turbulent frequencies in the two cases are related by a velocity ratio U c /U-U c where U c is the 
turbulence convection velocity. Previous hot wire work in the Ames 3.5 ft. Hypersonic Wind Tunnel 
(refs. 7 and 11 j has shown that the broad band disturbance convection velocity is close to 0.8 of the 
freestream value over most of the boundary layer. Thus, the particle response estimates could well be 
increased by a factor of five. However, close to the wall, where the turbulence levels are highest, 
filtered space-time cross-correlation measurements (Ref. 7) show that the high frequency, small scale 
turbulence is convected at velocities within 5 per cent of the local mean. This indicates that the 
particle response calculations could underestimate the actual response by a factor of twenty. Thus, 
practical particle response may well be adequate for some, if not all. hypersonic flows. 

Particle trajectory calculations also suggest that adequate particle response and recovery across 
shock waves may be possible in some flow situations. Fig. 6 shows the effect of a normal shock on 
particle response in the AFWAL 20 inch and M=6 facilities. In these calculations, the particles are 
assumed to be moving with the gas flow ahead of the shock in a nominal. 0.1 ft. thick boundary layer. 

It can be seen that 3db (Au p /Auf = .707) response could be achieved in distances comparable to or 
smaller than those of the model boundary layer thickness in many flow situations. This arises since 
the density and temperature increases which occur across shock waves dramatically improve particle 
trackability (see Fig. 7). Clearly, extensive particle research will be required to optimize the seed 
materials for hypersonic flows. 

3. EXPERIMENTAL DETAILS 

The hot wire anemometer and laser velocimeter measurements were made in the AFWAL M=6 
High Reynolds Number Wind Tunnel, which is an open jet, blow down facility. It was designed to 
produce a maximum free stream unit Reynolds number of 3xl0 7 per foot and operates over a 
stagnation pressure range from 700 to 2100 psia at a fixed stagnation temperature of 1100 R. The 
supply air is heated in a pebble bed storage heater which allows run times of up to 100 seconds at the 
maximum mass flow rate of 90 pounds per second. The measurements were obtained in the tunnel 
empty free stream and on two model configurations namely, on a zero pressure gradient smooth flat 
plate and in a pressure gradient flow imposed by the introduction of a 30 deg. ramp. 

The freestream hot wire measurements were made with two separate anemometer systems. The 
mass flux fluctuations were determined from high overheat measurements using a constant 
temperature anemometer and the total temperature fluctuations were measured at low overheat 
ratios using a constant current system. The hot wire piobes which had length to diameter ratios of = 
200 were fabricated from 0.0005 inch dia. Platinum-Rhodium wires. Probe fabrication and calibration 
details are given in Ref. 5. 

Two different laser velocimeter configurations were used during the test program. For the initial 
measurements, a single component forward scatter fringe mode system was fabricated and used to 
measure the zero pressure gradient velocity profiles. To avoid unknown contamination from 
upstream flow history, these measurements were made in a fully developed, zero pressure gradient, 
smooth wall boundary layer. The second system, which was used for the ramp flow measurements, 
utilized the 4880 and 5145 Angstrom lines of an argon-ion laser and is shown schematically in Fig. 8. 
One spectral line was used to measure the streamwisc velocity component, the other to measure the 
vertical velocity component. Bragg-cell frequency shifting, a necessity for probing highly turbulent 
and separated flow regions, was incorporated in both spectral lines. The frequency offsets also 
facilitated the direct measurement of the vertical velocity component (i.e. ±45deg. beam orientations 
to resolve the vertical velocity were unnecessary). The laser and most of the optical components were 
fixed on a table where color separation. Bragg-cell frequency shifting and the establishment of the 
four-beam matrix were accomplished. Only the transmitting optics, collecting lens and photo detectors 
moved. The traverse system on the opposite side of the test section from the laser held the collecting 
lens and photo detectors for forward scatter light collection. The traversing system on the laser side 
of the test section supported the transmitting mirrors and lens. 

Seed panicle selection was made from theoretical particle response estimates shown in Fig. 9. 
Bearing in mind the tunnel total temperature requirement, a high flash point fluid (Dow Coming 704) 
was chosen as the seed material. The fluid was injected through a small atomizer ahead of the throat. 
The subsequent nozzle flow accelerations and shear were then sufficient to break up the seed material 
into a fine mist of nominally 0.5 pm particles. With seed mass Mow and injector pressures optimized, 
data rates of up to 600/sec on both channels were obtained. Signal processing in both cases was 
accomplished with single particle burst counters. However, since no coincidence requirement was put 
on the two component arrival times, shear stress calculations could not be made. But, since these 
measurements were made, we have significantly improved our data acquisition and reduction 
capabilities. These are described in the Appendix. 
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4. TEST RESULTS AND DISCUSSION 

4.1 Hot Wire Freestream Measurements 

One of the largest sources of uncertainty in proposed testing of hypersonic flight vehicles will be 
consistent documentation of the extent of transitional flow on wind tunnel test models. However, past 
research has stressed the dominant role that freestream fluctuations have on model boundary layer 
stability at supersonic speeds. Not only do the external fluctuation amplitudes influence transition, 
their spectra are also significant. Unfortunately, freestream turbulence intensity and scale vary with 
facility so that a reliable model transition data base may be difficult to establish. This problem could 
be alleviated if assessments were made of flow quality in facilities which are likely to be used in 
future hypersonic flight vehicle development. These documentations would allow judgements to be 
made as to the meaningful operational range of adequate flow quality in each facility relative to the 
proposed test program. 

With these thoughts in mind, freestream hot wire measurements were made in the M-6 facility 
and have been compared with data obtained previously in the NASA Ames 3.5ft. Hypersonic Wind 
Tunnel and the Langley VDT. The present hot wire data, plotted in mode diagram form, are shown in 
Fig. 10. Since these mode diagrams are linear, the two hot wire sensing variables namely the mass 
flux and total temperature fluctuation levels can be determined from the slope and intercept 
respectively (Ref. 12). The total temperature measurements obtained from the intercept 
determinations have been confirmed by independent constant current anemometer measurements. 
Disturbance levels obtained over the entire operating range are shown in Fig. 11. It can be seen that 
the mass flow fluctuations increase with tunnel total pressure and range from 0.6 to 1.6 per ceni. On 
the other hand, the total temperature fluctuations range between 0.5 and 1.0 per cent. I wo sets of 
data obtained in the Ames 3.5 ft. facility are shown for comparison. The first set was taken in the 
original test configuration, the latter after the tunnel was converted to a free jet test section. The 
lower levels in the AFWAL M=6 facility could be due in part to the favorable influence of flow 
treatment screens installed in the stagnation chamber. 

Hut, if we assume that the disturbances sensed by the hot wire are predominantly sound waves 
radiated from the turbulent nozzle wall boundary layers, the pressure fluctuation levels can be 
estimated from hot wire data. Hot wire theory shows this assumption to be consistent with linear 
mode diagrams which are shown in Fig. 10. The results of these calculations are shown in Fig. 12 and 
comparison made with the Ames HWT and Langley VDT facilities. These results clearly show the 
improved flow quality in the M=6 facility. But. sound is not the only disturbance mode, temperature 
spottiness probably due to non-uniform heating of the supply gas is not negligible (Fig. II). Thus. Ihe 
pressure level estimates from the hot wire data should be viewed as upper bounds, the actual levels 
should be somewhat lower. Direct pressure measurements should confirm this. 

Turbulent integral length scales have also been determined from the hot wire time histories. The 
characteristics of two hot wire signals are shown in Fig. 13. One for a pressure of 930 psia. the other 
for a pressure of I860 psia. These traces clearly show the increased high frequency (smaller length 
scale) contribution at the high tunnel total pressure. Low frequency (large-scale) contributions are 
also apparent in both hot wire traces. In genera), most of Ihe energy is concentrated at low 
frequencies. Auto-correlation measurements show the turbulent integral length scales to be of the 
order of the jet exit diameter. 

4.2 Laser Velocimeter Measurements 

Important methods used to predict compressible turbulent boundary layer flow fields are 
compressible-incompressible transformation techniques. Their appeal is the desire to employ their 
simplicity and accuracy for simple flat plate flows. In Ref. 11, three such transformation techniques 
were used and it was concluded that the Van Driest method was superior when the data were plotted 
in law-of-the-wall and velocity defect coordinates. Accordingly, such transformations should provide 
a check on the accuracy of the mean velocity profiles measured with the laser velocimeter. 

Mean and fluctuating axial velocity profiles were measured at several stations in the zero 
pressure gradient flow. Measurements obtained for a momentum thickness Reynolds number of 8000 
are shown in Fig. 14, which shows the results of the law of tlie wall transformation when the data are 
compared with the incompressible correlation of Coles (Ref. 13). This transformation, made using a 
wall friction velocity based on the calculated local skin friction, confirms the validity of the mean 
velocity measurements. In the law-of-lhe-wall, the data have the correct incompressible slope and 
show a wake-like region near the outer edge of the boundary layer similar to the incompressible 
observations. The same data have also been transformed to velocity-defect variables in Fig. 15. The 
agreement in the outer portion of the boundary-layer is consistent with the wake-like behavior 
displayed in law-of-the-wall variables. Once again, there is good agreement with the incompressible 
correlation. 

A more stringent test of particle response was also made by perturbing the flow with the 







5-7 


introduction of a 30 deg. ramp. A direct comparison of ramp induced effects on the mean and 
turbulent flow fields can be seen in Fig. 16 where measurements obtained at the same streamwise 
station are presented. These measurements obtained at a station 0.3 boundary layer thicknesses 
ahead of the ramp clearly show retardation of the flow due to the imposed adverse pressure gradient 
aud a significant increase in turbulence level over a wide region. The vertical velocity profile 
measured at the same location ahead of the interaction is shown in Fig. 17. Local flow angularity 
profiles across the boundary layer have been calculated from the two component laser measurements. 
These results (Fig. 18), show that particle response ts sufficient to produce local flow angles close to 
the wedge deflection angle in the shear layer just upstream of the interaction. 

The results of the most stringent test of the laser velocimeter measurements are shown in Fig. 19 
where the zero pressure gradient turbulence measurements are compared with Klebanoffs 
incompressible results. There is good agreement between the hypersonic laser velocimeter and 
incompressible hot wire data when normalized by the wall friction velocity. This is in contrast to 
previous hot wire compressible flow results, reviewed in Ref. 7, which show a monotonic decrease 
with increasing Mach number. However, all these past results have been evaluated assuming zero 
pressure fluctuations which we would expect to become more important with increasing Mach 
number. It can be seen from equation 8 that this assumption could have a significant influence on the 
calculated hot wire velocity fluctuations at high Mach numbers. 

A comparison of the zero pressure gradient and ramp induced turbulence level profiles shows 
that the streamwise turbulent kinetic energy for the ramp flow is more than three times that for the 
flat-plate boundary layer. Turbulent mixing length scales, calculated using local rms levels and mean 
flow gradients, are an order of magnitude larger, an indication of the large scale, unsteady character of 
the flow field ahead of the interaction. Turbulence levels based on local mean flow values exceed 30 
per cent in the wall region so that significant hot-wire measurement errors and flow interference 
would arise. At this high intensity, large-scale turbulence results in directional intermittency of up to 
15 per cent ahead of the time-averaged recirculation zone. Clearly, hot-wire measurement errors 
associated with directional intermittency would be considerable (see Ref. 6). 

5. CONCLUDING REMARKS 

Diagnostic tools are available to attempt the measurement of turbulent hypersonic flows, an area 
where comprehensive studies are lacking. However, measurement techniques must be used with 
understanding and care in appropriate test situations. Comparisons of the present laser velocimeter 
turbulence measurements with previous hot wire results indicates that past data reduction 
assumptions can result in significant measurement errors in hypersonic flows. Extensive work is 
needed to establish a reliable data base for turbulence modeling and to define the reliable ranges of 
hot wire and laser anemometer application. 

The laser velocimeter mean flow and turbulence measurements were in good agreement with 
incompressible results and the ramp induced flow angularity measurements were consistent with the 
model configuration. Although these results indicate that adequate particle tracking is possible in the 
M=6 facility, considerable work is still required to optimize seed particle requirements and to define 
the flow regions in which reliable particle tracking can be expected in other hypersonic test facilities. 
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APPENDIX 

Experience has shown that reliable traverse capability and real time data acquisition and 
reduction are a requirement for efficient operation in short duration hypersonic blow down facilities. 
To this end. a computer controlled encoder position indicator system and a data acquisition system 
and software capable of on-line data reduction and display have been built and tested. Traversing in 
three dimensions can now be accomplished by microprocessor controlled, stepper motor driven lead 
screws (Fig. 20). OpF.a' encoders fee.I '..usV position ir.foimation to a desl. top computer so that 
immediate corrections for backlash or slippage on any axis can be made. In addition to computer 
software, the data reuuction system consists primarily of two elements: an event synchronizer and a 
desk top computer as shown in Fig. 21. Each individual realization and essentially simultaneous 
arrival time is recorded. The coincidence requirement ensures that the '■elocities are obtained from 
the same particle. This is a necessary condition for shear stress measurement. Each data point taken 
by the processor contains the information required to calculate the instantaneous velocities u, v, w. 
From these determinations, the average velocities u, v, w, turbulence levels u', v', w' and the cross 
correlations uV, v'w', uV are all calculated. Plots of these parameters are displayed on-line as 
profiles are measured and hard copy is available as required. All the raw and reduced data are stored 
on flexible disks for permanent storage and retrieval. Real time histograms and probability densities 
of all three velocity components are displayed during data acquisition. 
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Fig. I Reynolds normal stress distribution in compressible 
turbulent boundary layers (Ref. 4). 
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Fig. 2 Reynolds shear stress distribution in compressible 
turbulent boundary layers (Ref. 4). 




Fig 3 Particle Trackability in the 
AFWAL 20 inch Hypersonic Wind Tunnel. 
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Fig. 7 Particle Trackabiiity Variation. 




Fig. 9 Particle Response Estimates in the 
M=6 High Reynolds Number Wind Tunnel 




Fig. 10 Mode Diagrams, AFWAL, M = 6.0. 


A 1972 » AMES 
□ 1974 J HWT 
O AFWAL, M = 6.0 


A 

AA 

A 


□ 

□ 


1 1 ■ 1 1 ■ ■ ■ 1 1 1 ■ ' 
10 20 





e 

j_i_i_i_l_ 

10 


A AMES HWT, M = 7.0 
O AFWAL, M = 6.0 


8 8 8 s 8 

J—m 1 -I 1-1 I ) I_L 

20 

(Re/ft)x 10 6 


Fig. 11 Mass Flow and Total Temperature Fluctuations. 
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Fig. 12 Freestream Pressure Fluctuations 


Fig, 13 Hot Wire Traces, AFWAL, M = 6.0, 
Time Scale 1 ms/cm. 















Fig. 14 Law-of-the-wall Correlat'on in 
Incompressible Coordinates. 



Fig. 15 Velocity-defect Profile in 
Incompressible Coordinates. 
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Fig. 16 Mean and Turbulent Velocity Profiles. 















Fig. 21 Data Acquisition System. 
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EXPERIMENTAL INVESTIGATIONS ON BLUNT BODIES AND CORNER CONFIGURATIONS IN HYPERSONIC FLOW 

by 
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Bienroder Weg 3 
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Federal Republic of Germany 


SUMMARY 


Within the framework of some theses hypersonic flows have been investigated theoret¬ 
ically as well as by experiments in the hypersonic facility "Gun Tunnel" of the Institute. 
Some of these activities during the last years are summarized. 

The first problem to be treated here is that of a blunt body of revolution with sub¬ 
sonic blowing in the stagnation point region against the hypersonic main flow. Surface 
pressure and heat transfer measurements have been carried out for two bodies at different 
free-stream Machnumbers and for various blowing rates. Remarkable agreement has been ob¬ 
tained in comparison with a combination of Newtonian and potential theory. 

The second problem discussed in detail is that of the hypersonic flow in corners 
formed by intersecting swept wedges. The corner angle and the leading-edge sweep angle 
have been varied systematically. The flow field has been analysed by means of pitot 
pressure measurements in a characteristic cross-section and the flow structure near the 
wall has been determined from oil flow pictures as well as from wall pressure and heat 
transfer measurements. Strong vortical flows have been detected underneath the corner 
shock system. Starting from a 90° corner of unswept wedges, the heat flux In the corner 
center can be reduced considerably by increasing the corner angle and by sweeping the 
leading-edges back. 


LIST OF SYMBOLS 

A Cross-section area 

D Body diameter 

J Impingement point (Fig. 11) 

M Machnumber 

Re Reynoldsnumber 

R^.R^ Reattachment points (Fig. 11) 

Sj.Sg Separation points (Fig. 11) 

T Temperature 

Tr Triple point (Fig. 11) 

Free-stream velocity 

Y,Z Conical coordinates in the measuring 

plane (Y=y/x, Z=z/x), origin at x-axis 
(Fig. 10) 

V ,7 Conical coordinates in the measuring 
plane, origin at the corner (Fig. 10) 

1 Conical coordinate along the wall of the 

inclined wedge (2=7«s1n0), (Fig. 15) 

b Model span 

c T Momentum coefficient (c. = v.VpT/ v 0 /pT) 

1 1 J J. 

c- Mass flow rate coefficient ( 0 = n./pJlJLp) 

1 Model length 

m. Mass fl>* rate of the ejection (m.'p.v.A.) 

J J J J J 

p Pressure 

q Local heat transfer rate at the wall 

v Velocity In axial direction 

w Local velocity 

x.y.z Rectangular coordinate system (Fig. 10) 


Y Ratio of specific heats 

6 Wedge angle normal to the leading-edge 

e Corner angle (Fig. 10) 

v Kinematic viscosity 

p Density 

* Leading-edge sweep (Fig. 10) 

* Angle between the shear stress direction 
(local flow direction) at the wall and the 
conical direction, positive towards the 
corner center 

Subscripts 

D Based on body diameter 

T State at the dividing stream surface 

W State at a swept wedge 

W,u State at an unswept wedge 

j State in the ejection tube 

1 Based on model length 

max Maximum value 

t Total condition (gas brought to rest 

isentropically) 

2 State behind a normal shock 

® Free-stream conditions 

* Critical conditions 


♦) 


These Investigations have been supported by Deutsche Forschungsgemeinschaft under contracts Schl 5/82 
and Hu 254/2 






6-2 


1. INTRODUCTION 

The hypersonic test facility “Gun Tunnel" of the Deutsche Forschungsanstal t fur Luft- und Raumfahrt 
(DFL) In Braunschweig came into operation in the mid-sixties, see K. Gersten, G. Kausche [ID. Starting 
from three- and six-component measurements the capability of this tunnel has been developed systematically 
to Include pitot and surface pressure measurements, K. Kipke [2D, heat transfer measurements, G. 
Stromsdorfer [3D, as well as flow visualizations by means of an oil-dot technique, W. Mollenstadt [4]. 
Computer aided control of the facility led to a frequency of about 30 runs (shots) per day, which is a 
rather high value for this kind of test facility. 

During the quiet years of hypersonic research the "Gun Tunnel" In Braunschweig remained in operation. 
The ownership changed from Deutsche Forschungs- und Versuchsanstalt fiir Luft- und Raumfahrt (DFVLR) to 
Technische Unlversitat Braunschweig, and the tunnel is now operated at Us original site by the Institut 
fur Strbmungsmechanik of TU Braunschweig. When the investigations of K. Kipke [5], [6], U7] on caret wings 
- which were mainly based on balance measurements - came to a close, new projects have been treated, in 
which special emphasis was given to the application of pressure distribution and heat transfer measure¬ 
ments. G. Stromsdorfer [8] investigated the problem of subsonic blowing in the stagnation point region o* 
a blunt body against the hypersonic main flow. K. Kipke, D. Hummel [9] initiated a long-term program on 
hypersonic flow in corner configurations starting with corners between unswept wedges. This program has 
been continued In the last years by W. Mollenstadt [10D, [11], [12], [13], who investigated corners be¬ 
tween swept wedges and this program will be continued by an extension to unsyirmetric configurations. 

Following here some results of the theses of G. Stromsdorfer [8] and W. Mollenstadt [11] will be dis¬ 
cussed in some detail in order to summarize the activities of the Institut fiir Stromungsmechanik of TU 
Biaunschweig within the last years. 


2. TEST FACILITY 

The experimental investigations have been carried out in the gun tunnel of the institute, which has 
been described originally by K. Gersten, G. Kausche [1]. The actual data of this tunnel are compiled in 
Tab. 1 . The tunnel is mainly operated at a driver pressure of 150 bar. Test gas is the air within the 
barrel (length 6 m, inner diameter 50 mm), which usually starts at atmospheric pressure and temperature 
and which is compressed by the piston to a stagnation pressure of about 150 bar and a stagnation tem¬ 
perature of about 1300 K, see K. Kipke [2]. The flow expands through a conical nozzle the throat part of 
which can be changed in order to alter the Machnumber. At the beginning of each run the vacuum chamber at 
the downstream end of the facility starts at a minimum pressure of 0.4 mbar. The total running time at 
these conditions Is about 100 msec. 

Within this time margin the measurements of the aerodynamic quantities are taken. For surface press¬ 
ure and heat transfer measurements 4 channels for the electric signals from the pressure transducers and 
from the thermo-couples are available. Within the running time of the tunnel on all 4 channels 400 values 
of the signals are taken and stored in the computer. From the time history of these 400 values the time 
Interval can be determined in which constant aerodynamic parameters and thus steady flow conditions are 
present at the model. The corresponding measuring time is about 20 msec and the final measuring value for 
each channel is taken as the arithmetic mean value over the measuring time. 

For atmospheric conditions within the barrel the obtainable Reynoldsnumbers depend on the stagnation 
pressure and the free-stream Machnumber. For a stagnation pressure of 150 bar and a characteristic model 
length of 100 mm the Reynoldsnumber is Re^ = 1.4* 10 6 at a Machnumber of M =8 and Re = 2.0*10 5 at 
= 16. The corresponding Knudsennumbers are Kn^ = 8,5* 10~ 5 and Kn^ = 12• 10” 5 which indicates that 
continuum flows are present. 


Type 

Maximum driver pressure 
Working section (size; type) 

Machnumber range 
Stagnation pressure range 
Stagnation temperature range 
Typical model length 

Reynoldsnumber per nm (at maximum conditions) 

Running time 

Usable measuring time 

Test frequency 

Balance system 

Main use of tunnel 


Gun Tunnel 
500 bar 

0 = 0.16 m; open 
8 to 16 
100 to 500 bar 
900 to 1500 K 
100 mm 

1.5-10 3 to 3*10** 

40 to 300 milliseconds 

20 milliseconds 

30 runs (shots) per day 

Strain-gauge balances (all six components) 

Basic research, force-, pressure- and 
heat-transfer measurements, flow 
visualization by oil-dot technique 


Tab. 1 : Test parameters of the hypersonic gun tunnel of the Institut fUr Stromungsmechanik 
of Technische Unlversitat Braunschweig 
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3. SUBSONIC BLOWING IN THE STAGNATION REGION OF BLUNT BODIES OF REVOLUTION 
3.1 Characteristics of the flow field 

One of the Important problems of hypersonic flight Is to protect the nose region of a blunt body from 
heating. One of the methods to achieve this Is blowing of gas in the stagnation region out of the body 
against the free-stream flow. Basic research on this topic has been carried out by H.M. McMahon [14] and 
C.H.E. Warren [15]. In these Investigations sonic blowing of small mass flow rates from small orifices in 
the body surface has been applied. For this type of blowing the overall heat transfer rate from the flow 
to the body could be reduced, but In some parts of the contour an Increase of the local heat transfer rate 
was found as compared to the stagnation point heat transfer rate. For this reason heat protection by means 
of sonic blowing has not been applied In hypersonic flight vehicles. Later L.M. Tucker [16] investigated 
subsonic blowing with larger mass flow rates from contoured nose orifices In supersonic free-stream flow. 
The measured pressure distributions Indicated that for this type of blowing a uniform reduction of heat 
transfer along the contour might be achieved. Therefore this concept has been investigated experimentally 
as well as theoretically In the hypersonic flow regime. 



Fig. I : Subsonic blowing from a contoured 
orifice in the nose region of a 
blunt body (schematic) 

Stp Free stagnation point 
E End of the straight tube 
contour 


Subsonic blowing from a contoured orifice in the nose region of a blunt body Is sketched In Fig. 1 . 
Between the shock wave and the body a dividing stream surface Is formed which separates the hot outer flow 
from the cool Inner flow of the ejected gas. In Invlscld flow of the same gas on both sides of the divid¬ 
ing stream surface the stagnation pressure Is constant, p.~ * P t <. Put the stagnation temperature may be 
different, T ~ * T. .. At the dividing stream surface in eacn point the static pressure is the same on both 
sides, p^j * Pjy Wls means that 


and 

which can be written as 


At the dividing stream surface a velocity jump is present in the case of different stagnation temperatures 
on both sides. 
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The dimensionless coefficient for the mass flow rate Is 
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If the quantities corresponding to the ejection jet are expressed by the pressure ratio Pt/P t < the 

free-stream quantities are written in terms of the free-stream Machnumber M^, for subson1c l 61ow1ng with 
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For high free-stream Machnumbers M 
suits 


7 the function f(M — ) becomes independent of 


and in the limit re- 


11m f(M ) 
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1/1 -Y Y ♦ 1 -|Y/y-1 
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1)(y + 1) 
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1- 2 


(7) 


This means that for Machnumbers in the range 10 s M s 16 the flow with subsonic blowing does not depend 
on the free-stream Machnumber. The principle of Achnumber Independence in hypersonic flow therefore 
applies also for the case of subsonic blowing. Equ. (5) holds for p./p.,, s P*/P**>. Inserting critical con¬ 
ditions Into equ. (5) leads to J 



( 8 ) 


This is the upper limit of the mass flow rate for which a subsonic flow In the ejection tube is present. 
In addition equ. (5) and (8) indicate that for a given configuration with the cross-sections of tube A. 
and body A~ at constant Machnumber in the ejection tube M., which means constant value of p./p t? in the 
case of subsonic blowing, the parameter J J “ 


j/-Si 

' V T t2 


is the relevant one. It can easily be determined in the experiments and It is therefore used subsequently 
for the presentation of the results. 


The preceding considerations were based on the assumption of inviscid flow. In viscous flow, however, 
the velocity jump across the dividing stream surface leads to the formation of a free shear layer, which 
is very Important for the heat transfer from the hot outer flow towards the body. Shear layers of this 
kind have been investigated by W. Wuest C173. Underneath the ejected flow a boundary layer develops along 
the contour of the orifice in the nose region of the body. For rounded contours as indicated in Fig. 1 
this boundary layer is unseparated and merges further downstream with the free shear layer. Due to the 
large mass flow rates at subsonic blowing It is possible to shift the free stagnation point relatively far 
upstream of the body. In this case a wedge-shaped core of Inviscid flow is placed between the free shear 
layer and the boundary layer in the nose region of the body. This Inviscid flow region blocks the heat 
transfer from the hot outer flow towards the body In the nose region, and this leads to a smooth pressure 
distribution according to L.M. Tucker [163 and to a considerably reduced distribution of heat transfer 
rates without peaks. The benefits of the flow field according to Fig. 1 can only be achieved if the 
ejected flow remains attached at the nose contour. Therefore the orifice has to be contoured In order to 
avoid flow separations. 


3.2 Experimental set-up and test conditions 

The experimental investigations have been carried out in the gun tunnel of the Instltut fUr Stro- 
mungsmechanik of TU Braunschweig, see chapter 2. All runs of the tunnel have been performed for a stag¬ 
nation pressure of 150 bar. The free-stream Machnumber M has been varied between M = 10.8 and M =16.0 
and the corresponding Reynoldsnumbers based on the model diameter were Re n * 2.E^10 5 at M = To.8 and 
Rep^ = 0.6-10 5 at = 16. u - 

Flg. 2a shows a sketch of the ejection system which has been used during the tests. The ejection 
vessel - nad a volume of Vj. = 10 4 cm 3 and Its pressure p K rould be altered continuously. The stagnation 
temperature In the vessel was L. = 300 K for all tests. In the ejection duct between the vessel and the 
model a quickly working magnetic valve as well as an orifice plate were installed. As long as sonic con¬ 
ditions were present at the throat a linear dependence between the mass flow rate and the pressure p K In 
the vessel resulted as shown in Fig. 2b . For non-critical conditions at the throat the calibration curve 
Is dashed, and for p K = p « the flow In the ejection system comes to rest. Before entering the ejection 
tube of the model the ejection flow passed a settling chamber in which the total pressure p. . has been 
measured by means of a pitot probe. The operation of the ejection system in relation to the shm*t running 
time of the gun tunnel has been controlled by the computer which is used to run the tunnel. Details may be 
taken from G. Strbmsdbrfer [8]. The measuring time in which a stationary flow in the ejection system has 
been present was up to 35 msec. 

The contours of the nose region of the blunt body of revolution used in the tests are shown in 
Fig. 3 . These shapes have been designed by the method of E. Eminton [183 to produce a constant pressure 
distribution in two-dimensional flow. These contours have been chosen for the present tests with bodies of 
revolution In order to get a qualitative extension of the measurements of L.M. Tucker [163 to hypersonic 
flow. 

For the experimental investigations two sets of models were available. One of them was equipped with 
pressure holes In the contour in order to measure the surface pressure distribution. In the second set of 
models the contour was manufactured as a thin shell which was equipped by a large number of thermo-couples 
In order to measure the heat transfer rate by means of the transient thin skin method. Details may be 
taken from G. Strbmsdbrfer [33, [83. 

3.3 Calculation of the surface pressure distribution for subsonic blowing with small mass flow rates 

Theoretical investigations of the flow field for the case of subsonic blowing are due to J.R. Baron, 
E. Alzner [193. The dividing stream surface is prescribed and the corresponding body shapes are calculated 
for different mass flow rates. An extension of this method to include a larger variety of dividing stream 
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Fiq.2 : Ejection system (a) and calibration 
curve (b) for the determination of 
the mass flow rate itij 


Fig.j : Shapes of the nose region of the 
blunt body of revolution 
Model 1: d. = 9.24 rim, D = 30 trm 
Model 2: dr = 6.63 mm, D = 30 mm 


surfaces with and without angle of attack has been described by Ch. Y. Wang [20], [21]. The papers men¬ 
tioned so far describe design procedures. A first attempt to calculate a two-dimensional flow with blowing 
for a given geometry at supersonic free-stream is due to W. Wuest [221. The flow field is divided into two 
different parts: The flow within the dividing stream surface is considered to be Incompressible and out¬ 
side the dividing stream surface as compressible. Both solutions are adapted to each other by variations 
of the shape of the dividing stream surface. This idea seemed to be promising to treat the problem of sub¬ 
sonic blowing against a hypersonic free-stream in the nose region of a blunt body of revolution. The cor¬ 
responding calculations are due to G. Stromsdorfer [8], 

For hypersonic free-stream Machnumbers the local Machnumbers behind the shock wave (see Fig. 1) are 
small, and therefore as an additional approximation the flow between the shock wave and the dividing 
stream surface may be regarded as incompressible. If subsonic blowing with very low Machnumbers is con¬ 
sidered the flow within the dividing stream surface can also be assumed to be incompressible. Thus the 
flow in the vicinity of the free stagnation point can be determined from Incompressible flow calculations. 
The following procedure has been applied: 

1) Calculation of the incompressible flow around the given body of revolution with ejection. The free- 
stream Machnumber for this flow should be the Machnumber M, behind the shock wave, but the calculat¬ 
ions have been carried out approximately for M- » 0. Results are the shape of the dividing stream 
surface as well as the velocity distributions on‘the body contour and on the dividing stream surface. 

i1) The dividing stream surface is regarded to be a fixed wall for which the pressure distribution can be 
calculated easily e.g. by means of Newtonian theory. 

ill) Calculation of the final pressure distribution on the body contour starting from the pressure distri¬ 
bution according to H) under the assumption that the shape of the dividing stream surface remains 
unchanged. 

The calculations of the incompressible flow according to Fig. 4 have been carried out by means of an 
extension of the method of K. Jacob [23], in which a distribution of vortex rings on the body contour is 
used. A long tube-like body with the prescribed contoured orifices at both ends has been considered. Due 
to the different stagnation temperatures on both sides of the dividing stream surface the density of the 
incompressible flow is p, » p-. It has been shown by W. Wuest [22] that in this case the quantity w./J" is 
steady at the dividing ^trefln surface. The original method of K. Jacob [23] has been modified by G. 
Stromsdorfer C8] in such a way that wvp" is calculated in the flow field rather than w. Instead of v./v. 
the momentum coefficient J 


v 2 



I 


(9) 
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symmetry plane 



Fig.4 : Calculation of the incompressible 
flow by the method of vortex rings 


Fig,5 : Momentum coefficient c. as function 
of the mass flow rate Coefficient 
c. at high free-stream Machnumbers 

- Theory due to G. Stromsdi>rfer(8] 

O Experimental data according to 
C.H.E.Warren [15)at M = 5.8 

CD 


subsonic blowing - 


- sonic blowing 



Is the governing parameter, which determines the strengths of the vortex rings. Between the momentum co¬ 
efficient c. used in the theory and the mass flow rate coefiicient c. utilized to order the experimental 


L 7 

data exists a relation of the form 


C I 


.i/S" 

n V 


a d 

r i 


( 10 ) 


which has been deduced by G. Stromsddrfer [81 for the limit M «. The result is shown in Fig. 5 and com¬ 
pared to experimental data of C.H.E. Warren [153. 

The shape of the dividing stream surface which turns out from the incompressible flow calculations is 
assumed to be the final one, which occurs behind the shock wave. This dividing stream surface nas been 
regarded as a fixed wall and the pressure and Machnumber distribution on it has been calculated by Newton¬ 
ian theory. 


For the calculation of the final pressure distribution at the body contour in compressible flow the 
fact has been used that the system of the lines of constant stream density and constant potential in the 
flow field Is independent of Machnumber if the Machnumbers are low. According to 0. David [24] the 
velocity distribution along a potential-line is given by the differential equation 


dw dn 

w R(n) 


(ID 


with n as coordinate along t.ie potential line and R(n) as the curvature radius of the streamlines. Under 
the assumption that the curvature 


1 

K(n) = - (12) 

R(n) 


Is a linear function of n, the integration o f equ. (11) can be carried out exactly. For two points (a) and 
(b) on a potential line, having the distance N (arc length) along the potential line the result is for 
Incompressible flow 


", 


Inc 



( 13 ) 
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and for compressible flow yields 



Under the assumption that the net of streamlines and potential lines Is Independent of Machnumber, the 
exponential expression in equ. (14) may be taken from the solution for incompressible flow, equ. (13), 
which leads to 


(15) 


To apply equ. (15) one has to locate points of equal potential on the dividing stream surface and on the 
body contour In incompressible flow. For known values of w . and w. . from calculation (1) and for 
the given value M in the point at the dividing stream sffffare accorofiig c to calculation (11) the Mach¬ 
number M. and correspondingly the pressure ratio p/p t - can be calculated for the point at the contour. 
Further details may be taken from 6. Strtimsddrfer C81, 


3.4 Experimental results and comparison with theory 

For model (1), see Fig. 3a, the pressure distribution Is shown in Fig. 6 for various free-streem 
Machnumbers M and different mass flow rate coefficients c*. Simple NewtonTan theory is the limit of the 
method acconfing to G. Strdmsdbrfer [83 for c- * 0. In this case within the orifice, s/D <0.1, the 
agreement between theory and experiments was expected to be poor because of the overall concave shape of 
the body In this region, but for s/D > 0.1 in the outer region of the contour the agreement betw een theor y 
and experiment Is acceptable for this limiting case. For small values of the blowing rate, c* /T777T7T x 
0.059 and 0.079, the agreement between theory and experiment Is good. For c* /T ./T. ? « 0.113 m ^ w 
the differences between theory and experiment increase considerably. m ln this case the 

ejection Machnumber is about M, * 0.5 and this means that the assumption of low ejection Machnumbers is no 
longer fulfilled. The coi ncidence of the results for different free-stream Machnumbers In the plots of 
Fig. 6 Indicates that c* /T7./T. 2 ’ is the governing parameter which influences the pressure distribution. 
Simi lar res ults are J shown In Fig. 7 for model (2). For low values of the parameter 

c m ^tj' 't2 a 9 reero€nt between theory and experiments is remarkably good. 

The results for the heat transfer measurements on model (1) are shown in Fig. 8. All heat transfer 
rat es q are based on the largest local value q^ « without blowing. With increasing blowing rate 
Sn ^ti^tZ the heat transfer is considerably reduce!?>rong the whole contour of the blunt body. No local 
J heat transfer maxima occur. At M * 10.8 a certain Increase of the heat transfer rate Is 




Ffg.6 . Pressure distribution on model (1). Pressure distribution on model (2). 

Comparison between theory and expe- Comparison between theory and expe¬ 
riment riment 
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Mg.8 : Distribution of heat transfer rate 
on model (1) 


Fig.9 : Distribution of heat transfer rate 
on model (2) 


observed when the blowing rate goes up from c- /T ,/T , - 0.057 to 0.124. This effect might be due to the 
fact that the boundary layer becomes turbulent at these relatively high blowing rates. 
Similar results have been found for model (2) as shown in Fig. 9 . The reduction of the heat transfer rate 
Is quite remarkable. Some minor differences exist between - 10.8 and - 16.0 since the Reynolds- 
numbers were also different. 


3.5 Conclusions 

The experimental results reported here as well as the related theoretical investigations on subsonic 
blowing from a blunt bouy of revolution against a hypersonic free-xtream l»d to the following conclusions: 

I) The local and the total heat transfer on a blunt body can be reduced considerably by subsonic blowing 
of relatively large mass flow rates. This Is due to the fact that with Increasing blowing rate a 
wedge-shaped core of Inviscld flow Is placed between the free shear layer at the dividing stream sur¬ 
face and the boundary layer at the body nose which blocks the heat transfer. 

II) For high free-stream Machnumbers, H the pressure distribution depends on the blowing parameter 

c m /T t/ T t7 ' 

ill) For the calculation of the pressure distribution a reliable method has been developed by G. 
Stromsdorfer [8] In which a combination of Newtonian theory and Incompressible flow calculations is 
used. 
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4. LONGITUDINAL FLOW IN CORNERS OF INTERSECTING WEDGES 
4.1 General Features of the flow field 

Hypersonic flight vehicles are subject to considerable thermal stress due to kinetic heating. High 
heat transfer rates are not restricted to the nose region and the wing leading-edges as discussed In 
chapter 3, but they occur similarly also in the junctions between wing and body as well as In rectangular 
air intakes. The spectacular damages at the X-15 research aircraft are well known. 

Measurements of pressure distribution and heat transfer In various corner configurations caused by a 
hypersonic longitudinal flow .have been carried out among others by P.C. Stalnback [26], P.C. Stalnback, 
L.M. Weinstein C263 and R.A. Jones C27], The first investigations on the corresponding structure of the 
flow field are due to A.F. Charwat, L.G. Redekopp [28] for the supersonic flow In a 90°-corner between two 
wedges. The general features of this type of flow are shown schematically In Fig, 10 for the case of a 
swept corner configuration. At supersonic free-stream velocity the flow field can be divided In two parts: 
In the outer region Invlscld flow Is predominant. A shock system Is formed which consists of the two wedge 
shocks, the connecting corner shock, two embedded shocks and two slip surfaces. Embedded shocks and slip 
surfaces are necessary In order to fulfil the shock relations in the vicinity of the two intersecting 
lines between the wedge shocks and the corner shock. The pressure distribution generated by this shock 
system has a strong influence on the formation of the viscous layer In the corner region, Due to the 
embedded shocks flow separations occur In the Inward directed viscous flow, which leads to highly 
non-uniform distributions of static pressure and local heat transfer rate along the walls. In hypersonic 
flow the shock system Is located close to the configuration and a strong Interference between the boundary 
layer flow and the outer shock system takes place. 

Further experimental Investigations of the flow field in 90°-corners have been carried out at M^ ■ 19 
and 2n Ly '.w. xeyc:, R.D. Watson [291, R.D. Watson, L.M. Weinstein C303 and R.D. Watson [31], whereas 
J.E. West, R.H. Korkegl [32] analysed mainly the Invlscld outer flow regime at supersonic speeds. 
Measurements at 60°- and 90°-corners at M * 11 are due to R.J. Crescl, S.G. Rubin, C.T. Nardo [33]. An 
unsymnetrlc configuration with the combination of a flat plate and a wedge has been Investigated at 
M =■ 12.5 by J.R. Cooper, W.L. Hankey [34], In this case a shock system without corner shock has been 
otSserved. Similar results have been obtained by H.-J. Schepers [35] for a plate/wedge combination at 
M =■ 8.8. Summaries of the existing knowledge on the three-dimensional flow separations in axial corners 
a?e due to R.H. Korkegl [36] and D.J. Peake, M. Tobak, R.H. Korkegl [37], 

At the Institut fur Strdmungsmechanlk of TU Braunschweig In 1972 a long-term program on hypersonic 
flow In axial corners has been started. The first investigations were concerned with symmetric corners 
between unswept wedges. Wedge angle, comer angle and free-stream Machnumber were varied systematically. 
The results have been published by K. Kipke, D. Hummel [9], Later this program has been extended to 
include also a systematic variation of the sweep angle for symmetric corners of intersecting wedges with 
different corner angles. These Investigations are due to W. Mollenst'dt [11-13]. Some of these results are 
summarized subsequently. 


4.2 Experimental program 

The measurements have been carried out In the gun tunnel of the Institut fur Strdmungsmechanlk of TU 
Braunschweig, see chapter 2. All runs of the tunnel have been performed for stagnation pressures of 150 
bar. The free-stream Machnumber has been varied between M - 12.3 and M = 16.0 and the corresponding 
Reynoldnumbers, based on the model length 1, were Re, « 5.11)5 and Re, ■ f.7 . 105. 

All corner configurations Investigated so far were symmetrical With respect to the plane through the 
apex and the (a/2)-11ne, see Fig. 10. The comer angles were e * 60°, 90° and 120°, the wedge angles nor¬ 
mal to the leading-edges a = 6.3°, 8.0° and 10.0°, and the sweep angles of the leading-edges * * - a0°, 
0°, 15°, 30°, 45° and 60°. In part I of the program corners between unswept wedges have been considered 
and the varied parameters were the Machnumber as well as the wedge angle and the corner angle. In part II 
corners between swept wedges were Investigated and the varied parameter was the sweep angle at constant 
wedge angle and constant Machnumber. The dimensions of all models were 1 ■ 100 mm in free-stream direction 
and b = 50 mm perpendicular to It. 


The test program for both parts of the Investigations may be taken from Tab,2 . Pitot pressure 
measurements have been carried out In a plane normal to the free-stream close to the model end at x = 
0.9-1. In order to check the conicalness of the flow field some measurements have also been performed at 
x * 0.4.1 and x - C.6-1. Four pitot probes with an outer diameter of 1 mm have been traverseo 


Tab.2: Test program for the measurements in correr configurations 
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a) 



b) 


c) 




Fig.11: Experimental results for the -30°swept 
90°-corner [12] 

a) Pitot pressure isobars P„/P„ in 

the flow field ^ 

b) Wall pressure distribution 

c) Wall heat transfer distribution 

d) Flow direction at the wall (reduced 
7-scale) 


Fig,12: Experimental results for the unswept 
90°-corner [9,12] 

a) Pitot pressure Isobars P„/p„ in 
the flow field 

b) Wall pressure distribution 

c) Wall heat transfer distribution 

d) Flow direction at the wall (reduced 
7-scale) 


simultaneously in an area of size 30 mm x 30 Dm. About 800 runs of [he tunnel were necessary to analyse 
all details of one flow field. The wall pressure and heat transfer measurements have been carried out in a 
section at x » 0.9-1. The heat transfer rates were determined by means of the transient thin skin 
technique as described by 0. L. Schultz, T. V. Jones [38] and G. Stromsddrfer [3]. The measuring device 
which contained 11 thermo-couples could be adjusted In different positions in the surface of the corner 
models in order to achieve a dense distribution of measuring points within the section under 
consideration. 

For the visualization of the flow at the wall an oil-dot technique has been applied. For this purpose 
a fluid had to be found with relatively low values of viscosity, whicn does not vaporise under vacuum 
condition of 0.5 am Hg pressure and which leads to a distinct displacement of the droplets within the very 
short running time of 100 msec. Initially vacuum oil was used for this purpose, see K. Klpke, D. Huewel 
[9]. Later W. Mdllenstidt [4] detected a well suited combination of an especially prepared model surface 
by means of an adhesive film and droplets of dibutylester (C g H,o0 4 ) supnlied with a red-eolnured powder 
formalH«hyd-resin. Curing the tests the shear stress arts’ si the droplets and leads to considerable 
deformations. Local fiow directions and qualitative values for the shear stress can easily be evaluated 
from deformed droplets after the run of the tunnel. 








6-11 



F1g,13: Experimental results for the 30°swept 
90°-corner [12] 

a) Pitot pressure isobars P t ?/P t -, In 

the flow field “ 

b) Mall pressure distribution 

c) Mall heat transfer distribution 

d) Flow direction at the wall (reduced 
?-scale) 


Fig,Id: Experimental results for the 60°swept 
90°-corner [12] 

a) Pitot pressure Isobars p t ,/p„ In 

the flow field “ 

b) Mall pressure distribution 

c) Mall heat transfer distribution 

d) Flow direction at the wall (reduced 
?-scale) 


4.3 Results 

4.3.1 Basic properties of the flow In a 90°-corner 

General features of the flow field In a 90°-corner may be taken from Fig. 11 . which shows the results 
for a -30° (forward) swept configuration. The pitot pressure Isobars In the measuring plane are drawn In 
Fig. Ua. Since the flow field Is syewetrlc with respect to the (9/2)-11ne the upper part of the diagram 
shows the measurements and in the lower part the Interpretation Is riven. In the corner region the system 
of wedge shock, corner shock, secondary or embedded shock and slip surface can be detected. The shocks are 
characterized by a steep Increase of the pitot pressure, which Is strongest for the comer shock. Behind 
the shocks pitot pressure plateaus at different levels are present. For the measured shock positions the 
strengths of all shocks can be calculated from the shock relations and the corresponding pitot pressure 
plateau values are in good agreement with the measured ones. The shocks Interfere along the line between 
the wedge shock ana the comer shock which Is marked In the measuring plane by the triple point Tr. Due to 
the different pitot pressure levels on both sides the slip surface Is also characterized by a pitot 
pressure Jump. The slip surface divides the flow through the comer shock from that through the wedge 
shock which crosses also the embedded shock. On both sides of the slip surface J.e same static piess’im is 











present, but different velocities tangential to the slip surface as well as different pitot pressures and 
therefore different values of the entropy exist. According to Crocco's theorem the slip surface is a 
vortex sheet. The slip surfaces from both sides tend to meet at the plane of symmetry. Therefore the flow 
through the corner shock does not reach the Inner part of the corner flow field. The flow behind the 
embedded shock and in front of the slip suface is not yet parallel to the wall. The corresponding changes 
In the flow direction towards the corner center Is achieved by passing some expansion and compression 
regions as Indicated In Fig. 11a. Finally In the corner center very high pitot pressures have been found 
but the peak values In the hatched regions of the flow field could not be determined due to limitations of 
the available pressure transducers. 


Underneath the wedge shock a decrease of the pitot pressure towards the wall Is observed. The onset 
of the pitot pressure reduction marks the outer edge of the boundary layer. In conical coord1nat“' the 
flow within the boundary layer Is directed Inwards. At 2 * 0.1 oval Isobars show a relative pitot pressure 
minimum, which has been Interpreted by K. Kipke, D. Huninel [9] as a total pressure loss due to a vortex In 
the viscous layer. The corresponding flow separation Is caused by the pressure rise due to the embedded 
shock and It occurs already far upstream at and the corresponding reattachment line lies at Rj. 

The measured pressure distribution at the wall Is shown In Fig. lib. Its slope Is similar to that In 
two-dimensional flow underneath a shock Impinging on a boundary layer as described e.g. by L. Lees, 
B. L. Reeves [39]. According to [39] the separation takes place at S, far upstream of the point of 
Impingement (1. plateau) and Increases downstream to the value at reattachment R. (2. plateau). In the 
present situation this scheme Is modified by the strong vortex In three-dimensional flow, which produces 
additional negative static pressures at the wall. Underneath the primary vortex a positive pressure 
gradient In “-direction Is present which leads to a secondary separation at S, and corresponding 
reattachment at Rj. i 

The positions of separation and reattachment lines have been taken from oil flow pictures. A 
quantitative evaluation Is shown In Mg. lid. The angle v between the wall streamlines and the conical 
direction Is plotted against the coordinate Y. Posltlv values of v Indicate a flow towards the corner 
center whereas negative values belong to a flow directed outwards. The effect of the second wedge on the 
flow at the wedge under consideration starts at the conical line A at ! ■ 0.7 which may be regarded as an 
Influence border, which Is located far more outwards than e. g. the second wedge shock. Fig. lid Indicates 
that the flow In the corner region converges at the separation lines S, and S„ and diverges at the 
reattachment lines R, and R_. At these lines the flow follows the conical tines at^y - 0. Between S. and 
R, a primary vortex S's formed and between S- and R ? a smaller secondary vortex is present als sketched 
schematically In Fig. 11a. This kind of vortex formation Is well known from delta wings with subsonic 
leading-edges, see e. g. D. Hunrnel [40], Due to the strong primary vortex a large portion of the viscous 
layer finally moves outwards and does not reach the corner center. Correspondingly the viscous layer 
becomes very thin close to the corner center. This means that In the region of R high energy invlscld 
flow comes very close to the corner center and causes very high wall pressures and heat transfer rates 
there. 

The measured heat transfer rates are plotted In Fig. 11c. It turns out that In the region of the 
reattachment line R, the heat transfer rate Is 7 times as large as on an unswept wedge. A second, relative 
heat transfer maxlmQm Is found In the vicinity of the reattachment line R, of the secondary vortex. This 
correlation between the reattachement lines and the heat transfer maxima has also been observed by R. D. 
Watson [31], J. R. Cooper. W. L. Hankey [34], J. W. Keyes, R. D. Watson [29] and R. D. Watson, 
L. M. Weinstein [30]. 


4.3.2 Effect of leading-edge sweep 

The Figs. 11 to 14 show a series of experimental results In which the leading-edge sweep angle y has 
been varied between , - -30° and , - +60°. With Increasing sweep angle $ the pitot pressure level In the 
corner region reduces, all shocks are weakened and the whole shock system moves slightly Inboard as 
Indicated by the partial diagrams a) In Figs. 11 to 14. For unswept wedges, Fig. 12a, the wedge shock Is 
parallel to the Y-axis. However, for swept wedges. Figs. 11a, 13a, 14a, the wedge shock Is Inclined 
against the Y-axis since the distance of the wedge shock from the wedge changes In Y-dlrectlon due to the 
increased or reduced distance between the leading-edge and the measuring plane depending on the sweep 
angle. With Increasing sweep angle the slip surfaces meet closer to the corner center and the embedded 
shock Impinges more and more normally on the viscous layer. 

According to the partial diagrams b) In Figs. 11 to 14 for small sweep angles j,| s 30° the maximum 
wall pressure in the corner reaches about 4 times the swept wedge value. The maximum wall pressure 
decreases considerably with Increasing sweep angle , and the width of the corresponding plateau Is also 
reduced. 

The partial diagrams c) In Figs. 11 to 14 show that the maximum heat flux In the vicinity of the 
reattachment line R, Is highest for unswept corners, for which the maximum heat transfer rate Is 10 times 
as large as for the 1 unswept wedge. With Increasing sweep angle , the maximum local heat transfer rate Is 
considerably reduced. 

According to the partial diagrams d) In Figs. 11 to 14 the Influence border A Is located at Its 
outermost position at Y > 0.7 for unswept wedges. The comer shock system Is located at Y < 0.2. This 
means that the Interference effects between the two wedges extend through the subsonic boundary layer 
further outwards than the direct effect of the supersonic shock system. With Increasing sweep angle X the 
comer effect reduces considerably and the influence border moves Inwards. Correspondingly the strengths 
of the primary vortices and of the secondary vortices within the viscous layer are reduced and for large 
sweep angles. Fig. 14d, the secondary separation disappears. The whole vortex system moves Inwards with 
Increasing sweep angle 
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Fig,15: Experimental results for the 45°s»ept 
60°-corner [12] 

a) Pitot pressure Isobars p,,/p t , In 

the flow field lc ”° 

b) Wall pressure distribution 

cj Wall heat transfer distribution 
d) Flow direction at the wall (reduced 
7-scale) 


Flq.16: Experimental results for the 4S°swept 
90°-corner [IE] 

a) Pitot pressure Isobars p.,/p,, In 

the flow field tz tz °° 

b) Wall pressure distribution 

c) wall heat transfer distribution 

d) Flow direction at the wall (reduced 
7-scale) 


4.3.3 Effect of corner angle 

In part I of the test program according to Tab. 2 the comer angle e has been varied systematically 
between e * 60° and e * 120° for comers between unswept wedges. The results have been published by K. 
Klpke, 0. Hummel [9]- In the course of the Investigations of W. WBllenstSdt [12] the corner angle e has 
also been varied for corners between swept wedges. Examples of this kind are shown In Figs, 15 to 17 and 
discussed subsequently. 

The partial diagrams a) Indicate that the pitot pressure level In the corner region Is considerably 
reduced for Increasing corner angle e. The shock system moves Inboard and all shocks weaken. The 
Impingement angle between the embedded shock and the outer edge of the viscous layer Is very flat for 
9 ■ 60°, but Its value Increases rapidly with increasing corner angle. 

According to the partial diagrams b) In Figs. 15 to 17, at small corner angles a plateau of high wall 
pressures In the Inner part of the corner exists. With Increasing comer angle e this pressure plateau 
disappears and the maximum wall pressure values are considerably reduced. T his means that the pressure 
gradients are smaller and therefore the flow separations are weakened. The partial diagrams d) In Figs. 15 
to 17 Indicate weaker flow separations with Increasing comer angle, and for 9 =120° the secondary 
separation disappears at all. Corresponding to the Inboard movement of the shock system with Increasing 
comer angle the corner effects In the viscous layer decrease considerably In width. The Influence border 
A as well as the separation lines S,, S, and the reattachment lines R,, R, move Inwards with Increasing 
comer angle. 
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Fig.17: Experimental results for the 45°swept 
120°-corner [12] 

a) Pitot pressure Isobars p. 9 /p.~ In 

the flow field l ^° 

b) Wall pressure distribution 

c) Wall heat transfer distribution 

d) Flow direction at the wall (reduced 
7-scale) 
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Fig. 19: Maximum heat transfer rate 6 
—— max 

as function of corner angle 8 
and sweep angle * 


The partial diagrams c) In Figs. 15 to 17 show the effect of the corner angle on the heat transfer 
rates. Since the position of maximum heat flux is correlated with the reattachment line R,, the region of 
maximum heat transfer moves inboard and the maximum values are reduced considerably with increasing corner 
angle. 


4.3.4 Reduction of maximum values for wall pressures and heat transfer 

In the course of the experimental investigations of K. Kipke, 0. Huarnel [91 and W. Mollenstadt [121 
reductions of the maximum values for static wall pressure and heat transfer rate due to variations of 
corner angle e and of leading-edge sweep 4 have been found. The possible reductions of these maximum 
values by variations of the two governing parameters are sumaarized subsequently. 

Fig. 18 shows a schematic diagram of the pressure distribution along the wall in a comer 
configuration. The maximum value in the comer center is P-j, and far away from the comer the undisturbed 
value for the swept wedge Py is reached. In the lower partTTf Fig. 18 the wall pressures are based on the 
wall pressure of an unswept wedge Py . In order to be able to show the results in this manner, some 
additional pressure measurements on Swi^t and unswept wedges far away from the corner have been carried 
out. The measured pressure ratio Py/Py is plotted as a function of the sweep angle a. The well known 
reduction of Py with increasing 4 tumy u out. The ratio Py/ P y ,, has also been calculated from the shock 
relations using the measured shock positions. The agreement irrh the directly measured data is good. The 







6-15 


lower diagram In Fig. 18 shows the maximum wall pressure p / p^ as functions of the sweep argle * for 
different corner angles 0. Both parameters have a big influence. Tne highest values are found for unswept 
wedges, 4 * 0°, and with Increasing sweep angle a considerable reduction is achieved. On the other hand 
the maximum wall pressure Increases very much with dec«c^>ing corner angle 6. In an unswept 90°-corner 
p Is 4 times as high as In a 60°swept 90°-comer. If the corner angle is reduced from 90° to 60° the 
weages have to be 45 <> swept to obtain the same maximum wall pressure as in the unswept 9 0°-corner. Small 
values of the maximum wall pressure are achieved for combinations of high sweep angles and large corner 
angles. 

Finally Fig. 19 shows the maximum heat transfer rate as functions of the sweep angle 4 for different 
corner angles e.fn the diagram the maximum heat transfer rate is based on the value for an unswept wedge. 
Measurements for swept wedges in the absence of a corner are not available. The maximum heat transfer rate 
decreases with Increasing sweep angle and It Increases with decreasing comer angle. In an unswrpt 
60°-corner the maximum heat transfer rate is 14 times as high as for an unswept wedge. For 90°-corner$ the 
maximum heat transfer rate can be reduced to about 40% by applying a sweep angle of 4 = 60°. If the corner 
angle is reduced from 90° to 60° the wedges have to be 45°-swept to obtain the same maximum heat transfer 
rate as in the unswept 90°-corner. Small values of the maximum heat transfer rate are achieved for 
combinations of high sweep angles and large corner angles. 


4.4 Conclusions 

The results of a long-term program on the axial flow In corner configurations according to K. Kipke, 
0. Hummel [93 and W. MollenstSdt [123 have been summarized. The investigations have been carried out in 
the gun tunnel of the Instltut flir Strbmungsmechanlk at TU Braunschweig, The corner models were composed 
of two intersecting wedges with wedge angles <5 * 6.3°, 8.0° and 10.0°. The corner angles e * 60°, 90° and 
120° have been investigated In combination with leading-edge sweep angles 4 * -30°, 0°, 15°, 30°, 45° and 
60°. The free-stream Machnumbers were M * 12.3 and 16.0 corresponding to Reynoldsnumbers Re-, = 5 ■ 10 s 
and 1,7 • 10 5 . 

The conical interference flow has been investigated In one cross-section normal to the free-stream 
direction on each model. Pitot pressure measurements In the flow field show the position of the shock 
system, consisting of corner, wedge and embedded shocks and slip surfaces. With increasing leading-edge 
sweep and increasing comer angle, a displacement of the shock system towards the center of the comer, 
accompanied by a strong reduction of the pitot pressure level, was found. The flow structure near the wall 
was determined from oil flow pictures, wall pressures and the pitot pressure measurements. Within the vis¬ 
cous layer strong vortex flows have been observed, which are close to the center of the corner and consist 
of primary and secondary vortices, whose intensities decrease with Increasing corner angle and with In¬ 
creasing leading-edge sweep. The highest static wall pressure occurs In the vicinity of the reattachment 
line of the primary vortex. Its value decreases with Increasing corner angle e and with increasing sweep 
angle 4 . The maximum value of the heat flux at the wall was also found at this reattachment line. For an 
unswept 90°-corner Its value is about 10 times as high as the heat flux on an unswept wedge. This high 
heat flux can be considerably reduced by increasing the corner angle e and by sweeping the leading edges 
back to 4 * 60°. 
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DRIVING MECHANISM OF UNSTEADY SEPARATION SHOCK MOTION IN HYPERSONIC INTERACTIVE FLOW 

D. S. Dolling and J. C. Narlo II 
Department of Aerospace Engineering and Engineering Mechanics 
The University of Texas at Austin. Austin, Texas 78712 


SUMMARY 

Wall pressure fluctuations have been treasured under the unsteady separation shock wave in Mach 5 tur¬ 
bulent interactions induced by unswept circular cylinders on a flat plate. The wall temperature was adia- 
bctic. A conditional sampling algorithm has been developed to examine the statis"ics of the shock wave 
motion. The same algorithm has been used to examine data taken in earlier stu-'les in the Princeton 
University Mach 3 blowdown tunne 1 . In tnese earlier studies, hemicylindrically blunted fins of different 
leading-edge diameters were tested in boundary layers which developed on the tunnel floor and on a flat 
plate. A description of the algorithm, the reasons why it was developed and the sensitivity of the re¬ 
sults to the threshold settings, are discussed. The results from the algorithm, together with cross cor¬ 
relations and power spectral density estimates suggests that the shock motion is driven by the low- 
frequency unsteadiness of the downstream separated, vortical flow. 


1. INTRODUCTION 

Since the early 1950’s, it has been known that shock-induced turbulent boundary-layer separation is a 
highly unsteady process. In early work on step-induced interactions [I], and In later studies employing 
many different model geometrir ' [2], the unsteadiness was evident from randomly shot sequences of micro¬ 
second spark shadow and schll iren photographs, or from high-speed cinema records. Although such optical 
methods readily reveal unsteadiness, the results are difficult to interpret even for two-dimensional 
flows. This is because the. photograph represents the integration of the light beam across a spanwlse 
rippling shock structure. Consequently, other than providing estimates of the shock motion length scale, 
little quantitative information has been obtained from them. 

Klstler, in 1964, was probably the first to make quantitative measurements and to document the char¬ 
acter of the wall pressure signal, Pv(t) , near separation (3]. Kistler's tests were made using piezo¬ 
electric transducers in forward-facing step flows a k Mach numbers of 3 and 4.5 . A typical pressure 
signal, which has all of the features observed by Kiitler but from the present study (a separated flow 
Induced by a circular cylinder), is shown in Figure 1. The moving separation shock generates an inter¬ 
mittent wall pressure signal whose level fluctuates between that characteristic of the undisturbed incom¬ 
ing boundary layer and that downstream of the shock wave. Since Kistler’s work, pressure signals such as 
these have been measured in a wide variety of interactive flows at speeds from transonic to hypersonic 
(i.e.» Refs. 4-14). They all show qualitatively similar results. Much of the early work {4-7] was moti¬ 
vated by the need for engineering estimates of the fluctuating pressure fi Id around high-speed vehicles. 
More recently, the resurgence of interest in the unsteadiness has been motivated largely by the realiza¬ 
tion that physically accurate interpretations of mean flow data and an understanding of the flow field 
mechanisms requires a knowledge of the flow dynamics. In most of these more recent studies, the emphasis 
has been on the separation process [8-14]. 

One of the most fundamental questions about this unsteadiness is that of the driving mechanism behind 
it. Andreopoulos and Muck have recently addressed this question [14]. In their experimental study, Pv(t) 
was measured at several stations in the intermittent region in three, nominally 2-D, compression ramp 
flows in a high Reynolds number Mach 3 airflow. Of the three flows, two were separated, and the other was 
in a condition of incipient separation. The pressure signals were analyzed using a conditional sampling 
algorithm. In this algorithm, the measured pressure signal is converted into a square wave of amplitude 
unity and varying frequency (Fig. 2). The time T^ between consecutive passages of the shock wave over 

the transducer can then be determined, and the probability distribution for T^ can be constructed. The 

distribution is highly skewed with the mean period, T , significantly larger than the most probable per¬ 
iod, T [14]. “ 

P 

Andreopoulos and Muck found that was approximately 7.7 5^^/U^, w here 6 q and are the undis¬ 

turbed boundary layer thickness and freestream velocity, respectively. Further, T^ was independent of 

both position in the intermittent region and ramp angle (i.e.. Independent of shock strength and, hence, 
apparently Independent of downstream flow conditions). The mean shock frequency, f^ , (=1/T ffl ) was equal 

to O.nu^/d . which Andreopoulos and Muck point out is the same order aa the estimated bursting frequency 

of the incoming turbulent boundary layer. This apparent correlation with th A bursting frequency and the 
independence of f^ on the downstream flow field led these investigators to conclude that the ’’incoming 

boundary layer is the moat likely cause triggering the shock wave oscillation'' [14]. 

This conclusion does not fully explain certain features of the shock motion. First, with fixed free¬ 
stream conditions and fixed 6 , It Is known that the atreamwise length scale of the separation shock 
o 

motion, L , depends on the particular flow field under study. For example. In hemicylindrically blunted 

fin flows, L is of order D , where D is the fin *eading-edge diameter [15]. Hence, can vary from 

a fraction of 6 to several 6 depending on D . If the shock wa/e was convected by turbulent bursts, 
o o 

L might be expected to remain constant for fixed incoming conditions. Of course, it is possible that 

different driving mechanisms exist in different flow-, but the commonality of rms distributions, ampli¬ 
tude probability densities, power spectral density estimates and many other global and detailed features 
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suggests a conaaon origin. Second, careful examination of the conditional sampling algorithm of reference 
14 by the current authors has suggested that a large number of "false" shocks were counted which signifi¬ 
cantly increases f^ . This will be elaborated on in sections 3.2 and 3.3. 

These observations led to the current Investigation, the first results of which are presented in this 
paper. The study consists of two parts: 

(i) a series of tests has been made of the separation shock-induced pressure fluctuations In 
interactions Induced by circular cylinders in the Mach 5 blowdown tunnel of The Universi¬ 
ty of Texas at Austin. Details of the experiment are given in section 2. The data have 
been analyzed using a new conditional sampling algorithm designed to avoid the problem 
mentioned above. 

(ii) wall-pressure fluctuation data taken in hemicylindrically blunt fin-induced interactions 
at Mach 3 have been re-examined using the new algorithm. These data were taken by the 
first author in the 20 cm. x 20 cm. (Bln. x Bin.) Mach 3 blowdown tunnel of the Gas 
Dynamics Laboratory of Princeton University. Mean wall pressures, distributions of the 
rms of the fluctuations and some spectral analysis have been reported in Reference 8. A 
description of the facility and models, the instrumentation, and data acquisition tech¬ 
niques are also given in Reference 8. In summary, fins with D - 1.27 cm (0.5 in.) and 
2.54 cm (1.0 in.) were tested in incoming turbulent boundary layers with thicknesses 
ranging from 0.3 cm. to 1.6 cm. The pressure signal was digitized at rates from 20-400 
kHz. Up to 72 data records (1024 points per record) were taken at each station. 

In this paper, the new experimental study and some of the results from It are described first. The 

results from applying the same algorithm to the earlier data are then presented and compared with the new 

findings. 


2. EXPERIMENTAL PROGRAM 

2.1 Mode 1 s and Test Facility 

The tests were conducted in the Mach 5 blowdown facility of The University of Texas at Austin. 
This facility has a 17.8 cm. x 15.2 cm. (7x6 inch) lest section. All the tests were conducted on a 
full-span flat plate, 43.7 cm. (18 in.) long, mounted at zero angle-of-attack. Two miniature Kulite pres¬ 
sure transducers were installed upstream of an unswept cylinder which was approximately 33 cm. (13 in.) 
downstream of the te9t surface leading edge. The transducers were mounted flush in a 7.6 cm. v 3 in.) di¬ 
ameter circular plug which was mounted flush with the surface of the flat plate. The circular plug could 
be rotated so the transducers could be aligned stres-Tvise or spanwise to the freestream flow. 

Cylinders with diameters of 1.27 cm. (0,5 in.) and 1.90 cm. (0.75 in.) with heights of 5.08 cm. (2.0 
in.) and 7.62 cm. (3.0 in.), respectively, were used. Based on the criterion of Reference 16, their 
heights were effectively semi-infinite. The cylinder was moved relative to the transducers. Over the 
range of travel (at maximum 2.54 cm.), the change in incoming flow conditions had a negligible effect on 
the interaction properties. 

2.2 Instrumentation 

The pressure transducers, Kulite model XCQ-062-1TA, were 0.29 cm. (0.115) inches center-to- 
center. This was the closest spacing possible due to physical limitations. The transducers have external 
diameters of 0,162 cm. (0 0o4 in.) with a pressure-sensitive diaphragm 0.071 cm. (0.028 in.) in diameter. 
The natural frequency is quoted as 250 kHz by the manufacturer. Full-scale output is nominally 225 mv 
for 15 psi giving a sensitivity of 15 mv/psi. The transducers were calibrated statically, since shock 
tube tests with similar designs have shown that dynamic calibrations are only a few percent lower than 
those obtained statically!17]. The combined non-linearity and hysteresis are quoted as 0.5X full scale 
with repeatability of 0.IX full scale. 

The out ut from the transducers was amplified by a PARC, Model 113, amplifier giving a signal in the 
range 0-10 volts. The signal was then low-pass filtered using an Ithaco filter. Model 4213, with the 
cut-off set to either one-half the sampling rate or, for sampling rates greater than 100 kHz, it was set 
at 50 kHz. This was because the dynamic response of rhe pressure transducers is limited to approximately 
50 kHz. The signal was digitized by a 12-bit A/D converter which outputs 0 to 4096 counts for inputs 
of 0 to 10 volte. Noise on the system was ±2 counts which resulted in an overall resolution of 
±0.005 psi. Additional details concerning the instrumentation are given in Reference 18. 

2.3 Flow Conditions 

The freestream and incoming turbulent boundary-layer properties are given in Table 1 and Figure 
3 which show the mean velocity profile, plotted in wall coordinates. The boundary layer deveupcd natur¬ 
ally on the upper surface of the flat plate. No trips were used. The measurements match the combined 
wall-wake law well. The skin friction coefficient deduced from the curve fit is within 10X of that pre¬ 
dicted using the van Driest II method. 

2.4 Test I chnlque 

First, Che intermittent region was mapped out for each cylinder. The sampling rate used was 
250 kHz and at each station 70 records were taken on each channel (1 record - 1024 data points). Sev¬ 
eral stations wr e then selected for further detailed analysis. At these positions, the number of records 
taken was increased to 400 (the limit of the data acquisition system) and the sampling rate was reduced 
to 100 kHz. 
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TABLE l. Freestream and Boundary Layer Properties 


Freestream Hach Number, M*, 

4.96 1 .02 


Freestream Velocity, U^, 

741 m/s 

2430 ft/s 

Freestream Reynolds Number, 

R 55 * 10 6 m~ 1 

e® 

16.8 * 10 6 ft' 1 

Stagnation Pressure, P 

o 

2.09 * 10 6 N/m 2 ±1* 

303 psia 

Stagnation Temperature, T^ 

327 K tlX 

590°R 


3. RESULTS AND DISCUSSION 

3.1 Conditional Sampling Analysis 

The main thrust of the present work was to determine the frequency distribution of the shock 
wave motion using a conditional sampling technique. This technique transforms the pressure signal into a 
box-car function which is then analyzed statistically. The technique employs upper and lower thresholds 
to distinguish between those pressure fluctuations induced by the shock and those characteristic of the 
turbulent boundary layer both upstream and downstream of the shock. Before the results are presented, the 
algorithm itself is discussed since understanding its operation is crucial for appraising the results in 
section 4. 

3.2 Upper Threshold Calculation 

Transformation of the pressure signal into a box-car function requires careful thought. An obvious 
requirement is that shock waves in the original signal must also exist in the transformed signal. Since 
the original signal is that of a turbulent flow, precautions must be taken to ensure that turbulent fluc¬ 
tuations are not Inadvertently counted as shock waves. 

tn earlier work, pressure signals were simply "eyeballedand a threshold pressure was selected a6 
the level just above the largest pressure fluctuations characteristic of the boundary layer [9,14]. Eye¬ 
balling the signal separately at all stations helps avoid problems due to d.c. offsets and drift, but is 
highly subjective and it is difficult to be consistent from station to station. To avoid such problems, a 
systematic technique for calculating the threshold level(s) has been developed. 

The first step is to calculate the mean pressure, P , of that fraction of the signal corresponding to 

the undisturbed boundary layer for signals in the intermittent region. Only a brief explanation of the 
method is given below. The detailed programming Is given in Reference 18. First, the minimum pressure in 
each record was determined and the average for N records was calculated to give ^ mln * Once P m j n Was 

calculated, a "window" of width 0.01 psi was stepped upwards through the signal in increments of 0.005 
psl, starting at P At each step, the number of data points within the window was counted. The win¬ 

dow position at which the greatest number of data points occurs brackets P m . This is because the bound¬ 
ary-layer pressure fluctuations are distributed normally and the probability is a maximum at the mean 
value. Figure 4 illustrates this process. 

Once P was obtained, the standard deviation, ° , of the pressure fluctuations in the boundary 

m p 

layer was calculated since this is needed for setting the upper threshold level, • Since these fluc¬ 
tuations have a Gaussian distribution, the probability of finding points at any chosen values above or 

below P can be defined once o is known. A value of P + 4.5o was chosen for T_ , since the 
m p m p L 

probability of finding points greater than 4.50^ above the mean is 0.0000068 (i.e., chances of 1 in 
147,000). Hence, pressures above are characteristic of the flow downstream of the shock wave, and 

pressures below T^ are characteristic of the undisturbed boundary layer. This approach sets T^ consis¬ 
tently Just above the largest pressure fluctuations of the boundary layer, and automatically takes care of 
any small d.c. offsets or drift on the signal from run to run. The process is automated and requires no 
subjective input from the user. 

3.3 Transformation of the signal 

Once T^ is calculated, the signal can be transformed into a box-car function. Two methods were ex¬ 
amined. The first was a single threshold method similar to that of Reference 14. Data points are checked 
sequentially and the passage of a shock over the transducer in the upstream direction is considered to 
have occurred if the first point is below T^ and the second is above it. Termination of the shock occurs 

when this criterion is reversed. The problem with this simple approach is that the resulting box-car does 

not accurately reflect the original signal. 

Close examination of the box-car shows that many "false shock waves" can occur with this algorithm. 
Figure 5 (resketched from data presented in Ref. 14) shows the inclusion of four shock waves, labeled A, 

B, C and D. chat are not in the original record. The "false shocks" are actually turbulent fluctuations 

and occur at high frequency. The inclusion of these waves in the box-car drives the mean frequency higher 
and alters the shape of the probability distribution. Examination of many cases shows that no matter what 
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threshold ’.:vd io chosen, turbulent fluctuations such as those labeled A and B will Inadvertently create 
41 false shock waves." 

The second method used f w r all of the results presented in this paper uses 2 thresholds. The upper 


one Is given by T. 


♦ 4.5o and the lower oue by T 


Is used so that the small amplitude 


*2 ‘a ' "'“'"p v, " s *' #ww * vt ‘1 'm‘ A 1 

pressure fluctuations present on the signal are not counted as shock waves. The detailed programming Is 
also given in Reference 18. A brief discussion of how it works is as follows. Initially, a "toggle" that 
determines if a data point has a lower value than is set to an "off" state. The algorithm then checks 

successive data points. If the first point is less than T„ and the second point is greater than T. and 


the "toggle" is "off," this marks the start of the passage of a shock wave. This event initializes the 
process that determines the time between successive shock waves. The "toggle" is then set "on," and fur¬ 
ther crossings of T^ are not counted until a data point has a value below T^. Termination of the shock 

wave occurs when this happens, and the "toggle" is then reset to "off." This process largely eliminates 
the counting of turbulent fluctuations as shock waves. 


However, this algorithm introduces a new problem. If in between two very closely spaced shock pas¬ 
sages, ? w (t) does not fall below before increasing again, the toggle is not reset and what is in re¬ 

ality two shock passages is only counted as one. As might be expected, at low intermlttency, y . when 
significant time spans of undisturbed boundary-layer flow exist betveen successive shock passages, this is 
not a problem, but at moderate to large y it is more severe. To examine this problem, a sensitivity 
analysis was made in which the effects on of varying T^ and were investigated. 

The results at low and mid-range y are shown in Figures 6a and 6b, respectively. The parameter 
plotted on the horizontal axis is n , where n is given in the expression T^ - ♦ no^. Careful exam¬ 
ination of the results shows that different problems occur with different pairs of Tj and T^. Because of 

apace constraints, only the more salient results and conclusions are listed below. The reader is referred 
to Reference 19 for details. For a fixed T^ * increases as T^ Increases because P tf (t) now has to 

drop below a progressively higher pressure level for the toggle to be reset. However, when ^ » T^, t * ie 
method becomes a single threshold technique and the same problems as discussed earlier occur. With T^ 
equal to ♦ 30p, then P w (t) must just fall with the range of the boundary-layer fluctuations for the 
toggle to be reset. However, for this setting of T Jf must be set significantly higher to avoid shock- 

induced turbulent fluctuations (occurring as it moves downstream over the transducer) from being counted 

as shocks. Setting T. * P ♦ 6o or above provides the necessary discrimination, and f is then rela- 
l p ® 

tively insensitive to increases in 

In conclusion, although different combinations of T^ and T^ can be justified physically and argued 

for on rational grounds, any particular pair lacks discrimination with respect to turbulent fluctuations 
generated either upstream or downstream of the shock wave. This means that the mean shock frequency can¬ 
not be pinpointed with precision. However, it can be bracketed within a fairly narrow range. The bound¬ 
aries of this range are essentially given by the cases T. ■ P , T » P ♦ 4.50 (this results in the 

I m / m p 

lower boundary since P (t) must fall below P to reset the toggle) and T, - P ♦ 3o , T. ■ P ♦ 6o 
v m Imp2®p 

(for which the toggle is reset when P^ falls below the upper pressure level typical of the undisturbed 
boundary layer). As expected, the variation in between these boundaries is small for lew y. (Figure 

6a, for y * 0.2, shows a variation from 0.55-0.65 kHz.) At higher Y (Fig. 6b), the variation is larger 
(I.2-1.5 kHz). However, the bounds of this range, as discussed later, do not overlap the ranges of other 
characteristic flow frequencies such that the lack of precision in specifying f does not lead to ambi¬ 
guities in drawing conclusions. 


4. DISCUSSION OF RESULTS 

4.1 Incoming Boundary-Layer Properties 

In a Mach 5, (740 m/s) 5mm thick, turbulent boundary layer, pressure fluctuations at frequencies 
as high as several hundreds of kilohertz are to be expected. The transducers used cannot resolve such 
high frequencies for several reasons. First, the finite size of the transducer limits the resolution cf 
the high-frequency components of the signal. Schewe [20] has studied this problem and, from careful mea¬ 
surements and correlations of incompressible and subsonic data, shown that normalised by the free- 

8tream dynamic pressure q w Is a function of the normalised transducer diameter, d + (d + - du^/v). The 
"ideal" transducer has d + sr 20. Under the present flow conditions and using the smallest available trans- 
dacer, the value of d + was approximately 770. Extrapolation of Shewe's results suggests that the mea¬ 
sured a /q will be about 40-50Z of that of the "ideal" transducer. The current result (o /q “7.7 * 10 4 ) 

p « P 

ia shown correlated with data from other studies in Figure 7. The value is about 60X of that predicted by 
the semi-empirical correlation of Lowaon [21] and about 30Z of that predicted by Laganelli et al. [22]. 

Second, the usable frequency range ia limited by the natural frequency of the diaphragm and the ef¬ 
fects of the protective screen. Testa have shown that beyond 45-50 kHz the response is no longer flat and 
resonance effects become significant. The power spectrum in the linear-log form G(f) -f/<£ va f, where 

G(f) ia the power level and f is the frequency, is shown in Figure 8. There are two points worthy of 
note. First, there is little low-frequency contamination by tunnel noise, so the latter does not 


contribute significantly to the overall 


Second, as expected. 


the energy level increases with increas- 

ls 


ing f . There is some suggestion of a plateau and subsequent roll-off around 40-30 kHz, but this 
probably due to transducer limitations. Future tests with a new transducer with frequency response up 
300 kHz will resolve this. 


The cross-correlation R (£»t) of the two signals (transducers streamvise) for -30 u s i t 1 ♦ 50ps; 
PP 

is shown in Figure 9. It is evident that, in this boundary layer and with this spacing, a sampling rate of 

250kHz does not adequately resolve R . The maximum value of the correlation is bracketed between t=4 

pptnax 

and 8 us. These correspond to broad-band convection velocities of 370 and 730 m/s, respectively. A simple 

linear extrapolation between adjacent data points, as indicated by the hatched lines gives R * = .84 

pptnax 

at T * 5.9us, corresponding to a broad-band convection velocity of 496 ra/s, approximately 0.67U . The 

average of the phase speeds, summed over the range 0-50 kHz, gives an average phase velocity of 530 m/s, 
approximately 0.72U w . These values agree reasonably well with results of other studies (Fig. 10). Simi¬ 
larly, R of 0.84 (for K/ d* “ 1.33) agrees reasonably well with other results (Fig. 11). 

pptnax ' 

4.2 Mach 5 Cylinder Interactions 

Distributions of the mean wall pressure, normalised rms level, and intermittency are shown in 
Figures 12, 13 and 14, respectively. The intermittency is the ratio of the number of data points counted 
when the toggle is in th“ "on" stat* to the total numhi., u f dat* points. Tl.e separation iocanona, oo- 
tained trom surface flow visualisation, are indicated by ’S.’ The trends are identical to those of earl¬ 
ier studies indicating that these particular flows have no features peculiar to this blowdown facility. 

Distributions of f^ are shown as a function of y in Figure 15. In both cases, has a maximum 

value at y a .5 . This result differs from the findings of Reference 14 where it was observed that f 

m 

was independent of position within the intermittent region. It is probable that this result is a feature 
of the single-threshold algorithm as described earlier. The present results show verv clearlv that f 

m 

changes from station to station. Examination of the pressure signals for different values of y confirms 
this qualitatively. From Figure 16, which shows sample time-histories for y * .25 and .75 , it can be 
seen that the average time between successive passages cf the shock wave occurs at different intervals. 

The distributions of f^ for both cylinders are similar in shape but have different maxima. The max¬ 
imum frequency for the 1.27 cm and 1.90 cm cases is approximately 1.6 and 1.2 kHz, respectively. The 

fact that they differ suggests that the motion is in some way influenced by the downstream separated flow 

dynamics since the Incoming flow conditions are constant, and only the cylinder diameter is changed. Most 

significant is the observation that the magnitudes of the maximum mean frequencies are more than two or¬ 

ders of magnitude less than a typical large eddy frequency (i.e., l*,^/6 q . 120 kHz) and one order of magni¬ 
tude less than the estimated boundary-layer bursting frequency (of order 10 kHz). 

Probability distributions for the shock wave period were constructed at each station. In all cases, 
the distributions are highly skewed with T^ * T^. Results for y - 0.2 and 0.5 are shown in Figure 17. 

The distribution for the smaller-diameter cylinder is more compressed (i.e., higher probability of finding 
shorter periods and vice-versa). For example, at y * 0.5, the probability of finding periods greater than 
2 ms is very small for D * 1.27 cm, whereas for D - 1.9 cm, the maximum period is about 3 ms. An inter¬ 
esting feature is that, although T^ is a function of y (for a fixed D) and a function of D (for a fixed 

y), T^ remains approximately constant (- 0.4-0.5 ms) at all stations for both cylinders. 

Power spectral density estimates provide additional quantitative support for the above findings. Al¬ 
though power spectra calculated using the entire signal present different information than the probability 
distribution for the shock period alone, they show very clearly that the large amplitude, high-energy 
fluctuations (i.e., those caused by the shock wave) fall in a fairly narrow low frequency band. Power 
spectra at the same stations a6 the probability distributions of Figure 17 are shown in Figure 18. The 
data are also plotted as f. G(f)/o* vs. f, rather than the more usual log-log form. This method high¬ 
lights dominant frequency ranges in the signal. The results show that the high-amplitude pressure fluctu¬ 
ations generated by the shock wave motion are distributed In the range of 0.2 to 2-3 kHz. This is the 
same range of frequencies as indicated in Figure 17. There is very little energy at frequencies of the 
order of the bursting frequency. In both figures, and all other spectral plots, the effects of changing 
D are evident. With increasing D, the curves retain their basic shape but are shifted towards a lower 
range of frequencies. 


Initial cross-correlations of the transformed box-cars for the two transducers suggest that the shock 
wave is not convected by the large-scale structures In the incoming boundary layer. The cross-correlation 
for two transducers at X/D « 3.15 (y -.65“ ) and X/D * 2.92 (y « *34 ) for the 1.27 cm. case is shown 
in Figure 19. There are two maxima, one at t ■ -32ue and the other at +2Bps, corresponding to the aver¬ 
age time delay between the rise and fall in pressure on the two signals as the shock moves upstream and 
dowratream, respectively. From these values of t and the transducer spacing, the average shock velocity 
in the upstream and downstream direction was calculated as 91 m/s and 104 m/s, respectively. Without 
detailed analysis at other stations, and preferably additional tests at higher sampling rates (to improve 
the resolution of t), it cannot be stated with any certainty that the downstream velocity is higher than 
the upstream one or that these velocities are truly representative. However, both are relatively small, 
of order 20X of the incoming boundary layer broad-band convection velocity. Since the shock velocity in 
the downstream direction is a small fraction of this convection velocity, it seems unlikely that the 
incoming turbulence acts as the driving mechanism of the motion. However, before definitive conclusions 
can be drawn, the probability distribution of the shock velocities muat be calculated and examined since 
the average velocities from the correlation may be misleading. 
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4.3 Mach 3 Blunt Fin R«-ExaainatIon 

aa a function of Intermittency la shown in Figure 20 for fins with D - 1.27 cm. and 2.54 
cm. The figure includes results for the model on the tunnel floor (5 - 1.6 cm.) and on a full span flat 

plate (4 q - .3 cm.). In these boundary layers, large eddy frequencies (U,./^) are of order 36 kHz and 190 
kHz, respectively. Two conclusions can be drawn from the Figure: 

1) for a given diameter blunt fin, f is Independent of 6 t a t least over the range tested 

(5:1 variation in thickness); ° 

2) f^ is dependent on D , and decreases with Increasing D (i.e., Increased Interaction 

and separated flow length scale). This result is the same as that observed using cylinders 

at Mach 5. 

The maximum frequencies in the Mach 3 flow do not differ much from those at Mach 5. For the 1.27 cm. fin 

at Mach 5 and Mach 3, the maximum frequencies are approximately 1.6 kHz and 1.1 kHz, respectively. The 

higher frequency corresponds to the higher Mach number and freestream velocity, U w . This observation sug¬ 
gested examining the possibility that a Strouhal number might be formed using as the normalising 

velocity. Aa a first attempt, the length scale selected for normalization was D . Table 2 shows the 
pertinent parameters used in the calculation of the Strouhal number. 

TABLE 2 


Case 

Mach # 

D(cm) 


f m (kHz) 

fD / u « 

fL /U 

seo 00 

1 

4.96 

1.27 

740 

1.6 

.027 

.071 

2 

4.96 

1.90 

740 

1.2 

.031 

.075 

3 

2.95 

1.27 

590 

1.1 

.024 

.050 

4 

2.95 

2.54 

590 

0.7 

.030 

.063 


The reasonably good correlation in terms of such simple parameters suggests that they might play a 
role in, or be related to, the parameters pertinent to the underlying driving mechanisms. Since D con¬ 
trols the length scale of the separated flow, L , (defined as the distance from the fin or cylinder 

sep 

leading edge to the primary separation line as indicated by surface tracers), L was also used to cal- 

sep 

culate a Strouhal number. These values are shown in the right-hand column of Table 2. The scatter is 
somewhat greater than with D suggesting that the geometric parameter is more Important than the overall 
separated flow length scale. It is highly probable that a more physically appropriate velocity would be 
some average value characteristic of the upstream flow in the primary vortex, rather than the freestream, 
but this velocity is not known or easily deduced. However, it is likely that it would depend on the 
freestream velocity and, hence, might be a suitable parameter. 

Probability density distributions for the shock wave period and power spectral density estimates were 
also calculated. The results for Y t 0.25 and 0.5 are shown in Figures 21 and 22, respectively. Cross- 
correlations could not be computed since all the tests at Mach 3 were made using a single transducer. 
Neither the probability distributions nor power spectra are as well-resolved as the Mach 5 data (fewer 
records were taken), but the shapes of the curves and the trends with D are the same. With decreasing 
D, the probability disirlbutions show the shift towards larger periods and the power spectra show the 
shift toward lower frequencies. 


5. CONCLUDING REMARKS 

Wall pressure fluctuations have been measured under the unsteady separation shock wave in inter¬ 
actions Induced by circular cylinders in a Mach 5 airflow. The wall temperature condition was adiabatic. 
A conditional sampling algorithm has been developed to examine the statistics of the shock wave motion. 
The same algorithm has been used to examine data taken in earlier studies in the Mach 3 blowdown tunnel at 
Princeton University. In these earlier studies, hemicylindr-tcally blunted fins with different leading- 
edge diameters were tested in different incoming boundary layers. Initial analysis show that: 

1) The mean frequency of the shock wave is a function of position in the intermittent region 
and reaches a maximum at an intermittency of about 501. These frequencies calculated using 
the conditional sampling algorithm are supported quantitatively by independent spectral 
density calculations. 

2) Probability dlatributlons for the shock wave period are highly skewed at all stations such 
that the most probable and mean frequencies are different. Although the mean frequency 
varies with intermittency and hence position, the most probable frequency does not change 
significantly from station to station. 

3) Tha cylinder and blunt fln-lnduced flows exhibit the same general trends. The mean shock 
wave frequency la dependent on the cylinder or fin leading-edge diameter, D , and decreases 
as D increases. For a fin with fixed D, the mean shock frequency la independent of the 
incoming boundary-layer thickness over the range tested (5:1 variation). 

4) The maximum mean frequency generated by different diameter cylinders and flna at the two 
Mach numbers can be correlated reasonably well by forming a Strouhal number using D and 






as normalising length and velocity scales, respectively. The Strouhal numbers are In 

the range 0.024 to 0.031. More data over a wider range of conditions is needed to evaluate 
the validity of this approach and these parameters. 

5) Initial cross correlations of the conditionally sampled signals for the Mach 5 cylinder 
flows show that the average upstream and downstream velocities of the shock wave are rela¬ 
tively small {about 20? of the broad-band convection velocity in the incoming turbulent 
boundary layer). However, before the motions in either direction can be fully character¬ 
ised, additional cross correlations at other pairs of stations are required. 

6) The low, mean shock wave frequencies (relative to either the large eddy frequencies or 
estimated bursting frequency) and the low shock wave velocities (relative to the broad-band 
convection velocity of the incoming boundary layer) do not support the view that the motion 
is triggered by turbulence in the incoming boundary layer. Rather, it suggests that the 
motion is coupled to the lower frequency motion of the downstream separated flow. 
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Figure 3 Mean Velocity Profile of Incoming 
Boundary Layer 


Figure 1 Typical Intermittent Pressure 
Signal near Separation 




Figure 4 Calculation of Boundary Layer Mean 
Pressure for Stations in the 
Intermittent Region 
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Figure 10 Convection Velocity in Longitudinal 
Direction (from Ref 26) 
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Figure 11 Maximum of Cross Correlation in the 
Longitudinal Direction (from Ref 26) 
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Figure 12 Mean Wall Pressures as a 
Function of X/D 
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Figure 15 Mean Shock Wave Frequency as a 

Function of Intermittency (Mach 5) 

































Figure 19 Cross Correlation of Pressure 
Signals in Intermittent Region 
(transducer streamwise) 
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Figure 21 Probability Distributions of Shock 
Wave Periods (Blunt Fins, Mach 3) 
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SUMMARY 

An experimental investigation was conducted into the effects of leading edge sweep 
and bluntness on the flow characteristics of a glancing shock wave turbulent boundary 
layer interaction generated by a fin-on-plate configuration. A series of sharp swept 
fins (covering angles of sweep from 0 to 75°) and a series of blunt unswept fins 
(ranging in leading edge diameter from 0 to 25.4 mm) were tested at incidences of up to 
30° at a Mach number of 2.4 and a freestream Reynolds number of 2.6 x 10® m"l. 
Observations of the mean flow were made using oil flow visualisation, static pressure 
measurements, schlieren photography and vapour screen visualisation techniques. In 
addition, some limited measurements of the unsteady static pressures beneath the 
interaction were taken. Flow field models are proposed to include thu effects of sweep 
and bluntness and the governing parameters controlling the extent of the disturbed flow 
and the pressure levels beneath the interaction are examined. 

1. INTRODUCTION 

Glancing shock wave boundary layer interaction is an important type of three 
dimensional inviscid/viscous interaction which can frequently have a significant effect 
on the 'ideal* performance of, for instance, air intakes and control surfaces. It is 
important for designers of hypersonic vehicles tc be able to identify the instances 
where strong interactions of this type may occur and to determine the region over which 
the effects associated with the interaction are significant if the vehicle is to be 
both aerodynamically and structurally efficient. The configurations examined in the 
present study are illustrated in Figure 1. This investigation represents an extension 
of the work performed by Kubota* on the interaction generated by a sharp unswept fin. 
Kubota proposed a flow field model to describe the development of the flow with 
incidence as shown in Figure 2(a). At low incidences, the sidewall flow remains 
attached and the main features of the flow are a small corner vortex and an induced 
flow from the fin surface which travels from the high pressure region on the fin 
towards the low pressure region upstream on the sidewall. These manifest themselves in 
the surface flow as a separation line on the fin surface and an attachment line on the 
sidewall surface. For small incidences the induced flow does not present a sufficient 
obstacle to the oncoming sidewall boundary layer to cause it to separate. However, as 
the incidence is increased there comes a point at which separation occurs and the flow 
on the sidewall separates resulting in the flow illustrated in Figure 2fb). 

The application of bluntness to the leading edge of an aerodynamic surface as a 
means of alleviating the stagnation point or attachment line heating rate has been 
found to have important Implications on the magnitude of the interaction generated in 
the immediate vicinity of the fin or wing root whereas the effect of sweep on the sharp 
fin interaction has only recently begun to receive attention. It was therefore the aim 
of the present study to examine the manner in which Kubota's flow field model could be 
modified to include the effects of sweep and bluntness and to investigate the effects 
on the overall pressure levels and interaction extent over a broad range of geometric 
conditions. 

2. EXPERIMENTAL ARRANGEMENT 

The tests were carried out in the 229 mm x 229 mm working section of the 
continuous supersonic wind tunnel of the College of Aeronautics. The tunnel is fitted 
with an interchangeable two-dimensional asymmetric nozzle. Static pressure surveys 
throughout the test region indicated that the flow Mach number was 2.40 + 0.05. The 
tunnel stagnation pressure is automatically controlled and was maintained at 
approximately 25.3 kNm~ 2 . Similarly, a watercooling system kept the total temperature 
at abput 293 K resulting in a freestream Reynolds number in the working section of 2.6 
x 10^ m’l. Under these conditions, the sidewall turbulent boundary layer velocity 
(99.5T) thickness is 15.2 mm with displacement and momentum thicknesses of 3.8 mm and 
1.0 mm respectively. Previous measurements by Kubota have shown that the wall 
conditions at M - 2.4 are very nearly adiabatic. 

The two sets of fin models which were employed are shown in Figure 3. (In 
addition, some tests were also made with the semicones shown.) The models were mounted, 
with the aid of brackets on their leeward side, to circular inserts on the working 
section sidewall as illustrated in Figure 4. 

* Present address: Hunting Engineering Ltd., Reddings Wood, Ampthill, UK 
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The blunt models were of sufficient height to satisfy the criterion proposed by 

Dolling and Bogdonoff^ for the interaction at the fin root to be unaffected by the 

finite height of the model. This was confirmed by schlieren photographs of the root 
flow. For the purpose of the surface oil flow visualisation, the fin and surrounding 
sidewall were painted matt black to provide high contrast with the mixture of oil and 
titanium dioxide which was applied. A steady oil flow pattern was produced 
approximately five minutes after the required working section conditions had been 
reached. The oil flow studies were used to check that the fin mounting did not 
influence the flow in the test region. 

Static pressure measurements on the sidewall were made using two rotatable 

pressure tapped sidewall inserts containing up to 220 tappings in a rectangular matrix. 
Checks made with these inserts failed to show any incidence hysteresis effects in the 
static pressure footprint of the interactions. The static pressures were measured using 
a Setra 239 0-0.5 psi differential pressure transducer mounted in a Scanivalve Model 
9D pressure scanning system. The signal from the transducer, when amplified, was 

digitised and stored on 5 1/4" floppy discs under the control of a CBM Pet 
microcomputer. 

In order to determine the shape and position of the shock produced by each fin in 
the absence of any interaction (referred to as the freestream shock location), a 
conventional single pass schlieren/shadowgraph system was employed together with sting 
mounted models. In the case of the swept leading edge fins, an appropriate set of delta 
wing models was constructed and the centreline shock angle determined. The flow field 
in the neighbourhood of the blunt fin leading edge sidewall junction was also examined 
using schlieren photography. 

3. RESULTS AND DISCUSSION 

Effects of Sweep 

Firstly the influence of sweep on the interaction surface pressure footprint will 
be discussed. Figure 5 shows the isobars on the sidewall beneath the interaction for 
the j\_ = 30, 45, 60 and 75° sweep models at an incidence of 13°. It is apparent that 
as the sweep is increased so the overall surface pressure level of the interaction 
falls and the lateral extent of the disturbed flow decreases slightly. The fall in 
pressure level might be expected because of the reduction in freestream shock angle, as 
shown in Figure 6, and the reduced compression between the shock and the fin surface. 
Typical pressure distributions at two stations parallel to the fin are shown in Figure 
7(a). In an attempt to collapse these distributions, the asymptotic value which the 
pressure might be expected to approach at large distances downstream was considered. 
For any value of Y/6 , as defined in Figure 7, as Xjk tends to infinity so the 

pressure approaches the value on the centreline of the corresponding delta wing. These 
delta wing centreline pressures were estimated using the linearised theories described 
by Jones3 and Puckett**. (It is recognised that linearised theory underestimates the 
centreline pressures, however its use was justified on the basis of simplicity.) The 
distributions when nondimensionalised in this way are shown in Figure 7(b). The 
collapse suggests that the delta wing centreline pressure is a valid scaling parameter 
for the pressure levels beneath the interaction when the leading edge is swept. It is 
thought that the use of methods such as thin shock layer theory or that described by 
BabaevS would result in an even better collapse of the data and a closer prediction 
of the downstream asymptotic pressures, particularly at higher Mach numbers. (Note 
however that the overshoot of the limiting value shown in Figure 7(a) at the station 
close to the fin is due to the influence of the attachment line in this region as shown 
in Figure 2.) Although more tests are needed to fully confirm this method of scaling, 
the implication is that if the surface pressure footprint is known for the unswept fin, 
then the swept fin pressure levels can also be estimated using delta wing theory. 
Figure 8 shows the alleviating effects of sweep as calculated using the linearised 
theory. Unfortunately, lack of data prevented the examination of this correlation when 
applied to peak pressures experienced near the corner attachment line. 

Scaling parameters for the extent of the disturbed flow produced by a sharp 
fin-on-plate configuration have been put forward by Dolling and Bogdonoff^ ftom the 
tests performed at Princeton University at M - 2.95. These are of the form: 


Lun . Re^ - 
6 

f( Ls 

5 

■ 

. m n) 

where 

Lu N 


upstream influence, see Figure 9 


Ls 


distance along shock, see Figure 9 


Reg 


Reynolds number based on boundary layer thickness 


M n 


Mach number normal to shock 


b 


constant, */3 


6 


boundary layer thickness 


The line representing the furthermost upstream point at which the static pressure is 
disturbed by the presence of the unswept fin when scaled using the above relationship 
is shown in Figure 9. Despite the large difference in the freestream Reynolds numbers 





of the present tests and those performed by Dolling, the comparison suggests that tht' 
expression can be used to scale the interaction on the basis of boundary layer Reynolds 
number. 

The question of the exact manner in which the interaction footprint grows at large 
distances from the fin has been the subject of much attention. The present experiments 
tend to suggest that the interaction upstream influence grows in an approximately 
conical manner with a quasi-two dimensional footprint downstream of the freestream 
shock location as shown in Figure 10. However the relatively low values, of Y/6 which 
were attainable probably do not allow the flow to become 'fully developed' (i f such a 
state exists) in tht lateral direction. For typical hypersonic vehicles flying at low 
Reynolds number with consequently very thick boundary layers, this question may, in 
reality, be of very little consequence. 

The method in which the separation of the sidewall flow develops with incidence 
appears to be qualitatively unaffected by the application of sweep. The development of 
separation, as observed from the oil flow visualisation, appears to follow a number of 
stages. These are Illustrated in Figure 11 using oil flow photographs of the _/V “ 75 
fin. (In the following description, three-dimensional separation was judged to have 
occurred if the oil flow streaks on the upstream side of a particular line converge 
into that line, as discussed by Kubota^-.) 

(i) At low incidences a small separated flow region exists around the nose of the 
fin as shown in Figure 11(a). The ordinary separation line wrapped around the nose of 
the fan marks a dividing line between the induced flow from the fin surface and the 
remainder of the sidewall surface flow. 

(ii) Further increase in incidence enlarges the lateral extent of the sepiirated 
region as shown in Figure 11(b). Note, that the separation line is not terminated in a 
singular point and therefore appears to be an example of an 'open' type separation as 
discussed by Wang7. Ultimately, the separation line extends across the entire test 
region as illustrated in Figure 11(c). This type of separation growth behaviour 
demonstrates the complex nature of the flow and indicates the limits of the usefulness 
of expressions such as that proposed by Korkegi° for the shock pres&ure ratio 
necessary to produce incipient separation i.e. even the mean flow separation process 
must be regarded as a continuous process rather than a single event. 

(iii) Also associated with an increase in incidence is the division of the region 
behind the dividing surface streamline and the fin, into two distinct regions i.e. a 
region of high surface shear where almost all the applied oil mix has been swept away 
and a region of relatively low shear sluggish flow immediately downstream of the 
dividing line. This can be seen in Figure 11(c). The compression region separating the 
two regions becomes a separation line with an attachment line visible just upstream as 
the incidence is raised as shown in Figure 11(d). Associated with this development is 
the appearance of a dip in the static pressure distribution when viewed in the 
direction normal to the shock as illustrated in Figure 11(d). 


The two separation lines present on the sidewall at high incidence can be regarded 
as being the result of two different processes. The first separation line is produced 
by the flow induced from the fin surface forcing the sidewall flow off the surface. 
This induced flow is generated as a consequence of the high pressures recovered in the 
region of the fin leading edge attachment line and the fin boundary layer induced 
pressures at zero incidence and at positive incidences by a combination oi these and 
the high pressure on the entire windward surface due to fin deflection. 

The second separation line is produced as a result of the difficulty encountered 
by the secondary flow in passing beneath the shock system in the opposite direction to 
the freestream flow as shown in Figure 11(c). The location of the secondary separation 
is very close to the freestream shock location. It is suggested that this might be 
caused by the higher shear forces experienced by the flow crossing the shock location 
in the 'reverse' direction once it appears ahead of the main shock structure and 
encounters flow travelling with almost the freestream flow velocity. This would have 
the effect of reducing the momentum of the already sluggish reverse flow. 
Unfortunately, insufficient data was available to determine the necessary conditions 
for the appearance of the secondary separation line. However it is felt that it would 
not be wise to attempt to generalise by suggesting that the appearance of the secondary 
separation line could be linked to certain values of incidence, sweep etc. because of 
its expected dependence on such factors as boundary layer characteristics (steady and 
unsteady), shock structure etc. The flow field model proposed for the sharp generator 
flow field with secondary separation is shown in Figure 12(c). The effect of swetp is 
to change the rate of development of the flow field shown in Figures 12(a) - 12(c) with 
incidence i.e. delays each stage of development until a higher incidence. Sweep also 
has an effect on the flow field in the immediate vicinity of the fin i.e. the 
introduction of sweep has the effect of moving the attachment line off the fin leading 
edge. This has a tendency to drive the corner based separation line further into the 
fin/sidewall junction. 
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The results of the tests performed with the semicones are shown in Figure 13. 
These indicate that the jemicone which produces the same overall pressure ratio as the 
sharp unswept fin also produces the surface properties which most closely resemble 
those of the sharp fin interaction. This tends to support the fact that the overall 
pressure ratio is the main parameter determining the interaction footprint at any 
particular Reynolds number rather than purely the shock strength. 

Effects of Bluntness 

The influence of bluntness on the pressure levels in the zero incidence fin 
interaction is graphically illustrated by Figure 1^ which shows the surface pressures 
beneath the interaction produced by the D * 25.4 mm fin. Note that the disturbance 
produced by the fin travels approximately 2.5D («v 46) upstream of the leading edge. 
Clearly the highest static pressures on the sidewall surface (from which highest 
heating rates can probably be implied based on the work of Winkelmann^) occur in the 
immediate vicinity of the nose. These peak pressures can be associated with flow 
attachment/reattachment processes inferred from the oil flow studies. A typical oil 
flow photograph for the D ■ 25.4 mm model is shown in Figure 15. The two separation 
lines crossing the centreline in front of the fin are easily distinguished. Schlieren 
photographs taken of the flow on the centreline, such as the one in Figure 16, show 
that the mean shock structure on the fin centreline is very similar to that found by 
Kaufman et al 10 at higher Mach numbers. The origin of the separation shock is very 
close to the mean position of separation as indicated by the oil flow. The lambda 
structure is characte~ised by an Edney Type IV shock/shock interaction (as originally 
described by Edneyl*) at *"he intersection of the bow and separation shocks. 
Associated with the interaction is a supersonic jet which impinges on the fin leading 
edge. The cellular shock structure within this jet is visible in Figure 16. The path 
taken by this jet away from the fin root is an indication of the high pressures in the 
root region. 

The pressure levels experienced on tie centreline, as shown in Figure 17, can be 
approximately estimated using very simple expressions. The semi-empirical 
two-dimensional analysis of Truittl^ produces a good estimate of tne height of the 
first peak. This agreement however, muot be regarded as rather fortuitous because the 
theoretical base for Truitt's analysis assumes that the boundary layer remains attached 
on passing through the front leg of the shock. The second peak pressure is very close 
to the pressure obtained by stagnating the freestream flow through a single normal 

shock. Examination of other results suggests that this value represents an upper limit 
to the steady pressure in this region. 

In contrast to the swept fin interaction, the blunt fin interaction in the 
vicinity of the nose appears to be remarkably ii.sensitive to Mach number and freestream 
Reynolds number effects as the comparison of the present results with those of 

Winkelmann^ and Saida and Hattori^^, demonstrates, Figure 18. This insensitivity, 
together with the data fitting performed by Truitt, probably explains the close 
agreement between his prediction and the value of the first peak pressure. A rise in 
Mach number produces higher pressures along the attachment line A 2 which, by comparison 
with Winkelmann's results, extends further in the lateral direction at higher Mach 

numbers. It is thought that this is because the attachment line A 2 is associated with 

attachment of flow from the freestream rather than flow from th ■ momentum deficient 
approaching boundary layer. The other major feature of the flow in the region of A 2 is 
what appears to be a high presssure jet of air, which traces a path from the attachment 
node on A 2 and into the low pressure region created by the overexpansion of the flow 
around the fin leading edge. Schlieren photographs, such as Figure 19, of the 

freestream flow show a compression shock emanating from the fin shoulder, thus 

providing evidence of this overexpansion. 

The use of the leading edge diameter D as a scaling parameter or the vertical and 
horizontal extent of the interaction has been suggested by several investigators eg: 
Winkelmann^ and Kaufman et al 10. Figure 20 shows the collapse of the pressure 

distributions when nondimensionalised in this \ ay. This plot also demonstrates the 
effect on the pressure footprint of the other Ci racteristic dimensions of the flow 
i.e. some boundary layer thickness. It seems reasoi.^le to suggest from Figures 18 and 

20 that as the parameter D/A reduces so the pressure levels throughout the 

interaction decrease and the nondimensional extent of the interaction increases. A 
similar trend with D/A is observed at subsonic speeds as shown in the results of 
Peake and Galwayl4 > This trend can be explained if it is recognised that as D/A 
reduces so the flow approaching a fin of a given diameter exhibits a greater momentum 
deficit and therefore separates more readily i.e. further upstream. (The present tests 
at M ■ 2.4 also show an independence of the parameter D/A fcr values of D/A^2.0.) 

As was noted to be the case with the sharp fin flow field, the oil flow lines 
corresponding to the separation lines and S 2 where they cross the centreline have a 
limited lateral extent. The extent of the second line S 2 is connected with the 
disappearance of the pressure dip in the streamwise pressure distribution and occurs 
typically for Y/D 2.5 - 3.5 (increases with M' . This dip can be seen in Figure 14. 
This suggests that where the mean adverse pressure gradient normal to the separation 
line necessary for the separation of the reverse flow disappears, then the flow is no 
longer separated. A flow field model for the flow past the D » 25.4 mm model is shown 
in Figure 21. It is suggested that the fading out of the separation lines Sj and S 2 is 
caused by the weakening of the vortices Vj and V 2 due to viscous diffusion combined 
with movement of these vortices away from the surface. 



For a blunt ftn put at incidence, it has been suggested by Dollingl^ that at 
sufficiently large distances from the fin, the interaction pressure footprint reverts 
to that produced by a sharp unswept fin at the same incidence. In thi® ritpcct the 
interaction flow field behaves in a similar manner to the freestream flow field i.e. 
the effects of nose bluntness are undetectable at large distances from the fin. 
Dolling's experiments at M » 2.95 suggested that the point at which the footprints 
match, mirrors very closely the point at which the freestream flows (in particular the 
shock strength) become indistinguishable. However, the present tests indicate that the 
influence of the nose bluntness may be felt outboard of this point. A comparison of the 
sharp fin and the D = 3.18 mm fin pressure distributions at an incidence of 13°, Figure 
22, shows that even at Y » 50.8 nim, where the difference in shock strength (as 
calculated from the schlierer photographs of the freestream flows) is only 
approximately 9%, the footprint has not completely reverted to that of the sharp fin. 
This suggests that at M * 2.4, the interaction footprint may not follow the inviscid 
flow as closely as Dolling found to be the case at M = 2.95. 

The flow field in the vicinity of the nose i.e. small values of Y/D, changes 
little as the incidence is raised, as shown in Figure 23. The major change is that the 
jet on the fin surface shown in Figure 21 becomes weaker. This is probably as a result 
of the increased pressure levels on the fin surface in relation to the stagnation 
pressure recovered on A 2 - The development of the oil flow with incidence suggests that 
the flow field becomes as shown in Figure 24. The secondary separation line S 3 weaken:, 
and the flow becomes dominated by the attachment line A 2 - Note, that at low incidence: , 
the nose bluntness is responsible for producing a flow from the sidewall onto the fi:. 
surface whereas at higher incidence, this flow is reversed due to the high pressure 
levels on the fin surface. At incidences outside the present range of study it is 
expected that a new secondary separation would appear as was observed with the sharp 
fin, as illustrated in Figure 11(d). 

Unsteady Aspects 

Measurements of the static pressure fluctuations were made at four locations 
beneath the interaction generated by a sharp unswept fin at <X « 9°. These positions 
are shown in Figure 25(a). Care was taken to mount the Kulite LPS-125-IOM differential 
pressure transducer used for the tests so that its diaphragm was flush (or very 
slightly below) the surrounding sidewall because of the effect transducer position can 
have on the RMS level and power spectrum of the measured signal as discussed by 
Hanly*®. The signal from the transducer was amplified and then recorded on 0.5 ins 
magnetic tape via a Racal 7M tape recorder. The recorded signals were replayed, 
digitised and sampled by a Digital Mine minicomputer. Library programs were then used 
to evaluate the RMS value of the fluctuating signal about the mean as well as the power 
spectral density of the signal at each location. 

The variation of the RMS pressure fluctuation is shown in Figure 25(b). The value 
at position (I) was unaffected by the presence of the fin and was in reasonable 
agreement with the estimate obtained using the correlation produced by Laganaili 
et al for high speed turbulent boundary layers. The highest value occurs in the 
neighbourhood of the mean position of the separation line and is associated with 
movement of the separation shock and the unsteady nature of turbulent separation. 
Although more transducer locations are needed to properly define the peak of this 
distribution, the maximum measured amplification of 1.5 falls well below the peak 
values of 12.0 and 8.5 measured by Dolling and Bogdonoffl" and Dolling and Murphy^ 
in blunt fin and two-dimensional swept ramp flows at M = 2.95. It is suggested that the 
sharp fin induced separation is less unsteady than the corresponding separations in 
blunt fin and ramp flows. In addition, there is also no evidence of intermittency in 
the pressure-time histories at locations around the mean separation position. 

In order to determine whether the increase in the RMS fluctuations around 
separation could be associated with any particular frequency (i.e. was oscillatory), 
the power spectra of the pressure signals was obtained. The results indicated that no 
one dominant frequency is present but that there is an overall increase in the 
approximate range 3-30 kHz. 

4. CONCLUSIONS 

The flow field model proposed by Kubota^ has been extended to include higher fin 
incidences characterised by the appearance of a secondary separation. Associated w\th 
the secondary separation is the appearance of a dip in the surface pressure 
distribution normal to the shock. This model is also applicable to cases where the 
leading edge is swept back. 

The static pressure levels beneath the interaction generated by a sharp swept fin, 
approximately scale with the pressures experienced on the centreline of the 
corresponding delta wing at the same incidence. The application of sweep decreases 
slightly the extent of the disturbed flow field. However, the effect of sweep on the 
footprint extent when referenced to the freestream shock location, is secondary in 
comparison to the effect of sweep on the pressure levels. Limited comparisons suggest 
that existing methods for estimating the effects of Reynolds number (based on boundary 
layer thickiess) on the upstream influence of the interaction produced by an unswept 
fin, at a particular incidence, are not unreasonable. Fluctuating pressure measurements 
indicate th t the separation induced by a sharp unswept fin is considerably less 
unsteady than blunt fin induced separation. 
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A mean flow field model has been put forward for the blunt fin interaction at zero 
to moderate incidences. Leading edge diameter is found to control the horizontal extent 
of the flow field even at large distances from the fin. The results indicate that a 
reduction in the parameter D/6 below approximately 2.0 results in a significant 
decrease in the interaction surface pressure levels and an increase in the non- 
dimensionalised (with respect to leading edge diameter) extent of the interaction 
footprint. 
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Fig 2 Kubota's Flow Field Model 
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Fig. 3 Wind Tunnel Models. 
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Fig. 17 Centreline Pressure Distribution. 







Fig. 18 Position of Separation Lines at Zero Incidence. 



Fig. 19 Schlieren Photograph of Flow Past Sting Mounted D=127mm Model 
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RESUME 


L'utilisation de methodes optiques est l'une des seules possibilites d'etude des sillages hypersoni- 
ques en tunnel de tir. En raison de la vitesse des ecoulements, les methodes utilisees doivent permettre 
des temps de pose nettement inferieurs a la microseconde. L'ISL utilise depuis longtemps des techniques de 
visualisation ultra-rapide pour l'etude de la transition dans les sillages hypersoniques, mais les moyens 
disponibles jusqu'ici ne permettaient pas de suivre dans le temps les instabilites du sillage laminaire. 

Nous proposons ici d'utiliser un laser associe a un modulateur acousto-optique conune source de lumie- 
re ultra courte, a haute energie et a grande frequence de repetition, pour permettre 1'enregistrement d'un 
certain nombre d’images du meme phenomene en vue d’etudier devolution au cours du temps des instabilites. 
Les avantages de cette source lumineuse sent une grande energie, des impulsions de 20 ns seulement, une 
frequence de repetition variant independamment de la duree des impulsions et une synchronisation aisee avec 
des evenements exterieurs. Le laser constitue une source ponctuelle qui peut etre utilisee pour olusieurs 
montages optiques differents et sa nature coherente permet d'envisager l'emploi de 1'holographie. Le syste- 
me de reception capable d'enregistrer les images obtenues avec une vitesse suffisante constitue le princi¬ 
pal problfcme de la mise au point de la methode. 

ABSTRACT 

Optical methods are among the only possibilities to study hypersonic wakes in ballistic ranges. Be¬ 
cause o£ the flow velocities involved the methods employed must permit exposure times well below one micro¬ 
second. The ISL has been using ultra-high-speed visualization techniques for the study of the transition of 
hypersonic wakes for quite some time, but the means available up to now did not permit to investigate the 
time-history of the instabilities in the wake. 

We are proposing the use of a laser equipped with an acousto-optical modulator as a source of ultra 
short, highly energetic pulses with high repetition rate to be used to record a certain number of images of 
the same experiment in order to study the time history of these instabilities. Advantage? of the laser as a 
light source are not only the high energies available together with pulse durations down to 20 nanosecondes, 
but mostly the free choice of repetition rate independently of exposure time, and the possibility to syn¬ 
chronize the pulses with external events. The laser is a point source and as such can be used in a variety 
of different optical setups. The coherent nature of the laser light even permits holographic techniques. 

The reception system capable of recording the images at a sufficient rate is the basic problem in the devel¬ 
opment and use of the proposed setup. 

1. INTRODUCTION 

L'aerodynamique hypersonique a ete l'un des themes majeurs sur lesquels a travaille 1'ISL de 1960 a 
1975 et I'etablissement s'etait dote pour ce faire de moyens d'essais relativement importants, d'une cer- 
taine originalite, et pour lesquels a ete developpe un grand nombre de moyens de mesure d'usage assez peu 
courant ou meme tout a fait nouveaux [1}. 

Les problemes qui ont ete traites concemaient surtout les problemes de rentree dans 1'atmosphere de 
tetes d'engins balistiques et plus particulierement les deux points suivants : 

- l'etude de 1'echaufferoent cinetique et des flux de chaleur, surtout effectuee dans une soufflerie a chocs 
dont les caracteristiques sont rappelees en [2]; 

- l'etude des sillages, effectuee au tunnel de tir hypersonique. 

Malgr£ les differences des installations et des sujets traites, un certain nombre de problemes metro- 
logiques communs ont ete rencontres. En effet, les temps de rafales de la soufflerie a choc sont brefs (de 
l'ordre de 10'** s), bien que nettement superieurs aux temps dont on dispose pour les mesures au tunnel de 
tir hypersonique (au maximum de 10 -5 s). Mais cela n€cessite dans les deux cas l'emploi de methodes rele¬ 
vant de la physique des temps courts, sucre domaine darts lequel l'ISL avait acquis une grande experience 
par le moyen d'^tudes relevant de la detonique ou de la propagation des ondes de choc. 

Parmi les methodes qui ont ete utilisees figurent evidemment les methodes de visualisation ultra- 
rapide. Celles-ci avaient notamroent ete utilisees pour l'etude de la transition laminaire/turbulent dans 
un sillage hypersonique, mais cette etude etait restee sommaire du fait des limitations des moyens disponi¬ 
bles a l'^poque, lesquels ne permettaient pas l'etude du developpement des instability du sillage laminai¬ 
re. 


Les progrfes r^cents de 1'opto^lectronique perroettent d'aborder aujourd'hui cette etude. 

On trouvera successivement dans ce qui suit : 

- un rappel des r^sultats obtenus autrefois, precede, pour en faciliter la comprehension, par une breve 
presentation generale et une courte description des moyens d'essais utilises; 


9-2 


- un examen des possibility nouvelles offertes par les techniques actuellement disponibles; 

- des exemples des premiers rdsultats obtenus. 

2. Etude des sillages hypersoniques 

2.1 Motivations de l*etude 

Le sillage que laisse derrifere lui un engin penetrant dans 1’atmosphere est ionise et constitue done 
un moyen de detection de cet engin. Cette detection peut etre soit passive (ecoute de 1'emission propre du 
sillage), soit active (ecoute du retour d'une onde emise du sol). On peut ainsi suivre la trajectoire d'un 
engin alors qu’il n’est lui-meme pas detectable ou que la conrounication avec lui n'est pas possible. Theo- 
riquement, la detection est possible dans tout le spectre dlectromagnetique (radioelectrique, infrarouge, 
visible, ultraviolet), mais les etudes de l’ISL ont surtout porte sur la detection active dans la garame 
des frequences radioelectriques ("dcho radar") [3J. Dans le cadre de cette etude, l'ISL a mis au point di- 
verses methodes de mesure de l’ionisation d'un sillage en laboratoire : cavite resonance, interferotnetres 
hyperfrequences, sondes de Langmuir [4). Du point de vue aerodynamique, 1'ionisation du sillage et son 
Evolution en fonction de la distance a 1'engin sont gouvernees par differents parametres lies aux condi¬ 
tions de vol et a la geometrie et aux dimensions de l'objet. Ces parametres determinent la nature du sil¬ 
lage qui joue un role essentiel. En effet, la decroissance de la densite electronique est bien plus rapide 
dans un sillage turbulent ou il y a melange avec un ecouleraent exterieur plus froid que dans un sillage 
laminaire. L'dtude de la transition de l'dcoulement laminaire a I'ecoulement turbulent dans le sillage a 
done constitud un des aspects essentiels de l'ensetnble de l'dtude et e'est le seul dont il sera question 
ici. On trouvera en [5] une presentation plus generale de l'ensemble. 

2.2 Moyens d'essais 

Etant donne le probl&me pose, l'emploi du tunnel de tir de preference a la soufflerie s'imposait en 
raison de : 

- la necessite de faire varier la pression dans les limites rencontrees dans la haute atmosphere (de 1 a 
100 mmHg environ) et de realiser les essais dans un milieu ayant strictement la composition chimique de 
l'air en equilibre, 

- la vitesse a reproduire, de I'ordre de plusieurs km/s, correspondant a des nombres de Mach tres Aleves 
(de 10 h 25), 

- la necessite d'eviter tout support de maquette susceptible d'entrainer une perturbation du sillage et du 
besoin de pouvoir observer le phenomene loin a l'aval de la maquette. 

Les essais ont done ete effectues dans le tunnel de tir hypersonique du departement d’aerodynamique 
de l'ISL. Ce tunnel est equipe de deux canons a gaz leger (hydrogene, mais 1'helium a aussi ete utilise) 
done la figure 1 precise les caracteristiques*). Les vitesses maximales atteintes ont ete de 8,5 km/s pour 
le canon de 20 zm et de 9,1 Vin/s pour le canon de 10 nr. La figure 2 donne une photographie de ces canons 
et la figure 3 une photographie du tunnel de tir proprement dit. Celui-ci comporte une chambre de detente 
destinee & freiner les gaz de bouche du canon, un diaphragme (piece metallique percee d'un trou et desti¬ 
nee h arreter les "sabots" ayant serviaguider les projectiles non cylindriques dans le tube de lancement) 
et un certain nombre d'eleroents variables en fonction des essais a realiser. La figure 4 donne une confi¬ 
guration typique du tunnel de tir tel qu'il etait equipd pour l'etude des sillages hypersoniques. La ra- 
diographie-eclair servait a verifier le bon detachement des sabots. Les deux postes ombroscopiques etaient 
utilises pour la mesure de la vitesse du projectile (d'autres postes doivent etre ajoutes lorsqu'il faut 
tenir compte de la deceleration du projectile), le spectroroetre de masse a servi a une tentative d'etude 
de la composition chimique du sillage (8) et l’etude des caracteristiques electroniques du sillage etait 
faite dans 1'element terminal de grand diametre. Les deux postes strioscopiques etaient utilises pour la 
visualisation du sillage et l'etude de la transition. 

2.3 Visualisations par strioscopies 

L'etude de la transition a essentiellement ete faite par examen visuel des photographies du sillage 
obtenues par strioscopies. Cet examen a conduit a l'adoption du critere de transition de Zeiberg [9] pour 
les sillages de spheres [10J et a celui du critere de transition de Waldbusser [It, 12] pour les sillages de 
cones faiblement emeusses [13, 14], 

On a egalement utilise plusieurs variantes d’un montage dans lequel un faisceau laser traverse 
I'ecoulement avant d'etre regu sur un photomultiplicateur. Le signal recu depend des variations de 1'in¬ 
dice de refraction integre le long du chemin optique et presente un aspect tres different suivant que 
I'ecoulement est laminaire ou turbulent [15, 16]. 

L'etude a ete faite pour des vitesses de 3500 a 6500 ra/s, des maquettes de faibles dimensions (ca¬ 
libre maximal : 20 mm) et de faibles pressions dans le tunnel de tir (de 2 a 100 mnHg). Dans ces condi¬ 
tions, de tres faibles temps de pose (a 5 km/s, le projectile parcourt 5 nsn par ps) et de tree fortes in¬ 
tensity lumineuses etaient necessaires. Pour les obtenir, l'ISL avait construct des flashes ayant les 
caracteristiques suivantes : 

- energie dlectrique : 0,7 joule, 

- duree d'emission a mi-hauteur : 150 li 200 ns, 

- dimensions du canal lumineux : 4 mm * 1 mm. 

Ces flashes equipaient des postes strioscopiques h double passage dont la figure 5 donne le schema. 

La plupart des visualisations ont ete effectuees en utilisant des miroirs spheriques de rayon de courbure 

Les caracteristiques donndes correspondent a l'etat actuel de 1 * installation. Du fait de6 modifications 
intervenues depuis la mise en service du petit canon en 1961 [71 et celle du grand canon en 1965 |6], les 
valeurs indiqudes peuvent diffdrer de celles que l'on peut trouver dans les documents ISL plus anciens, qui, 
pour les memes raisons, peuvent donner des valeurs diffdrant entre elles. 




egal a 2 m et de diametre 21 cm [17]. Dans ce cas, deux montages ne differant que par I'orientation des 
couteaux (i'un a couteaux paralleies a l'axe du tir et l'autre a couteaux perpendiculaires a cet axe) 
avaient ete mis en oeuvre simultanement. Par la suite un montage plus perfonnant avec un miroir sperique 
de 5 m de rayon de courbure et de diametre 50 cm a ete utilise [18]. Son encoribrement a necessity l'etnploi 
d'un miroir de renvoi supplementaire (figures 6 et 7). 

La rigure 8 donne un premie’* exciaple de resultat. II s'agit d'un cSne de demi-angle au sonsnet 12,5*, 
d'emoussement 0,2, de diametre au culot 12,4 nm, lance a 4113 m/s dans de 1'air b 100 mmHg. Le sillage la- 
minaire presente d’abord des contours rectilignes jusqu'a 95 mm du nez du projectile. Ensuice apparaissent 
des ondulations qui induisent dans l'ecoulement exterieur du sillage des ondes de choc qui viennent inter- 
ferer avec l'onde de chcc de recompression issue du col du sillage, puis le sillage prend un aspect turbu¬ 
lent caracteristique h partir de 115 mn du nez, avec des "bouffees" plus ou moins importantes. 

La figure 9, qui correspond a un projectile identique tire a vitesse un peu plus elevee (4674 m/s) 
dans de l*air a la meme pression, done a une transition un peu plus proche du projectile, montre un derou- 
lement analogue : apparition d'ondulations a la frontiere du sillage laminaire, mais cette fois des 70 mm 
du nez, puis des ondulations du sillage laminaire avant l'apparition de bouffees turbulentes plus ou moins 
importantes a partir de 92 mm du nez, mais ce n'est guere que dans la partie droite de 1*image, e'est-a- 
dire vers 250 mm du nez, que le sillage turbulent coranence a presenter un "grain" a peu pres homogfcne. 

La figure lOmontre le sillage d'un cone de meme forme mais de dimensions deux fois plus faibles (dia- 
metre de culot 6,2 ran) tire a 4614 m/s dans de 1'air a la pression de 60 mmHg. La transition est alors plus 

lointaine et le centre de l'image est a 205 mm du culot du projectile. On voit tres nettement le developpe- 

ment des instabilites du sillage laminaire et l'apparition progressive de "bouffees" turbulentes de plus en 
plus importantes. Un examen attentif de I'image montre que les instabilites apparaissent d'abord a la fron¬ 
tiere superieure du sillage laminaire, les instabilites a la frontiere inferieure ne deviennent visibles 
que tout a fait a droite de I'image. Cette figure est une strioscopie a couteaux perpendiculaires a l'axe 
du tir et visualise done les gradients de masse volumique dans la direction axiale. La figure 11 donne la 
strioscopie a couteaux paralleles a l'axe correspondant au meme tir. Les deux postes strioscopiques etaient 
separes de 75 cm et le declenchement des eclateurs regie de maniere a ce que le centre de deux images soit 

a la meme distance du projectile. L'examen de la figure 11 permet de retrouver les mSmes structures que 

sur la figure 10 mais d^calees vers la droite. A priori on serait tente d'attribuer ce decalage a la vitesse 
de convection de ces structures par l'ecoulement et de calculer cette vitesse a partir de ces photographies. 
Cependant l'influence des incertitudes experimentales (erreur sur la mesure de la vitesse des projectiles, 
erreurs sur l'instant du declenchement des eclateurs) enleverait toute precision a cette evaluation. 

La figure 12 est particuliferement remarquable. Elle correspond a un cone de petit calibre (diametre 
au culot 6,2 mm) tire a 4780 m/s dans de l'air a 20 ranHg. La transition est alors tres lointaine et l'ecla- 
teur a ete regie de maniere a ce que le centre de I'image soit b la distance prevue pour la transition par 
le critere de Waldbusser (soit a 110 calibres du nez du cone oil 68 cm). Mais alors que ce critere est sup¬ 
pose donner la fin de la transition, la photographic montre que l'on est plutot au debut de celle-ci; on y 
voit nettement se developper une instability a la frontiere superieure du sillage laminaire. Cette insta¬ 
bility contamine progressivement tout le sillage, tnais ce qu'il y a de surprenant est son attenuation et 
sa disparition progressive vers la droite de I'image. 

L'interet d'une etude detaillee des instabilites que l'on voit sur les figures 8 a 12 (lesquelles 
sont extraites de [13]) est evident. II aurait fallu,pour faire cette etude, pouvoir suivre le developpe- 
ment de ces instabilites au cours du temps, ce qui etait malheureusement impossible a l'epoque ou ces pho¬ 
tographies ont ete obtenues. En effet, chaque eclateur (alimente par la decharge d'une batterie de conden- 
sateurs) ne pouvait etre utilise qu'une seule fois par tir. Une solution theoriquement possible eut ete de 
multiplier le nombre de postes strioscopiques le long de la trajectoire, mais le nombre de postes possibles 
est limite a quelques unites et leur rail tipiication ne va pas sans poser des problemes pratiques. La solu¬ 
tion ideale, effectuer plusieurs dizaines de visualisations successives au meme endroit, n'etait pas possi¬ 
ble, faute de source lutnineuse appropriye. 

3. Cinematographic ultra-rapide 

3.1 Considerations generales 

Pour visualiser un phenomene instationnaire, il faut que la duree d'observation x soit nettement in- 
ferieure b la duree caractyristique du phynomene. II est difficile ici d'estimet cette dernifcre de facon 
precise, m^is on peut en ddterminer un ordre de grandeur. En effet, les figures 9 b 12 montrent que les 
instabilites qui se dyveloppent sont & peu prfes a I’ychelle spatiale de 1'obstacle. Elies ont done une 
taille caracteristique L de 1'ordre de 10 -7 m. Si on prend pour vitesse caracteristique celle du projecti¬ 
le, soit v s S'lO 3 m/s, on obtient un temps caracteristique : L/v = 2 us, pour la "periode" du phynomene b 
etudier. II faudrait done pouvoir faire pendant cette pdriode un certain nombre de photographies avec des 
temps de poses suffisamment petits. Les eclateurs utilises ci-dessus ont une duree acceptable (150 ns) 
mais ne permettent pas la ^petition des images. 

II existe un instrument deja ancien qui permet cette rypetition : e'est la chronoloupe de Cranz- 
Schardin [19], qui consiste en une batterie de 24 eclateurs declen'’hes avec des interval les At ryglabies 
et, b 1'opposy par rapport au phynomene b ytudier, une plaque recevant cote a cSte les 24 images (figu¬ 
re 13). L'inconvynient du systyme est qu'il entratne des erreurs de parallaxe, mais que l'on peut mini¬ 
miser en yioignatvt la batterie d'eclateura et la plaque du phynomyne, ce qui entralne des complications 
dues b l'emploi de miroirs de renvoi (le laboratoire n'est pas extensible!). Les appareils existant b 
l'ISL ont une cadence de rypdtition qui est bonne (At minimum dgal b 10” 7 s), mais les temps de pose 
sont trop longs (au minimum 3 us) et la puissance lumineuse est asaez faible. L'appareil est cependant 
utilisable pour des sillage de projectiles b faible vitesse, corane le montre I'exemple de la figure 14. 

L'ideal serait de pouvoir disposer d'une source lumineuse foumissant des impulsions de 1'ordre de 
20 ns avec des intervalles entre impulsions de 1'ordre de 100 ns. 
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Remarquons en passant qu'il faudrait aller encore bien plus loin pour decider aux echelles du mouve- 
ment turbulent auxquelles se fait la dissipation par viscosity. En effet, si I'on en croft la theorie [20], 
ces echelles ont un temps caractdristique de I'ordre de L/v Re’"*'*', soit ici de l'ordre de 10” 10 s. 

La realisation de temps d'exposition courts et d'une cadence de repetition elevee peut Stre obtenue 
au moyen des trois elements du montage optique : la source lumineuse, l'optique elle-meme et le moyen de 
reception. Dans la plupart cas oL I'on souhaite efft^uer une sene de photographies tres rapprochees 
dans le temps, les temps d'exposition et les intervalles entre images successives sont determines par le 
systdme de reception. C'est le cas des cameras a miroir tournant, des cameras a .ambour, ainsi que des 
systemes utilisant des obturateurs electroniques. Quel que soit leur mode d'utilisation, le temps d'exposi¬ 
tion permis par ces cameras utilisees a grande vitesse est fonction de l'intervalle de temps entre images 
successives et ne peut §tre choisi independamment. Ces systdmes de reception sont en general utilises avec 
des sources lumineuses quasi-continues.qui eclairent 1'objet avec une iumidre intense pendant la totalite 
de 1'enregistrement. 

La chronoloupe mentionnee plus haut est un exemple d'utilisation de la source lumineuse pour fixer la 
duree d'exposition et la frequence des images puisqu'elle utilise 24 eclateurB independants pouvant etre 
declenches par groupes de six. La reception est assuree par 24 appareils photographiques separds. L'obten- 
tion d'enregistrements plus longs comprenant plus de 24 images serait extremement difficile pour des rai¬ 
sons pratiques. 

3.2 Emission 

Des sources lumineuses fournissent des impulsions tres courtes et de grande energie ont ete develop- 
pees recemment sous forme de lasers. Des lasers a rubis, a colorant ou des lasers YAG operant en mode re- 
laxe fournissent des impulsions de l’ordre de la microseconde. L'utilisation de techniques particulieres 
de modulation intra-cavite du laser permet d'atteindre des durees d'impulsion de l'ordre de la nanosecon- 
de et les impulsions les plus courtes que I'on peut obtenir en combinant la modulation intra-cavied avec 
des techniques de mise en forme des impulsions extra-cavite atteignent la picoseconde. Mais les energies 
de ces impulsions restent limitees et il reste a resoudre le probldme de leur repetition et de leur syn¬ 
chronisation avec des evenements exterieurs. Un moyen d’obtenir des impulsions courtes, une frequence de 
repetition elevee et une energie suffisante, est d’utiliser un laser YAG k impulsions longues et un dis- 
positif intra-cavitd [23], [21] adapte. On obtient ainsi des impulsions d'environ 400 ns ayant une Energie 
de l'ordre du millijoule et une frequence de repetition de 100 kHz. L'dnergie par impulsion peut etre nor 
tablement accrue par amplification dans une seconde tete laser. Neanmoins la duree d'impulsion et la caden¬ 
ce de repetition ne sont pas ideales et, surtout, le probleme de la synchronisation avec un appareil exte- 
rieur demeure. 

L'utilisation d'un obturateur acousto-optique pour hacher le faisceau emis par un laser continu en 
une serie d'impulsions breves permet de resoudre cette derniere difficulte, mais 1'energie de chaque impul¬ 
sion ddcroit lineairement avec sa duree, ce qui rend 1'enregistrement photographique difficile, voire im¬ 
possible. 

Par contre, l'emploi de techniques de modulation intra-cavite permet d'obtenir des impulsions aussi 
breves que 10” 1J s et des frequences de repetition jusqu'a 100 MHz. En particulier, la technique dite "cav¬ 
ity dumping" est une bonne solution pour une source lumineuse satisfaisant a toutes le6 conditions requi- 
ses : 

- energie d'impulsion elevee, 

- impulsions courtes (environ 20 ns), 

- frequence de repartition reglable independannent, 

- pas d'erreurs de parallaxe d'une impulsion h 1’autre, 

- nombre d'impulsions non limite, 

- synchronisation facile avec des evenements exterieurs. 

La figure 15 montre le principe du "cavity dumping". Lorsque le miroir M3 est en position basse, la 
lumidre formde dans la cavite est renvoyde par les miroirs hautement reflechissants Ml et M2 et n'effectue 
que des aller-retour dans le milieu laser L ou elle est amplifiee dans les limites permises par les inevi¬ 
tables pertes dans la cavitd et par 1'energie que peut foumir le milieu laser. Si le miroir M3 est alors 
place rapidement en position haute, toute 1'energie emmagasinee dans la cavitd est refldchie hors du laser 
en un temps tres court qui ne depend que de la longueur de la cavite et de la vitesse de la lumidre. La 
vitesse de basculement du miroir est de meme determinee par le temps d'aller-retour des photons dans la 
cavitd. La puissance maximale d'une impulsion ainsi produite est environ 50 fois superieure a ceile four- 
nie en regime continu. 

Plusieurs types de modulateurs acousto-optiques ou electro-optiques peuvent etre utilises actuelle¬ 
nient. La figure 16 montre le montage que nous avons retenu. II consiste en un cavitd "replide" par trois 
miroirs dont deux focalisent le faisceau pour le ramener au diametre recquis pour obtenir une rdponse suf- 
fisamment rapide du modulateur acousto-optique utilise ici pour devier le faisceau hors de la cavite du 
laser. 


Un de9 avantages de l'utilisation du laser comne source lununeuse est le fait qu'il peut etre utili¬ 
se aisdment pour des montages optiques diffdrents : ombroscopie, interfdromdtrie et meme holographie [22]. 
Les techniques les plus simples sont 1'ombroscopie et 1 *interfdromdtrie differentielle. Toutes deux sont 
basdes sur les variations locales de l'indice de refraction dans le champ de 1'ecoulement, Les deux tech¬ 
niques ne ndeessitent que des montages simples cStd emission et peuvent etre utilisdes avec diffdrents 
systdmes de rdeeption. L'holographie foumirait d’avantage d*informations sur la nature tridimensionnelle 
de l'dcoulement, mais demanderait la raise en oeuvre d'un montage plus complexe et d'une technique d’enre¬ 
gistrement spdeiale diffidles h utiliser dans 1'environnement d'un tunnel de tir hypersonique. 
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3.3 Reception 

Le probleme le plus delicat est celui de la camera utilisee pour la reception. Le deplacement des 
images successives sur le support d'enregistrement doit avoir lieu tres rapidement. Diff^rents types 
de cameras existants, sont actuellement disponibles a l’lnstitut et peuvent etre utilises pour la recep¬ 
tion des images obtenues. 

La premiere camera, et la plus lente, est a tambour toumant. Le film est fixe sur un tambour cylin- 
drique de grand diametre dont le perimetre exterieur se deplace dans le plan focal de l'objectif avec une 
vitesse tangentielle pouvant atteindre 100 m/s, soit un deplacement de 0,1 mm par microseconde. Si l'on 
veut enregistrer des images successives ayant une hauteur de 10 mm (ce qui est un minimum raisonnable) , 
un intervalle entre images de 100 us est un minimum. Mais la possibilite d'enregistrer 100 images avec une 
cadence de 10 kHz peut §tre interessante pour l'etude d'ecoulenients plus lents. 

Le deuxieme type de camera disponible est a convertisseur d'image electronique. Ses avantages sont 
une frequence extremement elevee et un gain de lumiere du a un amplificateur de luminance incorpore. Ses 
inconvenients sont une faible resolution et un nombre d'images (au surplus de petite taille) limite a 8 ou 
t6. 0e plus, le laser ne peut etre aisement synchronise image par image avec la camera en raison de son 
obturateur electronique interne. Cependant, cette camera est utilisee pour mettre au point le montage opti- 
que et le dispositif de synchronisation avec le passage du projectile. 

Les figures 17 et 18 montrent des exemples d'images obtenues avec cette camera. Les images se succe- 
dent de haut en bas et de gauche a droite. L'intervalle de temps entre deux images est de 5 ps. Les vitesses 
du projectile sont respectivement de 3023 m/s et de 3000 m/s. Les deux series d'images montrent clairement 
la structure dc l'ecoulement autour du projectile, mais la frontiere du sillage n'est pas visible. 

La figure 19 donne des images du sillage longtemps apres le passage du projectile. La distance de ces 
images au projectile n'a pu etre determinee en raison d'un probleme de synchronisation, mais on distingue 
de nombreux details du sillage. On voit egaieraent les reflexions des ondes de chocs sur les parois du tun¬ 
nel de tir. 

La troisierae possibilite, et la plus prometteuse, est l'emploi d’une camera avec un miroir a plu- 
sieurs faces mis en mouvement par une turbine a gaz. Avec ce type de cauiera le temps d'exposition est une 
fois de plus proportionnel a la frequence de repetition des images. Cependant, un signal de synchronisa¬ 
tion image par image permet de diminuer nettement le temps d'exposition independamment de la frequence de 
repetition au moyen du laser utilise comme source lumineuse. Cette synchronisation est simplifiee si la ca¬ 
mera peut etre utilisee en tant que camera a fente. Alors seulement le laser commande a la fois le temps 
d'exposition et l’intervalle entre les images. Cette camera peut enregistrer jusqu’a 80 images successives 
du merae phenomene. 

4. Conclusion 

Comme on a pu le voir le principal probleme reside dans le choix d'un sysreme de reception adequat et 
cette question n'est pas tout a fait resolue. Cependant les premiers resultats sont encourageants et ie 
probleme devrait trouver une reponse assez rapidement. 

On disposera alors d'une methode permettant l'etude du developpement des instabilites dans les ecou- 
lements hypersoniques ou l'etude des ecou1®ments hypersoniques instationnaires. En effet, son application 
n'est pas limitee au tunnel de tir et, eontrairement a ce que l'on pourrait croire instinctiveroent, les or- 
dres de grandeurs a atteindre sont a peu pres les memes en soufflerie hypersonique qu'en tunnel de tir. En 
effet, les vitesses de convection des instabilites sont souvent du rnerne ordre que celles de l'ecoulement, 
c'est-a-dire celle du projectile en tunnel de tir. 
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Schema d'un montage strioscopique a double passage, en tunnel de tir. 

: miroir spherique; M 2 , M 3 : miroirs plans; F : dispositif d'eclairage; 
H : hub lot de verre; P* : plaque photographique; Cj, C 2 : couteaux 



Fig* 7 : Photographic d'une installation strioscopique en tunnel de tir 
(schema de principe fig. 6) 


























Images d'un cylindre en vol hypersonique (chronoloupe) 
v ■ 2700 m/s. At : 8 ys 




Schema optique du laser avec modulateur acousto-optique (T) 












7 ( 18, 19 : Images obtenues k l’aide de la camera dlectronique 61 5 ps 








THE DRAG OF SLENDER AXISYMMETRIC CONES IN RAREFIED HYPERSONIC FLOW 


by 
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Farnborough, Hampshire, CU14 6 TD, England 


SUMMARY 

This Paper describes an experimental study performed In the RAE Low Density Tunnel to determine the 
aerodynamic characteristics of a range of slender axlsymmrtrie bodies In rarefied hypersonic flow. The 
main purpose of this study was to assess the effects of cone angle, nose bluntness and Reynolds number on 
the zero Incidence drag of cones. In addition, some measurements of axial force, normal force and 
pitching moment at Incidence were made. The bodies were tested at a nominal Mach number of 10 and at 
flow conditions which correspond to those In the transitional rarefied flow regime. These data have been 
compared with correlations develooed to represent the change In drag coefficient In this flow regime 
between continuum and free-molecular flow. 
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viscous similarity parameter, M^CC^/Re^ ^ 
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V viscoaity 

U x viscosity evaluated at T x 

p density 

♦ <C D - C Dl )/(C Dfm - C Dl ) or (C A - C Al )/(C Afm - C Ai ) 

♦ (Kn) bridging function 

♦ bluntness ratio, r n /rt> 


Subscripts 

c sharp cone 

fm free molecular value 

i lnvlscld (continuum) value 

o total or stagnation value 

w wall value 

00 freestreao value 


1 INTRODUCTION 

This Paper describes tests carried out in the RAE Low Density Tunnel to measure the aerodynamic 
characteristics of a range of slender axisymmetric bodies in rarefied hypersonic flow. The main purpose 
of the study was to measure the drag of cones at zero Incidence. It was Intended to assess primarily the 
effects of cone angle, nose bluntness and Reynolds number on the drag coefficient, however It was necess¬ 
ary to consider also the effects of Mach number and the ratio of wall temperature to freestream tempera¬ 
ture. The small /ariatlons in Mach number and temperature ratio were due to the conditions and mode of 
operation of the Low Density Tunnel. As well as some cones, biconic and triconic bodies were tested, and 
some measurements of axial force, normal force and pitching moment at incidence were made. The purpose 
of these tests was to provide material for an aerodynamic data base for slender bodies, and data for the 
development of the so-called 'bridging functions' which define the changes in aerodynamic characteristics 
through the transitional rarefied flow regime . 

The transitional rarefied flow regime is that between continuum and free molecular flow, and is 
where the viscous effects become increasingly significant. Hiese viscous effects can lead to large 
changes in the aerodynamic characteristics of bodies. For example, the zero incidence drag coefficient 
of a slender body changes by an order of magnitude between its continuum value and its value under free 
molecular conditions. In the transitional rarefied flow regime the theoretical prediction of aerodynamic 
loads is difficult even for simple axisymmetric bodies under zero incidence conditions. Hence it remains 
necessary to rely on experimentally-derived data until the most promising of current prediction methods 
(eg Monte Carlo direct simulation) are fully developed and validated for axisymmetric bodies at 
incidence. 


Over the last 10 years or so, there have been a number of studies in which the zero-incidence drag 
of slender cones has been measured. However, the results obtained by different experimental investi¬ 
gators do not show good agreement. These differences illustrate the problems of measuring small forces 
on small models under rarefied flow conditions. The substantial scatter of data tends to obscure any 
possible effects of such parameters as cone angle, nose bluntness, freestream Mach number and wall tem¬ 
perature. There has been no general agreement about the choice of parameter with which to correlate the 
drag data, and no completely successful correlation has yet been achieved. The drag data have usually 
been presented in the form of the coefficient, Cp , or the ratio of the coefficient to the free- 
molecular drag coefficient, Cp/Cp^ . However, Potter has suggested that the function 
♦ (■ [Cj> - Cpj] /{ Cp fn - vised since this removes the geometric effects of similar shapes. (*(Kn) 

Is the 'bridging function' of interest, and Cp^ is the lnvlscld drag coefficient.) The choice of 


parameter with which the drag is correlated could by any of the traditional rarefaction parameters such 
ns Reynolds number (Re* - p»U*d/u«), Knudsen number (Kn* - 1.26Y M»/Re* <j) or the viscous similarity 
parameter (V* $ - M»fG»/Reto jl^]. All of these parameters have been used in the past to try to correlate 
data, along with others such as Re* >{ j(T w /T*) , Kn* ,d(T w /Ti*) and more complicated ones. Geiger 2 has 


proposed a correlation which Includes terms such as the viscous similarity parameter, the inviscld and 
free-molecular drag coefficients, the ratio of wall to freestream total enthalpies and an empirical 
nose-bluntness factor. Taub^ has proposed a correlation Involving the viscous similarity parameter, the 
wall to freestream temperature ratio and c nose-bluntness factor. However, none of these correlations 
are entirely satisfactory. 


The present data will be used for comparison with simple Knudsen number bridging functions, 

♦(Kn) . Knudsen number is the ratio of the ambient molecular mean free path to a characteristic body 
length (usually the base diameter for slender bodies), and is widely accepted as a scaling parameter for 
low density flows. For Kn* < 0.01 the flow is considered to be continuum and for Kn* j >*■ 10 the 
flow is free-molecular. For these particular tests, the range of Kn w d was 0.0011 to 0.1606. Although 
these tests fulfil the need for data over part of the Knudsen number range in the transitional flow 
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regime, there is a definite need for acre experimental data over the range 0.1 < Rrw. < 5 • It la 

hoped that future enhancements to the Low Density Tunnel may make the coverage of part of this range 
possible. The present cone drag data will also be compared with the correlation of Taub. 

Some additional testa on blconlc and trlconlc axlaymmetrlc bodies at aero and non-zero angles of 
Incidence were made. The zero Incidence drag coefficient data for both these bodies and the non-zero 
Incidence axial force data for the trlconlc body will also be compared with the Knudsen number bridging 
functions. 

2 EXPERIMENTAL DETAILS 

2.1 Tunnel operating conditions 

Pour operating conditions of the RAE Low Density Tunnel were used for these teats. These 
conditions correspond to two freestreaa Mach ambers of 8.58 and 9.84. The tunnel uses pure nitrogen as 
a teat gas. The three standard conditions (M w • 9.84) are achieved by operating the Mach 10 contoured 
nozzle at slightly different stagnation conditions. The M - 8.58 condition results from operating the 
nozzle at off-deslgn conditions. The more rarefied flow at the off-deslgn condition produces a thicker 
boundary layer along the nozzle wall, and hence a lower Mach number In the free jet outside the nozzle 
exit. Detailed axial and radial pitot probe traverses were carried out, and these confirmed the 
uniformity of the nozzle flow at this off-dealgn condition. The four conditions give a range of unit 
freestreaa Reynolds nunber of 11380 per metre to 124023 per metre. The stagnation pressure ranged from 
3.12 * 10**Nbr* to 2.06 * 10 5 fta' 2 and stagnation temperature from 1170 K to 2110 K. 

2.2 Description of models 

A large number of models were needed to carry out the parametric study of the effect of various 
parameters on the zero Incidence drag of cones. The parameters varied were cone angle, cone bluntness 
and Reynolds (or Knudsen) number. The ratio of wall temperature to total temperature varied to a small 
extent although this was not by choice, but was governed by the tunnel operating conditions and the 
material of the models. Cones of five different half angles (8) and six different bluntness ratios (♦) 
were tested. This corresponded to a total of 30 different geometries. In addition to this, there were 
five models of each geometry of different sizes In order to give more variation In Reynolds number than 
provided just by variation of the four tunnel operating conditions. Hence there was a total of 150 
models. The majority of these models were solid and made of mild steel. The exception to this was the 
largest model for each of the different geometries which were thin-valled models made of a nickel alloy. 
This was necessary because a solid model of this size would have been too heavy for the sting to support 
without bending. 

These models were fairly slender cones with the half angles ranging from 4* to 10*. The bluntness 
ranged from + - 0 , a 'nominally' sharp cone, to ♦ • 0.5 , where the nose radius was half the base 
radius. The range of model lengths was 26.7 mm to 300 mm. Full details of the various parameters are 
shown in Fig 1. This corresponded to a range of Reynolds numbers based on the cone base diameter (Re w .) 
of 80 to 13122, or Knudsen numbers (Kn^ of 0.0011 to 0.1606. ’ 

Also shown in Fig 1 are details of the blconlc and trlconlc models. Only one geometry of each of 
these shapes were tested. The two conic sections of the blconlc body had half angles of 11.25* and 4.5*. 

A single model, of length 150 mm, was tasted at one flow condition, corresponding to a Reynolds number 
(Re«*,d) 3324 - 0.00442). The three conic sections of the trlconlc body had half angles of 

7.03°, 3.87* and 7.37*. Four different sized models, of lengths 50 mm to 200 mm, were tested at 
different flow conditions to give a range of Reynolds number (Re ) of 157 to 6850 (Kn . - 0.00214 to 
0.0814). “» d "* d 

2.3 Force balances and model mounting 

The drag forces on the models in the Low Density Tunnel were measured using three externally-mounted 
force balances of different range. The balances were the Mk 1 one-component balance, and the 100 g and 
500 g three-component balances. These three balances can measure maximum axial forces of 0.1, 1.0 and 5.0 
Newtons respectively. At zero Incidence the axial force ia also the drag of the body. All three balances 
operate on the 'null' principle and use an electromagnetlcally-derlved restoring force to balance the aero¬ 
dynamic loads. The two three-component balances, which measure axial force, norwl force and pitching 
moment, were used for all tests at non-zero angles of incidence. 

All three balances were similarly mounted from rails on the roof of the evacuated working section. 

The balances were carefully shielded from the high temperature 'free jet' gas flow to prevent any errors 
due to heating effects. Each force balance was calibrated statically prior to wind-tunnel testing. The 
repeatability of the measurements from the force balances Is and the accuracy ±12 of full load. It 
Is estimated that the overall accuracy of the drag coefficients le ±42 when uncertainties In the tunnel 
test flow conditions are taken Into account. The results used were those for which the balance was most 
appropriate to the level of axial force experienced on the model. This would maximise the accuracy of 
the results. Hence the Mk 1 balance was used for the very small models where the forces were low, and 
the 500 g balance was used for the larger models where the forces were much higher. 

There are two other factors which could affect the measurements. These factors are sting Inter¬ 
ference and shroud interference effects. The model Is mounted on a horizontal sting which is rigidly 
attached to a vertical sting connected to the balance In the roof of the working section. The vertical 
sting Is protected from the heat of the gas flow by a shroud to prevent any errors due to heating 
effects. The horizontal sting passes through a hole In the shroud before Its attachment to the vertical 
sting. At no point do the horizontal or vertical stings touch the shroud and great care la taken to make 
sure this is always so. 
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Sting Interference effect* ere due to the ating diameter being lerge in relation to the diameter of 
the base of the aodel being tested so as to modify the pressure field (and hence the drag) in the region 
of the base. For the standard AGARD supersonic/hypersonic calibration models'* HB-1 and HB-2, it is 
stated that the sting disaster aust not exceed 30% of the base dlaaeter on an axlsymmetrlc body in order 
to avoid sting Interference effects. For the very saalleat aodels tested in this tunnel programme, the 
sting dlaaeter was only 23% of the base dlaaeter and for all the other aodels It was less than 20% of the 
base dlaaeter. Renee it is concluded that all these aeasureaents are coapletely free of sting inter¬ 
ference effects. 

The shroud interference effects will be caused by the shroud being too close to the base of the 
■odel (ie the length of the horizontal sting being too short). The shroud, in the saae way as a large 
sting, way aodify the pressure field In the region of the base of the aodel and hence alter the drag. 
Experiaents showed that the shroud Interference effects were aost severe for the snail aodels when the 
base dlaaeter is of the order of the shroud width. Stings of differing lengths were used and the 
pressure close to the base was aeasured using a tube aounted on the sting. The results showed a con¬ 
siderable variation in base pressure with the separation distance between the base and the shroud. The 
minimum distance to avoid interference for each case could readily be deduced froa these results. 

2.4 Estimation of aodel wall temperature 

Aa the wall temperature ratio, T^/Tp , is known to have a large effect on the value of the drag 
coefficient, Cp (see, for exaaple, Ref 5), it was important to eatlaate the values of T w /Tq which 
apply to this present data. The estimation of T w /T q was Bade difficult by the aethod of operation of 
the Low Density Tunnel. Firstly, each of the four 'standard* tunnel operating conditions have a dif¬ 
ferent stagnation temperature, and secondly, the 'warming up* of the graphite heater and the establish¬ 
ment of the stable flow condition takes a period of 2-3 minutes. During this tlae the temperature of the 
aodel increases by kinetic heating from the flow and by conduction within the model Itself. This results 
in temperature gradients along the surface of the aodel, the nose of the model being considerably hotter 
than the base. The problem is further complicated by the use of both the large thin-walled nickel alloy 
aodels and the smaller solid steel models. 

In order to aeasure these temperature gradients, and estimate values of T w /Tq for the models as a 
whole, use was made of the AGA infrared thermal imaging system. This is a non-lntruslve technique for 
measuring the infrared radiation emitted by a surface. The aodel was viewed by the Iong-wavelength 
(8-14 pa) camera through an Infrared-transmitting window aounted in the side of the tunnel working- 
section. The signal from the camera is passed to a microcomputer and is presented as a temperature con¬ 
tour map. Using the software available for the microcomputer the thermal images were processed. The 
mean surface temperature was calculated for both the solid and thln-wall models at each of the four flow 
conditions. The accuracy in the measurement of T w is estimated to be ±5%. The range of mean values of 
T w /Tq for the solid aodels were 0.16 to 0.31 and for the thin-wall models 0.31 to 0.52. 

2.5 Values of contlmum and free-molecular axial force coefficient 

In order to compare the present data in the transitional rarefied-flow regime with its limiting 
values and to be able to define 'bridging functions', it was necessary to obtain values of continuum and 
free-molecular axial force coefficient for the geometries used In this study. Although one set of the 
limiting values of axial force coefficient are referred to in this paper as the continues limits, the 
values actually used are Invlscid. In the equations for inviscid-flow all shear terms are Ignored, and 
the flow is strictly inertial. In practice, continuum flow corresponds to high Reynolds number flow 
where the viscous effects are small but not negligible. The values of the zero Incidence axial force (le 
drag) coefficient and non-zero incidence axial force coefficient for the various geometries were obtained 
froa computational methods. 

The values of the invlscid axial force coefficient were obtained from a Report by Morrison et al 6 . 
These values were calculated using a NSWC/WOL 7 computer code based on a finite-difference solution of the 
steady invlscid three-dimensional compressible flow equations for a perfect gas with Y ■ 1.4 . These 
values are for ■ 10 and include the contribution of base drag. 

The values of the free-molecular axial force coefficient were obtained froa unpublished RAE data. 
These values are for M — ■ 10 and T w /T — • 1.08 , and were calculated using a free-molecular computer 
code. The usual assumptions of perfect normal momentum accommodation and diffuse reflection were made. 

3 DISCUSSION OF CONE RESULTS 

3.1 Measured drag of sharp and blunted cones 

The measured zero incidence drag forces on the cones were converted to the usual aerodynamic coef¬ 
ficient form, Cq , using the base area as the reference. Some of the data are presented in graphical 
form in Figs 2 and 3. These graphs show Cp plotted against Kn.^ , the Knudsen number with the base 
dlaaeter as the reference dimension. Fig 2 shows the effect of bluntness ratio, + , on Cp for the cone 
half angle, 0 , of 8*. Fig 3 shows the effect of 0 on C^ for ♦ - 0.1. 

It can be seen froa these graphs that for all the present data, the values of C D lie between the 
calculated continuua and free molecular values as would be expected. Also, the expected trend of Cp 
increasing with increasing Kn» (< j (or rarefaction) can be clearly observed. No graphs have been plotted 
to Illustrate specifically the effects of Mach number and wall temperature as these are generally small 
in the present work. Data for the different Mach numbers of 8.58 and 9.84 can be distinguished on all 
the figures. Keel et al 8 state that for Mach number Independence, the criteria is M — sin 0 > 1 , or, 

more specifically, S» sin 9^1 (where “ (Y/2) M») . For the present data the values of Sw sin 9 

range from 0.50 (for 0 - 4° and M» - 8.58) to 1.43 (for 0 - 10* and H. « 9.84). Hence the present data 
cannot be considered to be Mach number Independent. 
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Theae Figures indicate that the range of Ka» ^4 presently covered by the U>w Density Tunnel is the 
one where the most significant changes in Cp characteristics occur. At the lowest values of Kiu^d , 

for which the present data exist, it can be seen that the values of Cq are considerably higher than the 

continuun Units. This indicates that there is a very significant viscous contribution to the drag at 
this value of Kn^ ^ (around 0.001). (The flow is considered to be continuum at around Re« t <j * 10 7 or 
Kruo 4 • 10 6 for » 10 .) At the higher values of Kn*.^ » the present data is approaching the free 

molecular Units but is not close enough to be able to ascertain whether it will approach these Units 
asymptotically, as the lower Kn« 4 data does to the continuun limits. 

The apparent slight scatter in the data (Figs 2 and 3) is mainly due to the different model 

materials and flow conditions (le different values of T w /Tq )• Although these differences in Cp are 

only about 10Z at the moat, it is clear that they are greater for the blunter cones. That Is to say, the 
effect of T w /Tq Increases with Increasing 4 . The effect of Cq increasing with increasing T w /To 
has been noted by many researchers. In particular, Dahlen 9 found that the value of Cp for a hot wall 
<Tw “ *0) ®°del wa 8 HZ greater than that for a cold wall (T w ■ T»), whereas Crawford 5 found that this 
Increase *a8 between 11Z and 19Z, and was greater for blunt cones than for *harp cones- 

Fig 2 shows the effect of bluntness for 9 - 8° . It is dear from thla Figure that for values of 

♦ from 0 to 0.2 Inclusive, the corresponding values of Cp are very similar. An Increase in the values 

of Cp between each value of 4 from 0.2 to 0.5 is clearly observed. However, the effect of 4 

appears to decrease with increasing Kiw 4 • These trends were also observed for the other values of 
0 (4°, 6", 7° and 10*). Unfortunately, there Is no data available for higher values of Krw^ « but it 

would be expected that the effect of 4 decreasing with Increasing Kn*^ would continue, as is shown 

by the free molecular limits. 

Fig 3 shows the effect of cone angle, 0 , for the bluntness ratio, 4 , of 0.1. It is immediately 
clear chat the effect of 0 on Cp is much less than that of 4 for the range of values of 9 and 4 
used in this study. The graph shows a cross-over of the data as would be expected by looking at the con¬ 
tinuum and free molecular limits. At the lower values of Ki*» 4 the highest value of Cp is for the 
0 - 10* case, whereas at higher Krv» 4 the highest Cp is for the 0 • 4* case. These trends were also 
observed for the other values of 4 ^0, 0.2, 0.3, 0.4 and 0.5). However, it was observed that this cross¬ 
over point occurs at about Kn»,d * 0.01 for the 4 - 0 case, and at decreasing values of Kiw ( 4 with 

increasing 4 to about Kn» 4 » 0.005 for the 4 * 0.5 case. Over the region Kn»,d “ 0.001 to 0.01, 

there is only a very small effect of 0 , whereas for Kn»^4 ■ 0.01 to 0.16, the 0 » 4° data are 
markedly higher than the rest. The data for values of 0 between 6* and 10° appear to lie on the same 
curve. These trends are exactly what would be expected as the data approach the free molecular values- 

3.2 Knudsen number correlations 

The effects of cone angle, bluntness, wall temperature, Mach rnsnber and Reynolds (or Knudsen) 
number on the drag coefficient of a cone at zero incidence have been described earlier. Any correlation 
which is derived to define the drag coefficient of a cone in the transitional rarefied flow regime must 
take into account all of these effects, which may well all be interdependent. The alternative, in the 
extreme, may be to derive a separate correlation of drag coefficient with Reynolds or Knudsen number for 
each value of cone angle, bluntneaa, wall temperature and Mach number. It la expected that, in practice, 
a compromise between these two extremes will have to be reached. For example, this may be a series of 
empirical relations defining the effect of each parameter, or perhaps a series of relations, each only 
applicable to a certain range of geometries and flow conditions. 

A logical choice of correlating parameter is Reynolds number or Knudsen number, since both of these 
have fixed values at which the transitional rarefied flow regime is considered to end- At these limits, 
the continuum and free molecular flow regimes exist. The value of the drag coefficient for a given 
geometry is constant within these two regimes. Hence there are fixed values at either end of the tran¬ 
sitional rarefied flow regime to which any correlation must asymptote. However, one comes across the 
first problem when it Is realised that the free molecular drag is wall temperature dependent whereas the 
lnvlscld drag is not. Also, only the free molecular drag is sensitive to surface roughness and normal 
momentum accoanodatlon features, which are not discussed at all in this Paper. The effect of Mach number 
on drag (for > 2) is the opposite in inviscid flow to that in free molecular flow. The effect of 
bluntness is much reduced between the continuum and free molecular limits, whereas the effect of cone 
angle is reversed. To take into account all these changes in the effects will be very difficult. 

Dahlen 9 carried out a study similar to the present one In a low density tunnel, where the effects 
of cone angle, bluntness and wall temperature were measured. A mmfoer of attempts were made to see which 
were the best parameters to collaps^ the data. He concluded that the drag was best represented in the 
form originally suggested by Potter , that is (Cp - Cq^/CCq^ - Cp t ). It was considered that this para¬ 
meter, also known as 4 , reduced the effect of bluntnesa compared with Cq/Cq^ or just Cp . Also the 

relation has limiting values of 4-0 for continuum flow and 4 • 1 for free molecular flow. The drag 
was plotted against a number of flowfield parameters such as Reynolds and Knudsen numbera, with both the 
base diameter and cone length as reference lengths, Reynolds and Knudsen msibera multiplied by the wall 
temperature~ratlo, and the viscous similarity parameter. It was concluded that the Knudsen number with 
base diameter as reference, Kn» 4 , was the best parameter. A graph of 4 plotted against Knw 4 will 
give a curve which can be defined by a function 4 (Kn) - this is known as the 'bridging function*. 

Fig 4 is a graph with 4 plotted against Kn» 4 showing all the present data. It can be seen 
that there Is a significant collapse of the data when it Is compared with the earlier graphs showing the 
variation of Cq with Kn» ( 4 • A first order Knudsen mmber relationship (bridging function), 

4 ■ (Kn»,4 + 0.008)/{Kn» 4 + 0.09) is shown on this graph. This relation is a good fit to the data, and 
asymptotes to the lower limit of 4 - 0.089 rather than 4 ■ 0 . (However, the lower limit of 4 - 0 
is not realistic. In practice, the viscous effects, although small, are not negligible in continuum flow 
and so the continuum value of Cq will be greater than the lnvlscld value. Therefore, a lower limit of 
4 > 0 for continuum flow is better in reality.) 




By looking at the effects of the various parameters as shown earlier, it is clear that the drag of 
the 4* cones is moat Influenced by wall temperature and Mach rusher. Since these effects are much more 
extreme than for other values of ♦ , it was decided to exclude the 6*4* data from the next graph. 

Fig 5 shows 4 plotted against Kifc*,d with all the data for 6 ■ 6, 7, 8 and 10*. It is inedlately 
clear that the exclusion of the 6*4* data brings about a significantly greater collapse of the data, 
particularly at the higher values of Kib j . The removal of the ♦ • 0.5 data may reduce the spread of 
the data further. However, it was decided that this would not be greatly beneficial, since much of the 
spread was due to the effects (although greatly reduced by the use of ♦) of 9 , and T w /Tq . A 

second-order Knudsen number relationship is suggested - 


(Kn + 0.009) (Kn . 4- 0.0005) 

. — 2A - —ZA -__ . 

(Kn 4 - 0.09) (Ki* . 4 - 0.0008) 

" ,a *• ,d 

This bridging function is shown on Fig 5. This relation is also a good fit to the data, and asymptotes 
to the lower limit of ♦ • 0.056. However, It is considered that the second-order relationship is the 
better curve and should certainly be adopted for values of Krw j < 0.001 . Further data are needed at 
values of Kn» ^ not covered by this present study to enable a better fit curve to be defined. 

3-3 Taub relations 

A particular criticism of the 4(Kn) bridging functions is that they do not make any allowance for 
wall temperature effects other than in the value chosen for the free molecular drag term. (However, it 
was decided not to Incorporate this in the present study, for simplicity, and so all values of 
were evaluated at the same value of T w /To » equal to 0.05.) A method which does allow for wall tempera¬ 
ture effects more formally (as well as those of Mach number, cone angle, nose bluntness and Reynolds 
number) is based on correlations by Taub 3 of wind tunnel and ballistic range data for sharp and blunted 
cones at *ero incidence in rarefied hypersonic flow. It was found that the results correlated well when 
plotted in terms of two parameters Cp and U , which are defined as 


and 


C D 


C D 

sln 2 0(l + 0.3 7 56 2 ) 


(1 + 0.4T W /T(j) cos 9 
(1 4 - 0.3758 2 ) sin 2 6 



where 6 ■ t/sin 0 

and is a coefficient defined as * u^T^/y^T^ » 

with 


T 


X 


T 0 / T w 
— |l + 3 ~ 
6 \ T 0 


) 


Taub also estimates a 'hypersonic limit' which all data for M > 4 reach. This limit is defined by 
the equation 


C_ - 2 + 1.680 + 1.66 « ltfV + 6.5 « 10” 4 0 3 

D 


and the parameter M is defined as 


M 


H m sin 0(14- 0.3 7 58 2 


Some of the present data are plotted on a graph of Cp against 0 (Fig 6). Also shown is the estimated 
'hypersonic limit'. Taub suggests that curves exist for each value of M until the hypersonic limit is 
reached. Some of the present data are plotted in an attempt to show the effect of M . From the 0*7* 
data. It can be seen that the t - 0.2 cases lie between those for + - 0 and t « 0.5 . The other 
data selected for this graph were for 0 • 4 9 and 10* and ♦ * 0 and 0.5. The aim of this was to be 
able to show the extremes of the various geometric parameters (which corresponded to extremes in values 
of M). It can only be concluded from the effects of the data shown that all the other data will lie 
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between the Halting values. To plot all the present data would make It impossible to determine the 
effect of M . The correlations produce a reasonable collapse of the data, the worst case, once again, 
being the 0-4* data. However, this value of 0 falls outside the range of conditions of the data 
fro* which Taub derived the correlations. The data he utilised actually encompassed the ranges: 

5“ < 8 < 30*; 0.04 < T w /T 0 < !; 0 < * < 0.82, and 2 < ft. < 21.5 . The effects of 8 and * seen 
to have been well accounted for In the expression for M , although changes In are, perhaps, 

overcompensated for. (This is observed by looking at the data for the same geometry - the - 8.58 
data (lower M) lies closer to the hypersonic limit than the ■ 9.84 data (higher M) for all the 
geometries shown.) It can only be concluded that this Is the reason for the data not lying In ascending 
order of M . However, it may also be an Incorrect assessment of the effects of T^/T^ In the 
formulation of the parameters Cp and U • 

3.4 Comments on correlations 

Comparing Pigs 5 and 6, It can be seen that with the removal of the 6 • 4* data, the 4 versus 
Kn *» d 8 r *ph (Fig 5) produces a better collapse of data than that produced by the correlations of Taub. 
Although Taub's correlations are some 20 years old and have no physical basis. It can be seen that the 
present data do not disagree with them. As M increases, so the data tends towards the 'hypersonic 
limit*• There are two criticisms of Taub's correlations. First there Is no free molecular limit (value 
of Cp corresponding to high 0) as given by Vinettc theory, hence the bridging function, 4 (Kn), is a 
better physical concept. Secondly, the 'hypersonic limit' (M > 4> Is not realistic, especially for cones 
with high values of 4 ; for in these cases Che criterion Is met for ^ values < ** • Although a 
relation expressing Cp In terma of a power series in U , following Taub, could have been derived as a 
best-fit curve to all the data, it is considered that the 4 (Kn) relations would be better fits to the 
present data. 

4 DISCUSSION OF BICONIC AND TRICONIC RESULTS 

4.1 Measured axial force 

The measured axial forces on the trlonlc body were converted to the usual aerodynamic coefficient 
form, C A . The data, for angles of incidence, a , of 0* to 20*, are presented In graphical form In 

Fig 7. This graph shows C A plotted against Ktw p< j . It can be seen from this graph that all the 

measured values of C A lie between the calculated continuum and free molecular values. The expected 
trends of C A increasing with Increasing Kn»,d and. a can clearly be observed. The values of C A 
for a - 5* are only slightly greater than those for a • 0* , but there are progressively larger 
Increases in these values for a - 10* and 20*. These trends are reflected In the continuum and free 
molecular values. (The Invlscld computational method breaks down at Incidences greater than 15*, so 
C A ^ for a - 20* could not be calculated. However, - 2.802 for a - 20*.) The magnitude of the 

changes In C A with a are comparable to the changes in Cp with 4 for the cones, reported earlier 
In thie paper (over the ranges of a and 4 tested). Again, the M — - 8.58 data appear to lie on a 
lower curve than the - 9.84 data. This Is believed to be due to the effects of Mach maiber and wall 
temperature. 

4.2 Knudsen number correlations 

Since the effects of a (for 0* < a < 20*) are of the same order as those of 4 (for 0 < 4 < 0.5), 

there la no reason why the parameter 4 should not collapse the C A data for the trlconic body In the 

•aae way as It collapses the Cp data for the cones. With 4 being defined as 4 » (C A - C Ai )/ 

(C Afa - C Al ), changes In the axial force at Incidence can be plotted against Kn» v d . Fig 8 Is a graph 

with 4 plotted against Kn» >( | showing the trlconic data for a - 0°, 5’ and 10*, and also the blconlc 
data for o - 0* . The effect of a is significantly reduced by the use of the parameter 4 . In 
addition, the collapsed data is fitted reasonably well by the bridging function 


(Kn.'d + 0.008) (Kn. ?< j + 0.0005) 

* (Kn-,d + 0.09) (Kn» f< j + 0.0008) 

which was suggested earlier to fit the zero Incidence cone data. Hence this shows that the principle of 
using a bridging function of the form 4 (Kn) can be extended to cover the axial forces on slender axl- 
symmetric bodies at low angles of Incidence. 

5 CONCLUSIONS 

An experimental Investigation has been carried out In the RAE Low Density Tunnel to measure the 
zero incidence drag of sharp and blunted cones in rarefied hypersonic flow. The effects of a number of 
geometric and flow parameters on the drag coefficient, Cp , have been determined. The parameters which 
were varied and their range of values were as follows: 

cone half angle, 0 4, 6, 7, 8 and 10* 

cone bluntness ratio, 4 0, 0.1, 0.2, 0.3, 0.4 and 0.5 

Mach number, Mb 8.58 and 9.84 

Reynolds number, Re» 80 to 13122 

Knudsen number, Kite’d 0.0011 to 0.1606 

wall to total temperature ratio, T w /Tp 0.16 to 0.52 
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The range of Kiw 4 lies In the transitional rarefied flow regime. The transition referred to Is thdt 
from continuum to * free Molecular flow. All Measured values of Cq were between the calculated contlnuun 
and free Molecular Halts. As expected, It was found that the effect of increasing Km. 4 was to 
Increase Cq . The effect of 6 was saall, however a cross-over In the Cq traces was observed with 
the smallest value of 0 having the highest value of Cq at the higher values of Km* 4 . For values 
of 4 from 0 to 0>2 Inclusive the vsluea of Cq were stellar, but for + > 0.2 Cq Increased with 
Increasing 4 . 

The effects of these various geometric and flow parameters are reduced by plotting the function 
4 ("(Cq - Cq^)/(Cq^ - Cqj )) against Kn^^ . A second order Knudsen number eaplrlcal relationship, 

(Kn . + 0.008) (Kn. . + 0.0005) 

. m - »” __ 

(Kn J + 0.09) (Kn . + 0.0008) 

*• ,a m ,a 

has been suggested to fit the present date. In addition to the zero incidence cone drag, it was found 
that this relation also fits data for the zero Incidence drag of blconlc and triconic bodies and the 
axial force of the trlconlc body at incidences up to 10*. It Is recoMMended that this relation Is used 
for any calculations related to the zero incidence axial force (le drag) and low incidence axial force of 
slender axlsyaMetrlc bodies In the transitional rarefied flow regime. The definition of a better 
bridging function, 4 (Kn), and a greater understanding of the effects of the various parameters requires 
data at different values of Kn**^ , 14* , a and T*/To • 

In addition to the low incidence axial force there Is a need to be able to define changes in other 
aerodynamic characteristics of slender bodies through the trensltionsl rarefied flow regime. This stems 
from a requirement to be able to predict the performance of bodies re-entering the Earth's atmosphere. 

The aerodynamic characteristics required are the axial force coefficient at higher angles of Incidence, 
the normal force coefficient at angles of Incidence, the centre of pressure position at angles of Inci¬ 
dence, and heat transfer rates at zero and non-zero angles of incidence. The limited data obtained so 
far from the Low Density Tunnel does not cover a wide enough range of Kn » t 4 to be able to ascertain the 
effects of the various geometric and flow parameters on these other aerodynamic characteristics- It Is 
hoped to carry out the study of these complementary characteristics over s wider range of Rn^ . in the 
aear future. * 


Copyright © , Controller HMS0 London, 1987 
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LOW REYNOLDS NUMBER INFLUENCE ON AERODYNAMIC PERFORMANCE 
OF HYPERSONIC LIFTING VEHICLES 

by 

Georg Koppenwallner 
Priv.Doz.Dr.-Ing., Section Head 
DFVLR Institute for Experimental Fluid Mechanics 
Bunsenstrasse 10, D-3^00 Gottingen, F.R.G. 


SUMMARY 

The aerodynamic performance of lifting reentry vehicles in the high Mach number 
Ma > 10 and high altitude H > 50 km regime is analyzed. Due to the high flight 
velocity chemical reactions and due to the low density viscous and rarefaction effects 
are of importance. Free flight data of the US-Shuttle and low density wind tunnel data 
of DFVLR are used. It is found that aerodynamic performance loss and a destabilizing 
pitching moment change can be explained by viscous-rarefaction effects. 


LIST OF SYMBOLS 

c A axial force coefficient 

c N normal force coefficient 

c D drag coefficient 

c L lift coefficient 

c M pitching-moment coefficient; 

M _ _ M 

°M ~ c*q„*S 0r C M 1-q^-S 

CP center of pressure 

c reference chord length 

d diameter 

H altitude . 

00 

Kn Knudsen number; Kn = — or 

L ch chemical relaxation length 

1 body length 

Ma Mach number 

Re Reynolds number based on vehicle length 1 
if not otherwise stated 

S plane form area 

Sc scale 

v flight velocity 

V, V viscous parameter; V = - a t , V - /c* 

•'ne /Re" 1 

x coordinate in length direction 

Xp center of pressure coordinate 

Xj^j moment reference point coordinate 

a angle of attack 

A molecular me'.n free path 

5 boundary layer thickness 

n flap defection, positive downward 

Indices 

* free stream 

1 conditions at body length 1 


K> 

d 
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1. INTRODUCTION 

The aerodynamic performance of hypersonic reentry vehicles is strongly influenced 
by viscous and chemical relaxation effects in the high altitude flight regime. Reentry 
starts with orbital velocity of 7.6 km/s at near free molecular flow conditions. In 
the initial deceleration phase the aerodynamic forces and .aoments are small due to the 
low air density. The aerodynamic lift is also small when compared to the centrifugal 
force acting on the vehicle. Therefore vehicle stabilization and control must be per¬ 
formed by reaction control Jets. In the main deceleration phase from v = 7 to 3 km/s 
the aerodynamic forces, moments, and heating are however most important. 

In this part of the trajectory with v £ 3 km/s and H > 50 km the flow around 
the vehicle is dominated by 

• Hypersonic high Mach numbers Ma > 10 

• Laminar viscous and rarefaction effects V = Ma/ZRe 1 > 0.005 

• Chemical reactions and nonequilibrium. 

Figure 1 shows for a typical reentry trajectory the lower limits for the regions of 

- high Mach number flow 

- laminar and rarefied viscous flow 

- chemical reactive flow. 

It is evident that the three regions overlap each other which means that the aero¬ 
dynamic behaviour of a vehicle will be determined by all three phenomena and its mutual 
Interaction. This region is sometimes called 'real gas flow' regime. 

Unfortunately the present state of wind tunnel technology and theoretical methods 
does not allow a combined simulation of the three phenomena. Therefore free flight data 
as obtained from shuttle flights and studies of the single effects with an appropriate 
synthesis are the only way to obtain more insight and to improve the prediction methods. 

In the following contribution we will investigate the influence of laminar viscous 
and rarefaction effects on the aerodynamics of reentry vehicles. Primary emphasis will 
be put on the pitching moment because the US-Shuttle flight data showed an unpredicted 
behaviour. Wind tunnel measurements performed in the DFVLR hypersonic low density tunnels 
on various reentry configurations will be used to analyse high Mach number viscous and 
rarefaction effects. The main question to be addressed is: Can the shuttle pitching 
moment behaviour be attributed to chemical real gas effects as presently stated in the 
Literature or will It be caused by viscous low density effects? 


2. SHUTTLE FLIGHT RESULTS AND EXPLANATIONS FROM LITERATURE 

After the first flights of the US Shuttle NASA started an extensive study to 
compare the preflight prediction of aerodynamic characteristics with the inflight 
measurements. 

The preflight aerodynamic predictions are based on 27000 wind tunnel occupancy 
hours and utilized semi-empirical methods to correct, for incomplete simulation in the 
tunnels. As result of these studies and additional theoretical work the Aerodynamic 
Design Data Book (ADDB) was established. The ADDS is the basis for shuttle preflight 
aerodynamic prediction [1], An excellent review of preflight estimates of real gas 
effects is given by Woods, Arrington and Hamilton [2]. 

The complex problem to model the hypersonic flow with viscous, low density, real 
gas chemistry and relaxation could not be solved and the following conventional approach 
was taken. 


a) Hypersonic viscous and rarefaction effects 


The theoretical approach was to use lnvlscid hypersonic calculations complemented 
with viscous laminar boundary layer corrections and the resulting viscous iriviscid 
interactions. 


The experimental approach was based on results of conventional hypersonic w .nd 
tunnels. 


b) Hypersonic real gas and relaxation effects 


The theoretical approach was based on lnvlscid equilibrium air chemistry calcula¬ 
tions. Good agreement was found between equilibrium real air chemistry and ideal gas 
calculations using an effective specific heat ratio of y = 1.12. This agreement served 
as justification for the use of Freon as operating gas in the Langley LaRC OF,-hyper¬ 
sonic tunnel. 
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Relaxation effects of the chemistry were not included in theoretical prediction 
methods. Besides of the above mentioned Langley facility the CALSFAN Shock Tunnels 
served as the main tunnels to investigate real gas effects. 

2.1 The shuttle flight results 


The shuttle prediction, the flight data evaluation, and the post 
is summarized in 'Shuttle Performance: Lessons Learned [3]' and in the 
2 ations J4, 5, 6, 7]. Figure 2 gives the shuttle entry trajectory in a 
diagram. Also included are the angle of attack a and altitude as fun 
Mach number Ma^. It is important to note that during the deceleration 
of attack is kept constant at a = 40° for Ma^ 2 12. Mach-12 is obt. 
with a viscous parameter of s 0.005. The hypersonic high altitude 
severe discrepancies between prediction and flight have been found is 
Jectory with Ma ro 2 12 and 2 0.005. Only the prediction of the ae 
coefficients agreed well with the flight results, as may be seen from 
L/D, Lift and Drag as function of flight Mach number. A large dlsagre 
for the pitching moment c^ behaviour. 


flight comparison 
following publi- 
Mach-Reynolds 
ction of flight 
phase the angle 
ained at H = 53 km 
region where 
the flight tra- 
rodynamic force 
Figure 3 showing 
ement was found 


Figure 4 shows the trimmed 


during flight, which must be zero, and the predicted 


using the flight conditions, i.e. actual flap deflections. It is seen that the 
difference between prediction and flight is Ac„ - +0.03 for Ma^ > 15. Deviation exists 
for Ma = 10. The errorband for prediction becomes very large at Mach numbers above 
Ma^ - 18, which is due to the scatter in the wind tunnel tests. 


flight the body flap had to be deflected by the double of its nominal value, namely 
15° instead of 7.5°. This unpredicted moment behaviour Is typical for all shuttle 
flights as shown in 6 , where the Space Shuttle flights No. 1 up to No. 8 have been 
analyzed. The Ac.. error at Mach 20 between data handbook prediction and flight has 
average values or Ac.,, = 60 - 80 %. The nose up pitching moment in this high Mach number 
flight regime causes a center of pressure shift to the nose by AXp/1 a 0.7 . The 
nominal center :.f pressure locations i£ at Xp/1 - 0.668. 

2.2 Review of published explanations for the shuttle pitching moment behaviour 

The unabllity to predict the pitching moment behaviour of the shuttle with the 
aerodynamic design data book (ADDB) initiated in the US a strong activity to find expla¬ 
nations [3, 5, 7]. It is generally agreed that the Ac., behaviour must be explained by 
the high velocity real ga^ and the low Reynolds number viscous effects, which are not 
properly Included in the ADDB. 

urlffifh, Maus, and Best published (5, 8] their methodology model for improved pre¬ 
diction. According to this model the actual flight pitching moment c» is predicted by 
three additive corrections to a standard hypersonic , which essentially re¬ 

presents the inviscid case at fixed Mach number, namely Ma - 8. 



°K Flight. 

<c m’ 

inviscid + ^ Ac Mi 


&C M1 -• 

ic M 

(Mach number effects) 


ic MJ = 

ic M 

(real gas effects) 


ac M3 = 

4c m 

(viscous effects). 

The 

Ac^ correction terms were 

obtained in the following way 

Mach 

number effects, Ac M M . 

' M.Mach 



Ideal 

using 

inviscid gas flow calculations 
the CM3DT/STEIN computer codes 

for Mach numbers betweer. 


Real gas effects, Ac„ . 

___ M,real gas 

Inviscid equilibrium air flow calculations for the actual flight conditions using 
the CM3DT/STEIN computer codes. 

Viscous effects, Ac M 
_ ' M,viscous 

Fully viscous computations for a modified Orbiter geometry using parabolized Navier 
Stokes codes. In addition a semi-empirical correction as shown in Figure 5 was 
used. In this semi-empirical approach it is assumed that viscous forces act only 
on the lower wing surface of the Orbiter. 


Using this methodology model Griffith, Maus, and Best recalculated the Cy. behav¬ 
iour of the shuttle for the entry flight conditions, which is shown in Figure o. Accor¬ 
ding to these calculations Mach number and real gas effects produce nose up Ac M con¬ 
tributions, whereas viscous effects produce a nose down Ac^ contribution. If all three 
contributions are summed up a total moment change of Ac M -0.03 results , which agrees 
with the flight results. 
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This agreement lead to the conclusion that the methodology model Is appropriate and 
that real gas effects mainly influence the pitching moment. At a = 40° the 
Ac M real gas s 0*025 as can be seen from Figure 6. 

2.3 Critical remarks 

At first it shall be remembered that agreement of a prediction method using additive 
correction terms with free flight data does not necessarily mean that each correction 
term was calculated right. There exists an Infinite number of correction term combina¬ 
tions giving the same answer. 

The real gas effect treatment 

For shuttle flight conditions with = 0.001 to 0.03 the treatment of real gas 
effects with equilibrium chemistry is due to the following argument in adequate. The 
viscous parameter represents a Knudsen number based on the molecular mean free path 

and the boundary layer thickness 6, namely = Ma//Re. s X^/6,. It is well known that 

chemical reactions need much more molecular collisions to approach equilibrium than a 
purely gas dynamic change of state. This means that the ratio of chemical relaxation 
length L . to boundary layer thickness L . /5]_ >> X /6« . If we assume L . s ^ 

the chemical relaxation length will vary from L = 0.1*6 to L . = 3*6 in the flight 
regime with V a - 0.001 to 0.03. This means tftat this viscous 0 flow regime is connect¬ 
ed with chemical nonequilibrium effects at high velocities. 

The viscous effect treatment 

The simplified treatment of these effects as shewn in Figure 5 neglects the vis:; us 
shear of the cross flow in the nose region. This viscous shear is large due to the small 
Reynolds number at the nose region and acts also on a large lever arm. The nose region 
shear shall contribute a nose up pitching moment contrary to the lower surfac- 1 shear. 

To neglect the nose region seems therefore questionable. 

Figure 7 summarizes the phenomena, which seem improperly modeled in the methedo 1/gv 
method. 

A definite answer how real gas effects and how the viscous low density effects in¬ 
fluence the pitching moment behaviour can only be found by exact calculations r cv 
experiments which simulate these phenomena separately. In the following we will go the 
experimental way and analyse wind tunnel data obtained at DFVLR Gottingen during me 
years 1972-7^, also in the earlj shuttle development phase. 


3. MODEL SHAPES, WIND TUNNELS AND TEST CONDITIONS AT DFVLR 
The ART configurations 

These configurations where defined within the German Reentry Technology Frogram 
(ART) (9). The shape ART .?l»A had external lateral fine whereas the share .'up. had * w.. 
central fins. 

Figure 8 shows the wind tunnel models with scale of i:5. : * • d in T . r.e 3 v tc I r. 

Vacuum Wind Tunnels. Models with a scale of 1:4] were test vd I:. the Got. t i nger. Ludwier 
Tube Tunnels. 

The 3hutt ie-Orbiter models 

An early shape of the US Shuttle* was also tested. This cor.figura* i NASA 

•J-9 A Orb iter, is shown in Figure 9. The canocy and the simple delta ...nag*’ f • h- wing 
have been changed on the final Orbimr configuration. 

Wind tunnels and test conditions 

The hypersonic low Reynolds number studies were conducted in the DFVLR hypermni ■' 
vacuum tunnel V1G [10J. This tunnel allows operation in a Mach " and Mach If node. The 
test conditions covered are summarized in fable I. The high Reynolds number tests we:\ 
conducted In the I.udwieg Tube Tunnels [II] at Gottingen. For the AFT models the vise.-./ 
parameter was varied between 0.0063 and '}. 1. Figure 10 shows ■ he test ; na¬ 

tions in a Mach-Reynolds diagram with the corresponding tra/ocbory. 

For the 0^0 A Orbiter model only the low Reynolds high Mach rum: --r Rata were* -i- 
talned at DFVLR. For the high Reynolds number and 1 .w**r Mach range wind tunnel resultc 
from NASA Langley Tunnels LaRC 31'CFHT and LaRC nerved for comparison. 


TYPICAL AERODYNAMIC PERFORMANCE IN THE HIGH MACH NUMBER VISCOUS ANT 
P1REFIED FLOW REGIME 

From drag and pressure distribution measurements on simple shaped blunt t odi-.-s [l.-.] 
it is well known that with decreasing Reynolds number the viscosity and rarefaction tend 
first to increase the skin friction, and then at. Reynolds numbers about one magnitude 
lower the surface pressure will be affected. It is also known that In this flew regime 
where primarily skin friction is influenced the appropriate scaling parameter is t h*-- 
viscous parameter V a) which Is a Knudsen number based on the boundary layer thickness 
6, namely 
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v » = X J & ± • 

As an illustrative example for this behaviour may serve our pressure- and frictional 
drag measurements [131 on cylinders shown in Figure 11. This different strong depend¬ 
ence of friction and pressure on the viscous parameter V will help to explain the 
aerodynamic behaviour of lifting reentry vehicles in the high Mach- and low Reynolds 
number regime. 

** • 1 The ART-conflguratlons 

A synthes: s of wind tunnel results on the ART 2kB shape is shown in Figures 12 and 
13. The data are taken from (1*1, 15] and cover a range from V = 0.006 to V = 0.1. At 
small angles oi attack the lift coefficient is quite independent from V whereas at 
higher a a reduction of c. with increasing is observed. This reduction is 

mainly due to the viscous forces. 

The viscous influence on the drag shows a different behaviour with angle of attack. 

At a = 0 a large increase of the drag with V is observed, whereas at high a this 
Influence is smaller. At high a mainly pressure forces determine the drag, which are 
in this flow regime not strongly influenced by viscous effects. 

The gliding capability, i.e. the L/D ratio is strongly reduced with increasing V 
(Figure 13). At = 0.006 we have (L/D) = 2.1, which is approximately the inviscid 

Newtonian value. At * 0.096 the (L/D)'" is reduced to 1.1. It should be pointed 
out that at free molecular conditions, whicn a Ire approached at = 8 for Ma^ = 20 

the lift-drag ratio will drop to L/D = 0. 

This viscous rarefaction effects strongly influence the longitudinal stability as 
can be seen from Figure 13. With increasing from 0.006 to 0.1 the slope dc„/da 

becomes smaller and a nose up moment contribution +Ac^ observed. At a = 30° the 
viscous induced change of c^ amounts to Ac^ = 0.03. 

The pitching moment of the configuration 2*4A, Figure l<i, shows the same dependence 
on the viscous parameter as the shape 2HB. 

Figure 15 shows for both ART shapes the (L/D) reduction and the drag Increase 
in the viscous rarefied regime. It is evident that tne viscous parameter V„ scales 
these integral aerodynamic data quite well. 

The very strong Influence of the viscous effects on aerodynamic stability and con¬ 
trol is shown in Figure 16. Flap effectiveness is reduced by 50 % and a nose up moment 
of Ac M = 0.03 is induced at Ma/ZRe 1 - 0.1. 

**.2 The O^OA-Orblter configuration 

The PFVLR test results in the hypersonic vacuum wind tunnels were obtained in 
September 1983 at a stage when European participation in the shuttle development was 
still under discussion. The results have until now not been published. The complemen¬ 
tary high Reynolds number data from NASA Langley facilities are taken from a US Memo 

No SSPO E241-696 from 1972. 

Tests were conducted on the basic configuration without flap deflection and the 
external 0M3-pods. 

In Figures 17, 18, 19 the low Reynolds number DFVLR results are compared wit h the 
high Reynolds number US wind tunnel results. Both sets of data cover a Ma oo //Re~’ range 
from 0.01 to 0.12. It Is evident that viscous effects reduce the lift and normal 

force and Increase drag and axial force. The viscous (L/D) loss amounts to 50 % 

as can be seen from Figure 19- A very strong nose up influence on the pitching moment 
is again evident from Figure 19- 

An extracted aerodynamic vehicle behaviour at a = 25° is shown in Figure 20 as 
function of the viscous parameter Ma/Z'Re 1 . Calculations with Newtonian theory predict 
the aerodynami c c oefficients with exemption of c M quite well for the high Reyn olds 
number (Ma oo //Re^< 0.01) limit. Viscous effects show with increasing Ma^/ZReJ the 
same influence as found on the ART configurations, namely L/D loss, increase°°of axial 
force and a nose up pitching moment change Ac M - 

^.3 Qualitative explanation of moment and center of pressure shift 

All our exp erim ents on reentry vehicles demonstrate that in the viscous slip flow 
region at Ma w /SWeJ a 0.01 and at high angles of attack a nose up pitching moment Ac., 
will exist. This nose up pitching moment causes a forward shift of the center-of-pressure. 

A simple explanation can be given by following arguments: 

In the forebody region of these vehicles the flow is more rarefied and therefore 
the shear of the cross flow on the lateral surfaces is larger than the shear on the 
further aft wing. This larger shear acts on a long lever arm and produces a nose up 
pitching moment. 
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To quantify these arguments It would be useful to have pitching moment or center 
of pressure data of simple bodies in the range fro," continuum to free molecular flow. 

Due to the lack of experimental and theoretical simulation no relevant data exist. 

In a seml-empirical way we can however analyse the center of pressure behaviour of 
cones at nr * 90°. This CP behaviour will approximately be representative for the CP 
behaviour of a reentry vehicle at high angles of attack. 

In inviscid continuum (Ma/ZRe 1 << 1) and in free molecular flow Ma//Re 1 > 1 all 
flow properties on a cone are constant on rays from the cone apex. Therefore the center 
of pressure position will be given by the center of the flow projected area, which is 
at x p /l = 2/3. 

To determine the CP position In the transitional flow regime we introduce a local 
drag coefficient Cp'(x) which we set equal to c D of a cylinder with diameter equal 
to the local cone diameter d. In Figure 21 this procedure is explained. During transi¬ 
tion from continuum to free molecular flow the local drag coefficient on the cone apex 
will be higher than on the cone base. Therefore a forward shift of the CP will occur, 
which shall vanish when free molecular flow on the whole cone exists. Figure 22 shows 
the result of a CP calculation with the outlined method. Within the rarefied transi¬ 
tional flow regime the center of pressure moves from x p /l = 0.66C forward to 
Xp/1 * 0.645 and then back to Xp/ls 0.666. The maximum shift is about A(Xp/l) = -0.02, 
which is about three times the value observed during shuttle reentry. This examply 
supports our arguments concerning the viscous influence on the shuttle. 


5. CONCLUSIONS 

Wind tunnel experiments and qualitative arguments show that the aerodynamic per¬ 
formance of reentry vehicles is strongly infuenced by viscous low density effects. It 
is of importance to note that the nose up pitching moment change of the shuttle at high 
altitudes can be explained by viscous rarefaction effects. This is in contradiction to 
other studies which concluded that real gas effects should cause this pitching moment 
change. These studies however were based on equilibrium chemistry, which is doubtful to 
exist in the low density flight regime. 

To obtain additional understanding studies of the aerodynamic behaviour of some 
basic shapes with separated influence of viscous low density and chemical nonequilibrium 
effects would be very useful. 
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Figure 1. Typical reentry trajectory and the high Mach numte 
real gas flow region. 



Figure 2. Typical shut* - !** reentry conditions angle of attack a, 
altitude H and Reynolds number as function of 
Mach number Ma. 



Figure 3* STS 5 aerodynamic performance 
comparison between prediction 
and flight. 




Figure STS 5 pitching moment c M 

behaviour comparison between 
predict and flight. 

Trimmed flight c^ = 0. 
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Analytical Approacn 
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Figure 5. Viscous contribution Ac.^ tc fetching moment according 

methodology model of Griffith, Maus, Best. c^y Is viscous 
axial force acting only on the lower surface. 



Figure 6. Build up of flight c M using methcdolcgy node;, acccr- 
Griffith, Maus, Best. ‘ 
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Figure 7. Phenomena unproperiy modeled in the method I yr.y m> 
X = mean free path 
L . = chemical relaxation length 
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Figure 10. AFT 2A reentry trajectory and test conditions. 
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Figure 15. L/D and drag of the ART configurations as function of the viscous parameter. 



Figure 16. Reduction of flap effectiveness and change of pitching moment Ac., 
due to viscous effects. 

















11-14 


c M Newt 




^S- er ^ila--25*l 



- 0 . 02 ' 



Figure 20. Aerodynamic data of O^OA Orbiter as function of Ma^//Rej. 
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Figure 21. Local cross flow approximation for cone center of pressure analysis. 



Figure 22. Center of pressure shift of cones due to transition 
from continuum to free molecular flow. 
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ABSTRACT 


A history of the evolution of airbreathing propulsion, with emphasis on the development of 
supersonic combustion ramjet (scramjet) engines, Is presented. The current status of scramjet engines 
Is discussed and deficiencies In fundamental and applied data and/or knowledge, which comprise 
opportunities for future work, are noted. 


MOHEHCLATPEK 

A - area Subscripts 

ERq - fuel-air equivalence ratio C - free stream 

M - Mach number 4,5,6 - stations shown in Figs. 2-3, 28 

f - fuel 


PREPACK 


In any historical treatise on a particular technological subject, It Is prudent to establish a 
perspective of events on an evolutionary scale so that those who read It can gain some appreciation for 
the tremendous advances made in a particular area in recent times. As such, the Initial pages of this 
paper attempt to provide such a perspective on the evolution of powered flight and powerplants which, in 
this instance, has lead to the not-quite-complete understanding and development of airbreathing engines 
for hypersonic flight. 


HfTRODUCTIOR 


Man’s desire to first fly, and then fly faster and higher, has evolved from the Imagination of 
Greek mythologlsts to the development of reusable earth-to-orblt vehicles which, In the near future, may 
well employ airbreathing engines for at least a portion of, if not the entire, flight regime. While 
notable personages, such as da Vlnct (cr. 1490), have devoted extensive efforts throughout history 
trying to solve the riddle of flight. It was not until the Montgolfier Brothers (Fr) lifted off the 
ground In their hot air balloon In 1783 that man's first aerial voyage took place . However, it was not 
for another 120 years that the first heavier-than-air, powered flight would take place. In the Interim, 
powered flight continued In balloons and dirigibles using steam engines (Fr-1852), internal combustion 
engines (Aus-1872) and electric motors (Fr-1883) . In addition, significant advances were to be made in 
aerodynamics, flight control and aircraft design by such notables as Cayley (GB), Hensen (GB), 
Lllienthal (Ger), Chanute (Fr, US) and Langley (US) 1 . In fact, the thoughts, designs, data and 
experiences of each of these men were Incorporated, to varying degrees, in the Wright Brothers bi-plane 
design that flew In level flight under power in December of 1903. 

Since 1903, the pace and understanding of manned and unmanned powered flight has progressed at an 
ever increasing rate. For manned flight, it was only another 5 years before the first helicopter flight 
(Fr-19C8)^ but another 36 years before the turbojet began to replace this piston engine (von Ohain, Ger- 
1939) . Seven years later, the first manned, ramjet-powered aircraft flew (F-80, US-1946) • In 1947, 
the sound barrier was surpassed (Yeager, US), and by the mid-1950's, the U.S. and most European 
countries had fighter aircraft capable of sustained supersonic flight. By 1961, man tad orbited the 
earth (Gargarln, USSR) and. In 1969, man landed on the moon (Armstrong, Aldrin, US) 5 . During the 
1970's, manned space exploration in earth orbit became "routine" and by 1981, the U.S. had deployed a 
reusable Space Shuttle albeit not without limitations (1986). 

On the more practical side, 1. e., in general aviation, the fabric covered, wooden or tube framed, 
biplane designs of the early 1900's were largely replaced by metal structured, single wing designs by 
the late 1920's . By the mid-1930'a, commerlcal flights became commonplace and. In 1952, the large, 
long range, propeller-driven aircraft that had evolved were begun to be replaced by turbojet/turbofan- 
povered aircraft (GB - de Haveland Comet) 5 ' « In 1969, the first jumbo jet service began (US - Boeing 
747) and In 1976, the first transport capable of cruising at supersonic speeds (Mach 2 ) began 
commerlcal flights (Fr, GB - Concord) 5 . * 

Militarily, the use of aircraft as weapons platforms did not begin until the middle of WWI. By its 
end, aircraft were used for air superiority, ordinance delivery and forward observations by all nations 
Involved 5 *®. By 1922, aircraft were being flown from aircraft carriers (USS Langley) 5 , expanding their 
use to sea as well as air control. By 1944, piston-powered aircraft were being replaced by operational 
turbojets (Ger - ME262, GB - Gloster Meteor, US - F80) and flight speed Increased from Mach 0.4-0.6 to 
Mach 0.8-0.9. Supersonic military aircraft become commonplace in the early 1950's and by 1966, Mach 3 + 
versions were flying (US - SR71). 

Unmanned vehicles, i.e., missiles or projectiles, employing airbreathing engines, by contrast, did 
not make their appearance In operational systems until 1944 in the form of the V-l (Ger) powered by a 
Schmidt designed intermittent or pulse jet 4 . Unlike the subsonic speed V-l, however, moat missiles are 
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required Co fly at supersonic or greater speeds (with the exception of curreat cruise nlsslle 

designs). In addition, because they are expendable, cost and slapllclty are also considered. 
Consequently, most subsequent airbreathing missile designs were powered by subsonic coabustlon ramjets 
because of their efficiency at supersonic speeds, and slapllclty and low cost compared to turbojets or 

fanjets. A Halted number were deployed as early as 1955 (see Evolution of Ramjets section). Since 

that tlae, any number of ramjet-powered missile and projectile designs have been developed, but very few 
have made it to the operational stage due primarily to competition from rocket propulsion, long range 
guidance limitations and politics. 

During the course of the 20th century, ramjet and rockets developed along similar paths through the 
end of WUXI and into the mld-to-late 1950's. While bombardment rockets have been around since the 10th 
century (China) 4 , the technology to convert the principals of rocket propulsion (including the V-2, Ger, 
1944) into effective weapons platforms did not really mature until the 1950's with the advent of 

intercontinental ballistic missiles (ICBM's) as well as launching vehicles for space exploration. 
Consequently, tandem boosted ramjets with typical cruise speeds of Mach 4 + , and staged rockets were co- 
developeo £«r the same applications (other than space launchers) up until the late 1950's, when rockets 
became, for the most part, the propulsion system of choice for ICBM's and ground-to-air, air-to-ground, 
air-to-air and ground-to-ground missile applications. Although rockets became the preferred choice for 
propelling these missiles, it was also recognized that airbreathing ramjets still offered large 
advantages In range, powered maneuverability and powered Intercept compared to rockets In volume and/or 
weight limited application against nonstationary air or well defended surface targets, resulting In 
continued development of ramjet-powered systems through the present day. 

Two limitations of the subsonic combustion ramjet (compared "o a rocket) are Its Inability to 
produce thrust at zero or very low speeds and the drastic drop In Its performance at flight speeds above 
about Mach 6. To overcome the former, most ramjets systems use either a tandem rocket or Integral 
rocket (which uses a common combustion chamber for both the rocket and ramjet cycles) to boost the 
vehicle to a given speed (typically 0.5-0.7 of the cruise speed) before the ramjet begins operation. 
Alternatively, combined cycle engines have also been Investigated which .produce static thrust by 
incorporating either a turbojet embedded with the ramjet (Air Turbo Ramjet' , a rocket-driven turbine 
and compressor embedded within the ramjet (Air Turbo Rocket), or an ejector system driven by a high 
pressure gas from either a rocket or fuel and/or oxidizer supply (Ejector Ramjet) 8 . Sometimes the 
latter Is also called an Air-Ducted-Rocket but Is not herein to distinguish It from Air-Ducted-Rocker« 
which use a solid monopropellant to supply low pressure fuel to a ramjet combustor which, in turn, is 
accelerated to its takeover speed by a separate rocket booster 9 * . 

The upper speed lia atlon Is a result of declining Inlet performance and chemical kinetics. As 
the Mach number Increases, so do inlet total pressure losses, especially through the terminal normal 
shock system. When these losses are coupled with energy losses due to dissociated species at the 
elevated air total temperatures present, a significant decrease In performance Is encountered. 
Structural and materials problems may also be encountered because of the high static pressures and 
temperatures in the engine, hut can be overcome using Innovative, active structural cooling techniques 
and advanced materials. 

To overcome this upper speed limitation, scientists and engineers recognized that If It were 
possible to Inject, ignite and react fuels In a supersonic air stream, then the large total pressure 
losses associated with the terminal normal shock In a subsonic combustion ramjet could be mitigated and 
the chemical kinetics losses forestalled to higher flight speeds. Such engines (Supersonic Combustion 
Ramjets or scramjets), their history, current status and future prospects, are the subject of this 
paper. 


1BHJET AMP SOLMUBT EWGIMB OOMCEPTS 


Prior to discussing the evolution of airbreathing engines, and ramjets and scramjets In particular, 
a brief review of the operation and types of ramjet and scramjet engine concepts previously Introduced 
or those to be discussed In subsequent sections of this paper will be presented for clarity. Conceptual 
schematics of subsonic combustion ramjets and combined cycle derivatives thereof are shown In Figs. I 
and 2, respectively. Figure 1(a) depicts the traditional can-type, liquid-fueled ramjet (CRJ) with a 
tandem booster attached. Here, Mg > M^ > 1 but the air Is diffused to a subsonic speed (typically Mach 
0.3 to 0.4) through a normal shock system prior to reaching station 4. Fuel is then injected and 
burned subsonlcally prior to reaccelerating the flow to a sonic speed at station 5 (Mj - 1) and further 
accelerating it In the exit nozzle (Mg > I). A more recent alternative to this concept is to use a 
common combustion chamber for both the boost and sustain phases of flight, commonly referred to as an 
lntegral-rocket-ramjet (IRR). This generally requires a dump-type rather than a can-type combustor, but 
the cycle operation of the ramjet remains the same. Figure 1(b) schematically illustrates this concept 
for a liquid-fueled ramjet (LF1RR) and Fig. 1(c) Is illustrative of a solid-fueled system (SFIRR). In 
some applications, SFIRR's are preferable to LFIRR's (or CRJ's) because of the simplicity of the fuel 
supply, but only when the fuel throttling requirements are low, i.e., when flight altitude and Mach 
number variations are limited. Another alternative, the Air-Ducted-Rocket (ADR), hown In its IRR form 
in Fig. 1(d), operates under the same engine cycle principles, but uses a fuel-rich monopropellant to 
generate a low to moderate pressure gaseous fuel supply for the subsonic combustor. Here, the ADR Is a 
compromise between the fuel supply simplicity of a SFIRR of and throttleablllty of the LFIRR (or CRJ). 
It should be noted, however, that the performance of liquid-fueled systems Is always superior to any of 
the others. 

While the ramjets shown conceptually in Pig. 1 have been and continue to be viable vehicle 
propulsion systems, none can produce static thrust. Figure 2 illustrates three types of hybrid ramjet 
engine cycles that can. The first embeds a turbojet engine within the main ramjet engine and Is usually 
liquid-fueled and called an alr-turbo-ramjet (ATRJ-Fig. 2(a)). Here, the turbojet produces the required 
static and low speed thrust for takeoff (and landing If required) which may or may not be Isolated from 



Che main ramjet flow at supersonic speeds. An alternative to the ATRJ Is the air-turbo-rocket (ATR-Fig. 
2(b)) In which a low to moderate pressure rocket motor Is used to drive a turbine and provide a gaseous 
fuel for the ramjet* The turbine, in turn, drives a compressor, the combination of which will produce 
static thrust. At supersonic speeds, the compressor, again, may be Isolated from the main ramjet flow 
and the turbine Idled so that the vehicle can then operate as an ADR. The final hybrid ramjet cycle 
capable of producing static thrust is the ejector ramjet (ERJ) shown in Fig. 2(c). Here a rocket motor 
or gas generator produces a high pressure, generally fuel-rich, supersonic primary or ejector flow which 
Induces secondary air to flow through the engine even at static conditions. The ejector effluent and 
air then mix and burn (at globally Bubsonlc speeds) and finally expand In the convergent-divergent exit 
nozzle. 

Figure 3 presents schematic Illustrations of a generic scramjet engine and two hybrid cycles 
thereof. In a pure scramjet (Fig. 3(a)), air at supersonic speeds Is diffused to a lower, albeit still 
supersonic, speed (typically 0.3-0.5 Kq) at station 4. Fuel (either liquid or gaseous) Is then Injected 
from the walls where it mixes and burns with the air in a generally diverging supersonic combustor. 
Unlike the subsonic combustion ramjet, however, which always generates a terminal normal shock In the 

Inlet duct with heat addition, the combined effect of heat addition and diverging area In a scramjet 

combustor generate a shock train at and upstream of the combustor entrance, often called the 

precombustion shock, which can vary in strength from the equivalent of a normal shock to no shock, 

depending on Mq, overall fuel-air equivalence ratio, ERq, and combustor area ratio, A^/A^. Also unlike 
the ramjet, the scramjet has no geometric throat, so that H. must always be greater than or equal to 
unity. 

The unique combination of heat addition in a supersonic air stream with a variable strength shock 
system plus the absence of a geometric throat permit the scramjet to operate efficiently over a wide 
range of flight conditions, l.e., as a nozzleless subsonic combustion ramjet at low flight Mach numbers, 
e.g. Mq - 3-6, and as a supersonic combustion ramjet at higher flight Mach numbers, e.g., Mq > 5. At 
low Mq and high ER, the combustion process generates the equivalent of a normal shock system and is 
Initially subsonic, similar to that of a conventional subsonic combustion ramjet, but accelerates to a 
sonic or supersonic speed prior to exiting the diverging area combustor, eliminating the requirement for 
a geometric throat. As ER decreases at this same Mq, the strength of the precombustion shock system 
will also decrease to the equivalent of a weak oblique shock and the combustion process la entirely 
supersonic. At high Mqj the strength of the shock system is always equivalent to either a weak oblique 
shock or no shock, regardless of ER. This Is referred to as dual-mode combustion and permits efficient 
operation of the engine from Mq ■ 3 to Mq ■ 8 to 10 for liquid fuels and up to orbital speeds for 
gaseous (e. g., hydrogen) fuels. The upper limit for the liquid-fueled cycle is, of course, due to 
energy consumption by dissociating and Ionizing species at elevated temperatures which cannot be 
compensated for by additional fuel as in the case of, for example, a diatomic gas such as hydrogen. 

Although the scramjet offers these unique capabilities, it also requires special fuels or fuel 
preparation in order to operate effectively below ML * 7 because of "low" static air temperatures and 
short combustor residence times (< 1 ms). For liquid fuels, this generally means using highly reactive 
(generally pyrophoric) fuels, fuel blends or fuel/oxidlzer pilots which are loglstlcally unsuitable. 
For gaseous fuels, it requires that the fuel be preheated or combined with a pyrophoric additive. To 
overcome this deficiency, an alternative to the pure scramjet is the Dual Combustor Ramjet (DCR) shown 
in Fig. 3(b). The DCR has all of the features of the scramjet except a portion of the captured air Is 
diverted to a small, embedded subsonic dump combustor into which all of the fuel Is Injected. By 
maintaining a proper distribution of the fuel, a near stoichiometric flame can be maintained, the heat 
from which is used to prepare and preheat the remaining fuel so that efficient heat release can be 
realized In the supersonic combustor. Thus, the dump combustor acts as a hot, fuel-rich gas generator 
for the main supersonic combustor, similar In princi^e to the air-ducted rocket previously described in 
the ramjet cycle section. This cycle, therefore, permits the use of conventional liquid hydrocarbon 
fuels or gaseous fuels such as hydrogen without resorting to logistically unsuitable additives. 

The final supersonic combustion cycle, which is a natural extension of the scramjet and DCR cycles, 
is the ejector scramjet shown schematically In Fig. 3(c). Unlike the pure scramjet or the DCR, it is 
capable of producing static thrust using axial fuel Injectors fed by a high pressure fuel/fuel-oxldlzer 
supply, yet retains the high speed operating characteristics of the scramjet and/or DCR. These same 
injectors, perhaps complemented by staged Injectors further downstream, can be used for dual-mode 
scramjet operation, thus making it a viable candidate for a single stage, but multiple cycle, 
airbreathing engine concept for zero to hypersonic speed flight. 

With the ramjet and scramjet cycles thus Introduced, let us now return to the evolution of 
airbreathing engines for powered flight. 


EVOLUTICM OP A1IMEAIHDC PROPULSION —GIBBS 


Concurrent and synergistic with the evolution of vehicles capable of manned and unmanned flight 
within the atmosphere has been the evolution of the powerplants required to propel them. While these 
powerplants include devices which produce lift along, e.g., heated air for balloons, and those which 
produce thrust but carry their own oxidant, e. g. chemical rockets, the following chronology excludes 
both. It addresses the evolution of airbreathing engines alone with emphasis on subsonic and supersonic 
combustion ramjets. 

Internal Combmmtlom Engines 

While the aerodynamic principles required for powered flight were sufficiently well understood one 
hundred years earlier than the Wright Brothers' first flight (see, e.g.. Sir George Cayley’s 
contributions) 1 , the requisite high power-to-weight ratio powerplant to achieve powered flight was 
missing. The steam engine, available even in Cayley's tine, was far too heavy because of its indirect 
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energy supply. The internal combustion engine, which permits a direct energy transfer to the working 
medium, was developed in the mid-to-late 1800's but was also too heavy in its then available designs* 
It was not until Langley, Balzar and Manley (USA), and the Wright Brothers (USA) concurrently redesigned 
and built internal combq.stJ.on engines in 1903 with the requisite power-to-welght ratios that powered 
flight could be achieved 1 ’ 2 . For the next 40 years, this engine was to become the premiere powerplant 
for all heavier-than-air craft with significant improvements in its power-to-welght ratio made both In 
Eu-ope and the United States. Ever today. It continues to play a significant role in the commuter and 
private aviation industries. 

totatlog Machinery Engines 

The airbreathing engine which superseded the internal combustion engine was, of course, the gas 
turbine engine 2 * with its inherent advantage of converting chemical energy directly Into kinetic 
and, thence, mechanical energy. While the principal of the gas turbine has been around since Hero's 
Aeollpile (Egypt, cr. 200 B.C.), the first patent (Barber-GB) was not issued until 1791, and it was not 
until 1939 that a von Ohain (Ger) designed turbojet-powered aircraft flow for the first time. This was 
followed shortly thereafter by Wilt tie (GB) and General Electric (USA) designed turbojet-powered flights 
in 1941 and 1942, respectively 2 ” . 

The incorporation of a turbine with either a centrifugal or axial flow compressor did not begin 
until the 1930's 2- . Although Guillaume (Fr) patented a combined axial flow compressor and multistage 
turbine concept in 1921, It was not until Whittle (1930) and von Ohain (1935) patented their centrifugal 
compressor/axial turbine concepts that actual development began. These were preceded by earlier 
development work using a piston engine In place of the turbine to overcome the problem of static 
operation. These earlier efforts included designs and patents by Lorln (Fr-1908), Marconnet (Fr-1909), 
Harris (GB-1917), Milot (Fr-1920), Fono (Hun-1928) and Camplnl (It-1932), and a Compini designed engine 
actually flew in 1940 . These turbineless designs, however, proved to be heavy and inefficient for 
powered flight. Whittle and von Ohain, on the other hand, recognized that an auxiliiary power unit 
could be used to overcome the static starting problem in turbojet engine designs, and the resulting 
evolution from their initial designs into today’s multitude of high thrust-to-veight, efficient turbojet 
and fanjet designs is history. 

The concept of a turboprop 2-41 also appeared during this period. Patents to Ljungstroms Angturbln 
(Sw-1936) and Brown-Boveri (Ger-1939) were issued for multi-stage centrifugal coopressor/axial turbine 
and multi-stage axial corapressor/turbine designs, respectively, each attached by a central drive shaft 
and gear box to a propeller. The latter is a prototype of modern axial flow turbojet engine designs 
(sans the propeller). Both are forerunners of today's large bypass ratio turbofans. 

Ramjet Engines 

WhiLe many of the Inventive minds of the world were focusing on Internal combustion engines and 
derivatives thereof in the early 1900's. ,Lorln (Fr) and his fellow countrymen, as well as Lake (US), 
began to look at jet propulsive devices 2- ' which did not contain any tnstreara obstructions (such as 
pistons or turbomachinery) which they termed compressorless motors (later called Lorln tubes). The 
first treatise of the potential of ramjet propulsion for low subsonic flight speeds was reported by 
Lorln in L'Aetophile (1913), in which he concluded that its propulsive efficiency would be poor ’ (he 
did not address high subsonic or supersonic speeds). Others, however, were addressing methods of 
producing static thrust or augmenting the low speed thrust of rocket motors. Consequently, the first 
practical ramjet designs were what are currently called ejector ramjets. While Lake was the first to 
patent this Idea (1909) , It was Morlze (Fr—1917) and Melot (Fr-i920) who developed and engineered this 
concept. The Melot concept shown in Fig. 4 was actually tested in France during WWI prior to Issuance 
of the 1920 patent and was tested again In the US In 1927 at what Is now the NASA/Langley Research 
Center . Both demonstrated an increase *n static thrust. Interest in this type of device, however, 
waned until the late 1950's. 


The first patent, on the other hand, was not applied for until 1926 when Carter (GB) submitted 
details of conical nose/annular duct and normal shock inlet, ramjet-1 Ike devices for augmenting the 
range of artillery shells* 2 . While none of these were built, his application did, for the first time, 
address the beneficial use of ramjet propulsive devices at supersonic speeds (up to Mach 2) at what was 
then high altitudes [up to 8500 m (28 kft)], his thinking being Influenced perhaps by the early 
proponents of supersonic flight, e.g., Prandtl and Mach (Ger). 


The firsc clearly recognizable forerunners of today's liquid-fueled ramjet engine designs 
z. 5 which were submitted by Fono^’* 1 ’* 2 (Hun) 


are those 

shown In Fig. 5 which were submitted by Fono** * 1 1 * 1L (Hun) In a 1928 German patent application. These 
clearly show a convergent-divergent Inlet to diffuse the flow from supersonic to subsonic speeds, fuel 
Injectors, flandholders, a combustor and a convergent-divergent exit nozzle. These concepts were 
specifically designed for supersonic, high altitude flight of an aircraft, but never progressed past the 
design stage. 


The first actual construction and ground testing of ramjet engines occurred In the early-to-mid 
1930's. In 1933, Leduc (Fr) * * produced designs similar to present day schemes including a 
ogive/annular diffuser and boundary layer control for efficient Inlet operation, especially at 
supersente speeds. He was granted a patent on the ramjet-powered aircraft design in 1934, and by 1935, 
had conducted ground tests on a small scale ramjet engine using liquid fuels at simulated flight speeds 
up to Mach 0.9. By 1938, work on a full scale, ramjet-powered aircraft had begun and engine component 
tests at simulated flight Mach numbers up co '’.35 continued Into 1939. 


All work was halted during WWll but resumed Immediately thereafter so that by the end of 1945, an 
experimental aircraft designated Che Ledui-010, was completed. However, It was not until April of 1949 
that the first powered flight of this aircraft took place. The Interim time was required to dt elop a 
separate aircraft to take the Leduc-010 up to its initial flight speed and altitude. These were 
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followed by tests of refined versions In 1951 . These ultimately led to the development of the Nord 

1500 Griffon II aircraft (1955) which used a turbojet embedded within the ramjet to produce static 
thrust, i.e., an air turbo ramjet. In 1957, this aircraft achieved supersonic flight speeds and in 
1959, achieved Hach 2.1* at an altitude of 15.3 km (50 Kft) 1 . 

Concurrent with ramjet development in France in the 1930's was an unknown, but parallel effort in 
the USSR* . In 1929, Stechkin began publishing theories on ramjet propulsion, and by 1933, he and 
Pobedonostsev had conducted ground tests at simulated subsonic speeds on a liquid-fueled subscale ramjet 
engine. In order to conduct tests at supersonic speeds, they switched from liquid-fueled to solid- 
fueled designs and from 1933-1935, fired a number of 76mm, ramjet-powered projectiles out of artlllary 
pieces at speeds up to Mach 2.0 using phosphorous fuel. While net positive thrust was not achieved, 
they did Increase the range, and through a combination of experimental data and theory, deduced that 
increasing the size (or diameter) of the ramjet engine, using alternate fuels (Mg/Al) and tailoring the 
exit nozzle throat-to-inlet area ratio would permit net positive thrust to be achieved. 

In order to achieve this increased engine size required a new boosting system. Given the USSR 
infrastructure, a new team took over ramjet development in 1936, headed by Merkulov and Shcherbakov, 
with emphasis on tandem rocket-boosted ramjet vehicle designs. While the specific size is not 
mentioned, they did undertake a development program using pressed Mg/Al solid fuel culminating in 
successful subsonic flight tests in 1939. 

Immediately following these tests, emphasis shifted to using liquid (rather than solid) fueled 
ramjets to augment the speed of propeller-driven aircraft. Throughout the remainder of 1939, Merkulov 
and his associates began developing wing-mounted ramjet engine pods, and by the beginning of 1940, 
aircraft flight teBts had begun using 40-50 cm (15.7-19.7 in.) dla ramjet pods. These testa, with a 
variety of aircraft and ramjet engine designs, continued through 1948 when interest in turbojet engines 
subverted, at least for a while, the USSR ramjet efforts. None of the tests were very successful In 

that they all had high Installed engine drag and suffered from combustion inefficiencies and 

instabilities which they were not able to overcome. 

Germany also began development of ramjets in the 1930 ’b 4 ' 15 . In 1935, Trommsdorff 1 *, Initially 
supported by the faculty at Gottingen and Siemene Ltd. (to be joined later by the faculty at 
Braunschweig), began developing ramjet-powered artillary shells. By 1938, a number of oxygen deficient, 
solid-fueled, 8.8-cm (3.5-in.) dia, normal shock inlet units were gun Aaunched at Mach 2.5, but were 
hampered by a lack of combustion. Efforts then switched to liquid-fueled systems as well as more 
efficient inlet designs, culminating in a series of multiple-shock conical inlet, liquid-fueled (carbon 
disulfide), 15-cm (5.9-in.) dia units being successfully fired In the early-to-mld 1940'a. Typically, 

these units left the gun at Mach 2.9 and accelerated to Mach 4.2 in 3.2 s before fuel depletion. In 

addition to these test units, designs of much larger operational units Including a 6000 km, aircraft- 
launched, ramjet-powered intercontinental guided missile were being considered. 

Concomitant with these supersonic speed ramjet development efforts was a parallel effort to develop 
ramjet engines to power subsonic speed aircraft 4 * 1 . Initial research began at The Walter Co. in 1936, 
but it was not until Sanger became involved in 1938 that actual development began. By 1943, be and his 
co-workers had built and flight tested (on an aircraft) a liquid-fueled ramjet engine and plans were 
actually made to build an aircraft powered by a ramjet (with rocket assisted takeoff) by 1944 4 * 12 . 
Concurrent with these engine development programs were the more fundamental efforts of Oewatltoch and 
Buseoan (high efficiency supersonic inlet designs), Damkolher and Pabst (short ..length/high efficiency 
Hquid-fueled combustors), Lippisch and Schwabl (solid fuels for ramjets) and Sanger /metallzed slurry 
fuels), all of which represent foundations upon which today's modern ramjets are based 1 . 

British Interest in ramjets began in the early 1940's as an Indirect result of the German 
efforts. By 1943, Smith had proposed a ramjet powered bombardment missile, with some Initial combustor 
work reported in 1945 and a theory of ramjet propulsion presented in 1946 by Reid and Herbert . By 
1944, a Guided Aerial Projectiles project was established to oversee rocket and ramjet development, but 
apparently, was not well supported; most of Britain's efforts being directed towards Whittle's turbojet 
development. 

United States interest in ramjets also began in the early 1940's. By 1941, rudimentary analyses 
of, ap£ initial experimentation on subsonic speed ramjets hod been established by Way, and Becker and 
Baals • These early efforts prompted considerable Interest and government support at a number of 
institutions to study and understand the fundamental physics and chemistry governing ramjet operation at 
both subsonic snd supersonic speeds as well as developing engines applicable to both. 

The subsonic flight speed efforts peaked in 1946 when two 51-cm (20-in.) dia M.I.T. designed 

ramjets were used to augment the thrust of a P-51 aircraft, and when two 76-c* (30-in.) dla liquid- 
fueled ramjet engines, developed by Marquardt 16 , were used to power and accelerate an F-80 aircraft 
without benefit of any other auxiliary powerplant, the first such demonstration ever recorded. Although 
some work continued In the subsonic flight speed regime, most notably applying ramjet technology to 
afterburners in turbojets, emphasis shifted shortly thereafter from subsonic speed aircraft to 
supersonic speed missiles. 

The application of liquid-fueled ramjets to supersonic missiles began in the add 1940*e, 

principally et the NASA Lewis and Langley Research Centers 17 , The Johns Hopkins University Applied 
Physic. Laboratory (JHU/APD . and of couraa, The Harquerdt Co. 16 The firat auccesaful super.onic 

flight tests were conducted by JHU/APL In 1945 followed by NASA/Lewie teste In 1947 and NASA/Ungley 

teste In 1950 at speeds In excess of Mach 2. Merquardt's deelgn wae not flown until 1955 when It 
exceeded Mach 4.3 on the Lockheed X-7 test vehicle. 

Theae early successes In the U.S., as well as others In turope, led very quickly to e eerie, of 
operational or flight tested syste.s . In the O.S., there were BOKAHC (Mach 2.8 et 30 ka - 1955), 
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TALOS (Mach 2.5 at 25 ka - 1955) and TYFHON (Mach 4 + it lu a - 1961). In France, there were SIRIUS 
(Mach 2.7 - late 1950'a), VECA (Mach 4 - early 1960's) and STATALTEX (up to Mach 5 - ttld-1960'e), and In 
Britain, there were BLOODHOUND (late 1950's) and SEA DART (1960's). 

Subsequent to development, demonstration and/or operation of these conventional, tandem-boosted, 
liquid-fueled ramjets, emphasis shifted to more volumetrlcally/welght efficient ramjet designs In the 
late 1960'a and early 1970's, an evolution which has continued to the present. Specifically, these are 
the liquid- and solid-fueled, integral-rocket-ramjets (LFIRJR, SFIRR) and combined cycle sytema such aB 
Che integral-rocket, Air-IXicted-Rocket (ADR), which typically cruise at about Mach 2-3 at or near sea- 
level and Mach 4-5 at altitude. Known propulsion systems of these types which has progressed through at 
least flight testa 18-22 Include the ALVRJ (LPIRR-1973), ASALM (LFIRR-1979) and SLAT (LFIRR-1987) in the 
U.S., the ASSM (ADR-1976), ASMP (LFIRR-1970*s), RUSTIQUE (ADR-1984) and ANS (LFIRR-1986) in France, the 
EFA (ADR) and ANS in Germany, and the SA-4 and SA-6 (ADR 1 s-1970's) in the USSR. 

Other combined cycle engines, such as the air-turbo-ramjet and air-turbo-rocket have also been 
addressed in both the U.S. and Europe, but to the author's knowledge, have not been flight tested at 
supersonic speeds. 

Scra^jeta 

The origins of the concept of employing combustion in supersonic flows can be traced back to 
Interest in burning fuels in external streams to either reduce the base drag of supersonic projectiles 
or to produce lift and/or thrust on supersonic and hypersonic airfoils in the early 1950's. Actually, 
these were preceded by some very fundamental theoretical treatments of dlabatlc flows (1-D flows with 
heat addition) by Hicks (US) and others beginnim? in 1945 . In 1950, these basic analyses were 

extended to two-dimensional flows by Pinkel (US)* and theoretically sopited to projectile base draR 
reduction (Wald, US) • By 1951, experiments by Baker, et. al. (US)* , had demonstrated base drag 
reductions in a Mach 1.6 flow of up to 75X using hydrogen fuel and similar results were obtained by 
Hebrank (US) -5 In 1952 using a solid pyrotechnic fuel. These were followed by a successive number of 
experimental and theoretical investigations continuing through the early 1980's (see, e.g., Refs. 31- 
34), but are not discussed herein for brevity and because combustion, for the mo6t part, is confined to 
the subsonic wake region. 

Interest in combustion on airfoils in supersonic flow9 surfaced in 1952 when Pinkel (US)*"*, and 
Smith and Davis (US)* published theoretical predictions of the benefits of external supersonic 
combustion on both thrust and lift. These were followed by successively more complex and, therefore, 
realistic treatments of heat addition In external supersonic flows throughout the remainder of the 
1950's and into the early I960\s, complemented by experimental investigations. Theoretically, these 
Included U.S. studies by Chu* , Gazley , McCloy* , Mager , Dugger 4 and Billig which cover 
fundamental treatments of the heat addition process as well as vehicle applications and performance. 

Experimentally, Smith and Davis* 6 (1952) were the first to demonstrate the feasibility of 
supersonic combustion using a flat plate in a Mach 1.7 airstream with hydrogen injected from discrete 
holes, but found that flameholders and an oxygen pilot were necessary to achieve stable combustion. 
Krull, et. al. (US, 1958), also ran tests with hydrogen, but used parallel rather than normal injection, 
demonstrating diffusion-controlled supersonic combustion. Subsequently, Dorsch, Serafini and Fletcher 
(US) ran a series of discrete hole Injection tests from 1955-1960 4 - 6 using a very reactive borohydride 
fuels, but, while achieving vigorous combustion in a supersonic airstream, were not able to demonstrate 
net positive thrust. The first demonstration of net positive thrust was by Dugger 4 ^ and Billig 42 in 
1958 on a double wedge model In a Mach 5 airstream using aluminum alkyl fuels. A photograph of this 
experiment is shown in Fig. 6. 

While these Initial efforts to understand and demonstrate the concept of supersonic combustion In 
an external airstream provided valuable insight and understanding of some of the physical and chemical 
processes which occur as well as some practical engineering experience, it became apparent in the late 
1950's that ducting the supersonic flow in an inlet prior to fuel injection and combustion offered large 
advantages over external burning. These include Increased air static pressures and temperatures to 
enhance ignition and combustion of the more conventional fuels as well as confining the combustion 
process, resulting in higher static pressures in the combustion zone with its attendant Increase in 
thrust. 

The first theoretical studies addressing the concept, i.e., of scramjet as we know it today, were 
published in 1958 by Weber and MacKay (US) 47 , Rpy (Fr) 48 and Dunlap (US) 49 . These were followed in 
rapid succession with Daper9 by Sargent and Gross 50 , Dugger 51 , Ferri 52 and McLafferty (US) 5 * and Mordell 
and Swlthenbank (Can) in 1960. The papers by Roy, Dunlap, and Sargent and Gross described standing or 
detonation wave scramjets. In this concept, fuel is mixed with the air upstream of a shock generating 
obstruction which, in turn, initiates and sustains combustion at that point. While the concept of 
standing wave combustion in a duct was the first to be pursued, both analytically (Nicholls, US, 1948) 
and experimentally by Gross 56 (1959), Nicholls 57 (1960), Rhodes and Chriss 58,59 ( 1961-1962) (US), 
comparative studies, such as those by Weber and MacKay and Dugger 50 , demonstrated that the performance 
of scramjets without the obstruction In which the fuel and air are not premixed, but mix and 
diatclbutively burn downstream of the fuel Injection point, wa9 superior for hypersonic (up to Mach 10) 
flight. In addition, at the higher flight speeds, i.e., Mq >_ 7, premixing the fuel and air without 
combustion would not be possible because of the high air static enthalpy. Consequently, the standing 
wave scramjet concept was not rigorously pursued, rather emphasis focused on the distributed mixing and 
combustion concept. 

As a result of these initial performance studies and proof-of-concept tests, interest in applying 
the scramjet engine cycle to both aircraft and missiles rapidly evolved. In the U.S., the Air Force 
began supporting scramjet research In the late 1950's 61 as did the Navy 51 . In late 1959, several major 
aircraft and engine companies became interested in developing slngle-stage-to-orblt aircraft using 
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acramjet propulsion, i.e., the firat Aqrospaceplane concept (Fig. 7). principle a»ong the* was Republic 
Aviation 62 who collaborated with Ferri 5 and hi# associates at the General Applied Sciences Lab (GASL) 
on hydrogen-fueled Scrawlet engines for Mach 8 to orbital speeds. This initial lapetus^eg^to Air Force 
interest in evaluating 67 and eventually sponsoring an Aeroapaceplane prograa in 1964 • . In 1962, 

NASA was asked to participate in a preliminary technology demonstration prograa 0 but the program did 
not materialize. The Navy also expressed some Interest, but never progressed beyond supporting some 
preliminary performance evaluations 0 . Consequently, the Air Force, Navy and NASA pursued separate 
acramjet development programs until the lnceptloa of a new National AeroSpace Plane (NASP) program in 
1986. 

In Europe, Interest in supersonic combustion paralleled that in the U.S. throughout the 1960'S and 
into the 1970's. In France, following Roy's initial publication*®, fundamental work on supersonic 
combustion resulted in Heatre and Vlaud 68 being the first researchers to present experimental results on 
supersonic combustion in the open literature. While these initial results were with normal injection of 
kerosene fuel, emphasis switched to either normal or tanjttotial injection of gaaeoyf yfuels such as 
methane and hydrogen with a number of reports by Leuchter 09 * , Ducorneau and Borghl * and Beilet, 
et. al. .. A parallel research prograa on hypersonic Inlets was also undertaken during this time with 
emphasis on axisymaetrlc designs and tests up to Mach V ' • Complementing these basic and^pplied 
research efforts were aerodynamic 7 and application studies for hypersonic missiles and aircraft 

These efforts culminated In a series of connected pipe tests of a 40-cm (15.75-in.) dia ecramjet 
engine (including the exit nozzle) at Modane at simulated Mach 6 flight conditions in the 1972-1973 time 
period 7 ® - " • The engine, a photograph of which la shown in Fig. 8 7 ®, was axisymaetrlc in design and 
used staged, normal Injection of hydrogen. Since these tests, interest in scraajet propulsion in France 
appears to have wanned, at least as far as the author can discern. However, a survey paper entitled, 
“Early Researches in Supersoalc Combustion," by Mestre and Barrere (ONERA-FR) is to be given at the 1987 
AIAA Propulsion Meeting in June, In San Diego, CA (US), which should clarify this point. 

Interest In supersonic combustion and scramjet propulsion in England evolved along several parallel 
paths In the early 1960’s. Initially, three groups pursued combustion In supersonic streams. These 
Included Townend’s and Reid's interest in vaverlders and base burning at Farnborough, Hawkln's and 
Fox's interest in scramjets® 2- ® 5 at Roll'a Royce and the Swlthenbank team Interest in supersonic 
diffusion flames at Sheffield University® 6-92 (after returning to England from McGill University 5 io 
Canada). These were to be followed by diffusion flames studies by Cookson, et. al., at Cranfield 9 
beginning in the late 1960's. 

The work at Roll's Royce, begun In 1963, first addressed kerosene-fueled supersonic combustor 
concepts® 2 ’® 3 , for flight speeds In the Mach 6-7 range but switched to hydrogen-fueled concepts, 
culminating in direct-connect combustor tests at simulated Mach 5 to 7 flight conditions in 1969®. At 
Sheffield, most of the reported supersonic diffusion flame w 85 k Q K a * performed in a shock tunnel at 
simulated Mach 10 to 11 flight conditions using hydrogen fuel®' -91 through the early 1970's, but the 
last reported work in 1975 92 was with kerosene. At Cranfleld, the first reported work by Cookson 93 was 
on connected-pipe diffusion flame tests at simulated Mach 7 flight conditions with hydrogen. Subsequent 
tests Included methane, kerosene and hydrogen using both axial and transverse injection 9 - , the last 

work being Incompleted In 1977. No development tests have been reported In Great Britain In the open 
literature. 

In Germany, most of the reported work on supersonic combustion has been of a more fundamental 
nature, with the first reported work by Winterfeld in 1966-67 9 . For the next 8-10 years, Wlnterfeld's 
group at Porz-Wahn 9 - , including Suttrop and Mauer, along with Kallergla at Braunschweig 103 * 10 and 

Wllhelml's group at Karlsruhe 105- directed their efforts at understanding the physical and chemical 
processes leading to the Ignition and combustion of gaseous fuels in supersonic alrstreams, Kallergla' 
work 1 being the exception. These included normal as well as tangential fuel injection^ methods of 
flameholding, and ignition enhancement aids such as preburning a small portion of the fuel". Since the 
mid-1970's, however, the only reported work has been on application/performance studies * 1,2 . 

The USSR has also had an extensive prograa In supersonic combustion and scramjet propulsion since 
the 1960's, but a review is not presented herein. The reader is referred to Ref. 108 (Bayev and 
Golovichev) as an initial source for such a review. Ref. 108 being the only textbook known to the author 
or supersonic combustion. 

Three other papers of interest 109-111 are by Da-Riva, et. al. (Spain) 109 , an analytical 

treatment of hydrogen-air supersonic diffusion flames, and Tsuji and Yoshida 110, (Japan) which 

experimentally investigated normal injection of hydrogen into a vitiated Mach 1.8 airstream. 

Returning to the North American continent. Interest in Can^a in scramjets, as previously noted, 
began at MacGlll University In 1960 with Mordell and Swlthenbank" . Almost simultaneously, Molder and 
his associates at McGill began parallel efforts in hypersonic inlet aerodynamics 112-11 and gun launched 
scramjet flight testing* 5 r . The inlet work began In the early 1960’s and centered around the design 
of Bosemao-type inlets which were Inverted to produce modular Inlets with very good performance 
characteristics and low external cowl drag and heating. These novel designs also alleviated starting 
problems of high area contraction ratio, high design Mach number inlets at low flight Mach numbers. A 
number were designed and successfully tested over a wide range of Mach numbers (see succeeding 
discussion of US Navy work). 

Gun launching scramjets concepts, a novel idea at the time, began In I960 115 , evolved to actual 
construction in 1966 1 (supported by the Canadian Defense Research Board) and a horizontal flight test 
took place out of a 40.6-cm (16-in.) dla gun in 1968 using trlelhyaluminum fuel. Unfortunately, the 
teat was unsuccessful, the structure of the engine falling during launch. Another gun launching 
program, however, was begun in the early 1970'a, jointly supported by the National Research Council 
(Can) and U.S. Army Ballistics Research Lab. In the Spring of 1974, another firing was attempted, this 
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time at a near vertical (85°) flight angle at a test range on Barbados. This time, the sabot did not 
full; separate, damaging the control surfaces, resulting in an uncontrolled tumbling flight* 
Photographs of the engine before and after flight, and of the test range are shown in Pig. 9- While not 
completely successful, these are the only reported attempts to actually flight test a scramjet. 

In the United States, the Air Force, Navy and National Aeronautics and Space Administration (NASA) 
pursued separate scramjet development programs. Interest within the Air Force focused on a single 
stage, airbreathing powered Aerospaceplane^ * ' (Pig. 9) as well as missile applications . This 
interest ultimately led to development of two airbreathing propulsion schemes, one being a hybrid 
subsonic combustion ramjet capable of producing static thrust as well as accelerating a vehicle to low 
hypersonic speeds, and Che other being a scramjet. The former led to the liquid air compression thrust 
augmentation engine concepts such as those investigated by The Marquardt Corp. (TMC)° in the mid-1960's, 
a photograph 1 of which la shown in Pig. 10. 

During this same period, four separate scramjet engine development programs were initiated 1 ®* 12<3 . 
These engines, shown in Figs. 11 through 14 respectively, were hydrogen-fueled and achieved performance 
levels which, in general, substantiated theoretical predictions. Although most of these engines were 
aerodynamlcally designed to operate over a wide range of hypersonic speeds and were substantiated by 
component tests conducted over a wide Mach number range, ground testing of the entire engine was 
restricted to a narrow Mach number range because of facility limitations. 

The United Aircraft Research Laboratory’s (UARL) Variable Geometry Scramjet (Pig. 11) was a 45.7-cm 
(18-in.) dla , variable geometry, water-cooled axlsymmetrlc engine designed for Mach 3 to 12 flight. Tt 
was built in the 1965-1968 time period but only free-jet tested at Mach 5 120 * 1 . These were, however, 
proceeded by a number of inlet, combustor and nozzle component develoment tests 1 in the Mach 3.5 to 
8.0 flight speed range. 

The General Electric scramjet engine, shown in Fig. 12, was also a variable geometry, water-cooled 
design. In fact, two 22.86-cm (9-in.) dia engines were designed and tested free-jet at Mq • 7 in the 
1966-1969 time period. The first engine, CIM-I. provided an evaluation of a combined set of scramjet 
components designed for operation up to Mach 8 Upon completion of testing in the General Electric 
Hypersonic Arc Tunnel, CIM-I was subsequently modified by replacing the cowl section with one having a 
smaller cowl lip angle to reduce external drag, and contouring some of the internal lines to increase 
performance. Extensive performance tests were conducted on CIM-II to obtain the effects of varying 
inlet contraction ratio, equivalence ratio, fuel Injector location, free stream Reynolds .number and 
total enthalpy 120 * 12 . These were also preceded by a number of component development tests 12 . 

The third concept developed (Fig. 13) was a Mach 3-12 engine involving a series of fixed geometry, 
thermal compression, heat sink engine models of approximately 194 to 226 cm 2 (30 to 35 In 2 ) of capture 
area, developed and tested bv the General Applied Science Laboratories (GASL) under the late Dr. Ferri 
in the 1964-1968 time period 1 . Engine models demonstrating this concept have been tested at Mach - 
2.7, 4 and 7 with inlet component tests covering Mach numbers from 2.7 to 11.3. Modifications to these 
designs were incorporated into a later engine model shown in Fig. 21 and tested at M - 7.4 in the GASL 
combustion heated, high enthalpy blowdown tunnel using a wide variety of fuel injector patterns and fuel 
flow schedules 120 » i2 \ 


The final hydrogen-fueled scramjet engine developed and tested under Air Force sponsorship was the 
TMC Dual Mode Scramjet. The main feature of this concept, as previously discussed, is that the 
combustor is capable of operating in two modes: one for supersonic combustion and the other for 

subsonic operation. The engine shown in Fig. 14 1 , which was preceeded by extensive component tests of 

the inlet (from Mach 2 to 10) and combustor (Mach 3 to 6) from 1964 to 1967, was free-jet tested at Mach 

3 and 5 in 1967 and 1968 120 * 125 . 

In the late 1960's, it became apparent that the proponents of the Aerospaceplane had understated 
the magnitude of the problems to be addressed as well as the time scale needed to resolve them. 

Consequently, the initial Aerospaceplane program was discontinued 1 * 2 . As a result, support for 
hydrogen-fueled scramjet development was not renewed, rather emphasis was focused on liquid hydrocarbon- 
fueled scramjets, with TMC and UARL received contracts for component development. 'Olp UARL concepts 
focused on preburning part of fuel to produce a hot pilot to maintain combustion 1 which the TMC 

concept used a very reactive pilot oxidizer (ClFj) to maintain combustion 1 . The Marquardt engine, 
which is the same as that shown in Fig. 14 but with a longer combustor, was free-jet tested in 1970-1971 
at Mach 3 to 6 flight conditions 12 *. However, by 1972, the Air Porce concluded that scramjets were not 
appropriate for their mission requirements and support was terminated. 

Some interest was expressed by the Air Force in a joint experimental hypersonic aircraft program 
with NASA in the mld-1970 , s l2 ®, but nothing came of it and it was not until the new National AeroSpace 
Plane (NASP) program was Initiated in 1986 that the Air Force began, again, to support scramjet research 
and development. 

At the NASA, early interest in scramjet propulsion evolved around both hydrogen-fueled hypersonic 
transports and an Aerospaceplane. After declining to Jointly sponsor an Aerospaceplane program with the 
Air Force bt> circa 1962, emphasis was focused on evolving a program to develop the propulsion technology 
for hypersonic transports 1 '* 0-13 . As a result, in 1965, NASA lnitated the Hypersonic Research Engine 
(HRE) project 1 at the Langley Research Center with the goal of flight testing a regeneratlvely cooled, 
flight weight scramjet engine on the X-15 research aircraft at speeds up to Mach 8. Garrett Air 
Research 13 was selected in 1966 as the contractor to design and develop a flight weight Structural 
Assembly Model (SAM) for structures, materials and hydrogen regenerative cooling evaluation and a 
heavyweight, water-cooled Aerothenaodynamlc Integration Model (AIM) to evaluate engine performance. 
Although the X-15 program waa cancelled in 1968, the HRE program was continued. Consequently, in 1972, 
the SAM was tested at simulated Msch 7 flight speeds at Langley , * • and the AIN engine tested at 

Plumbrook at Mach 5, 6 and 7 in the 1972-1974 time period 1 * . Photographs of these engines are 
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shown In Fig. 15 136 . While not achieving net positive thrust, these tests did provide valuable Insight 
into the design, testing and operation of dual-mode scraajet engines* 

Concomitant with the HIE, a parallel, albeit more fundamental, effort to develop hydrogen-fueled 
scramjet technology was initiated at the Langley Research Center 132 * 13 ^' 13 ” , Including the 
construction of test facilities 144 * 14 . Actually, these were preceded by fundamental studies and tests 
at the Applied Physics Laboratory under NASA sponsorship 1 &-132 beginning in 1962 and continuing through 
the mtd-1970's. 


With the cancellation of the X-15 program becoming imminent and the recognition that the propulsion 
Integration must play a key role In any vehicle application, Langley personnel began addressing, In 
1967 1 * 34 , hypersonic hydrogen-fueled scraajet concepts that would be an Integral part of a hypersonic 

SS 71118 a PP roach evolved to the Airframe Integrated Scramjet concept jhown in Fig. 
10 1 °» a ud technology programs addressing this concept continued through 1986 1 when all NASA 

efforts were redirected towsrds technology development for the National Aerospace Plane* These included 
additional teat facilities and Instrumentation; inlet, fuel Injector and combustors tests; semi-free-Jet 
engine tests; fundamental mixing, ignition and kinetics studies; and concomitant analyses, including 
advanced computational fluid dynaalca codes120,I36,156^ 

Figures 17 through 20 136 are photographs of representative test hardware in each of the major 
areas. Figure 17 illustrates the evolution of Inlets, Fig. 18 presents a representative fuel 
injector/combustor configuration tested, Fig. 19 shows three types of semi-free-jet engines tested at 
simulated Mach 4, 5.5 and 7 flight conditions and Fig. 20 presents the test facilities used. Excellent 
reviews of these efforts are given in Refs. 120 and 136. 

Navy Interest in scraajet propulsion centered around high speed (Mach 6-8) alrbre&thlng missile 
applications as natural follow-ons to the TALOS and TYPHON ramjet powered missiles, most of which have 
been carried out by The Johns Hopkins University Applied Physics Laboratory (JHU/APL). Unlike the Air 
Force’s and NASA’s programs, which were directed at hydrogen-fueled engine concepts, the work at JHU/APL 
concentrated on storage liquid-fueled engine designs. As a result of their Initial studies, Billlg and 
Dugger applied for the first patent on a Supersonic Combustion Ramjet Missile (SCRAM) in 1961, the 
details of which are given in Ref. 157 and shown in Fig. 21. 

Subsequent to the early feasibility studies, work was directed towards better understanding the 
physical and chemical processes governing supersonic combustion and developing a technological data base 
on inlets, fuel Injectors, fuels combustors, nozzles and free-jet engines 120 for the remainder of the 
I960's and most of the 1970’s. In 1978, work on pure scraajets was terminated in favor of developing 
the DCR concept. 


Examples of scramjet component development efforts are shown in Figs. 22-24. Figure 22 presents 
photographs of modular inlet designs tested in 1965 120 from Mach 4 to 10. Figure 23 presents a 
schematic and photograph of the connected-pipe combustor test apparatus, Including a steam calorimeter 
developed to determine heat release combustion efficiency, used to develop the data base on fuels, fuel 
injectors. Ignition aids and combustors 120 * 138-160 for Mach 3 to 8 flight. These culminated in free-jet 
tests of a 25.4 cm (10-in.) dia engine (Fig. 22) at Mach 5*0, 5.8 and 7.1 from 1968 through 1974 120 
which were the first tests of a scramjet engine in which net positive thrust was measured. 

In 1978, emphasis switched to conducting a similar development program on the DCR 1 ** 1 (Pig. 3(b)). 
To date, tests on multiple Inward turning scoop inlets for both the main supersonic combustor and gas 
generator have been made between Mach 3 and 6. Figure 25 is a photograph of one of the single scoop 
inlet models tested between Mach 3 and 6 since 1983 1 . Connected-pipe tests of the gas generator alone 
and in tandem with supersonic combustors have also been made at simulated flight Mach numbers between 3 
and 4, and tests at higher simulated flight Mach numbers will be made in the near future. Figure 26 is 
a photograph and schematic of the DCR connected-pipe combustor test set up. Credit is given here to 
Mestre and Ducourneau (Fr) 16 who were the first to demonstrate very fuel-rich, stable combustion in 
subsonic combustors in 1973, a very Important step in the evolution of the DCR combustion concept. 

Complementing these development efforts have been other, more fundamental, research programs to 
analytically and experimentally explore and evolve a better understanding of the physics and chemistry 
governing the °P er fJjA°9 6 £ f the liquid-fueled scramjet and DCR. Analytically, these include components 
and cycle analyses 1 * as well as the application of Computation Fluid Dynamics (CFD) techniques to 
hypersonic airbTeathlng propulsion * . Experimentally, these include developing new experimental 

techniques and instrumentation ’ as well as obtaining fundamental process data °* 166 . These basic 
efforts have continued through the present day and have been expanded to include fundamental experiments 
on supersonic free shear layer mixing and combustion and the control of incident shock separation by 
means of mass addition. 


CPMgfT STATUS Of 3CEAMJETS 

Currently, there are two on-going programs within the United States supporting hypersonic 
propulsion: the Navy’s Dual Combustor Ramjet (Fig. 3(b)) and the National AeroSpace Plane (NASP) shown 
conceptually in Fig. 27. The latter is supported by the Air Force, Defease Advanced Research Projects 
Agency (DARPA), NASA and Navy. The DCR is a liquid hydrocarbon-fueled engine intended for Naval 
applications in the Mach 3 to 7 range 161 while the NASP program is evolving a single-stage-to-orbit (and 
back) airbreathing propulsion cycle, the high speed end being a hydrogen-fueled scramjet (as a subset of 
the NASP, there is considerable interest in developing a Mach 5-6 air transport, i.e., the “Orient 
Express'*). These are complemented by basic research programs supported by the Office of Naval Research, 
the Air Force Office of Scientific Research, NASA and the Canadian Ministry of Defense and exploratory 
development work supported the Navy and Air Force. Stalker (Australia) and hla associates 167 are also 
conducting research on supersonic combustion of hydrogen in his shock tunnel. To the author's 
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knowledge, there ere no ongoing programs on scramjets In Western Europe, although Great Britain does 
have a program to develop a two-stage. Horizontal Take-Off and Landing (HOTEL) space transport. 
However, while the first stage Is an airbreather. It Is reported to be a hybrid subsonic combustion 
ramjet (Fig. 2) with staging at about Mach 6. 

The current status or state-of-the-art as applied to the development of scramjet engines, in the 
author's opinion, is as follows: for liquid- and/or gaseous-fueled scramjet engines, sufficient 
knowledge and data exist to design, build and fly one or more flight test vehicles over a flight Mach 
number range of approximately 3 to 7, provided they are boosted to their scramjet takeover speed using a 
separate propulsion system, e. g., a rocket 1 0,1 . For the DCR, on the other hand, several more years 
of exploratory Inlet and combustor development as well as free-jet engine tests are necessary to achieve 
this same goal. These statements, however, should not be taken to imply that all of the desired 
technology la or will be shortly In hand, nor that all of the fundamental physical and chemical 
processes governing the operation of scramjets or DCR's in this flight regime are well understood or 
corapletel^^^^^t^k^'Q ^ey are ® eanC to lapart the level of current understanding and 

At .speeds above about Mach 7 and on to orbital speeds, there are very little, if any, combustor 
data 1 *®* 1 . Inlet data, while somewhat more extensive 1 , is also in this catagory. There are no 

exit nozzle or engine data. Consequently, engineering design as well as fundamental process data are 
being rigorously pursued in all of these areas, at least in the U.S., in support of the Navy, Air Force 
and NASP propulsion development programs. For mixed cycle scramjets, e. g., Fig. 3(c), there is a 
similar Qf data* a^elt somewhat more extensive than at the high hypersonic 

speeds”’’ 1 ®' 1 °^* 1 '®» . Mixed cycle ramjet engines, on the other hand, have a much more extensive data 

base for 9tatic and low speed operation. 


Potentially, the most revolutionary tool in airbreathing propulsion (and almost all other 
disciplines) to evolve over the past decade la computational fluid dynamics, made possible by the 
evolution of supercomputers. In propulsion, CFD codes are currently capable of computing most viscous, 
non-reacting, albeit with real air thermochemistry, internal flows ’ 1 . They have not, however, 
evolved to the point where they can predict, with sufficient resolution, three-dimensional, viscous, 
chemically reacting flows with or without the pressure of shock trains, i. e., typical flovfields with a 
scramjet combustor 1 ^ ’ 4,175^ These limitations are due primarily to computational and storage 
limitations of current Class VI computers and a lack of detailed, fundamental experimental daqa with 
which the turbulence, kinetics, etc., models used in these codes can be compared and validated 1 * . 

CFD, however, even with these limitations, still provides a powerful tool to aid in and provide 
direction for the design of scramjets engines and concomitant basic and applied experiments. 


DEFICIENCIES AND OPPORTUNITIES 

For exemplary purposes, the generic, gaseous-fueled. mixed cycle, dual-mode scramjet engine shown 
schematically in Pig. 28, which has the potential to produce thrust from statlc-to-orbital speeds, will 
be used as a point of departure in the succeeding discussions. Also, for convenience, three generic 
speed regimes, i. e., Mach 0 to 3, Mach 3 to 7 and Mach 7 and above, will be used to identify what, in 
the author's opinion, are the deficiencies and, therefore, opportunities In basic and applied research, 
exploratory development and CFD. 

Operationally, the engine in Fig. 28 works as follows: static, subsonic and low supersonic speed 
(Mq < 3) thrust are generated using retractable axial supersonic injectors to pump air through the 
engine and provide Instream fuel injection. Wall injectors may also be used to augment the ejector fuel 
injection. In addition, the fuel composition (which may contain other than combustible species, 
especially at subsonic speeds) and distribution, engine equivalence ratio and area distribution between 
station i and 5 are varied such that M^ and Mj >_ 1, i. e., no geometric exit nozzle throat is 
required. Recent analyses 1 and experiments 1 Indicate that not only is it desirable to have a 
nozzleless ermine over the entire flight regime to reduce complexity, but eliminating a geometric throat 
may. In fact, increase low speed engine performance. This operation assumes that the inlet is 
unstarted, 1. e., that a normal shock sits upstream of the cowl Lip plane at supersonic flight speeds. 

At flight speeds on the order of Mach 3, the axial Injectors would retract, the inlet would start 
and the engine would operate In the subsonic combustion mode of a dual-mode scramjet with fuel provided 
by the wall injectors alone or in combination with the axial slot injectors as Mq increases. The engine 
would continue to operate in this mode until Macn 6 to 7, when it would begin operating as a 
conventional scramjet. In this case, the ER and combustor geometry would, again, be modulated such that 
Mj 1 and the Inlet diffusion shock structure would be stabllzed between stations 1 and 4. 

At about Mach 7, the wall Injectors would be turned off so as not to thermally overload the walls 
in the vicinity of the Injectors. In this case, the supersonic axial slot injectors would provide fuel 
to the combustor and thermal protection for the walls. From Mach 7 to perhaps as high as Mach 15 to 20, 
fuel alone would be injected from the slots. At speeds above these values, the composition of the 
injectant may Include hot combustion products as well as fuel, i. e., a fuel-rich rocket exhaust, in the 
event that thrust augmentation is required to achieve orbital speeds,. 

With the generic engine cycle just described, it is now possible to present, in an orderly fashion, 
what controls the operation of the engine in the various speed regimes, what the present etate-of- 
knowledge is or Is not and what, In the author’s opinion. Is required to fill in the voids. 

At static and subsonic speeds, the primary mechanisms controlling engine operation (Including air 
capture) are the ejector thrust and air entrainment rate and the downstream combustion process. The 
entrainment rate, in turn, is controlled by the axial position and lateral distribution of the ejectors, 
the ejectant composition, pressure, velocity and temperature and, ultimately, the entrainment and/or 
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mixing race within Che compressible free shear layers generated. The combustion process Is also 
controlled by the Initial conditions of the ejectant and the diffusion or mixing rate of the free shear 
as well as equilibrium thermochemistry and the downstream area distribution (to keep and >_ 1). At 
supersonic speeds up to Mach 3 with the inlet unstarted, engine operation continues to be dominated by 
these mechanisms, although the pumping requirements of the electors diminishes with speed, especially 
for Mq > 1, where air capture la dominated by flight speed, internal combustion and area distribution. 

Currently, there Is a rather extensive design data base on non-reacting ejectors for nozzle and 
diffuser augmentation* . for static and low speed ejector systems with combustion, 1. e«, elector 

ramjets or hybrid rocket-ramjets, the reported data base is substantially smaller”* 10 * 171 * 178 * 1 . 

Reference 171 is the only reported data applicable to an ejector scramjet. Analytically, Bllllg's 
work 1 0 la the most recent, and represents the first unified approach to optimizing the performance of 
combined cycle scramjeta. It Is evident, therefore, that an exploratory development data base 
demonstrating and documenting the static to Mach 3 performance of nozzleless ejector scramjet concepts 
Is needed. 

On s more fundamental level, the current understanding and predictability of compresslbLe free 
shear layer mixing and combustion at these speeds is also limited, mainly due to a lack of detailed 
experimental measurements of turbulence and its Influence on mixing and combustion. The experimental 
data in the literature are generally 10 to 20 years old 1 ”® and only provided limited axial mean flow 
measurements of shear layer thickness and/or pitot pressure and gaseous species profiles. While these 
data are useful in specific development programs, they do not document or describe the flow in 
sufficient detail, nor are they systematic enough to permit an adequate description of the flow 
structure or the mechanisms controlling it to be made. This deficiency, however, could be overcome by 
conducting a series of experiments in which the initial and boundary conditions as well as in-stream, 
normal and axial property profiles are carefully measured using established ln-sltu measurement 
techniques juid the latest non-intrusive laser diagnostic techniques 10 ”. Computationally, any number of 
CPD codes 15 exist which are capable of computing these shear flows with or without equilibrium 
thermochemistry, but their accuracy Is dependent on the turbulence models used which, in turn. Is 
dependent on the existence of a thorough, fundamental, experimental data base. 

For the Mach 3 to 7 speed regime (with the inlet started), engine operation and efficiency la 
governed by the inlet compression process, the normal or axial fuel injection distribution, mixing, 
ignition and combustion processes, wall skin friction and heat transfer, and nozzle efficiency. Inlet 
efficiency, in turn, is governed by shock wave and viscous losses, the extent of which is dependent on a 
particular deaign, and nozzle efficiency is governed by chemical kinetics, wall friction and non- 
uniformities in property profiles (including imbedded waves and flow angularity). 

The current understanding of erulne operation at these speeds is quite good. There exists an 
extensive Inlet design data base r20,13o,I from which advanced concepts can be evolved with 
confidence. There is also an adequate semi-empirical data base for designing the length of duct needed 
to Isolate combustion induced compression fields from adversely affecting inlet performance 136 * 100 . One 
possible problem at these speeds, however, is the potential for a large separated zone to exist where 
the cowl shock Intersects the inner body as depicted in Fig. 28. The traditional methods of alleviating 
this problem are to use shock traps and/or boundary layer bleed. For propulsion systems intended to go 
to orbital speeds, however, the air mass loss associated with bleed may impose too high an engine 
performance loss, requiring an alternative approach, such as mass injection to control the extent of the 
separated zone. 

For fuel injector placement and fuel distribution, there are sufficient data to assess th« design 
of combustors injectors 1 ”* 15 ^h®* 1 and an adequate data base on combustor wall she*- and 

heat transfer 1 ’ , but not necessarily for the wall slot injectors. While data exist on slot 

Injector placement, fuel distribution, mixing and combustion 13 * * 6 , they are not sufficient to be 

Incorporated into a unified design procedure. This will require a more extensive experimental data base 
encompassing all of the pertinent parameters, i. e., slot geometry, angle and placement; fuel 
composition, distribution, temperature, pressure and velocity; and combustor geometry and Initial 
conditions. 

Data on nozzle performances alone are non-existent at these speeds, due primarily to test facility 
limitations. The only data available are wall static pressure distributions and some nozzle exit pitot 
pressure and species sample surveys obtained in free-Jet engine tests 00 * 120 * 136 . 

On the more fundamental scientific level. Refs. 136 and 160 gives comprehensive reviews of the 
state-of-the-art of scramjeta in the Mach 3 to 7 speed regimes. Rather than reiterate those 

discussions, their conclusions, while not always the same, may be summarized as follows: turbulence by 

Itself and its effects on and interaction with chemical reactions is not well understood. Of primary 
Interest are the onset of turbulence (transition) and the Influence of turbulence on separation (and 
control thereof), wall skin friction with and without chemical reactions, and free shear layer mixing 
with and without combustion. Non-equilibrium thermochemistry in the nozzle ia also not well 
understood. These, then, comprise the opportunities in this speed regime, some of which are currently 
beginning to be experimentally anii analytically addressed, especially In the area of supersonic free 
8hear layer mixing and combustion 1 2 “ 10 . 

Computationally, 8 large body of CFD codes 1 * 6 are available which can compute Inlet and nozzle 
flows in the Mach 3 to 7 speed regimes, but, as previously stated, none exist which can compute, with 
acceptable resolution, the precombuation shock separated flow in the isolator duct or the 3-D, 
chemically reacting flows in tb^,combustor. These are being addressed using 2-D 10 or parabolized forms 
of the Navier-Stokes equations . Again, however, the accuracy of these models is only as good as the 
turbulence and chemistry models and sufficient experimental data do not exist to validate them. 
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Ac speeds above Mach 7, the mechanisms governing engine operation are the sane as those In the Mach 
3 to 7 range with one exception, chemical dissociation because s>f the elevated static temperatures in 
the entire engine. While some limited data exist on inlets 1 and forebody sbock/boundary layer 
interactionspractically none exist on internally-ducted hypersonic flows, especially with 
combustion 9 ***” . In addition, there are no fundamental process data and, while CFD codes can compute 
any number of flovflelds, there are no data to establish their veracity or accuracy. Consequently, any 
carefully measured set of data, whether they be basic or applied, would provide a much needed step in 
confirming the current understanding or evolving a better understanding of scramjet engine operation at 
very high hypersonic speeds. 


COKUIPUC BBOttS 


Considerable advances in the state-of-knowledge of scramjet engines and derivatives thereof have 
been made since the inception of this propulsion cycle approximately 30 years ago. Currently.sufficient 
knowledge exists to design and build a rocket-boosted scramjet for Mach 3 to 7 flight, but additional 
development Is required to extend the upper bound to orbital speeds and lower bound to static 
conditions. Computational fluid dynamics, while a powerful tool, is still In Its formative stage, being 
hampered by computer limitations as well as a lack of fundamental process data to validate a number of 
the physical and chemical models used. 

Consequently, opportunities in scramjet research and development abound. On a fundamental level 
the most pressing need is to understand turbulence, especially at supersonic and hypersonic flight 
speeds, and to be able to predict its effect on wall shear and heat transfer, boundary layer separation 
and reattachment, normal-to-axial fuel Injection and mixing as well as chemical kinetics. On the more 
practical side, an extensive effort la required to obtain the requisite engineering design (or 
development) data base on mixed cycle scramjet engine performance at low speeds, to complement the 
existing scramjet data base In the Mach 3 to 7 range and to begin to generate a similar data base for 
flight speeds from Mach 8 to 25. 
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Turbojet 

(a) Air-turbo-ramjet (ATRJ) 



(b) Air-turbo-rocket (ATR) 



ejectant 

(c) Ejector ramjet (ERJ) 

Fig. 2 Schematics of generic hybrid ramjet engines which produce static tfmi«i 
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(c) Ejector scram jet 

Fig. 3 Schematic of generic supersonic combustion engines. 



A Combustion chamber D Nozzle rings 

B Venturi E Main diffuser tube 

C Fuel injector 

Fig. 4 A Melot multiple-nozzle "thrust augmenter" of the type investigated by the French 
military authorities in the 1914-1918 war period. 






Fig. 5 Reproduction of figure from Fono's 1928 patent B - fuel injection nozzles; 
C - flameholders. 


























Fig. 11 United Aircraft R autarch Lab variable geometry hydrogen-fueled scramjet (cr 19681. 






Fig. 12 General Elactric hydrogan-fualad component integration Fig. 13 General Applied Science Lab low-ipeed. fixed-geometry, 
model icramjet (cr 19681. hydrogen-fueled acramjet (cr 1968). 



Fig. 14 Marquardt hydrogen or liquid hydrocarbon-fueled dual mode scramjet (1968-71). 


Structures Assembly Model (SAM) Aerothermodynamic Integration Model (AIM) 

in Langley 8-ft high temperature structures tunnel in Lewis/Plum Brook hypersonic tunnel facility 




Fig. 16 NASA airframe-integrated supersonic combustion ramjet concept. 












1 


INLETS 



Three-strut inlet Two-strut inlet 

To eliminate shock coalescence 


'■A 



Step-strut inlet 

For effective sweep for starting, 
no sweep when started 


First-Generation Concept 


Future Concepts 


Throat * 
Mach 
number 

Mass I.Oi 
capture 
ratio 0.4 


Forebody 
?6r P' us 

Contraction L m et £ 
ratio 


Pressure 10 [ 
/ recovery Q 4 t 


Inlet 

only 


Flight Mach number 


Typical performance 
Equal to variable geometry 



Reverse-sweep inlet 
For favorable tradeoff 
of contraction ratio 
and mass capture 


Fig. 17 NASA inlet studies. 
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(b) Three-strut model 


Fig. 18 Representative NASA fuel injector/combustor direct connect test configuration. 





(b) Strutless parametric engine itkxM (c) Step-strut engine mode* 

Fig. 19 NASA samifree jet engine models. 



Mach 4 blowdown tunnel Test cell No. 2 

Inlet tests Combustor development tests 

Fig. 20 NASA/Lengtey test facilities. 









Fig. 21 First scramjet missile patent (Billig and Dugger, 1961). 



Fig. 23 (a) Photograph 
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All Dimensions in Centimeters 

All Hardware Sections are Water Cooled 



(bj Schematic 

Fij. 23 Photograph and schematic of APL direct-connect scram jet combustor hardware. 



(a) Scram model 



Fig. 24 First scram jet engine to produce net positive thrust (APL, 1968). 



(a) Inlet in free-jet tast facility 



Fig. 26 In war d turning eooop inlet concept (APL, cr 1963). 
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Fig. 28 Representative generic mixed cycle scramjet engine. 
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SUMMARY 

An elliptic jet havinq an aspect ratio of 3:1 was studied and compared to a circular 
jet at three Mach numbers: M = 0.15, 1 and 1.3. Hot-wire measurements and Schlieren 
photography were employed in this study. The superior mixing characteristics of an 
elliptic jet relative to a circular jet, which were found in previous works in subsonic 
jets, prevail in the sonic jet and are further augmented by the shock structures c c the 
supersonic underexpanded jet. The major and minor axes switch at a distance of 3 

diameters from the nozzle, and the spreading rate of the minor axis side is twice that 

of a subsonic jet. 

The experimental data are supported by results of the linear instability analysis of 
the supersonic elliptic jet which show that the initial vortices are bending at the 
major axis side in a similar way to the process which occurs in a subsonic elliptic jet. 

INTRODUCTION 

In reacting flows, the flame stability and heat release are closely related to the 
interaction between fluid dynamics and combustion. Specifically in a dump combustor, 
with a flow field of a ducted jet with dump, the combustion is related to the dynamics 

of the shear flow originating at the jet exit or the dump. 

The evolution of subsonic shear layers, associated with vortex shedding and intera¬ 
ction, has been studied by many investigators both experimentally 1 ” 3 and analytically. 4 
These studies, which have recognized the important role of large-scale structures, have 
opened up the possibility to modify actively or passively the regular breakdown of 
large-scale vortices into fine-scale turbulence. ~ 0 One method of passive shear-flow 
control was obtained using non-circular jet-exit cross sections, which change the ini¬ 
tial conditions of the jet. Non-circular jets did not attract interest of researchers 
and only few studies with triangular and rectanqular jets were reported in the 
literature. 1 ~ 8 

Another non-circular nozzle configuration, which was investigated, is the small 
aspect ratio elliptic nozzle. 9 Compared to regular circular jets, the entrainment into 
the elliptic jet wa3 significantly enhanced in subsonic, nonreacting free-jet and 
ducted-jet tests at low and high Reynolds numbers. 10 " 14 Primarily responsible for the 
mixing enhancement is the phenomenon of axis switching which occurs due to flow self- 
induction processes associated with the bending of the elliptic vortices. 15 

Moreover, the elliptic jet was superior to a circular jet in a subsonic fuel-rich 
plume combustion process, where, in addition to the entrainment (bulk mixing) of reac¬ 
tants, mixing on the fine-scale (molecular scale) is important. 1 ® The intense fine- 
scale activity in the shear layer was due to the generation of azimuthal modes of 
instability which were excited by the non-circular initial conditions. 1 17 " 18 

Evidence exists that supersonic shear-flow dynamics are also governed by large-scale 
structures, 19-22 a feature which would allow passive shear-flow control in supersonic 
combustion. 

The objective of the present work is to determine whether the special entrainment 
features of subsonic elliptic jets can also be found in sonic and supersonic free jets. 
This combined experimental and analytical work provides a basis for future supersonic 
ducted flow and combustion research. 

Experiments were performed with cold and heated free jets in both fully expanded and 
underexpanded conditions using hot-wire anemometry, thermocouples, and Schlieren photo¬ 
graphy. The theoretical part includes stability analysis of circular and elliptic jets 
using an integral-equation formulation of the linear stability analysis which is appli¬ 
cable to arbitrary cross sections. 23 

EXPERIMENTAL SET-UP 

In the nonreacting tests, air from a blow-down facility was supplied to a free-jet 
test setup with interchangeable circular and 3:1 aspect ratio elliptic nozzles having a 
diameter or equivalent diameter of D = D e = 1.9 cm (Figure 1). The measurements were 
carried out for three conditions: (1) a subsonic jet with exit velocity of M = 0.15, 

(2) a fully expanded jet with sonic velocity at the exit, and (2) an underexpanded jet 
having a Mach number of Mj = 1.27. 

Approved for public release; distribution Is unlimited. 

Paper presented at the Symposium on Aerodynamics of Hypersonic Lifting Vehicles, in 
Bristol, United Kingdom, 6-9 April 1987. 
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The mean and turbulent velocity fields of the jets were measured using a constant- 
temperature hot-wire anemometer with a verified frequency response of 80 kHz. The wire 
was calibrated up to sonic velocity using a compressibility correction factor. 

The hot-wire was mounted on a computer controlled precise traverse mechanism 
enabling movement in all three axes. A typical measurement included 500 points covering 
the entire jet from the nozzle to 30 equivalent diameters downstream of the exit. 

A 3 mm diameter B&K microphone was used to determine the power spectra of the near 
field pressure fluctuations at the potential core region. The microphone had a frequency 
response of up to 140 kHz. 

Schlieren photography was used to visualize the shock structures of the circular and 
elliptic nozzles. 

In the reacting tests, the circular and elliptic nozzles were mounted at the exit of 
a dump combustor burning a lean mixture of air and hydrocarbon fuel at P * 650 kPa and 
T * 1400*K. Color photos were made of the exhaust shock pattern. In addition, mean 
temperatures in the exhaust jet were measured using a rake of eight tungsten/rhenium- 
thermocouples. 

The hot-wire, thermocouples, and microphone calibration, data acquisition and 
analysis were done using a VAX-750 minicomputer. 

RESULTS AND DISCUSSION 

The phenomenon of axis switching in a subsonic three-dimensional jet (elliptic or 
rectangular) was reported in previous works 7 * 9 and is shown in Figure 2 for the 
present experimental set-up as a reference. The spreading rate of the jet in the minor 
axis plane was higher than in the major axis plane. The major and minor sides of the 
initially 3:1 aspect ratio jet became equal at x/D e * 23. This cross-over point was 
previously shown to be a function of the nozzle aspect ratio and the jet exit velocity. 
The spreading rate of the elliptic jet is compared to a circular jet. The spreading 
rate at the minor axis plane of the jet is larger than the circular jet at x/D e < 5 
and x/D e >20. In the other section it is similar in the two jets. This particular 
behavior of the elliptic jet is a result of the self induction of the asymmetric 
coherent structures. The coherent structures undergo azimuthal distortion due to the 
Kelvin-Relmholtz instability and consequently the self induction process is enhanced. 

The instability process of the subsonic and supersonic jet flows are discussed briefly 
in the following section to elucidate the basic differences and similarities of the two 
flows, especially regarding their spreading rates. 

Instability Analysis of Elliptic Jets 

An integral-equation formulation of the linear stability analysis was developed for 
jets having arbitrary shapes . 23 Using this method, the stability characteristics of 
elliptic jets were studied for different aspect ratios and Mach numbers. 

Figure 3 describes the dependence of the spatial growth rates (— ) of disturb¬ 

ances In the initial circular jet shear layer and their phase velocity (C p ) on the 
frequency of these disturbances, at different Mach numbers. The growth rates diminished 
with increasing Mach number: for M * 0 (subsonic flow), niRo “ -5.6 (where R e is 
the jet equivalent radius) while at supersonic flow (M * 1.5), aiR e * -2. The most 
amplified frequencies, corresponding to the peak values of the growth rates decreased 
with increasing Mach number. The nondispersive range of the frequencies, i.e., the 
range of frequencies which move at the same phase velocity, was wider for higher Mach 
numbers. 

When the jet eccentricity was varied from a circular jet to an elliptic jet with 
different aspect ratios, the qrowth rate and the phase velocity of the amplified waves 
were changed too. The non-circular jet stability characteristics were also associated 
with various azimuthal modes. These modes represent variation of the disturbances 
amplitude and phase around the jet circumference. Figure 4 shows the variation of the 
growth rate and phase velocity as a function of the aspect ratio—A/B, (where A is the 
major axis length of the jet nozzle and B is the minor axis length)—for a subsonic flow 
(M * 0). The graph depicts the variation of the two main components of the first azi¬ 
muthal mode. The insert to the figure shows that the first component, described by the 
circular symbols, was dominant in the jet section with the large radius of curvature 
(minor axis plane). While the second component, described by the "plus" symbols, was 
dominant in the section having the small radius of curvature (major axis plane). When 
the jet eccentricity was varied from 1 (circular jet) to a 2:1 elliptic jet, the ampli¬ 
fication rate of the first component was almost invariable, but its phase velocity was 
decreased from 0.54 to 0.52. With the same variation of eccentricity, the second compo¬ 
nent underwent a reduction of its amplification rate accompanied by an increase in the 
phase velocity from 0.54 to 0.57. The outcome of these changes was that the mode which 
is dominant at the major axis side moved faster than the one at the minor axis side. 

This differential motion caused bending of the jet coherent structures at the major 
axis side initiating the self induction process and the subsequent accelerated spreading 
rate of the minor axis section. 
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When the jet Mach number was increased to 1 (sonic jet), a similar behavior was 
observed (figure *5). Although the two components of the azimuthal eigenmode switched the 
center of their activity between the minor and major axis planes, the phase velocity of 
the unstable waves at the major axis was still high relative to the minor axis side. The 
same condition also occurred at supersonic speeds of M * 1.5 (Figure 6). 

The difference in the phase speed and amplification rates between the major and minor 
axis sides resulted in a different roll-up location of the vortices at the two sides. 

The computed streamlines in Figure 7 show that the roll-up was completed in the minor 
axis sides at x/R e • 1.6, while at the major axis side it occurred further downstream 
at x/R e » 2.4. This pattern of non-symmetric roll-up resulted in the vortex bending 
which was also observed earlier in water flow visualizations. 12 The self-induction 
process ensuing from this bending yielded the high spreading rate typical to the elliptic 
jet. The stability analysis results, which were described above, sunaest that the 
mechanism which was found at subsonic flows prevails also in supersonic flows. 

Sonic and Supersonic Axes Switching 

The spreading rates of sonic elliptic and circular jets (M * 1) are compared in 
Figure 8. As predicted by the stability analysis, the axes switching can be observed 
here too. The circular jet's spreading rate was reduced 9lightly relative to the low 
subsonic case (Figure 2) but the high spread of the minor axis section resulted in axes 
switching at x/D e =* 20, which is slightly upstream of the subsonic switching point. 

When the jet’s chamber pressure was further increased, an underexpanded jet was 
obtained. 'T’he jet Mach number following the initial expansion waves was Mj = 1.3. At 
this condition, the jet initial core was dominated by expansion-compression waves cell 
structures and its acoustic radiation concentrated in a narrow frequency peak which is 
called the jet screech frequency. Figure 9 shows the power spectrum of the near field 
pressure fluctuations of the underexpanded jet with Mj « 1.3. The screech frequency is 
close to 7000 Hz, with a power level of three orders of maqnitude above the other broad¬ 
band frequency components. 

The shock structure of the underexpanded jet has a substantial effect on its spread- 
inq rate (Figure 10). The spreading rate of the minor axis side was doubled relative to 
the sonic jet while the width at the major axis side remained unchanqed until 
x/D e = 10. From this point its growth was similar to the circular jet. Axes switching 
location was moved far upstream to x/n e - 3. 

The rapid occurrence of the axes switching in the underexpanded jet is also shown in 
Figure 11 for an elliptic underexpanded reacting jet. The second shock cell has its 
wider dimension aliened in the minor axis plane and its narrow one in the major axis 
plane. Temperature measurements done in thl9 elliptic underexpanded jet showed the 
larger width of the jet at the minor axis plane relative to the other plane at a distance 
of x/0 e » 8 (Figure 12). 

Mean and Turbulent Velocity Field 

The mean velocity and turbulent axial velocity contours of the sonic (M * 1) and 
supersonic (M * 1.3) jets are shown in Figures 13 and 14, respectively. The region of 
the supersonic jet core with shock structures was not covered by the hot-wire measure¬ 
ments. The contours in this area are drawn by the computer interpolation procedure. 

Both figures show that the supersonic jet spreads faster than the sonic jet. The turbu¬ 
lent intensity was higher for the supersonic jet and covered larger sections of the jet. 

The mean and turbulent velocity contours on the major and minor axis plans of the 
underexpanded elliptic jet (Mj = 1.3) are shown in Figures 15 and 16, respectively. 

The high spreading rate on the minor axis plan is evident. The jet width at the major 
axis plane remains almost constant in the first 10 diameters and its spreading rate 
further downstream is small. Because of the lack of hot-wire data, the interpolation 
procedure resulted in a mismatch of the velocity contours at the centerline. 

The cells formed by the expansion-compression waves structures inside the jet core, 
which could not be measured using the hot-wire, were visualized by Schlieren photography. 
Figure 17 shows these structures in the underexpanded circular and elliptic jets. The 
non-symmetric shape of the expansion/compression waves in the elliptic jet resulted in a 
different pattern of flow spread along the two axes of the jet. The intersection of the 
waves bouncing from the jet boundary were non-symmetric and distorted. 

The centerline velocity decay rates of the circular and elliptic jets are compared in 
Figure 18. For x/D e > 10 both jets had similar centerline deceleration rates for the 
three Mach numbers studied. The potential core length of the elliptic jet was very short 
even for subsonic exit velocity. The core of the subsonic circular jet was 5 diameters 
long and was decreased at the sonic speed. So measurements were taken for the supersonic 
jet in this region. 

The centerline turbulence intensity of the .circular and elliptic jet is shown in 
Figure 19 for subsonic, sonic, and supersonic speeds. The turbulence intensity is ampli¬ 
fied faster in the elliptic jet core than in the circular jet both in subsonic and sonic 
velocities. Downstream of the core region both jets have nearly the same turbulence 
intensity for subsonic and supersonic exit Mach numbers. At sonic speed the circular jet 
has the highest intensity while the elliptic jet has the lowest. 






CONCLUSIONS 


The high rate of entrainment of the email aspect ratio elliptic jet relative to an 
axisyrametric or plane jet was attributed to a growth mechanism Which does not exiat in 
symmetric jets. This entrainment mechanism is related to self induction of vortices which 
are being distorted due to the variation of their instability characteristics around their 
circumference. It was shown here that although the distribution of the various eigenmodes 
change from subsonic to supersonic jets, the initial vortical structures of the elliptic 
jet at the major axis plane bend in the streamwise direction relative to the minor axis 
section. This phenomenon occurs also in subsonic flows. Consequently, the self induction 
of the jet coherent structures augment the amount of surrounding fluid engulfed by the jet 
at the minor axis section in the subsonic and sonic elliptic jets. 

In a supersonic underexpanded elliptic jet the series of bouncing expansion and com¬ 
pression waves generate a non-synmietric structure of cells. The angle of the oblique 
shocks and expansion fans are different in the two planes of the jet and the flow changes 
direction in a non-aymmetric pattern. The experimental data which was described in the 
paper show the large increase of the spreading rate of this jet in the minor axis plane 
relative to the sonic and subsonic jets. The two axes switch direction at x/D e « 3 
instead of x/D e ■ 20 in the lower velocity jets. 

The interaction between the shock cells and the coherent structures of the jet shear 
layer is being currently studied in our laboratory. 
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Figure 11. Elliptic Underexpanded Reacting Jet 
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Figure 16. Comparison of Turbulent Axial Velocity 
Contours - Elliptic Jet (Underexpanded). 







(c) Elliptic jet - minor* 5 msec exposure. 


(d) Elliptic jet - minor, spark photography (10 nsec exposure). 
Pigure 17. Schlieren Photographs of the Underexpanded Jets. 









Figure 18. Comparison of Centerline Velocity Decay for 
Circular and Elliptic Jets at Three Mach Numbers. 










HUMERICAL ANALYSIS OP PLOW THROUGH SCRAMJET ENGINE INLETS 
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Abstract 

A set of computer programs has been developed to analyze flow through supersonic 
combustion ramjet (scramjet) inlets. These programs solve either the two- or three- 
dimensional Euler/Navier-Stokes equations in full conservation form by MacCormack's 
explicit or explicit-implicit method. An algebraic two-layer eddy viscosity model is 
used for turbulent flow calculations. The programs are operational on Control Data 
CYBER-200 series vector-processing computer system and have been optimized to take 
maximum advantage of the vector processing capability of the system. Since their 
development# the programs have been extensively verified and used to analyze a number of 
very complex inlet configurations. In this paper, results are presented from two- 
dimensional# quasi-three-dimensional# and three-dimensional analyses of the inlet flow 
field to illustrate the use of the programs. 


Nomenclature 


G throat gap 

H height of inlet 

Mach number at inlet face 

M^ N component of normal to sidewall leading edge 

Mj t component of M 1 tangential to sidewall leading edge 

M^ free-stream Mach number 

p pressure 

pj pressure at inlet face 

T^ temperature at inlet face 

w width of inlet 

x#y#z Cartesian coordinates 
A sweep angle 

6 sidewall and strut compression angle 

s 


Introduction 


The exponential growth of computer speed and storage capacity as well as algorithm 
sophistication has allowed application of advanced numerical methods to practical design 
problems in many engineering disciplines such as fluid dynamics. More and more use is 
being made of numerical methods in analyzing complex flow fields than has been possible 
in the past. An important example is that of the inlet design of supersonic combustion 
ramjets (scramjets), where modern computational methods allow the direct numerical 
simulation of the inlet flow field in a reasonably efficient manner. Intelligent use of 
such capability can be very helpful in eliminating the poorer designs and in allowing 
promising design configurations to be developed with less reliance on extensive wind- 
tunnel testing. 

This paper discusses the application of a set of Navier-Stokes codes in the 
analysis of high-speed inlet flow NASA Langley Res^ar^h Center has an ongoing 

research program to define and develop an airbreathing# airframe integrated scramjet 
engine for hypersonic propulsion.^ 2 Scramjets become attractive at flight Mach numbers 
of 4 and above# and they offer the most viable propulsion option at Mach numbers above 
6. The scramjet engine concept being developed at Langley uses a fixed-geometry, 
rectangular module approach that closely integrates with the vehicle. Use of fixed 
geometry reduces weight and system complexity, whereas vehicle-propulsion system 
integration takes advantage of forebody compression to reduce inlet size and afterbody 
expansion to provide a low drag, high area ratio exhaust nozzle. An example of such a 
module is shown in Pigure 1 with a sidewall removed. A cross-sectional view is shown at 
the bottom of the figure. The module has a fixed-geometry inlet with aft placement of 
the cowl on the underside of the engine that allows for efficient spillage and good 
inlet starting characteristics over the operating range with fixed geometry. For this 
module# the inlet compression is completed by three wedge-shaped struts which also 
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provide locations for injection of gaseous fuel. The fuel and air mix and react in the 
combustor portion of the module. The reacted mixture is then expanded through the 
no 22 le. 

Efficient engine design requires a detailed understanding of the internal flow 
field in various engine components over the range of operating conditions. While the 
flow field in these components cannot really be separated/ each of the components should 
perform well by itself. Most of the studies in analyzing flow through various engine 
components have necessarily been experimental in the past due to the complex nature of 
the flow field which does not lend itself to simple analytical estimates. However, with 
increasing availability of large storage, high-speed computers and advanced computing 
techniques, it is becoming more feasible to numerically calculate the flow field in the 
inlet and nozzle portions of the engine. Analysis of complete combustor flow field 
still remains beyond the current state of the art. 

The effort to provide an inlet analysis tool started with the development of the 
two-dimensional Euler/Navier-Stokes code described in Reference 3; this was followed by 
the full three-dimensional Euler/Navier-Stokes code described in Reference 4. This paper 
briefly describes both the two- and three-dimensional codes. It also describes the 
application of the two-dimensional code in quasi-three-dimensional form in the analysis 
of a certain class of inlets. A parametric study in inlet design based on the quasi- 
three-dimensional application of the two-dimensional code is presented. Results are 
then presented from a complete three-dimensional analysis of a two-strut scramjet 
inlet. Comparison with available experimental data is made where possible. 


Outline of the Inlet Codes 


The codes model the flow field by the two- or three-dimensional Euler or Navier- 
Stokes equations in conservation form. These equations are transformed from the 
physical domain to a regular computational domain by using an algebraic numerical 
coordinate transformation that generates a set of boundary-fitted curvilinear 
coordinates. 5 The transformation can accommodate embedded bodies {e.g., struts, cowl) 
in the flow field. It also allows for concentrating mesh lines in regions of high 
gradients such as near the solid boundaries. The transformed governing equations are 
solved by either the explicit or explicit-implicit method due to MacCormack. 6 7 In the 
case of turbulent flow calculations, an algebraic two-layer eddy viscosity model due to 
Baldwin and Lomax 8 is used. 

The codes are operational on the Control Data VPS-32 (a specially modified 
CYBER-200 series computer with a 32 million, 64-bit word primary memory) vector 
processing computer system at the Langley Research Center and have been optimized to 
take maximum advantage of the vector processing capability of the computer system. 


Results and Discussion 


This section describes briefly how the two-dimensional code can be used in quasi- 
three-d imens ional sense to analyze certain class of scramjet inlets. The approach is 
verified by calculating the flow field in a three-strut inlet shown in Figure 1 and then 
results from a parametric inlet desiqn study are presented using this approach. 

Finally, results are presented for a two-strut scramjet inlet as obtained from a full 
three-dimensional analvsis. 

Two- and Quasi-Three-Dinensional Analysis 

For the type of scramjet inlet configuration shown in the following sketch where 
all the compression surfaces are swept back at the same anqle A, it is possible tc use 
the two-dimensional code in a quasi-three-dimensional sense if the shock 
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waves in the inlet do not detach and if the end effects (i.e., the effects of top 
surface and cutback cowl of inlet) are neqlected. Under these assumptions, the velocity 
component parallel to the sweep line should remain constant, and the flow disturbances 
should occur in a plane zz* normal to the sweep line. The flow can, therefore, be 
solved by using the two-dimensional code in the plane zz* with Mach number Mj N * The 

solution in the zz' plane can be projected to the plane of the cowl, and the velocity 
distribution in the plane of the cowl can be obtained by superimposing the constant 
velocity component over the aforementioned solution. In the case of viscous flows, an 
approximate boundary-layer profile has to be prescribed for the constant tangential 
velocity component before superimposing it. By knowing the velocity and density 
distributions, it is possible to estimate the flow spillage from this class of three- 
dimensional inlets as a function of cowl location. 

The proceeding approach is verified by analyzing the three-dimensional inlet shown 
in Figure 1, details of which are given in Reference 9. The inlet sidewalls are swept 
at an angle of 48°. Figure 2 shows a comparison of the turbulent sidewall pressure 
distribution with the experimental results of Reference 9. The experimental results are 
in a plane parallel to the cowl located at mid-inlet height. This particular plane is 
chosen for comparison so that the cowl shock does not affect the measured sidewall 
pressure upto the point of comparison in the axial direction. (The present analysis 
cannot account for the ccwl shock disturbances.) It is seen from Figure 2 that the 
present calculations are in very good agreement with the measured values. 

The type of agreement obtained for the three-strut inlet gives credibility to the 
code in its use as a tool for parametric studies in inlet design. Results of one such 
parametric study are presented here. In this study, one- and two-strut inlets are 
analyzed over a range of Mach numbers. The compression surfaces of these inlets are 
swept back at an angle of 33°. The flow conditions used in the analysis are given in 
the following table: 


M oo 

Ml 

M 1,N 

P lf MPa 

Tj , K 

4 

3.43 

2.88 

0.00963 

322 

5 

4.29 

3.60 

0.00648 

328 

6 

5.18 

4.34 

0,00456 

329 

7 

6.00 

5.032 

0.00355 

335 


Figure 3a shows the geometry of a one-strut inlet in a plane normal to the sidewall 
sweep. Figure 3b shows the pressure contours for the inviscid flow at M^ * 7. It is 

seen from the contour plot that the shock waves from the sidewall and strut leading-edge 
coalesce to form a stronger shock. For the viscous flow, this strong shock caused a 
large separated region on the sidewall which resulted in aerodynamic choking of the flow 
at all the Mach numbers considered here except at the highest Mach number with turbulent 
flow. In the case of inviscid flow, no solution could be obtained at the lowest Mach 
number for which the shock waves detached in the inlet. The following table summarizes 
the conditions for which the solutions could or could not be obtained (indicated by 
"yes" and "no," respectively): 


Mach Number 

! Type of Flow ] 

M » 

| Inviscid | 

Laminar 

Turbulent | 

7 


no 


6 

IB Huhfc 11 H IB 

no 


5 


no 


4 


no 



To eliminate the problem of shock wave coalescence in the one-strut inlet, a two-strut 
inlet is considered in which the strut surface, on which the sidewall shock strikes, is 
made parallel to the oncoming flow so that no shock is produced by this strut surface. 
This avoids the possibility of shock-wave coalescence. Figure 4a shows the geometry of 
the two-strut inlet in a plane normal to the sidewall sweep. The pressure contours and 
velocity vector field for the laminar flow at N # ■ 7 are shown in figures 4b and 4c. 

For this inlet, solutions could be obtained at all the Mach numbers for the inviscid 
flow and at the highest three Mach numbers for the viscous flow. The following table 
summarizes the conditions for which the solutions could or could not be obtained 
(indicated again by "yes" and "no," respectively): 


i|BI 

Type if Flow 

Inviscid 

Laminar 

Turbulent 

7 

■ 'Bj; • .■ 

yes 

' EE. 1 

6 

H 1 

yes 


5 


yes 


4 

HK&9BBH 

no 

iOH 
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The table clearly shows the improvement in the performance of the two-strut inlet over 
the one-strut inlet. 

The preceding parametric study indicates that the numerical computer code developed 
herein can be used to modify or eliminate those designs which are not expected to 
perforin well and, thus, can help in reducing the experimental testing required for inlet 
design. 

Three-Dimensional Analysis 

Even though the preceding parametric study using the two-dimensional code provides 
meaningful information, it has only limited applications in the analysis of scramjet 
inlet flow field because, in most situations, the flow is truely three-dimensional. It 
is, therefore, necessary to use three-dimensional analysis in order to model all 
important features of the flow including interaction between the high-pressure internal 
flow and low-pressure external flow ahead of the cowl caused by the aft location of the 
cowl. This section presents result from a three-dimensional anlaysis of the two-strut 
inlet shown in Figure 5. A line diagram of the inlet is shown in Figure 6. It has a 
rectangular cross-section with wedge-shaped sidewalls which are swept back at an angle 
of 30®. Two compression struts are located in the center passage of the inlet which are 
also swept back at the same angle as the sidewalls. The basic design of the struts is 
similar to that discussed in the preceding parametric study. Sweep of all compression 
surfaces ends along line EF and the cowl closure starts at F. The inlet model is 
parametric and allows adjustments in the overall geometric contraction ratio by moving 
the sidewalls and the struts in and out. The cowl location can also be adjusted, and it 
is possible to add top surface compression, if needed. 

In order to compare the numerical results with the experimental data, flow 
calculations for the preceding two-strut configuration are made at the following 
experimental conditions: 

* 4.03 

Pj - 8724 N/m 2 

Tj * 70 K 

The inlet has a geometric contraction ratio, W/G, of 4.01 and zero top-surface 
compression. The cowl closure beqins at the throat. 

Before results of this calculation are presented, it is necessary to discuss how 
the present analysis includes the end effects in the inlet which arise due to the 
interaction between the internal flow and the external flow. This interaction occurs 
due to the aft placement of the cowl which exposes the high-pressure internal flow to 
the low-pressure external flow in the region ahead of the cowl. The pressure 
differential causes an expansion wave to run into the inlet flow and a compression wave 
into the external flow, thus creating an induced flow in the downward direction ahead of 
the cowl. These end effects can significantly affect the inlet flow field for certain 
flow conditions, and the induced flow set up by the end effects can result in 
substantial additional flow spillage other than that due to the sweep of the compression 
surfaces. In order to account for the end effects in the analysis, a portion of the 
external flow under the plane of the cowl must be included. tdealiy, one should go down 
and around the sidewalls far enough so that the free-streara conditions can be applied on 
the free boundaries, but this would greatly increase the computational requirements. In 
the present analysis, the region is extended as shown in Figure 7 by the dashed line 
(only half of the inlet flow is calculated due to symmetry). This limited extension of 
the computational domain is found adequate so far as the inlet flow field is con¬ 
cerned. Extrapolation from interior grid points is used all along the dashed line 
boundaries except at the inflow boundary where the flow conditions are prescribed. 

The calculations presented here are made with a grid of about 271,000 points (77 
points in the x-direction, 69 points in the y-diiection between the symmetry plane and 
the sidewall, and 51 points in the z-direction). Out of the 51 planes in the z- 
direction, 14 planes are located under the cowl plane to account for the end effects. 
Discretization of this inlet is further complicated by the struts embedded in the flow 
field. In order to accommodate the strut, the present analysis makes the strut surfaces 
coincident with two grid planes in the y-direction and further allows 12 more grid 
planes to go through the strut. This results in slight blunting of the strut leading 
edge, but this blunting is relatively small due to grid refinement in the neighborhood 
of the strut surfaces. A typical grid in the symmetry plane and one of the cross-planes 
is shown in Figure 8. If a particular cross-plane lies above the cowl plane, the grid 
points lying within the strut are neglected and proper boundary conditions are applied 
on the strut surfaces, but if the cross-plane lies below the cowl plane, all grid points 
in the plane are used in the calculations. The preceding simplified approach in 
discretizing the inlet configuration, although it resulted in waste of some grid points, 
avoided the need of using more involved grid generation procedures. 

Results of the present calculations are shown in Figures 9 through 13. Figure 9 
shows the velocity vector field and static pressure contours in a plane located at mid¬ 
inlet height. Although the calculations were performed only for half of the inlet. 
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results are shown here for the full inlet by reflecting to the other half. Slight 
blunting of strut leading edges and associated small distortions in pressure contours in 
the immediate neighborhood of the strut leading edges are obvious from this figure. 
However, the impact of bluntness appears to be local. The velocity vector plot shows 
several regions of separated flow on the inlet surfaces caused by the shock/boundary- 
layer interactions and the pressure contour plot clearly shows the complex shock and 
expansion wave structure present in the inlet. 

Figure 10 shows the velocity vector field and static-pressure contours in the 
symmetry plane of the inlet. The swept shock wave structure caused by the swept 
compression surfaces is obvious from this figure. The velocity vector plot shows 
significant flow separation near the top surface of the inlet caused by the 
shock/boundary-layer interaction. The velocity vector plot further shows a downturn in 
flow direction ahead of the cowl resulting in some flow spillage from the inlet. This 
downturn is caused by the swept compression surfaces and the interaction in the cowl 
plane between the internal and external flow (the so called end effects). Once the 
inlet flow passes behind the cowl leading edge, it is turned back parallel to the cowl 
plane; and this turning results in a cowl shock which can be seen clearly in the 
pressure contour plot of Figure 10. 

Figure 11 shows the sidewall pressure distributions at two inlet height 
locations. Experimental results from reference 10 are also shown. It is seen that the 
present results compare very well with the experiment at both height locations. Figure 
12 shows the pressure distribution on the strut inner surface (i.e., the surface facing 
the symmetry plane) at the mid-inlet height location. Here again, a comparison with the 
experimental results of reference 10 shows a very good agreement. The preceding good 
agreement with the experimental results is significant considering the fact that the 
flow in the throat region of the inlet is highly complex due to the interactions of 
sidewall and strut shock and expansion waves, cowl shock, expansion waves due to the end 
effects, and induced shocks caused by the flow separation; all of which are taking place 
in relatively small gaps between the sidewalls and struts. 

As mentioned earlier, not all the flow approaching the inlet face is captured by 
the inlet. Some of it is spilled out due to the swept compression surfaces and end 
effects. The amount of flow captured by the inlet is an important measure of inlet 
performance. Figure 13 shows a comparison of the predicted inlet capture with the 
experiment as a function of axial distance from inlet leading edge. It is seen that the 
predicted capture distribution agrees very well with the experiment. 

Preceding qood agreement with the experimental results shows that the inlet code 
has very well simulated the complex flow field of the two-strut inlet configuration. 

The results also substantiate the adequacy of the procedure used in the analysis to 
include the end effects and to accommodate the embedded struts in the flow field. 


Concluding Remarks 

A set of computer programs has been developed to analyze flow through complex 
scramjet inlet configurations. These programs solve either the two- or three- 
dimensional Euler/Navier-Stokes equations in full conservation form by MacCormack's 
explicit or explicit-implicit method. An algebraic two-layer eddy viscosity model is 
used for turbulent flow calculations. The programs are operational on the Control Data 
CYBER-200 series vector processing computer system at NASA Langley. An important 
feature of the three-dimensional program is that it allows inclusion of end effects in 
the inlet flow calculations. These end effects arise as a result of the interactions of 
the inlet flow with the external flow due to aft placement of the cowl and they affect 
the inlet flow field very signficantly. 

Since their development, the programs have been extensively verified and used to 
analyze a variety of complex inlet configurations. Although the codes were primarily 
developed for high-speed internal flows, they have also been used for a variety of other 
problems, including mixed subsonic-supersonic flow, subsonic flow, and external flow. 


References 


1. Jones, R. A.; and Huber, P. W.; Toward Scramjet Aircraft. Astronautics and 
Aeronautics, vol. 16, no. 2, Feb. 1978, pp. 38-49. 

2. Beach, H. L., Jr.: Hypersonic Propulsion. Paper No. XII, NASA CP-2092, May 1979. 

3. Kumar, Ajay: Numerical Analysis of the Scramjet Inlet Plow Field Using Two- 
Dimensional Navier-Stokes Equations. NASA TP-1940, 1981. 

4. Kumar, Ajay: Numerical Analysis of a Scramjet Inlet Flow Field Using the Three- 
Dimensional Navier-Stokes Equations. CPIA Publication 373, Peb. 1983, pp. 25-39. 

5. Smith, R. E.: Two-Boundary Grid Generation for the Solution of the Three- 
Dimensional Compressible Navier-Stokes Equations. NASA TM-83123, 1981. 









15-6 


6. MacCormack, R. W.: The Effect of Viscosity in Hypervelocity Impact Cratering. 

AIAA Paper No. 69-354, May 1969. 

7. MacCormack, R. W.: A Numerical Method for Solving the Equations of Compressible 
Viscous Plow. AIAA J., vol. 20, no. 9, Sept. 1982, pp. 1275-1281. 

8. Baldwin, B. S.? and Lomax, H.: Thin Layer Approximation and Algebraic .Model for 
Separated Turbulent Plows. AIAA Paper No. 78-257, Jan. 1978. 

9. Trexler, C. A.: Design and Performance at a Local Mach Number of 6 of an Inlet for 
an Integrated Scramjet Concept. NASA TN D-7944, 1975. 

10. Trexler, C. A.: The Design and Performance at Mach 4.0 of Two-Strut Hypersonic 
Inlets for an Integrated Scramjet Concept. Proposed NASA TM. 



Fig. 1 An example of a scramjet enqine module and its cross 
section. 



x/ inlet height 


Pig. 2 Comparison of sidewall pressure distribution for three- 
strut inlet. 
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Line-diagram of the two-strut scramjet inlet 
configuration. 



Fig. 7 Physical domain of computation. 
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Velocity vector field and pressure contours in the 
symmetry plane. 

_Present Results 

o Experimental Results (Trexler) 



Fig. 11 Pressure distribution on the inlet sidewall. 
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SUMMARY 

A method for solving the viscous hypersonic flow field around realistic configurations is pre¬ 
sented. The numerical procedure for generating the required finite difference grid and the two- 
factored implicit flow solver are described. Results are presented for the shuttle orbiter and a 
generic wing-body configuration at hypersonic Mach numbers. 


1. INTRODUCTION 

With the continuous development of more powerful computers, computational fluid dynamics (CFD) has 
emerged as a viable tool in understanding complicated three-dimensional fluid dynamics phenomena in 
subsonic, transonic ar.d supersonic flow regimes. Hence CFD is now being routinely applied to prac¬ 
tical problems to supplement wind tunnel experimentation in the design process. The recent renewed 
international interest in hypersonic transport is partly attributed to the confidence in using CFD 
solely in design because of the impossibility of simulating the wide range of the actual hypersonic 
flight conditions in a wind tunnel. This of course necessitates the development M robust hypersonic 
CFD codes which are reliable for providing important quantities such as the aerodynamic stresses, 
heat transfer and inlet flow conditions to the engine 

In this paper we describe and apply a numerical technique which is capable of solving the hyper¬ 
sonic flow around three dimensional lifting configurations. In this technique, the computational 
grid is created using an efficient numerical hyperbolic grid generation procedure (Ref.Cl]) and the 
equations of motion (represented by the Reynolds averaged Havier-Stokes equations) are integrated us¬ 
ing the time dependent factored procedure described in Ref.[2]. 

The present numerical procedure is used to compute the viscous flow around the shuttle orbiter at 
Mach number of 7.9 and angle of attack of 25 degrees and around a generic wing-body configuration 
at Mach number 25 and 6 degrees angle of attack. In both cases the fluid was assumed to behave as 
a perfect gas. The calculations were performed on the CRAY-2 to allow the use of fine grids in order 
to resolve the details of the complicated flow field associated with the geometries under considera¬ 
tion. 

In the following sections, we briefly describe the grid generation procedure, the flow simulation 
procedure. and the computed results. 


2. GRID GENERATION PROCEDURE 

In computational fluid dynamics, a three dimensional body fitted mesh is highly desired and can be 
generated numerically using the elliptic (Refs.[3 . 4 ] ). hyperbolic(Refe. [1 , 5 ] ), parabolic or hybrid 
(Refs.[6,7]) schemes. All these schemes involve solving a set of partial differential equations and 
they all possess the desirable feature of allowing the user to specify an arbitrary point distribu¬ 
tion along the body surface. 

In the present study, the hyperbolic scheme was chosen because it automatically creates a body nor¬ 
mal grid which is important for viscous flow computatiuns. Also, the hyperbolic grid generation 
method is efficient in terras of computer time and memory and the resulting grid can be made orthog¬ 
onal or close to orthogonal every where by proper surface grid specification. The major drawback of 
the hyperbolic scheme is its inability to prescribe an exact location for the outer boundary. How¬ 
ever. with a minor modification, the user can specify an approximate location for the outer bound¬ 
ary as will be discussed later. This limited control on the ->uter boundary shape suffices for a wide 
range of external flow problems. 

Ths Hyperbolic grid is generated by solving for the cartesian coordinates x.y.and z. in terms of 
the generalized coordinates and f where, in general: 

£ = C(*.y.2) 

nl - D(-r.y.2) 

? = 

here £ is the streamwlse coordinate, rj is the circumferential coordinate and c is the outward coordi¬ 
nate. 

A set of three equations are required to solve for the three unknowns x.y and z. Following 
Ref.[l], the first two equations are obtained by enforcing orthogonality relations between £ and j 
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lines and between rj and f lines, whereas the third equation is obtained from the cell volume specifi¬ 
cation. The following set of partial differential equations result: 



diZ n s) 


AV 


(la) 

(16) 

(lc) 


where r is defined as (i,y,z) T 

The above nonlinear system of equations are locally linearized about the previous step which re¬ 
sults In 

At6*(fi+i - n) - - ft) + C(V-rt-i - g - \ (2) 

where Ai,Bi and Cj are 3 * 3 coefficient matrices that are formed from the local linearization of 
Eq.(l). The vector gu t contains the user specified cell volumes 


( 0 

9i-i ~ I 0 

\ 

In Eq.(2), 6 is the central difference operator used in £ and n directions whereas V is the backward 
differencing used in f direction. Using approximate factorization, Eq (2), ia reduced to 


C n Ct(ri4 .i - ?[) - C, l g u | 


where Cr, and £< are block tridiagonal matrices given by: 

1 % (/ *c, 'B.S,) 


- (/ *C, 

Therefore, the vector f t . , is obtained by solving the following sequence: 

= cy V/*i 
C;V ; f u , = f 
i'm = - V.rut 

Starting from the body surface, the mesh is obtained by marching outward using Eq (3) In order to 
improve stability, numerical dissipation terms are added in the £ and n directions. The dissipa¬ 
tion consists of second-order implicit and fourth-order explicit terms which are scaled tc the local 
mesh spacing (Ref.[l)). Additional optional implicit smoothing(Ref.[8]) is used for complicated body 
shapes to prevent grid line intersection near highly concave sections. 

Depending on the boundary conditions specifi««a at the < diiection, w»e user can create "C-0" (Fig 
la) or "H-O" (Fig. lb) meshes suitable for supersonic external flow problems The boundary con¬ 
dition procedure developed in Ref.[1]is employed at £ = 0 and £ . This procedure takes ad¬ 

vantage of the fact that the eigenvalues of either C, '.4 or C, are of the form (o.O.-o) where 
a is real. The zero eigen value permits the specification of a combination of the dependent vari- 
ables(e.g. z - /(x,y)) or the use of one sided differencing at the boundary. Hence, either one of 
the following two stable boundary procedure can be used. The first is to specify one combination of 
the dependent variables and use one sided differencing for the two remaining governing equations at 
the boundary. This approach is used at a boundary surface (eg. $ = $ max in Figs. la. lb) The sec¬ 
ond procedure is to specify two combinations of the dependent variables and use one sided differenc¬ 
ing for a third governing equation at the boundary, this approach is used at an axis (eg £ = 0 in 
Fig. la). In both cases, periodicity is assumed in the tj direction. 

The surface grid can be arbitrarily specified by the user. For relatively simple body shapes, the 
user can generate an orthogonal grid along the body surface. This process assures that the resulting 
grid will be nearly orthogonal in all directions. For complicated configurations, however, the sur¬ 
face grid is generated along cross sections of constant axial distance. Depending on the body shape, 
the £ and rf lines can be far from being orthogonal. However, this does not introduce any inconsis¬ 
tency because the orthogonality between the £ and r) is not enforced in the grid generation procedure. 
Experience has shown that the overall quality of the mesh is dependent upon the quality of the sur¬ 
face grid. Therefore, the user should pay extra attention in defining the surface grid to ensure a 
well behaved grid everywhere. 

Since the grid is obtained by marching outward from the body, an exact location for the outer 
boundary can not be prescribed. Nevertheless, an approximate location for the outer boundary can 
be specified through proper selection of the cell volumes used in Eq. (ic). The cell volumes are 
defined by connecting straight lines between the surface boundary and the desired outer boundary 
shape. A prescribed clustering is then used to define the points along each c line. These cell vol¬ 
umes are then used in Eq.(lc) for the marching process. The resulting outer boundary will be close 
to the desired boundary. If a more exact outer boundary shape is needed, the computed grid points 
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can be reclustered in the ; direction to allow that. This is accomplished ty calculating the inter¬ 
section of the computed c lines with the desired boundary. The grid points are t.ien obtained by re¬ 
distributing points between the body and the calculated intersection points alon b each line using the 
prescribed clustering. Although, the grid remains body normal, a significant amount of mesh skew¬ 
ness can be introduced especially if the desired outer boundary is relatively close to the body sur¬ 
face. This can be remedied by adding an extra global marching pass to improve the quality of the 
grid, This is done by computing new cell volumes at the end of the first global marching step and 
using that as the specified cell volume for the second global step. 

3. FLOW SIMULATION PROCEDURE 

Although in the current study we are dealing with predominantly supersonic flows, some regions 
of the flow field may contain pockets of embedded subsonic flow and/or axial separation. In 
such regions, the flow equations are elliptic, precluding the use of the more efficient space- 
marching techniques such as the parabolized Havier-Stokes (PUS) codes (e g. Ref. [9]) Instead, 
a time-dependent procedure (F3D)is used to find the steady-state solution of the three-dimensional 
conservation-law form of the Reynolds-averaged Havier-Stokes equations. 

3.1 numerical Procedure 

The unsteady Havier-Stokes equations with the thin-layer approximation in a strong conservative 
form, can be written as: 

Q, • £. F n G - lit '.S'- [A ) 

where Q is the dependent variables vector. F..F and G are the inviscid-flux vectors, and the >' is 
contribution from the viscous terms. These vectors are given in Ref.[2]. 

A first or second order upwind differencing is used in ^ ( streamwise) direction while a second 
order central differencing is used in tj (meridional) and c (normal) directions The implicit non¬ 
iterative two-factored scheme developed in Ref.(2j is used to solve Eq ( 4 ) . In this scheme, the flow 
variables at time step n r l are obtained from : 

~Q n ) - • bl[E r • b' r r - b.iRt 'b.s n \ (5) 

where. 6 C is the central operator, b h is the backward operator .b^ is the forward operator and b is 
the midpoint central operator. In Eq.(5). £ * is a lower block triangular matrix and C is an upper 
block triangular matrix and they are given by: 

C [l - hAti'tA- tie )) 

r (/ • 

where the 5 < 5 matrices AH,G and M are the flux Jacobians of the fluxes E'.F.G and - respec¬ 
tively. 

Equation (5) is solved by a sequence of + u r> <*"!*»-d 5 mensional like inversions. In practice, smooth¬ 
ing terms are added in the rj and ; directions where central spatial differencing is used. Tne 
smoothing consists of second order implicit terms and combination of second and fourh order explicit 
terms. Also, free stream is subtracted as a base solution to reduce the numerical differencing er¬ 
ror . 

In the above formulation, upwind differencing is used in the streamwise direction. In hypersonic 
flows, the bow shock is typically more aligned with </ lines than with the £ lines especially near the 
nose section where the bow shock is the strongest. Therefore, it would be more advantageous to use 
upwind differencing in the c direction and central differencing in the £ and r/ directions Without 
making significant changes to the code, upwind differencing can be utilized in the outward direction 
by simply interchanging £ with c and neglecting the implicit portion of the viscous terms in Eq.(5) 
resulting in: 

£*£(<?"' Q") - ±t{6 b (CT - 6f(G ) n - ti'J'" - tiL'' Re ‘6 S’ 1 ) (61 

where, 

£' , 1 1 - h&ti'C' +t',A) 

C {I ■ + 6'B) 

Here C T is the flux jacobian of G It must be noted that, while upwind differencing is used for 

the inviscid flux in the s' direction, the viscous flux on the right hand side of Eq.(6) is still cen¬ 
trally differenced using the midpoint operator. 

The above alternative formulation produces sharper bow shocks as will be show iater. Moreover, by 
interchanging the algorithm this way, the streamwise axis singularity(at which the grid transforma¬ 
tion Jacobian is infinite)is tied to central differencing rather than the moet eensitive upwind dif¬ 
ferencing. The obvious drawback is that the viscous terms are treated explicitly. This proved to 
reduce the maximum allowable time step increment resulting in slower convergence rates. The possi¬ 
bility of modifyng the code in order to retain the implicit viscous terms in Eq.(6) will be addressed 
in a forthcoming report. 

The normal flux split formulation is implemented into the code as an option. An input control pa¬ 
rameter activates the calls to the appropriate boundary conditions subroutine. In order to compare 
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the two formulations. the inviscid flow around the shuttle nose at Mach number of =7.9 and 25 de¬ 
grees angle of attack was selected as a test case. The grid in the pitch plane of symmetry is shown 
in Fig. 2. Figures 3 and 4 show the computed steady state mach number contours in the pitch plane 
of symmetry obtained using streamwise flux split (Eq.(6)) and normal flux split (Eq.(6)), respec¬ 
tively. It is clearly seen that the normal flux split yields a much sharper bow shock definition 
near the nose and in the windward region where the shock is roughly aligned with £=constant surfaces. 
However, both the streamwise and normal flux split result in shock smearing in the downstream por¬ 
tion of the leeside. This is because the bow shock there is no longer aligned with either the £ or 
( surfaces as could be seen from the grid in Fig. 2. It is worth noting that, with the normal flux 
split, a simple grid adaptation where the grid points are allowed to move on the £ lines can solve 
this problem. In general, a formulation in which flux splitting is utilized in both the streamwise 
and normal directions may be more suitable for general hypersonic flow problems. 

3.2 Boundary Conditions 

At f = 0 (body surface), the viscous no-slip condition is imposed. The normal momentum equation 
is used to compute the surface pressure. In addition, either an adiabatic wall condition or a pre¬ 
scribed wall temperature are specified. At £ = £ m , IX (outer boundary), the bow shock can either be 
fitted or captured. In the bow-shock-capturing calculations, the boundary values are fixed at its 
free stream values. With the bow shock fitted, its location as well as the flow variables behind it 
are determined from the shock fitting procedure of Ref.[10]. The shock is allowed to move along the 
curved £ lines. The original clustering is maintained by redistributing points along £ lines after 
each time step to adjust for the bow shock movement. 

In the present study only cases with bilateral symmetry are considered, and the boundary conditions 
in the meridional direction y enforces symmetry conditions at the r? - 0 (leeward) and r? - t] max (wind¬ 
ward) planes. The symmetry is imposed through the use of reflection points on the opposite sides of 
the leeward and windward planes 

At £ = 0. either axis ("C-0 M mesh) or inflow ("H-0” mesh) boundary conditions are imposed. At the 
axis the boundary conditions are obtained by extrapolating and then averaging the flow variables from 
the surrounding points. When upwind differencing is used in the streamwise direction, the flow vari¬ 
ables at the first set of grid points away from the axis is obtained by interpolation to avoid inte¬ 
grating the equations of motion at these points. This interpolation 9tep is not needed when central 
differencing is used in the streamwise direction At the inflow boundary, all the flow variables are 
specified. At £ = (outflow boundary) an extrapolation formula consistent with supersonic outflow 
is used. 

All the boundary conditions are implemented explicitly in the code. While the use of explicit 
boundary conditions with an implicit scheme does cause some degradation of the convergence rates, the 
use of explicit boundary conditions allows the user to treat different flow problems by merely chang¬ 
ing the boundary conditions routines without changing the rest of the code. 

4. RESULTS 


The current grid generation and flow solution procedures have been used to simulate the hypersonic 
flow field around the shuttle orbiter and a generic wing-body configuration. 

4.1 Shuttle Orbiter 

Figure Sa shows an overall view of the mesh generated for the orbiter while Fig. 5b sho-s the de¬ 
tails of the grid near the body surface. The three dimensional mesh is displayed by showing the sur¬ 
face grid (£ - 0) . the grid in the plane of symmetry (r? — 0 and n - r? max ) and the grid at the exic 
plane ( £ - £ max ). It is seen that the grid is well behaved and is body normal. In generating the 
mesh, an estimate for the bow shock location was made and the appropriate values for the cell volume 
were chosen to result in an outer boundary location suitable for shock capturing computations. The 
boundary procedure corresponding to Fig. la ("C-0" mesh)is used where the two relations y - y(x) and 
z - z( j) are employed at the axis. At the outflow Doundary the relation x - constant is employed. 

The value of the constant is determined from the surface grid. The grid is compromised of 54 points 
along the body. 61 points in the cross section and 45 points in the outward direction. 

The flow conditions are V/ x - 7.9 and a 25 degrees, and a constant wall temperature of 540 de¬ 
grees. The Reynolds number (based on the orbiter tctal length) is 1.46 - 10” . The flow was assumed 
to be laminar. These flow conditions correspond to the wind tunnel experimental data of Ref. [11] . 
The calculations were performed using the streamwise flux split option. The result of the computa¬ 
tions in the region where the wing shock interacts with the bow shock are shown in Figs 6 and 7. 

Figure 6 shows the pressure contours at a typical cross section. The pressure and mach number con¬ 

tours in a rj = constant plane passing by the wing tip are shown in Fig. 7. The general features of 
the flow field near the surface is indicated in Fig. 8 which depicts the simulated oilflow pattern. 

Lines of cross flow separation are clearly visible on the upper wing and on the top part of the or¬ 

biter. Also, a line of axial flow separation is observed on the top surface. Fig. 9 show the vari¬ 
ation of «the surface pressure along the windward plane of symmetry and in a cross p.*.ane at x 7 - .796. 
The experimental data at hi = .8 is also shown, and it seen that there is a good agreement between the 
computed results and the data. The steady-state computations required about 7 MW of core memory and 
took about 8 hours of CRAY 2 time. 
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4.2 Generic Wing-Body Geometry 

The flow about a generic wing body configuration was also computed. The flow conditions for this 
case are A/-* 25. r» - 5 degrees, and a constant wall temperature of 3000 degrees A specific heat 

ratio of 1.2 was chosen to simulate the real gas effects at high freestream Mach number 

In order to facilitate the solution at this high Mach number, a segmentation procedure(Ref [12]) 
in which the flow field is divided into two regions is used. The boundary between the t-o adjacent 
regions is carefully located beyond the rounded nose where the outer inviscid flow is supersonic 
and the boundary layer is attached This ensures the absence of any upstream influence between the 
two regions This division enables the use of shocr. fitting in the nose region where the shock is 
strongest, while shock capturing is used in the downstream section. The use of shock capturing in 
the second segment avoids the tedious process aasociated with guessing the initial bo- shock shape 
for the shock fitting procedure. 

Tne grid in the second segment was first created with the outer boundary located far a-ay from the 
body. Then, the local bow shock slope at the end of first segment was used as guide for determining 
a more appropriate location for the outer boundary. The grid points were then redistributed in the c 
direction to reflect this new location as explained earlier. The boundary procedure corresponding to 
Fig. lb ("H-0" mesh)is used where the relation r constant are employed at the inflow and the out¬ 
flow boundaries. The surface and resulting computational grid (at the symmetry plane and exit plane) 
are shown in Fig. 10. The grid consisted of 45 points in the streamwise direction. 92 points in the 
meridional direction and only 26 points in the outward direction. It is seen that the grid is smooth 
and body normal everywhere except at £ where one of the orthogonality equations as replaced by 

the relationship x - consfanf to ensure stable marching. 

The computation was first performed with the original flux split formulation until steady state was 
reached. Then, the normal flux split option was activated to produce a better defintion for the bow 
shock. The implicit viscous terms on the left hand side of Eq.(5) were neglected as mentioned be¬ 
fore. This forced a reduction in the time step by an order of magnitude thus slowing down the con¬ 
vergence considerably. Figure 11 show the Mach number in a cross plane near the end of the vehicle. 
The pressure contours on the body surface are shown in Fig. 12. It is seen that there is a pressure 
rise near the nose and near the wing tip. 

CONCLUDING REMARKS 

The hyperbolic grid generation scheme allows the generation of a three dimensional body normal mesh 
suitable for viscous flow computations- The limited outerboundary control is suitable for hyper¬ 
sonic applications. A metb' for solving the viscous hypersonic flow field around realistic config¬ 
urations on the CRAY2 conp-.^f was presented. Flux splitting was used in the streamwise and normal 
directions. The normal flux splitting results in a sharper bow shock and avoids the axis singularity 
problem but requires more iterations because of the explicit treatment of the viscous terms. 
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Fig. 1 Mesh topologies for hypersonic flow computations. 



Fig. 2 Computational grid around the shuttle nose. 









Pig. 6 Pressure contours in a ^ constant plane near 
the end of the orbiter. 




**■7"*' ft 








Fig. 10 Computational grid for a generic wing body 
configuration. 



Fig. 11 Mach number contours in a £ constant plane 
near the end of the vehicle. 
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For prediction of steady supersonic flow fields two numerical methods for solution of the three-dimensional 
Euler- and parabolized Navier-Stokes (PNS-) equations are considered. Both are based on a Finite-Volume dis¬ 
cretisation (FVD) of the governing conservation laws and because of the special properties of steady super¬ 
sonic flows cost-effective space-marching integration techniques can be applied. Both methods are described 
and results for inviscid and viscous flows are presented. 

In view of the upcoming european space trasportation activities the simulation of hypersonic flows past com¬ 
plex blunted lifting vehicles requires also efficient methods for solution of the full, not-reduced Navier- 
Stokes equations. These are needed to provide solutions for super- and hypersonic flow fields with large sub¬ 
sonic regions and also to get accurate initial conditions for the space marching codes developed. A relaxation 
procedure for the steady form of the not-reduced Navier-Stokes and the Euler equations is described and some 
first results are presented. 


1. Introduction 

The new strong interest in efficient aerodynamic prediction methods for super- and hypersonic flows has been 
stimulated by some new european projects and advanced concept studies in the field of high speed missiles and 
aerospace transportation systems. Basically in the low supersonic flow regime important aerodynamic quantities 
can be predicted with some success by considering inviscid computational methods. However in the high super¬ 
sonic or even hypersonic region the flow field is influenced in an Increasing manner by viscous and real gas 
effects as well as by non-equilibrium chemistry phenomena, so that the full conservation laws have to be taken 
as the starting point for the development of valuable numerical prediction tools. Especially from the theore¬ 
tical simulation of flow fields around vehicles during reentry extreme reliable results are required concern¬ 
ing thermal and structural loads. On these answers the design of the necessary thermal protection systems and 
the vehicles payload will critically depend. Also these reentry vehicles will fly for most part of their 
reentry trajectory with high angle of attack so that strong streamwise vortex systems on the wing leeside will 
be generated which under some circumstances can interact with existing shock systems resulting in extreme 
local thermal loads. 

To meet these requirements on prediction quality methods based on the parabolisation of the Navier-Stokes 
equations are offered as a compromise between accuracy and costs. However these methods are built around the 
assumption of a steady supersonic flow field with the particular property of propagating all waves and distur¬ 
bances downstreams. Essentially this fact is used as key assumption for construction of any space-marching 
method. Therefore any physical phenomena acting upstream will be the cause for some problems in a space-march¬ 
ing integration procedure. Some of these upstream effects, like those originated from subsonic regions of 
supersonic boundary layers can be overcome by special algorithmic treatments. But recirculation regions, if 
present in the flow field, will effectively suppressed in a non-iterative, one-sweep space-marching method. 
What can be simulated with some success, however, are streaimvise or vortex separation processes which occur 
frequently in flows past bodies at high angle of attack. 

Even with the restrictions mentioned space-marching methods for integration of the parabolized Navier-Stokes 
equations are attractive tools in terms of storage and costs. Only data planes perpendicular to the integra¬ 
tion direction (which approximately should be parallel to the main flow direction) have to be considered thus 
the effort to solve three-dimensional problems is reduced to that needed to solve two-dimensional time-depen¬ 
dent problems. Moreover, by space-marching methods the necessary spatial resolution of a three-dimensional 
flow process can be achieved without running into storage problems. 

Most of the successful applications of PNS-methods for more complex geometries follow the solution approach of 
Vigneron et al [1] and Schiff and Steger [2]. Some notable examples are computations of flows around simple 
reentry lifting bodies [3], around the US-Space Shuttle assuming ideal gas [4] and real gas behaviour [5,6] as 
well as flow simulations past a complex fighter configuration [7]. In all these works cited PNS-methods are 
used which are based on a finite-difference discretisation of the conservation laws. The methods presented in 
this study are developed as finite-volume schemes. 

In the following sections the methods are described in more detail and results for the inviscid and viscous 
schemes are presented. As test cases for the inviscid code the flow? around two different forebodies are con¬ 
sidered. Hypersonic flows along a compression ramp, around cones at incidence and around on a ogive-cylinder 
configuration are chosen to demonstrate the capabilities of the PNS-code. 

As mentioned previously every space-marching solution depends essentially on the quality of the initial con¬ 
ditions provided. Only for pointed bodies free stream values defined in the cross-plane at the very tip are 
sufficient as initial conditions. For blunt bodies initial solutions have to be supplied; e.g. by not-reduced 
Navier-Stokes methods. For computation of steady flows an implicit LU-scheme of Jameson and Yoon [8] seems to 
be a promising method with some potential. The approach can be viewed as a deferred correction method, where 
the implicit operator only approximates the corresponding flux jacobians to first order in space. However, the 
LU-factors have the property of diagonal dominance and therefore are well conditioned allowing a relaxation 
type solution of the steady equation set. First results are the flow around a hemisphere-cylinder and the flow 
around a reentry type lifting vehicle. 
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2. Governing Equations 

The proper starting point for developaent of « Finite-voluM space-marching nethod is the integral fore of the 
conservation lavs 


£ (Av ♦ B) • nds « 0 (1) 

There S is the surface bounding a fixed voluee in space, where A represents a certain property convected with 
the eass velocity v and B denotes a flux associated with A. 

From (1) the specific conservation laws for eass, moMntum and energy are recovered by substituting A and B by 
following quantities 


continuity: 

A = P 

momentum: 

> 

ill 

s 

energy: 

A = E tot - P* ♦ £ p tv-v) 


B ■ 0 

B - o (2) 

b » "0*v. ♦ g. 


In usual notation p , v. and £ are introduced as the mss densi*y, the mss velocity vector and the heat flux 
vector; whereas o denotes the stress tensor, E tot the specific total energy per-unit-voluM and e the mass- 
specific internal energy. 

To assure a general applicability of the numerical method it is convenient to express the conservation laws in 
terms of a generalized curvilinear coordinate system * (£,n,0 which is related to the base 

cartesian coordinate frame |x , ',x a, ,x") * (x,y,z) by soae mapping. The tensor notation applied follows 
essentially that introduced in [9]. 

The noriHl surface vector n dS of a surface eleMnt belonging to a coordinate surface x k » const can be 
written as 


dS k - n< k} dS< k > « dS k , 

where dS k , denotes the cartesian components of the norMl surface vector. As an example the continuity 
equation can then be written in terms of vector components as 

£ pv 1 ' dS{, - 0 

To get a direct finite-voluM discretisation for a elementary volume dV, bounded by successive surface 
eleMnts dSj^ and dS k belonging to the general coordinate surface x , the mean value theorem of integral 
calculus has to be applied, resulting in: 


pv* dS 


3 

IA 


k«l 


[pA «sj[,] 


(3) 


Her* the delta operator should be understood as P|< (V AS*,} » It should be noted that the 

relation represents an exact eayality and the order of the discretisation error is determined by the 
definition of the Man value 7* and by the accuracy in evaluating the components of the norMl surface vector 

The above procedure leading to a finite-volume discretisation of the continuity equation can be repeated in an 
analogous way for the equations of momentum and energy. Dropping below the bars indicating a Man value one 
gets, after splitting the stress tensor in a viscous and a pressure contribution o * -pi + o, the following 
equations 


( J, 4 k v " + p 4 "’ ' <s i'5) a*' - o 

jj 4 k ['CE tot ♦ p] »■'- a;: »*' ♦ <■■'] «&.] - 0 


(4) 

(5) 


The system of equations (3-5) is closed by assuming a perfect gas 


p * (k- 1) pe 


( 6 ) 


the validity of Fourier's law of heat conduction, where X denotes the coefficient of heat conduction and c 
the specific heat at constant voIum v 


a 




(7) 


and by assuming a Newtonian fluid 
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o - (-p + o J,) a,, a* 

5» -Jm v?; «;; ♦ u cv?;*;,* (v t ,j,x. g n ’*‘] 

epenuence cr tne dynamic visc^^ity u is taken according to Sutherland's formula. 


(8) 


3. Space-marching schemes 
3.1 PMS-Mmthod 

The steady state conservation laws (3-6) are valid in the entire flow regime and show mathematically for sub¬ 
sonic flows an .elliptic behaviour, meaning, that waves are carried up- and downstreams. However a stable 
space-marching integration can ornj be assured for hyperbolic-parabolic systems of equations, which requires 
the suppression of any elliptical influence acting into the integration direction. To achieve this goal ob¬ 
viously all viscous and diffusive terms affecting the main flo* direction have to be neglected. 

Assuming that the main flow direction is approximately in parallel the c 'finite x’ = £ {along which inte 
gration should be performed) and that the coordinate surfaces x* * const, are parallel to the cartesian sur¬ 
faces x 11 ix 1 const., then some metric simpl if ications are possible and the conditions for elimination of 
the viscous terms in (4) and (8) can be expressed as 


(A, Co{i «s{,]} a 4 ’ = 0 ( 9 *) 

vij e}, = 0 (J ’ « (9b| 

Corresponding conditions for the ent..^ equation (5) and Fourier's law read: 

4j £(-« {■' »*' ♦ q 1 ') «S{,] * 0 19c I 

e,[8}, « 0 (9d| 


It can be shown [1], that the necessary conditions (ga-d) are not sufficient even in the inviscid limit 
(p t A) ♦ o, where complex eigenvalues appear for subsonic flow (Ma<l). The reason for that behaviour is the 
upstream influence of pressure waves in subsonic flow regions. Therefore the success of a space-marching 
method is crucial dependent upon the modeling and the approximations of the streamwise pressure gradient. A 
possible remedy for that is the total neglect of the streamwise pressure gradient which from the mathematical 
point of view fulfills the requirements for a stable space integration procedure. However accurate results can 
be expected only for some hypersonic flow problems [10]. 

In first order boundary layer theory one of the basic assumptions is that of a zero normal pressure gradient 
across the boundary layer. This idea is carried over to a space-marching approach, widely known as 'sublayer 
approximation* which was refined and extended to implicit, non-iterative schemes by Schiff and Steger [ 2 ]. In 
the development of that technique one argues that a basic assumption of boundary layer theory taken as valid 
for the whole viscous layer should at least be a very good approximation for only the subsonic portion of a 
supersonic boundary layer. So the local streaim^ise pressure gradient from the supersonic side of the sub- 
sonic/supersonic boundary is transferred to the subsonic zone and therefore a constant value is taken for the 
whole subsonic layer. However, this model seems to generate a conistency problem. The flux jacobians indeed 
possess also for subsonic velocities real eigenvalues but not linearly independent eigenvectors, which should 
be assured for hyperbolic systems of equations. 

Consequently, using the 'sublayer technique* in a space-marching integration procedure some lower bound on the 
integration step size has to be observed [2,11]. 

A somewhat other approach is taken by Vigneron et al [1]. They ask for that portion w of the streamwise 
pressure gradient which is allowed to be considered in a space-marching procedure with the intend of avoiding 
any complex eigenvalues which would indicate an elliptic behaviour. Taking the cartesian components of the 
velocity vector v as u,v and w then under the metric simplifications introduced the flux vector £ correspond¬ 
ing to the x l -coordinate can be written as 


E = £ + P 

£ = «s}i(pu, pu 2 ♦ up, puv, puw, (E tot +p)u) T (10) 

£ - «s},(0, (1-ulp, 0, 0, 0) T 


In [1] it is shown, that complex eigenvalues for (Ma x * u/c) < 1 
(c-speed of sound) are always prevented by the relation. 


1 « I ' , (r-i 'f Ha» 


(M» X <1) 


(11) 
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Ther^ a is a parameter (a<l) supplied for security. The experience has shown that instabilities in non-iter¬ 
ative space-marching schemes do not occur if g is taken as zero. In comparison to the 'sublayer-approximation* 
a step size limitation do not exist. This fact is of some importance, because the start of the integration is 
possible from the very tip of a pointed body by providing only the free stream values as initial data. It is 
this particular property which has lead to the application of the 'Vigneron-technique' in the space-marching 
method presented. 


3.1.1 Numerical Scheme 

For the numerical solution of the PNS-equations (3-5) an implicit Beam-Warming scheme is adopted. The develop¬ 
ment of the scheme is most easily presented by writing (3-5) with the corresponding parabolisation require¬ 
ments (9) in symbolic form 

4.1 ♦ MF-£v> + 4 > <£ ‘ ^v 1 * 0 1111 

There the vectors £,£_ and G denote the inviscid flux vectors according to the generalized coordinate direc¬ 
tions x‘ E £, x* E n and x” ■ 5, whereas the viscous and diffusive fluxes in the cross-plane directions x* and 
x* are gathered into the vectors F^ and G y . As illustrated in Fig. 1, the space-marching scheme solves for the 
flow variables in the cross-plane x 1 = i+1 and the corresponding finite volume is defined by the coordinate 
planes x* ♦ (i,i+l); x* -* (j,j*l) and x' ■* (k,k+l). For the flux difference across the cell one may write e.g. 
A,f. ■ + Then an integration scheme of at most second order (B * 1/2) in x l -direction reads 


+ (1 ' ei [A » + A « i£-£v)]i 

♦ B [A, (F-F^) + A, (GHiy)],4.1 = 0 

By defining the solution vector as 3, = <p, pu, pv, pw, E tot ) T , ( 13 ) is linearized with respect to a- Taking 
into account the 'Vigneron-splitting* (10) linearization results in the following relations. 

-it! 1 "I * 1 a f + 0 («q> 

lit! * *)***♦, t 0 I 8q* | 

- B’ +1 « a itl t 0 l«q*| 

&itl * a H1 t 0 l«q*» 

£v iti * £vi * ai.i ♦ 0 <««’i 

i+ ! * &,i + 2 i t l/Z «!♦! (4q>) 


In (14) is fact is exploited that the inviscid and viscous flux vectors are homogeneous function to first and 
zeroth degree (e.g.: Ej = a] 3 ^, H- * 0 ), supposing linearization of the viscous flux vectors is done 

1 * * 1 jxi ; + i 

according to [12]. In reading the functional matrices e.g. A • 1 « (BE/Bal* , it is understood that the upper 
index indicates the position in x l -direction at which the metric is evaluated whereas the lower index points 
out where the expressions of dependent variables are formed. 

Using (14) the scheme (13) reads 

{ft)* 1 ♦ e CM8j +,/2 -e’j 1/2 l ♦ 4.(Qj +1,2 -sS' tl ' 2 ]])a j+ i 

(is 1 

♦ <i] 1 ariji * »£ 4 >£. +4 .SJi ♦ C*. (£.-£*1 * a,(£-§„)], * o 

Numerically more suitable is the delta-formulation of (15). By defining one arrives at 

{Aj tl + 6 Ci,<B)* 1/2 -M i * 1/Z )+A,<c1* 1/2 -N’tl/ 2 )]J j a 

... " * (16 ) 
- -[(«! -*f )aj-E(]-U.IF-L -£ a !+4,(G-G v -D,n j 


By choosing the values of the solution variables at the cell surfaces by the simple algebraic mean according 
to ai " 1 / 2 4 Hi*- 1 / )» 4 finite-volume PNS-space marching scheme is similar to a central difference 

scheme with the consequeh6e that (16) has to be supported by some artificial dissipation fluxes. The 
construction of the dissipation-operators D* and corresponding to the coordinates x* and x* is essentially 
that of Jameson et al [13]. There coupled second and fourth order conservative operators are used adaptively. 
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At shocks the fourth order dissipation is turned off continueously, degrading the numerical method to first 
order accuracy. However in flow regions with smooth pressure variations and appropriate Metrics the 
finite-volume scheme Maintains a leading second order discretisation error. Details about the adjustment of 
the dissipation operators can be found in [!4J. 

It shr.'ld be p^'ntci out, that the success of the finite-volume PNS-method is crucial dependent upon the 
proper treatnent of the flux diffences in x 1 -direction. This is expecially true for the flux-vector £ intro¬ 
duced in (10) according to Vigneron [1], It turns out (15) that the Metric variation of the cell faces $sj,, 
along the integration direction should not be neglected in considering the vector P. Only the portion 
3,1*1 can assu,aed to be zero for an implicit, non-iterative finite-voluMe PNS-Method. 

The solution of (16) is accoMplished using the delta-fori»u!ation of the approxiMate factorization algorithM 
after Bean and Warning [15]. According to [15] the implicit operator in (16) is approxiMated by a product of 
one-dimensional operators. 


a, 

<4i +1 

i ,] 

= RHSU6I 

L 2 

= s ! +1 

♦ BA, 


L, 

* si * 1 

+ BA, 

, is !* 1 ' 2 ♦ 


All necessary boundary conditions are formulated implicitly. To improve the stability t‘f the scheme also the 
second order dissipation operator is included implicitly. The results presented below*are calculated with the 
choice of 0—1, thac degrading the scheme to first order accuracy into the integration direction. 

3.2 Euler-Method 

For an inviscid steady supersonic flow the corresponding conservation laws (3-5) are purely hyperbolic in the 
main flow direction. 8ecause in an inviscid flow steep gradients like those present in viscous shear layers 
have not to be resolved, explicit integration methods can also be applied cost-effectively. Additionally it is 
possible to solve directly for the flux vector £, which avoids those linearization errors present in any non¬ 
iterative one-sweep PNS-method. So the scheme is conservative with respect to the flux vector £. 

A second order 3-stage scheme is applied which can be considered as a fix-point iteration procedure. In symbo¬ 
lic form the Euler-equations can be written analogeously to (11) as 


A, E + S(q) = 0 

Stq) = A, (£-0j) + A,(G-D,) 

the upper inH*x indicates the integration stage the scheme takes the form 


E (0| 

-If 



E<‘> 

. £«» 

- 11 q) 

(0) 

E <21 

O 

Uil 

li 

- 1/2 

(S.(<?> ( 0 )+ S(q ) 111 

E t31 

= £<°l 

- 1/2 

lS(q) 10 ) *S(q | 121 

id 

H 

H*. 

u> 




(18) 


(19) 


Because the flux vector £ is integrated directly as a dependent variable, at each stage of the scheme the flux 
vector £ has to be decoded to get the primitive variables which are needed to form the fluxes representing the 
operator S|q). An explicit scheme like (19) has to observe a stability conditions which limits the maximum 
integration step size. The corresponding CFL-condition reads 


»«* S; #- £) s z 

where A,„ w denotes the spectral radius of the indicated matrix products, 
max 


4. Method for Steady Compressible Flow 

Most of the methods for numerical solution of the steady-state compressible conservation laws are based on 
time-marching integration procedures. In most implicit schemes the time coordinate is used as a means to 
provide some sort of diagonal dominance in the coefficient matrices which result after discretisation of the 
implicit operator chosen. In advanced explicit methods time and space discretisation have been separated to 
allow the application of efficient integration schemes developed for ordinary differential equations [13]. 

Without using the time coordinate in implicit schemes diagonal dominance can also be assured by suitable im¬ 
plicit operators, which in general however possess a worse discretisation error compared to those for which 
the method is designed. This feature leads almost automatically to a approximate Newton-iteration method, 
where the stable implicit operator only approximates the true jacobians to some order. 


r 
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An approach belonging to the letter dess of deferred-correction relaxation schemes is that of Jameson and 
Yoon [8, 16], where the implicit operator is inverted by a particular variation of the symmetric over-relaxa¬ 
tion algorithe, called LU-SSOfl Method. Some key features of the scheme are developed below. 

Defining the descrete residual of (3-5), resulting froa a cell-centered finite voluae scheae, analogeously to 
the representation in (11) as 


R - A, (E-E^ + (F-^J ♦ (G-G^) 


(20) 


Then a Newton iteration would read 


dR n n n 

(■jf) * i * o 


(211 


L where the upper index indicates the iteration count and is defined as fig* 1 . ^-<j n . In general the formation 

E and invertion of the functional aatrix hR/fy is too costly, so that an approximate fora has to be found such 

K that the invertion is easy and stable. A choice which has been found beneficial [17] resembles that of flux- 

r vector splitting. Because the particular construction only influence*- *he iaplicit operator a rather crude 

V choice fulfills the requirements for diagonal dominance of the coefficient matrices. An appropriate approxima- 

I tion to the functional matrix in eq. (21) could be: 


(-5=) = D,A + O B ♦ D C - L D - ' U (22) 

5= * = 

where the difference operators Dg etc. are defined as: 

Dg A « AgA* ♦ 7gA + 


and Ag and 7^ are the usual forward and backward difference operators, respectively. The experience shows that 
in prTnciple’only the inviscid flux jacobians have to be introduced into the implicit operator, also for vis¬ 
cous calculations. The optimal choice is currently under investigation. 

Now the flux jacobians A + and A' etc. are defined in such a way that they possess only non-negative and non- 
* * 

positive eigenvalues 



A 4 * £ (A t r A I) 
r A ^ max (IX A I ) 


(23) 


That is achieved by defining r A as a value which has to be equal or larger than the spectral radius of fl. 

By sweeping forward and backward through the field it turns out that the functional matrix defined in (22) can 
further be approximated by the factorization L D* 1 U of strictly lower, diagonal and upper matrices. So the 
basic scheme can be written as 


(i o-' u) « a " . -r" 

with 

1=7, A*+7 
. . . **= . « - 

0 * (1* ♦ r B + r c l 2 (25| 

U = 4,A~ + A_B"+A C"+A + +B + +C + 

a >s = C = 


To solve (24) the following cost-effective variation is possible, which avoids the explicit computation of the 
jacobfan matrices. The particular steps are 


* -s-i.j.i. + ‘it-i.o.k + *£i,j-i.« ♦ 
s ii,j,k * B()j,k ^i.j.k 

*a?,j,k * Bl JJ,k ,5 Ai, j,k _s f-i»l, j,k -a £.f, j+l,k -s £i. j.k+1 > 


(261 




where 


- E*(i) - e 1 ia n ) 

4E 1 = l 1 !!! - I 1 ia n i 

The experience with such a scheme and variations ther?of will be reported elsewhere. However it should be 
noted that full vectorization along planes i + j ♦ k * const, is possible. 

5. Results 

5.1 Space-Marching Computations 
Inviscid Flow: 

As a test case for a typical pointed body the NASA-forebody 4 [18] was chosen, which has the advantage of an 
analytically defined shape. The flow at Ma„ = 1.7 and an angle of attack a * -5* presents some difficulties 
for inviscid supersonic space-marching schemes, because a negative angle of attack produces in a region 
(0SxS0,4) near the nose subsonic values for the velocity components in integration direction. A purely super¬ 
sonic space-marching scheme fails completely in such situations. For that reason the method described above 
was modified to allow for so-called marching subsonic regions by including the •Vigneron-approximation* 

(10-11), which assures a hyperbolic system of equations. In Fig. 2 the geometry of the forebody, the wall 
pressures at the upper and lower side in the symmetry plane and the Mach-number distribution in that plane are 
depicted. In comparison to the experimental data the numerical results show an excellent agreement apart from 
some small deviations present at the nose region (0 i x S 0.2). As indicated in the Mach-number distribution 
the finite-volume space-marching scheme presented captures all discontinuities. So problems are avoided in 
such situations where the outer bow shock is interfered by shock systems produced at a geometrical disconti¬ 
nuity. 

As an expample for a realistic configuration where such a problem can occur in principle a fighter aircraft 
forebody is considered (Fig. 3). At Ma w * 1.8 and a * 0° the Mach-number distribution in the symmetry plane 
shows beside the outer bow shock a second shock originated by the canopy-fuselage intersection and a strong 
expansion process in the upper portion of the canopy, A more complete insight is provided by corresponding 
Mach-number distributions of selected cross-sections. The flow features at stations x * const, just in front 
and behind the canopy-fuselage intersection show a distinct horseshoe structure of the canopy shock, which 
extends below the intersection line. At this point it should be emphasized that all space-marching computa¬ 
tions were started from a plane at very nose tip with freestream values as initial data. 

Viscous Laminar Flow: 

The implicit finite-volume space-marching scheme was tested first at quasi two-dimensional geometries and for 
laminar flow conditions. For that reason the supersonic flow past a flat plate was considered to get some 
insight into the performance of the code. The specific parameters chosen are: 

Ma„ = 3; Re = 10*/m, Pr = 0.71; T stat « 293 K; adiabatic wall 

For comparison computations were also done using a time-dependent finite-volume Navier-Stokes (TNS) method 
developed by Haase et al [19]. To simulate two-dimensional conditions in the three-dimensional PNS-code sym¬ 
metric side conditions were applied. Additionally, in order to guarantee same conditions concerning spatial 
resolution an identical mesh structure normal to the plate was adopted. 

Fig. 4 shows at two different stations x * const, the resulting velocity and density profiles for both 
methods. Remarkable deviations can not be identified for the station near the leading edge (x = 0.05 m) nor 
for the station (x * 0.41 ■) further downstreams. This should be noticed because the PNS-method presented do 
not need an initial solution provided by a TNS-method. 

Considering for that case the pressure and skin friction coefficients c_ and c^ as functions of plate length 
(Fig. 5) only small differences between the TNS and PNS-method are visible for x < 0.001 m. The open symbols 
representing the result of the TNS-code indicate indirectly the streanwise grid point density of the TNS-mesh 
at the leading edge. The slight oscillations of the PNS-method at the leading edge are effects of the initial 
conditions, the insufficient mesh resulution in normal direction at the leading edge as well as strong 
pressure gradients in normal direction, which appear as a result of the strong viscous-inviscid interaction in 
that region leading to the formation of an oblique shock wave emerging from the leading edge. An improvement 
of that behaviour can be achieved by adjusting the free scaling parameters of the dissipation operators. 

As a second two-dimensional test case the laminar hypersonic flow past a compression corner is considered. 

This problem is an interesting case for PNS-methods because for the specific flow parameters 

Hs„ « 14.1; R« l = 1.04-10 5 , Pr > 0.72, T, ut , 72.2 K, T wjll = 297 K; corner angle 15» 

A recirculation bubble in the corner region was not observed in corresponding experiments performed by Holden 
and Moselle [20]. Also available for that flow problem are theoretical solutions obtained by a TNS-[21] and a 
PNS-method [22]. 

Fig. 6 illustrates the flow topology and the principal flow phenomena together with the pressure distribution 
predicted by the finite-volume PNS-method. Clearly to recognize are the leading edge shock wave and the forma¬ 
tion of the bended corner shock wave as a result of the interaction with the incoming disturbed flow field. 
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In fig. 7 the wall pressure coefficient (defined as c p = P w /(pU*a>)) as well as the heat transfer coefficient 
(defined as C H = (-X fi£) w /(pC p U a) AT), AT * T tot - T w ) 5re presented as functions of body length. Also depicted 
are the experimental and theoretical data from [20,21,22]. It is obvious that almost the same pressure varia¬ 
tions are obtained for the flat plate region from all theoretical methods available. This differs considerably 
along the wedge region, where deviations are more pronounced. However the result from the PNS-code of Lawrence 
et al [22] seems to be the best fit to experimental data. Another impression is obtained by considering the 
corresponding heat transfer predictions. Obviously the present PNS-method and the TNS-method of Hu"g and Mac- 
Cormack [21] yield identical results along the flat plate. The PNS-method [22] shows better agreement with 
experimental data there, but some inconsistencies are noticed for x/L > 1.5, which also was pointed out in 
[22]. In comparison the TNS-method [21] and the present scheme show an similar asymptotic behaviour for 
x/L > 1.6. 

However compared to the TNS-result both PNS-codes overpredict considerably heat transfer in the region just 
behind the corner, which is due to the total suppression of upstream influence being common to all non-itera¬ 
tive one-sweep PNS-methods. The reason for the systematic deviation of all theoretical results from experi¬ 
mental data along the flat plate is up to now not settled. 

An important test case for any three-dimensional PNS-code represents the flow around a pointed cone at high 
angle of attack. Suitable experimental data were provided by Tracy [23], who has investigated cones with 10* 
half angle for angles of attack 0® S o s 24® and Ma,, % 8 . 

The observed experimental flow topology after Tracy [23] is shown for a = 12® and 24® in Fig. 8 The data are 
presented in a plane r * const, of a spherical coordinate system centered at the cone tip. Such conical coor¬ 
dinate systems are beneficial for inviscid cone flow simulations, because these flows show an exact conical 
behaviour. In contrast the present PNS-computations are performed along cross-planes x = const, perpendicular 
to the cone axis, so that corresponding figures show some distortion. Between both geometrical representa¬ 
tions exist the simple relation r x /r xc = tan (( r 0 /rQ C ) • 0 c /tan 0 _, where r^ determines the distance of a 
point in the r * const, plane to the cone tip and rg c the normal distance to the cone axis. With 0 C as the 
cone half angle the corresponding conditions in the x = const-plane are obtained. 

Fig. 9 shows the coordinate systems in the planes x = const for both angles of attack. The half-plane meshes 
consisted in circumferential direction of 91 equally spaced points and 81 points in normal direction. To 
achieve a high solutici quality concerning shock wave and boundary layer resolution a procedure for generating 
a solution-adaptive grid [24] was applied. Therefore the global features of the flow process are directly 
visible in the structure of the grid system. In comparison to the experimental data concerning shock layer 
thickness the agreement for both cases is excellent. 

A look on the static pressure distribution (Fig. 10) illustrates tl at the use of solution adaptive grid 
systems produces a solution quality which is essentially equivalent to 'shock-fitting* methods. In Fig. ll the 
corresponding Mach-number distributions are presented. For a =24® as a result of a vortex separation process a 
large viscous region develops at the leeside which is well captured by the PNS-method presented. Comparing the 
circumferential wall pressure distributions at the same stations (Fig. 12) an excellent agreement between 
experimental and theoretical data can be stated. Proceeding to the pitot pressure surveys the same good agree¬ 
ment is recognized (Fig. 13 a,b). It. should be noted that the deviations between prediction and experiment for 
a = 24® and 2 = 0.6' (inch) are the result of a plotting error and in reality the agreement for this particu¬ 
lar distance z (z being the normal distance to the cone surface) is comparable to the other curves. The com¬ 
parison between the results of the present PNS-method and the experimental data of Tracy are completed by 
Fig. 14, where the heat flux ratio Q/Q (Q 0 - heat flux at corresponding station and a = 0) is depicted as a 
function of the circumferential angle 4. More details concerning PNS-results of this test case can be found in 
[14]. 

As an example of a more realistic missile configuration an ogive-cylinder geometry was also considered. The 
flow parameters specified are: 

= 4; Re = 3.4-l<T/m; Pr = 0.71; T $UI = 223 K; T wa]1 -- 370 K; a = 4«; laminar flow 

Because an appropriate turbulence model was not included at that time the flow was assumed to be laminar, 
which in reality certainly will not be the case. However concerning vortex separation processes the performan¬ 
ce of the code for high-Reynolds-number flow could be tested. The resulting mesh structure in the symmetry 
plane is depicted in Fig. 15. There the varying strength of the shock wave which is weakened in streamwise 
direction can directly be observed. An impression of the pressure field in the symmetry plane around the nose 
is provided by Fig. 16. It shows the high solution quality achievable with adaptive mesh systems, even for the 
very tip region. 

The effects of the leeside vortex separation process on the pressure distribution is illustrated in Fig, 17. 
Separation starts behind the ogive-cylinder juction x > 0.3 m and is well developed for x > 1.0 ra. The pres¬ 
sure peaks arising behind the established pressure plateaus indicate the development of secondary separation. 
Overall the pressure distributions predicted show some significant features known from turbulent flows around 
such configurations which is promising for future turbulent simulations. More details concerning this case can 
be found in [14]. 


5.2 Steady Compressible Flow Method 

The modified LU-SSOR method described in chapter 4 has been validated by considering the three-dimensional 
flow around a hemisphere-cylinder configuration. In the past this flow problem was investigated experimentally 
by Hsieh [25], Peake and Tobak [26] and more recently by Lim and Meade as cited in [27]. Theoretical studies 
have been conducted e.g. by Pulliam and Steger [28], Kordulla and MacCormack [29] and also by Ying et al [27], 
where a more complete list of related works can be found. 


The specific flow parameter chosen are: 

Ma* * 1.2; Reg = 445000; Pr * 0.71; Tg^ a ^ = 300 K; a * 19°; adiabatic wall; laminar flow 






17-9 


The spherical type coordinate system used consisted of 49 points in the streamwise direction, 25 points in 
circuaferential direction for the half plane and 49 points normal to the body. In Fig. 18 and Fig. 19 the 
static pressure and Mach-number distribution in the symmetry plane is shown together with an enlarged Mp 
around the nose. There need for a better resolution of the bow and leeside shock wave becomes evident. From 
the highly structured Mach-number field at the leeside behind the sphere-cylinder junction it can be deduced 
that a complex interacting flow field establishes which clearly requires a mesh refinement. However the velo¬ 
city vector fields (not shown here) of successive stations in that region indicate the occurence of owl eyes 
immediately behind the junction. Also the primary and secondary separation lines are well captured considering 
the relative coarse mesh system used. In Fig. 20 the axial pressure distributions along the leeside and the 
90^-line are depicted. The present results are close to those of Ying et al [27] for the leeside, however show 
some remarkable differences along the 90*-line. The reason for these deviations are not clear, because the 
results of [27] are based on a slightly more refined mesh. However to get more insight into this particular 
flow problem computations with more optimal grid systems are planned. 

In a first effort the code was also applied to hypersonic flow problems around a reentry lifting body. The 
geometry considered was a late configuration of the HERMES space-shuttle shown in Fig. 21. However up till now 
only the portion of the vehicle in front of the upward bended outer wing panels which is approximately 70 % of 
the vehicles length, was considered in the simulations. The particular case presented is an inviscid flow at 
Ma a = 8 and a * 20° assuming ideal gas behaviour. The mesh system used consisted of approximately 300 000 
point. 

The resulting Mach-number distribution in the symmetry plane is shown in Fig. 22. As can be seen the bow and 
canopy shock waves are well captured and appear sufficiently sharp represented. Looking at the corresponding 
distributions in cross-sections near the outer wing panels the development of cross-flow shocks above the wing 
and the upper fuselage can be observed (Fig. 23). It is obvious that some needs exist for the simulation of 
the complete vehicle in a broad parameter range to draw the right conclusions concerning these flow phenomena 
in the context of good aerodynamic design. 


6. Conclusions 

The development of two space-marching methods for prediction of inviscid and viscous steady supersonic flow 
fields was described. Both methods rely on a finite-volume discretisation of the corresponding conservation 
laws and have shown to be stable and robust. It was illustrated that both schemes give accurate results which 
are in excellent agreement with available experimental data. 

Also presented was a new method for solution of the compressible, not-reduced conservation laws for steady 
inviscid and viscous flows, which appears as a promising method for simulation of super- and hypersonic flows. 
Further developments will be reported elsewhere. 
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Fig. 10 : Sutic pressure distribution 
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Fit. 11: Mach-number distribution 


Fig. 12 : Circumferential wall pressure distribution 
































































































Fig. 22 : Mach-number distribution in symmetry plane around 
HERMES space shuttle 
( Ma = 8 , a = 20® an viscid flow ) 


Fig. 23 : Mach-number distribution in cross section at 
x = 112 m for HERMES space shuttle 
( Ma = 8 a = 20° jnvisad flow ) 
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COUCHE LIMITE LAMINAIRE HYPERSON1QUE 
ETUDE PARAMETRIQUE DE LA REPRESENTATION DES EFFETS DE GAZ REEL 

par 

B-Aupoix, C.Eldem et J.Cousteix 
ONERA/CERT/DERAT 
2 Avenue Edouard Beiin 
F-31400 Toulouse, France 


RESUME 


(.'influence du modfele utilise pour reprEsenter les effets de qaz rEel k EtE EtudiEe 
pour des calculi de couche liraite sur un hyperboloi'de Equivalent k la ligne de symEtrie 
intradoa de la navette spatiale, pour le vol STS 2. Le module utilisE eat celui de 
Straub qui ne prend en compte que cinq espEces et suppose l'Equilibre thermodynami- 
que. L'Etude montre 1'importance, non aeulement de la catalycitE de paroi mais aussi, des 
vitesses de reactions choisies et de la temperature de paroi sur le flux de chaleur pa¬ 
rietal et sur l'Epaisaeur de deplacement. Le coefficient de frottement parietal est p ru 
sensible au modEle de gaz reel. Oe plus, ll est possible de reduire le nombre de reac¬ 
tions chimiques conaicJ6r6es et de simplifier les termes de diffusion, afin de gagner du 
temps de calcul sans que cela ne deteriore trop la prediction. 


ABSTRACT 

A sensitivity study of the real gas model has been performed in boundary layer com¬ 
putations on an hyperboloid equivalent to the Space Shuttle windward symmetry plane ; for 
the STS 2 reentry. The real gas model is due to Straub and accounts for only five chemical 
species while assuming thermodynamic equilibrium. The study has brought into evidence 
the dependence of both wall heat flux and displacement thickness, not only upon the wall 
catalycity but also upon the selected reaction rates and the wall temperature. The skin 
friction coefficient is insensitive to the real gas model. Moreover, only a few chemical 
reaction a can be selected and the diffusion model can be simplified to save computat aona1 
time without drastic changes in the prediction. 


I - INTRODUCTIO N 

Les vitesses de rentrEe de vEhicules tels que les navettes spatiales dan» 1'atmosphere 
Etant hypersoniques, l'enthalpie d'arrEt est ElevEe. Dans la couche de choc, entre la paroi 
du vEhicule et l’onde de choc, les vitesses restent modErEes. L'Enerqie cinEtique amont est 
transformEe en Energie thermique ; des niveaux de tempErature importants existent dans la cou¬ 
ch e de choc. D'autre part, du fait de l'altitude, la pression reste faible m6me en aval du 
choc. L’air k haute tempErature sous une faible pression a alors tendance a se di&sociei et 
m§me k s' ioniser. Une partie de l’Energie est ainsi "stockEe sous forme chimique". L’Etude 
de 1‘Ecoulement doit alors prendre en compte ces effets de gaz rEels. 

Un des problEmes importants lors de la rentrEe d’un vEhicule hypersonique est I'echauf- 
fement de celui-ci et done l'Evaluation des flux de chaleur parietaux. Tant que 1'inter- 
action visqueuse reste faible, le flux de chaleur peut Etre calculE par une approche de 
type couche limite. Du fait des faiblea valeurs de la pression k haute altitude, le nom¬ 
bre de Reynolds est modErE ; 1'Ecoulement reste laminaire durant la majeure partie de ia ren- 
t rEe. 


Afin de pouvoir prEdire l'Ecoulement autour du vEhicule et principa 1 ement les flux de 
chaleurs panEtaux, nous avons done dEveloppE des mEthodes de calcul de couche limite laminaire 
hypersonique, prenant en compte les effets du gaz rEel. Nous nous sommes alors intEressEs tout 
particuliErement k I’influence du module utilisE pour dEcnre les effets de gaz rEel. 


II - COUCHE LIMITE LAMINAIRE HYPERSONIQUE 


de gaz. 


Rappelons bnEvement les Equations rEgissant un Ecoulement de couche limite d'un mElanqe 


Soit p la masse volumique de 1’espEce I, la masse volumigue du mElange est 

J c T r 

On dEfimt alors la concentration massique de 1’espEce I C. = —l, telle que , C 


U - 1 Mj. 

= 1. On note 


le nombre de moles de 1'espEce I par umtE de volume et n = 


Le bilan de masse de 
chimique de 1 1 eapEce 


espEce I fait apparaltre le taux 


I 


I I 

le nombre total de moles. 


de production ou de destruction 


et le flux de diffusion Qj de cette espEce au sein du mElange 
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Enfin, on admet que cheque espfece ae comporte comme un gaz parfait. 

pj s Pj T ou R eat la constante dea gaz parfaits. Campte tenu de 
la ioi de Dalton et de la definition de la masse molaire du melange, on a : 

R 

p = p ~ T 
M 


III - REPRESENTATION DES EFEETS DE GAZ REELS 

III.l. Coefficients de transport 

Les equations regissant l'ecoulement de couche limite font interuenir divers coefficients 
de transport (viscosite dynamique p, conductibilite thermique X mais aussi diffusion polynaire 
Djj, diffusion thermique D^). La theorie cinetique des gaz permet de calculer ces coefficients 

de transport au pnx de calculs relativem^nt coOteux (r6f. 1). De nombreuses formules appro- 
ch6ea ont done et6 proposeea par differents auteurs pour calculer ces coefficients de trans¬ 
port (r6f 2-5). Une formulation particulifcrement simple a 6te proposee par Straub (ref 6) 

dons le cas ou 1'on ne retient que cinq espfcces, & savoir 0 2 , NO, N et 0. Rappelons que 

lea coefficients de transport du melange se calculent & partir des integrales de collision entre 
particule**. Straub remarque que I*?, molecules considerees ont des masses molaires vol¬ 

umes et qu'il en est de mSme pour les atomes. Le calcul des integrales de collision eat ainsi 
ramene au caa d'un melange atomes/molecules. Des formules simplifiees sont ensuite proposeea 

pour evaluer la viscosite, la conductibilite thermique et les coefficients de diffusion ther¬ 

mique. En ce qui concerne les diffusions polynaires, des simplifications de type moiecule/ato- 
me permettent de ne calculer que sept coefficients differents au lieu de vinqt. Le defaut de 
cette simplification est de ne plus verifier la nullity de la somme des flux de diffusion des 
espfeces. 


III.2. Fonctions thermodynamiques 


L'6quation d'6nergie fait intervenir les enthalpies de chaque espfcce et le coefficient 


de chaleur massique fige Cpf = I Cj C^j 


L C. 


1 3T V 


Le calcul de ces fonctions 


thermodyna¬ 


miques demande la connaissance de la fonction de partition de l'energie entre les differents 
modes en fonction de la temperature pour chaque espfece. Straub et al (ref. 7) proposent d'uti- 
liser la representation de Schafer (ref- 8) dans laquelle les differents modes (translation, 
excitation electronique, rotation, vibration) et les couplagea entre ces modes aont pris en 
compte. Une representation polynomiale approchee permettant de reduire le temps de calcul, a 
6te proposee par Gordon et He Bride (ref. 9). 


Rappelons pour finir, qu'en plus des enthalpies de chaque espfece et du coefficient de 
chaleur massique fige, la connaissance des proprietes thermodynamiques de chaque espfcce per¬ 
met de calculer les conatantes d'equilibre des reactions chimiques qui peuvent se produire 
entre ces espfeces. 


III.3. MuJfele chimique 

Si on ne considfere que des reactions & deux corps qui sont les plus probables, on 
peut, avec les cinq espfeces considerees, former 

- des reactions ae dissociation pour les molecules 

N z + n 2N + M 

0 2 + M 20 + H 

NO ♦ M N + Q ♦ M 

ou H represente l'une quelconque des cinq espfeces considerees. 

- des reactions d'echange 

n 2 + 0 NO + N 

0 2 + N NO + 0 

- une reaction de formation directe du monoxyde d’azote 

N 2 + 2 NO 

qui est peu probable et done negligee dans la majority des modules. 
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Parmi ces reactions, il eat classique de ne retenir que les trois reaction* prEpondErantes 
connues soua le res di pioctioaus de Zeld'ovich : 

0 2 + 20 N 2 

N 2 ♦ 0 NO «■ N 

0 2 + N ^ NO + 0 

Glotz (ref. 10) propose, dans une Etude sur 1' hyperboloi’de AGARD , d'ajouter au processus 
de Zeld'ovich les deux reactions suivantes 

0 2 + 0 2 20 + 0 2 

0 2 + 0 30 

Lea conatantes d'Equilibre des reactions chimiques, dEduites des fonctions thermody- 
namiquea obbenues par speefcromEtrie, 3ont connues avec une bonne precision. En revanche, 
lea vitesses de reactions sont difficile* k meaurer, et 1 1 on observe une importante disper¬ 
sion dans lea valeurs proposes dans la littErature. Nous avons utilisE deux jeux de vitessea 
de reactions ; le premier eat celui utilisE par Straub (refs 7, 10) et le second eat issu 
d'un travail de revue rEcemment EditE par Gardiner (ref. 11). La principale difference entre 
cea deux jeux de conatantes porte sur la dissociation de 1'oxygEne qui eat environ mille fois 
plus rapide dans le models utilise par Straub. 


IV - CONDITIONS DE L'ETUDE 


IV.1. Cas teat 

Nous avons EtudiE 1'influence de la representation des effets de gaz reel dans le cas 
de la rentr6e de la navette spatiale lore du vol STS2. Les points de vol sont document cans 
la reference 12. lls sont compris entre 92.35 km et 47.67 km d'altitude et correspondent k 
des nombres de Mach de 27.9 k 9.15. On a'intereaae tout particuliErement k la ligne de sy- 
metrie intrados de la navette qui est une des parties de la navette ou le flux de chaleur eat 
important. Vu la forme de la navette, cette ligne de symEtrie peut fit re approchEe par un arc 
-'hypeibole. Le calcul est done effectu^ sur un hyperboloide de revolution, k incidence nulle, 
Equivalent It la ligne de symEtrie intrados. Les caractEnstiques sur l'hyp ^bololde Equiva¬ 
lent pour chaque point de la trajectoire sont donnEes dans la rEfErence 12 et rappelEes sur 
le tableau 1. 


IV.2. Conditions in* tides 

Une condition mitiale eat nEcessaire pour damarrer le calcul de couche limite. Lea 
Equations de couche limite sont done rEEcrites k l'aide de la transformation de Levy-Lees- 
Dorodnitsyn. En faisant des hypothEaes de similitude sur les profile de concentration de 
vltease et d'enthalpie (ou de tempErature), on peut dans le cas du point d'arrfit, transfor¬ 
mer lea Equations de couche limite en un jeu d'Equations diffErentiellea ordinairta couplEes. 

La rEaolution de cea Equations par une mEthode paeudo-instationnaire, fournit lea profila de 
concentration,vitease et tpmpErature au point d'arrfit. Cette solution permet d'initialiser le 
calcul de couche limite en un point en aval, proche du point d'arrfit, ou la Vitesse extErieure 
n'est pas nulle et pour lequel on admet que les profils de similitude obtenus restent valables. 

IV.3. Conditions aux limites 

A 1'extEneur de la couche limite, la seule donnEe nEcessaire est la pression. Ceile- 
ci est obtenue k l'aide de la formule de Newton modifiEe 


P = Poo ♦ (1 - Poo V® sin 2 0p 

ou p OT , P oot V. sont les preasiong, masse volumique et vitesse k 1'infini amont, e le mpport 
des masses volumiques avant et aprEs choc pris Egal k 0.1 et 0 l'angle entre la vitesse m- 
fini amont et la tangente k la paroi. p 

La condition pour 1'Equation d'Energie est de retrouver k 1'extEneur de la couche limite 
1 enthalpie d'arrfit de l'Ecoulement k 1'infini amont. En ce qui concerne les concentrations, on 
suppose l'Equilibre chimique k 1'extErieur de la couche limite au point d'arrfit. Lea concentra¬ 
tions k 1'extEneur de la couche limite en aval du point d'arrfit sont alors obtenues en rEaol- 
vant k 1'extEneur 1'Equation pour les concentrations dans l«ouelle on a annulE les termes de 
diffusion ; on assure ainsi le raccord entre la couche limite et un Ecoulement extEneur non 
visqueux. 

t A la paroi, on a la condition de non-glissement pour les composantes du vecteur vitesse. 
Pour 1'Equation de l'Energie, on peut imposer la tempErature k la paroi ou le flux de chaleur 
parietal. Toutes les comparaisons prEsentEes ci-dessous seront faites k tempErature de paroi 
imposEe. La condition k la paroi pour lea concentrations dEpend de la nature chimique du ma- 
tEnau. La surface peut avoir une forte interaction avec le gaz et catalyser les reactions chi- 
miques entre les espEces, par exemple dans le cas d'une paroi mEtallique. Le cas extreme est 
la paroi totalement catalytique au contact de laquelle le gaz retourne k l’Equilibre chimique. 

La paroi peut aussi avoir une faible interaction avec le gaz, par exemple dans le cas d'une pa¬ 
roi en silice. Le cas extrfime est la paroi non catalytique qui n'interagit pas avec l'Ecoulement : 
les espEce9 adsorbEes h la paroi sont ensuite libErEes sans modification chimique ; le flux de 
chaque espEce E la paroi est nul. 
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I V.4. Schema numEfique 


Lea Equations de couche limite sont intEqrEes E l'aide d'une mEthode de volumes finis 
seloh un schema hybride (ref. 13). Afin de stabiliser les calculs, les termes sources des Equa¬ 
tions doivent §tre traitEa de fagon implicite ; celE conduit E itErer aur le terme de production 
dea eapfecea pour assurer la conservation de la masse (E uij = 0.). 


V - ETUDE PARAHETRIQUE 

V. 1. Introduction 

Nous avons EtudiE l'influence, sur les caractEristiqucs de la couche limite, des hypotheses 
faites sur la reprEsentation des effets de gaz rEel . Nous nous aommes intEresaEs non seulement 
4 l'influence du module sur le flux de chaleur panEtal, mais aussi sur l'Epaisseur de dEplace- 
ment qui intervient dans le cas d'un couplage Ecoulement visqueux/Ecoulement non visqueux, ainsi 
que sur le coefficient de frottement panEtal qui contribue E la tralnEe de l'engm. Comme les 
nombres de Reynolds restent faibles, le coefficient de frottement reste ElevE. On observe qu' i 1 
est quasiment insensible au module de gaz rEel. 

Sur les planches donnant l'Evolution du flux de chaleur panEtal en fonction de l'abscis- 
se, nous avons portE les flux de chaleur mesurEs en vol sur la navette. II convient de noter 
que ces flux mesurEs ne sont donnEs qu ' E titre indicatif. En effet, si la forme d‘hyperbolai'de 
assure bien la m§me loi de pression sur 1 1 hyperbololde que sur la ligne de symEtne intrados de 
la navette, par contre, la divergence des lignes de courant due E la variation du rayon de l'hy- 
perboloide de rEvolution, ne reprEsente pas a prion la divergence des lignes de courant de 
part et d'autre de la ligne de symEtne intrados de la navette ; or on salt que ces effets tri- 
dimensionnels peuvent modifier de fagon notable les flux de chaleurs panEtaux. Enfin la mE- 
thode de calcul utilisEe ne prend pas en compte le phEnomune d'avalement d'entropie. 

V.2. Influence de la catalycitE de paroi 

La figure 1 reprEsente les flux au point d'arrEt en fonction du temps lors de la rentrEe. 

La figure 2 montre l'Evolution du flux de chaleur le long de l'enqin pour un point de la tra- 
jectoire proche du maximum de flux de chaleur. En paroi totalement catalytique, la recombmai- 
son des espEces E la paroi Etant exothermique, ll y a une importante libEration d'Energie qui 
se traduit par une augmentation (en valeur absolue) du flux de chaleur pariEtal. Une autre fa- 
gon simple d'expliquer la diffErence entre les flux de chaleurs est d'Ecnre ~ tn p - h f oil 

l'enthalpie de frottement h f peut Etre approchEe, en hyp rsonique, par l'enthalpie d'arrEt, suit 

V 2 v 2 . 

V\ e = c ”.*f = — 


L'enthalpie de paroi h est Eqale U Cp Tp dans le cas d’une paroi froide totalement 
catalytique pour lequelle ll y a recombinaicon des molEcules E la paroi. Dans le cas d'une 
paroi non catalytique, le gaz Etant partie llement dissociE & la paroi, l'enthalpie de paroi 
est plus importante et done le flux de chaleur est plus faible. On voit done 1'intErEt d'une 
paroi non catalytique (au 1 *lnconvEnient d'une paroi mEtallique) pour diminuer lea flux de 
chaleur panEtaux et1'Echauffement de l'enqin. II convient toutefois de noter que cette ana¬ 
lyse est trEs simplifiEe car elle suppose que le coefficient de flux de chaleur 

C h = -^- ne dEpend pas de la catalycitE de la paroi. Une telle analyse ne devra 

D o U -h f ) 

e e p f 

done Etre considErEe que comme une explication qualitative et non un moyen prEdictif. 


L'influence de la catalycitE de paroi sur l'Evolution de l'Epaisseur de dEplacement 

est plus difficile E interprEter. L'Epaisseur de dEplacement est dEfinie par 6. = / (i - —^- ) dy 

1 o D e U e 

Comme le profil de vitesse moyenne est peu affectE par la catalycitE de paroi, la variation de 
l'Epaisseur de dEplacement dEpendra surtout du profil de masse volumique , pnncipalement au 
voisinage de la paroi. En paroi totalement catalytique, la libEration d'Energie due E la re- 
combinaiaon des espEces E la paroi tend E Elever la tempErature dans la rEgion procne de la pa¬ 
roi. D'autre part, la recombinaison des atonies E la paroi et la diffusion des molEcules formEes 
E la oaroi conduisent E une augmentation de la masse molaire moyenne M. Si l'on se rEfEre a 
1'Equation d'Etat 


P 


T 


on a done deux eff e ts contradictoires. On ne peut en dEduire un effet systEmatique de la cataly¬ 
citE de paroi sur l'Epaisseur de dEplacement. 

V.3. Influence des vitesses de3 rEactions chimiques 

Les vitesses de rEactions chimiques Etant mal connues, il est important de connaitre i'in¬ 
fluence de ces vitesses de rEaction sur la prEdiction de 1 'Ecoulement. Nous avons consadErE dif- 
fErentes donnEea. Le premier module,‘ utilisE par Straub (ref. 7, 10} correspond a l'Etat des 
connaissances il y a dix ana. l.e second module, tirE du livre de Gardiner (ref.11) est beaucoup 
plus rEcent. Enfin un C3s limite, currespondant E des vitesses de rEactions infinies, est de 
aupposer 1'Ecoulement E l'Equilibre chimique. Rappelons que dans le cas d'un calcul E l’Equili- 
bre chimique, la catalycitE de paroi ne joue pas. Cependant l’Ecoulement Etant E l’Equilibre 
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chimique au voisinage de la paroi, on peut comparer le calcul a l'£quilibre chimique k un calcul 
en paroi totalement catalytique. 

La figure 3 repr6sente Involution du flux de chaleur au point d'arret, en fonction du 
temps lora de la rentree, pour lea diff£rents modules chimiques considers. Lea figures 4 a 7 
donnent Involution du flux de chaleur le long de l'engin pour diff£rents points de la tra- 
jectoire. 

Dana le caa de la paroi totalement catalytique, le flux de chaleur parietal eat, en ma- 
jeure partie, dO k la recombinaiaon des espfcces au voisinage de la paroi. On retrouve le mfime 
flux de chaleur pour lea deux jeux de vitesse de reaction utilises. Lesflux de chaleur obtenua 
avec 1 1 hypoth&se d'6coulement k l'6quilibre chimique sont trfes proches de ceux obtenus en pa¬ 
roi totalement catalytique. La difference provient sans doute du fait que l'hypothfese d'ecou- 
lement k l'equiiibre chimique supprime tout ph£nom£ne de diffusion des espfeces et impose un 
rapport azote/oxygfene constant en tout point. 

Dans le cas de la paroi non catalytique, on note une forte influence du module chimique 
utilise. La paroi etant froide par rapport au reste de 1 1 6coulement, k son voisinage, les tem¬ 
peratures sont faibles et les reactions chimiques au sein de l'ecoulement recombinent les ato- 
mes. Le modfele de Straub ayant des vitesses de reaction beaucoup plus 61ev6es recombinera mieux 
les atomes si bien que le niveau de dissociation & la paroi sera plus faible, et done aussi 
l’enthalpi de paroi. Si 1 1 on garde l'analyse simple — h^ - h^, moins le gaz sera disso- 

ci6 k la paroi, plus le flux sera grand en valeur absolue. On retrouve bien sur les planches 
3 & 7 que le module de Straub donne beaucoup moms d'effet de catalycite que celui de Gardiner, 
excepts aux plus hautes altitudes (trfes faible density). Avec le module de Gardiner on trouve 
des effets de catalycite sur tout l'engin m6me aux plus basses altitudes, ce qui n'est pas le 
cas avec le module de Straub. 

En ce qui concerne la prediction de l'gpaisseur de d6placement, on est toujours rame- 
ne au probl&me devolution du prafil des masses volumiques. Comme pour les effets de cataly¬ 
cite de paroi, les vitesses de reactions vont jouer de fagon antaqoniste sur les profils de 
temperature et de masse molaire moyenne si bien qu'une tendance generale ne peut 6tre degagee. 

La figure 8 peut donner une idee de 1'influence, tant du modfele chimique que de la catalycite 
de paroi, sur la prediction de l'epaisseur de deplacement. 

Le module chimique propose par Gardiner etant le plus credible, nous ne ferons la suite 
de cette etude parametrique* la plupart du temps, qu'avec ce modfele afin d'alieger la presen¬ 
tation des resultats. Les conclusions auxquelles nous aboutirions seraient analogues si 1'on 
utilisait le module de Straub. 

V.4. Influence du nombre de reactions 


Glotz (ref. 10) a montre qu'avec le module chimique de Straub, 1' on obtenait les rnfemes 
resultats en ne prenant en compte que cinq reactions chimiques preponderantea. Nous avons v6- 
rifi< ce rfisultat dans le cas de la rentree de la navette (ref. 14). 

Dana le cas du module chimique de Gardiner, nous avons cherche k reduire le nombre de 
reactions utiles. Pour cel&, nous avons etudie la contribution de chaque reaction chimique 
au taux de production des differentes espfcces pour plusieurs profils de couche limite le long 
de la trajectoire. Nous avons ainsi pu definir un systfeme de dix reactions chimiques donnant 
sur taute la trajectoire, une prediction identique au systfcme complet. Ces dix reactions com- 
prennent les cinq chomies par Glotz plus les reactions de dissociation suivantes : 


N 2 + M^=£2N M M = N 2 N 

NO ♦ M ^=S:N + 0 +• M MrN 2 N0 


Le 

resultats 
r eac tions 
d'arrSt, s 


systfcme des cinq reactions propose par Glotz ou le processus de Zeld'ovich donnent des 
identiques et fort proches de ceux obtenus avec le module complet au le module k dix 
comme le montrent les figures 9 et 10. La difference, visible au niveau du point 
'estompe rapidement lorsque 1'on progresse le long de l'engin. 


V.5. Influence de la temperature de paroi 

Reprenons notre formule simplifi6e ~ h - h_ avec h _ = h 

K p p f f ie 



2 


Lors de la 


rentree, pour les points de vol con3id6r6s, la vitesse infini amont decrolt de 7500 ms - k 

2960 ms * ; l'enthalpie d'arret de l'ecoulement passe de 2,8 10^ J.kg"^ k 4.4 10^ J.kg - ^. Dans 
le cas d 1 une paroi froide totalement catalytique, les atomes etant totalement recombines 

k la paroi, l'enthalpie de paroi est egale a Cp Tp soit 8 10^ J.kg~* pour une paroi a 

800 K ou 1,5 10^ J.kg pour une paroi 6 1500 K. L'enthalpie de paroi est faible devant l'en- 
thalpie de frottement aux qrandes vitesses tandis qu'en fin de rentree elles sont du m6me 

ordre de grandeur. Une modification de la temperature de paroi sera done d'autant plus sensible 
sur le flux de chaleur que la vitesse infini amont sera f aible. 


Dans le cas d'une paroi non catalytique, l'ecoulement est dissocie k la paroi 


thalpie de paroi est plus importante et la difference h 


1 ' 


plus sensible k une augmentation 


de la temperature de paroi. De plus, une elevation de la 
un accroissement du niveau de dissociation k la paroi et 
pie de paroi. Le flux de chaleur sera done plus sensible 
non catalytique qu'en paroi totalement catalytique. 


temperature de paroi peut entralner 
done une sur-nonmentation de l'enthal- 
k la temperature de paroi en paroi 





18*7 


Les figures 11 et 12 confirment ces r^sultats sur 1'influence de la temperature de paroi. 
La figure 12 raontre que, pour les vitesses les plus faibles, en prenant deux valeurs extremes 
de la temperature de paroi lors de cette phase de rentree, l'effet de temperature de parol est 
du mgme ordre de grandeur que l'effet de catalycite. 

En ce qui concerne l'epaisseur de d6placement, l'effet de temperature de paroi eat le 
meme que dans le cas d'un gaz parfait. L'augmentation de la temperature de paroi entralne une 
diminution de la masse volumique et done une augmentation de l’epaisaeur de deplacement. 

V.6. Influence du roodfele de diffusion 

Le module de Straub pour le calcul des coefficients de transport a l'avantage de ne cal- 
culer que sept coefficients de diffusion polynaire differents. En contrepartle, la somme des 
diffusions des esp&ces n'est pas nolle avec cette simplification. La formulation proposes par 
Obermeier et al (ref. 5) permet de calculer les vinqt coefficients de diffusion polynaire 
pour un coQt de calcul raisonnable ; la somme des flux de diffusion est alors quasiment nul- 
le. Les calculs effeetu6s avec le module d'Obermeier montrent une variation minime du flux 
de chaleur parietal au point d'arr&t, les predictions devenant rapidement identiques en aval 
du point d'arr§t. 

Une autre strategic est d'essayer de simplifier le calcul des termes de diffusion afin 
de dimmuer le temps de calcul. Une premiere simplification est de neqliqer la diffusion ther- 
mique. Les flux de chaleur au point d'arrit augmentent faiblement en paroi totalement cataly- 
tique et diminuent faiblement en paroi non catalytique (figure 13). Ces differences dispa- 
raissent rapidement en aval. 

Une seconde simplification est de repr6senter le flux de diffusion des espfeces i 1'aide 
d 1 une loi de Fick 


i »y 


3 ^ 

ay 


oil le coefficient de diffusion D est le meme pour toutes les espfcces afin d'assurer la nullite 


de la somme des taux de diffusion. On peut alors definir un nombre de 5chmidt S 


■pTT 


Nous 


avons effectu6 nos calculs pour un nombre de Schmidt de 0.510. On observe encore une augmenta¬ 
tion du flux de chaleur en paroi totalement catalytique et une legfere diminution en paroi non 
catalytique (figure 13). Cette difference s'estompe toujours tr£s rapidement en aval. 


II convient toutefois de noter que l'emploi d'une loi de Fick impose en tout point de 
l’6coulement un rapport oxygfene/azote constant. Les profils de concentration qui etaient peu 
modifies par la non-prise en compte de la diffusion thermique sont plus sensibles a cette 
modification de la diffusion (figure 1A). Cependant Involution de l'epaisseur de deplacement 
n'est gufcre modifiee par ces simplifications. 


V.7. Autres simplifloations du module 

L'ensemble des resultats de calcul raontre que le nombre de Prandtl P 



ne vane 


pratiquement pas au sein de l'ecoulement et quelque soit le point de vol consider^. L'hypo- 
thfcse d'un nombre de Prandtl constant egal k U.725 permet d'eviter le calcul du coefficient 
de conductibilite thermique sans affecter les rdsultats. 


Une autre modification possible est l'emploi de polyndmes pour repr6senter les fonctions 
de partition de l'gnergie de chaque esp&ce. Cette modification ner^pt, elle aussi, d'alieger 
le temps de calcul sans modifier les resultats. 


UI - CONCLUSIONS 


Rappelons d'abord 1'interSt de la formulation propos^e par Straub pour ^valuer les 
coefficients de transport d'un melange gazeux de fagon simple. 

L'dtude parametnque a permis de verifier 1'importance pour la determination du flux 
de chaleur parietal, de la catalycite de paroi, du choix du jeu de vitesses de reactions 
chimiques dans le cas d'une parol non catalytique, et de la temperature de paroi lorsque la 
vitesse amont est moderee. Oe plus, nous avons pu montrer que l'on peut obtenir une predic¬ 
tion sat isfa i sante en ne prenant en compte qu'un nombre r6duit de reactions chimiques, voire, 
en simplifiant le module physique, au prix certes d’erreurs un peu plus importantes, Le tableau 
2 resume les different ps simp 1 1 fications apportees & la description des effete de gaz reel, le 
flux au point d'arr&t en paroi non catclytique etant le plus sensible aux variations du module. 
La reduction du nombre des reactions chimiques permet de diviser le temps de calcul par quatre, 
la simplification du module physique apporte encore un gain d'un facteur deux. Ces valeurs 
ne sont bien entendu donnees qu'i titre indicatif et dependent de la methode numerique, du 
materiel utilise et du degre de vectorisation. 

L'lnfluence du modfele sur la prediction de l'epaisseur de deplacement ne peut £tre 
analysee de fagon simple. En revanche, la prediction du coefficient de frottement parietal 
est insensible aux modifications de la representation des effets de gaz reel. 

L“s auteurs tierment <i remercier Serge Grunwald pour son travail sur les couches limiles 
& l'equilibre chimique lors de son stage de DEA. 





References 


HIRSCHFELDER J.O., CURTISS C.F., BIRD R.B. "Molecular theory of gazes and liquid" - 
John Wiley 4 Sons editor, 1954. 


WILKE C.R. "A viscosity equation for gaz mixture" - The Journal of Chemical Physics, 
vox. 18, n° 4, pp. 517-519, April 1950. 


ARMALY B.F., SUTTON K. "Viscosity of multicomponent partially ionized gaz mixtures" 
AIAA Paper 80-1495. 


MQNCHICK L., YUN K.S., MASON E.A. "Formal kinetic theory of transport phenomena m 
polyatomic gas mixtures" - The Journal of Chemical Physics, vol. 19, n° 3, 
pp. 654-669, AoOt 1963. 


OBERMEIER E., SCHABER A. "A simple formula for multicomponent gazeous diffusion coef¬ 
ficients derived from mean free path theory" - International Journal of Heat and 
Mass Transfer, vol. 20, pp. 1301-1306, Pergamon Press, 1977. 


STRAUB D. "Exakte Gleichungen fur die Tranaportkoeffizienten ernes Fiinfkomponentenge - 
misches als Modellgas disaoziierter Luft" - DLR FB 72-34. 


STRAUB D., SCHONAUFR W., SCHABER A., LIN S., ADAMS E. "Staticnare Laminare Hyperschall- 
grenzschichten urn ein Rotationshyperboloid bei thermochemischer Gleichgewicht der 
Luft"- DLR FB 72-16. 


SCHAFER K.,"Statistische Theorie der Matene, Bd I" - Gottingen Vandenhoek, 1960. 


GORDON S., Me BRIDE B.J. "Computer program for calculation of complex chemical .qui- 

libnum compositions, rocket performance, Incident and reflected schocks, and Chapman- 
Jouguet detonations" - NASA, SP 273. 


GL0TZ 0. "Der emfiuB von idealisierungen der Luft und der Randbedingungen an der 
Wand auf die Losung der Laminaren Hyperschallgrenzschiechtgleichungen" - Univer- 
sitat Karlsruhe - Rechenzentrum Interner Bencht 14/79. 


GARDINER W.C. Jr "Combustion Chemistry" - Springer Verlaq, 1984. 


SHINN J.L., MOSS J.N., SIMM0NDS A.L. "Viscous shock layer heating analysis for the shuttle 
windward symmetry plane with surface finite catalytic recumbinet ion rates" - AIAA 
Paper 82-0842. 


PATANKAR S ,'J. "Numerical Heat Transfer and Fluid Flow" - Hemisphere Publishing Corpo¬ 
ration, 1980. 


AUP0IX B. f ELDEM C., C0U5TEIX J. "Development of a computationnal method for hyper¬ 
sonic boundary layer" - Euromech Colloquium 195, Lummy, Juillet 85. 















01STANLl AU POINT iJ'AHHtT XiPIl OlSTANCt AU POINT D'AflRtT XtH/ 



















flux de chaleur ao point o'arret oinu,fi2i 


"Ooele ch;ti'Ooe oe garc:ner 

EFfET D£ i_a TE'VERATgRE DE PA°OI 

-TP= 600 K TOTAL CATAl -TP a 800 K NON CaTa*. 

-T®*1500 K total CATAL - - - TP = 1500 « rgo*tf ca"Aa. 



0, 


0 


200 


^00 600 800 

T£HPS 13) 


1COO 1200 1400 


Flours 11 



Figure 12 












DJ STANCE A LA PAROI TtCfl* 


18-13 


FLUX DE CHALEUR AU P 0 IN T D'ARRET Q(riW/n 2 ) 

TPansoo k nooeue chihique oe garoiner 

SIMPLIFICATION £XJ HOOELE DE TRANSPORT 


-flOOELE COflPuET TOTAL CAT-HOOELE COOPlET NON CAT At. 

OIPFJS THEftn-0 TOTAL Cat-- qjfTUS ThERfUO NON CATal 

.5CHf1IQT«0»5l8 TOTAL Cat .SCMflf 07*0. 518 NON CA r A*. 



Hflure U 


CONCEN. HONCXYDE D 1 A20 T E A X = 20 fl 
STS-2 T =650 S 2=11.29 K*1 n=23.t 

Tp=1500 K TOTAL.CATALTTIOUE HOOElE D£ GAROiNER 
sinpuif ication ou ncoe^E de transport 


flOOELE COnPt_E T -OIEFuS ThERM iOu£ NULLE 

— — H 0 T. 8 RC SCMHicr = 0.516 



1C Ox C! NC • 

Figure Ha 


COMCEM. AZOTE ATOmtlUE A 1 = 20 fl 


COMCEM. OXTGENE ATOniQUE A X = 20 n 


STS-2 T =650 S 2=11.29 Kfl 0=23.4 

TPa1500 K TOTAL.CATALTTIOUE HCCElE OE CAfiOINfcR 

S IHPL(F f CAT [ON OU HOOELE OE TRANSPORT 


-HOOELE COnPLET 

—- —NOneRE SCHHfQT = 0.518 


OtFFUS TMERn.OUE NULuE 


STS-2 T = 650 S 2 = 11.29 KH 0 - 23.4 
TPslSOO K TOTAu.CATALTTIOUE HODElE DE GARCINER 
SIHPlITJCATION OU HODElE OE TRANSPORT 

HOOELE COHPlE t -- OtFFUS Th£RMiOuE NUl E 

— • —NOHBRE SCHH10 T . 0.516 



Figure Mb 


Figure Me 


C»25 













18-14 




Tableau 

1 - Trajectoire de rentr6e STS2 et definition de 1'hyperboloioe de 
& incidence nulle equivalent 4 la ligne de syra6tne intrados (d 

revolution 
'aprfcs ref. 

12) . 

T 

S 

Altitude 

Km 

u „ 

km/s 

kg/m 5 

P m 

atm 

T ® 

K 

Mach 

Incidence 

H angle 
au somroet 
des asymp¬ 
totes 
deg 

Rayon 

de 

nez 

m 

200 

92.35 

7.50 

2.334xl0" 6 

1.128xl0' 6 

324 

27.90 

40.4 

41.15 

1.296 

250 

85.74 

7.53 

6.365xl0' 6 

3.587xlO" S 

199 

26.60 

41.0 

41.70 

1.322 

330 

77.91 

7.42 

2.335xl0" 5 

l.JISxlO' 5 

199 

26.30 

40.2 

40.80 

1.286 

460 

74.98 

7.20 

3.815xl0" 5 

2.142xl0" 5 

198 

25.50 

40.0 

40.75 

1.276 

480 

74.62 

7.16 

8.055xl0' 5 

2.280xl0" 5 

198 

25.40 

40. 3 

41.00 

1.289 

540 

73.33 

7.03 

4.794xiO~ 5 

2.831xl0' 5 

200 

24.80 

40.4 

41.10 

1.295 

650 

71.29 

6.73 

6.824x10' 5 

3.965x10' 5 

205 

23.40 

39.4 

40.20 

1.253 

770 

68.67 

6.31 

9.6*9xl0~ 5 

5.992xi0' 5 

219 

21.30 

30.5 

34,20 

1.207 

630 

66.81 

6.05 

1.216xl0' 4 

7.925x10" 5 

230 

19.90 

41.4 

42.20 

1.342 

1000 

60.56 

4.99 

2.621xl0' 4 

1.877xl0' 4 

253 

15.70 

42.0 

42.75 

1.368 

1120 

52.97 

3.87 

6.762xl0~ 4 

3.025xl0' 4 

262 

11. 70 

38.3 

39.00 

1.204 

1215 

47.67 

2.96 

1.344xl0' 5 

9.900X10' 4 

260 

9.15 

34.8 

35.50 

1.056 


Tableau 2 - Comparaison des diff6rentes representations des effets de gaz r6el. 


Erreur sur Je flux de chaleur au point 
d'arrfit en iiaroi non catalytique. 


Module 

Moyenne 

Max 

Tempa U.C 

Complet 

0 . 

0 . 

1 . 

10 reactions 

0.06 % 

0.14 % 

0.62 

5 reactions 

l. n % 

4 % 

0.35 

3 reactions 

2.4 % 

4.3 % 

0.26 

Diffusion thermique negligee 

3.3 % 

5.8 % 


Nombre de Prandtl P = 0,725 

4.8 % 

7.4 % 

0.19 

Nonbre de Schmidt S = 0.518 
(Lewis L = 1.4) 

9 % 

11.7 S 

0.16 

Fonctions thermodynamiques 

9 * 

11.7 % 

0.13 


sous forme polynomiale 









ON THE NUMERICAL SIMULATION OF THREE-DIMENSIONAL 
HYPERSONIC FLOW 


by 

S. Riedelbauch, W. Wetzel, W. Kordulla and H. Oertel jr. 
DFVLR Institute for Theoretical Fluid Mechanics, 
Bunsenstr. 10, D-3400 Gottingen, FRG 


SUMMARY 

The present paper reports on the first steps towards the numerical simulation 
of hypersonic flows. Intentionally, the ideal-gas assumption is used to validate 
the methods by comparing results with experimentally observed or theoretically 
obtained data in cold hypersonic flows about simple geometries. The approaches 
cover the continuum as well as the gas-kinetic flow regime. An implicit 
finite-difference method with bow-shock fitting is employed to integrate the 
time-dependent Navier-Stokes equations, while the gas-kinetic flow is simulated 
by approximations to Boltzmann's equation. The Direct-Simulation Monte-Carlo 
method is preferred to the Molecular-Dynamics approach because of its larger 
computational efficiency. Results are compared with experimental data for the 
laminar flow past a blunted cone at M = 10.6 and past a hemisphere at M = 4.15. 
Th& Jttcay of Oseen's vortex at Kn = 0.1, and the gas-kinetic flow past a cylinder 
at M = 5.48 with Kn = 0.1 and 0.3 have been simulated, and results are shown in 
comparison with theoretical data. As an application to more realistic config¬ 
urations the three-dimensional laminar flow past the nose of a typical 
spacecraft and the gas-kinetic flow in the symmetry plane of the flow past the 
same configuration is being discussed. The next steps will include reai-gas 
modelling. For hot hypersonic flows experimental data are badly needed for com¬ 
parison purpose. 

1. INTRODUCTION 

Because of the development or planing of new spacecrafts such as Hermes [1], 
Hotol (21 or Sanger (3), or the planning of future supersonic/hypersonic air¬ 
planes [4,5,6] there is renewed interest in the understanding of hypersonic 
flows. It is well known that the development of the US Space Shuttle took mainly 
place in wind tunnels or by means of other experimental investigations. The expe¬ 
riences gained in free-flight as compared with the experimental and theoretical 
design are described in [7] . These experiences show that quite a few flow phenom¬ 
ena lack basic understanding, and require further studies. In contrast to the 
past design of the Space Shuttle, the Hermes vehicle is planned to be designed 
with the help of advanced numerical methods in order to reduce the expensive and 
time-consuming experimental investigations. This will provide a major thrust to 
develop new, more efficient numerical methods, or to apply existing methods to 
more complicated and realistic configurations. This tendency will be supported 
by the activities associated with forthcoming super- and hypersonic airplanes, 
see e.g. [5,6]. Present-day supercomputers such as CRAY-XMP, FUJITSU-VP200 or 
CYBER-205 enable to simulate viscous three-dimensional flows past fairly compli¬ 
cated configurations based on the assumption of perfect gases, see e.g. [8 to 
15]. The numerical simulation of 3-D viscous flows with reactions is more diffi¬ 
cult, see e.g. (16 to 20), due to the increased stiffness of the equations, and 
due to the lack of accurate physical modelling. 

The numerical simulation of hypersonic flows in three dimensions is quite a 
challenge for a variety of reasons, see also (21). In addition to the well-known 
difficulties associated with the determination of transition and with the 
modelling of turbulence in compressible flows at moderate temperatuies, one 
encounters problems associated with real gas effects and with the approximation 
of dilute gases. In (22,23) experimental devices are discussed which are 
required in order to better analyze real gas effects at high temperatures, and to 
provide the necessary physical input or the verification for the numerical simu¬ 
lation. One major task of the numerical simulation is the prediction cf integral 
quantities such as forces and moments acting on the hypersonic venicle. The anal¬ 
ysis of the development of the Space Shuttle Programme seems to indicate that 
these integral quantities are dominated by Mach number and real gas effects [21]. 
The other major task in hypersonic flow predictions is to accurately determine 
the aero thermodynamic load of the vehicle due to heat transfer. Here viscous 
effects must be considered, in addition. Real gas effects introduce new time sca¬ 
les or length scales into the problems resulting in an increased stiffness of the 
nonlinear equations. For finite-rate chemistry there is a lack of accurate rate 
constants at high temperatures. 

The range of the hypersonic flow regime can be classified according to the 
^alue of the ratio of the mean free path of the particles and the characteristic 
length of the considered problem, denoted by the Knudsen number Kn. In the con¬ 
tinuum flow range at very small Kn, up to Kn = 0.01 * 0.1, the Navier-Stokes 
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equations can generally be U3ed to describe flows, see figure 1, [24,25]. This 
is true for atmospheric flight in altitudes up to roughly 100 km. 

The other limiting case, for very large Kn, corresponds to the 
free-molecular-flow regime governed by Boltzmann's equation where the colli¬ 
sions of molecules are rare, and can therefore be neglected. The flow regime 
between the two limiting cases is called transitional, see figure 1. In the tran¬ 
sitional-flow regime the mean free path of the molecules is of the order of the 
characteristic length of the body in question. In order to determine the transi¬ 
tional flow an approximation is required for Boltzmann's equation, see e.g. [25 
to 30). One often and successfully used gas-kinetic approximation for dilute 
gases iB the Direct-Simulation Monte-Carlo approach. When approaching the con¬ 
tinuum-flow regime, i.e. with decreasing Knudsen number, the computational 
effort associated with gas-kinetic flow simulations becomes larger and larger. 
This happens because the larger density of the gas can only be simulated properly 
if the number of cells is increased as well because the dimension of such a cell 
should be of the order of the mean free path of the particles involved. Although 
the entire regime could be treated by such a technique, current computer capabil¬ 
ities forbid its use for continuum flows. Navier-Stokes solutions may be used, 
on the other hand, for low-density flows, provided appropriate boundary condi¬ 
tions are employed allowing for slip flow and a jump in temperature. 

The present paper discusses work at the DFVLR-Institute for Theoretical Fluid 
Mechanics done as a first step towards the numerical simulation of hypersonic 
flows. This first step is based on the assumption that the flow is thermally and 
caloricaily perfect. Thus cold hypersonic flows can be treated, and numerical 
tools can be developed by verification with available experimental data. For the 
consideration of real-gas effects .he corresponding physical models must be 
developed, and corresponding experiments have to be conducted for validation 
purpose. The simulation of hypersonic flows is approached from both sides, from 
the continuum-flow as well as from the gas-kinetic-flow regime, see figure 1. 
Figure 1 displays a typical flight envelope of a spacecraft such as e.g. Hermes. 
The flow can be considered continuum throughout most of the flight since it takes 
place in altitudes less than 90 km. Only for those situations where the speed of 
more than 7 km/sec is required, the transitional flow regime is entered. Figure 1 
also indicates the flow regimes where the perfect-gas assumption, corresponding 
to cold h’^ersonic flow, can be made, and where the internal degrees of freedem 
are exci and reactions start to occur. 
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Figure 1: Sketch of the range of hypersonic flow regimes with corresponding 
speeds, altitudes and Knudsen number ranges, including the 
flight envelope of a typical spacecraft. 














In the following, the integration of the time-dependent Navier-Stokes 
equations in finite-difference formulation will be discussed first, followed by 
a presentation of the direct gas-kinetic simulation using the Monte-Carlo tech¬ 
nique. As a first application of these methods the results for the computation 
of the flow in the nose region of a realistic spacecraft are described assuming 
that the ideal-gas model holds in spite of the chosen realistic free stream flow 
conditions. The paper is concluded by some remarks pointing out the importance 
of experimental verification fir the development of numerical simulation tech¬ 
niques . 


2. SIMULATION OF VISCOUS CONTINUUM FLOW 
2.1 GOVERNING EQUATIONS AND ALGORITHM 

The governing equations for time-dependent viscous flows are discussed e.g. 
in [31,32]. The formulation used here is based on the differential formulation in 
strong conservation-law form which allows to capture flow discontinuities such 
as shock waves. This property is, however, used only for shock waves embedded in 
the flow field while the bow shock wav«. is fitted, thus forming one boundary of 
the computational domain. A detailed discussion of the equations and the used 
algorithm is contained in [33], and will therefore only be summarized here. 

The equations are based on the assumption of ideal gases using constant spe¬ 
cific heats. The flows treated are laminar with the viscosity coefficient being 
determined with Sutherland's law although this is not accurate over the temper¬ 
ature range encountered in some computations. The heat transfer coefficient is 
related to the viscosity coefficient via the definition of the laminar Prandtl 
number which is assumed constant as is usual in supersonic flows. In the case of 
hypersonic flow at high temperature these assumptions have to be revised com¬ 
pletely, and additiona 1 fixations w s 1 1 V .?.vr* to be added if reactions take place 
see e.g. (20) . 

The time dependent equations have been derived using the thin-layer approxi¬ 
mation which is quite common in ideal-gas flow simulations for high Reynolds num¬ 
bers in order to reduce the computational effort. Owing to this approximation all 
surface-tangential diffusion terms are neglected based on the argument that only 
the wall-normal direction can be resolved properly on present-day 



Figure 2: Perspective view of some surfaces of a grid for the simulation of 
the laminar flow past a blunted cone at M« =10.6, Re = 110 000, 

TO = 11'. 1 K, Tw = 300 K, a = 15°. The grid corresponds to the con¬ 
verged solution with fitted bow shock wave. 
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supercomputers. Although the thin-layer approximation has been verified for 
quite complicated flows, see e.g. (34], it needs to be checked for flows with 
reactions, or if an extremely fine resolution becomes possible in more than the 
wall-normal direction. 

The used solution algorithm is originally based on the implicit 
Beam-and-Warming scheme as applied in a modified version to axisymmetric super¬ 
sonic and hypersonic flows past blunt bodies in [35,36]. The extension to three 
dimensions in (33] takes advantage of the work in [37] which reduces dramatically 
the computational effort associated with the inversion of the implicit operator 
in three dimensions. Instead of approximately factoring the multi-dimensional 
implicit operator into one-dimensional factors, the surface-tangential flux 
differencing is done in an explicit fashion. Hence only one one-dimensional 
implicit operator remains to be inverted. This advantage is achieved at the 
expense of having to reduce the time step considerably if the surf ace-tangential 
grid resolution needs to be improved, e.g. near the nose of the body or in regions 
with embedded shocks. In such cases it may become necessary to take recourse to a 
more implicit or even fully implicit solution. The hybrid explicit-imnlicit 
scheme exhibits another advantage for u.e on computers with small main memory in 
that less storage is needed because only one level of the solution vector needs 
to be stored. A black-and-red pattern relaxation scheme is used for the solution. 

The initial conditions used are, in general, post-shock conditions requiring 
small time steps in the beginning, and increasing these within about 100 steps to 
the final value. Alternatively, for steady-state problems some artificial vis¬ 
cous layer could be introduced near the body surface to enhance taking large time 
steps from the very beginning on. Note that constant time steps are being used 
throughout the entire computational domain. Usually, for solutions at angle of 
attack the flow field is established gradually, starting with a solution at an 
angle of attack of 0°. Most crucial is an appropriate initial guess of the shape 
ol' th* bow shock wave, in particular for more complicated shapes (see below). 
This may, however, be due to the use of explicit boundary conditions at both the 
moving bow shock and the surface of the body. Therefore, these conditions are 
currently being transferred to an implicit treatment which is non-triviaJ 
because of the moving grid. The formulation of the boundary conditions at the 
fitted shock wave uses the Rankine-Hugoniot relations and assumes the pressure 
behind the shock wave Lo Le known from a calculation based on the values of the 
previous time step. At the surface no-slip conditions and adiabatic walls or 
prescribed wall temperatures are currently used. Flow symmetry is assumed to 
reduce the computational effort because the computations are generally carried 
out on a CRAY-IS without dedicated input/output device. 

2.2 VALIDATION OF THE METHOD 

The validation of the code in three dimensions has been carried out in several 
steps, for cold hypersonic flows as was mentioned earlier. First, it was made 
sure that the axisymmetric flow is recovered as was obtained previously with the 
code for axisymmetric flow (without separation). Then, different grids have been 
used for the same axisymmetric problem [33]. One is based on cylindrical coordi¬ 
nates with a singula- axis at the nose, the other avoids the singular axis by 
wrapping a surface around it. Both solutions give the same answer if the mesh 
spacings, and the interpolation at the singular axis in the first approach are 
chosen appropriately (33 ] . The mesh with singular axis is currently preferred in 
spite of the difficulties associated with the interpolation because it imposes 
less restrictive time-step limitations due to the coarser mesh near the nose. 

Because the accuracy of the prediction of heat transfer is most important for 
the design of hypersonic vehicles, experimentally observed heat transfer data 
for model configurations were sought for '•omparison purpose. While hot hyperson¬ 
ic flow data are virtually not available at all, those for cold hypersonic flows 
in well documented form seem to have been established only in the sixties, see 
e.g. ( 38 to 40 ] . 

The laminar flow past a blunted cone at Mach number 10.6 with Reynolds number 
110 000 based on nose radius for the free-stream stagnation temperature 1111 K 
and prescribed wall temperature of 300 K was chosen as one test case [38,39] 
because pressure distributions and heat transfer data are given. Figure 2 shows 
several surfaces of the mesh used for this flow simulation at an angle of attack 
of 15° in perspective view. The mesh dimensions in longitudinal, circumferential 
and wall-normal directions are 63 x 25 x 41. Note that the external grid surface 
corresponds to the fitted bow shock wave as is obtained for the converged sol¬ 
ution. Measurements are given only at locations more than about 1.5 nose radii 
downstream of the nose. Figures 3 and 4 show the excellent agreement of predicted 
with experimentally observed distributions of pressure coefficients and heat 
transfer (referenced to che heat transfer at the body nose at zero incidence). 
The ratio of the heat transfer passes slightly the theoretical value of one at 
the stagnation point at angle of attack which can be corrected by improving the 
resolution of the grid near the nose. Figure 5 displays the lines of constant 
Mach number in the symmetry plane for the same flow conditions. The location of 
the subsonic flow domain near the stagnation point is indicated as well. The 
location of the bow shock wave can be estimated well as the external boundary of 
the domain of the iso-line plot. 






Figure 3: Comparison of predicted and experimentally observed pressure 
distribution on a blunted cone (o : experiment, Cleary). Legend 
see fig. 2 . 
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Figure 4: Comparison of predicted and experimentally observed heat trans¬ 
fer data (o : experiment Cleary). Legend see fig. 2. 


It remains to show that the heat transfer is well predicted also in the neigh¬ 
borhood of peak values, near the stagnation point. It is hard to find correspond¬ 
ing experimental data for cold hypersonic flows. Therefore ficrure 6 shows a 
comparison for supersonic flow conditions in terms of adiabatic wall temper¬ 
atures near the nose of a hemisphere. Free-stieam conditions are M- = 4. 15, 

Re = 1 500 000 and TO = 389 K. The deviation of the experimentally determined 
stagnation temperature, as referenced to the free-stream stagnation 
temperature, from the theoretical value of one indicates the error involved. 
This shows that the predicted values ate well within the band width of the exper¬ 
imental error range. 












2.3 IDEAL-GAS FLOW PAST A REALISTIC SPACECRAFT NOSE 


As an application to more realistic body shapes half of the laminar flow past 
the nose of a Hermes-like vehicle has been simulated with % = 1.4 for a point 
within the possible flight corridor (M- = 12.2, ReL = 141 200, L = 1 m, T«* = 266.6 
K), see figure 7. The external grid surface coincides with the -l.wwl. surface 
for an angle of attack of 10°. The flat windward surface of the body can clearly 
be seen. Because the desired wall temperature is not known, adiabatic-wall boun¬ 
dary conditions have been employed. Starting with a solution at zero incidence, 
based on a mesh with 40 x 41 x 41 points, flow fields have been obtained up to an 
angle of attack of 20°. As indicated earlier, the estimation of the initial shock 
shape is most difficult, because the solution is rather sensitive with respect to 
the shock position. Note that the authors are well aware of the discrepancy of 
the high temperatures near the stagnation point (of the order of 8200 K) and the 
ideal-gas flow assumption. For an angle of attack of 10° figure 8 shows the lines 
of constant Mach number in the symmetry plane of the body including the trace of 
the sonic surface near the stagnation point. Note the flat windward surface which 
becomes obvious in figure 9 where a cross-sectional plot of the isobars is pre¬ 
sented including the cross-sectional shape of the body at the downstream end of 
the computational domain. The used mesh is indicated in the same figure, with 
the trace of the bow shock wave indicated by the outmost coordinate lines- The 
carpet plot of the pressure clearly indicates a typical cross-sectional local 
maximum of the pressure near the lower "corner" of the body before the flow 
expands around the shoulder with a fairly small radius of curvature. 

The solutions with roughly 67000 grid points could be obtained with an 
in-core version of the code on the CRAY-IS computer owing to the reduced storage 
requirements of the hyhiid explicit-implicit scheme. Currently the mesh sensi¬ 
tivity of the solution is investigated by running the code on a CRAY-2 computer 
with the mesh dimensions in the surface tangential directions being doubled. 
From the cross-sectional view of the mesh in figure 9 it seems that more resol¬ 
ution is needed near the "corners". And actually a flow-adaptive solution would 
be most appropriate. 



Figure 7: Perspective view of some surfaces of the finite-difference grid 
used for the flow simulation past a typical spacecraft nose. 

M- = 12.2; a = 10°; ReL = 141 200; L = lm; T- = 266.6 K; adiabatic; 
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3. GAS-KINETIC FLOW REGIME 
3.1 SOLUTION METHODS 

For sufficiently dilute gases the fluid is considered to consist of an ensem¬ 
ble of discrete particles. The motion of these particles and the corresponding 
collisions are described by Boltzmann's equation. There is a single dependent 
variable, the distribution function, but there are seven independent variables, 
the time and the coordinates of the position vector and the velocity vector. This 
explains why it is usually avoided to integrate the equation in three dimensions, 
even if the collision term in Boltzmann's equation is simple, describing the var¬ 
iation of the distribution function as a consequence of the collisions of the 
particles. 

As an alternative to the numerical integration of Boltzmann's equation two 
simulation approaches have been investigated. One is the Direct-Simulation 
Monte-Carlo technique (DSMC), suggested by Bird [41], and the other is the Molec¬ 
ular-Dynamics approach (MD), see e.g. [29,30,42]. In these approaches the dis¬ 
tribution function is directly represented by the particles in the phase space 
where every particle is defined by the position and the velocity vector. The flow 
simulation is possible with some thousands of model particles which represent 
the roughly 1E+19 particles per cubic centimeter existing in reality. This is 
possible because Boltzmann's equation can be normalized such that it is inde¬ 
pendent of the number of particles [43], if the product of particle density and 
cross section of the particle remains constant. 

In the MD simulation approach the calculation starts with defining the posi¬ 
tion and the velocity of the particles within the chosen control volume. Usually 
statistical assumptions are employed for this purpose. Once the initial condi¬ 
tions have been defined, e.g. based on Maxwell's distribution for the 
velocities, the motion of the particles is determined completely (deterministic 



Figure 8: Lines of constant Mach number in the symmetry plane near the nose 
of a typical spacecraft (♦♦♦ : sonic surface) Legend see fig. 7. 
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Figure 10: Sketch of the control volume for the simulation of the decay of 
Oseen* s vortex flow, with initial velocity distribution. 



x 

Figure 11: Comparison of predicted and analytical velocity distribution for 

Oseen's vortex decay for Kn = 0.1. --- : initial condition, - : 

analytic solution, xx : MD result, oo : DSMC result. 
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The DSMC method is similar to the MD approach in so far as the paths of many 
particles are determined, and the macroscopic quantities are obtained by sampl¬ 
ing the microscopic quantities. The difference between both methods originates 
from the creatment of the collisions where statistical assumptions are employed 
in the DSMC approach. Because this results in less computational effort, the DSMC 
method is preferred, in general. 

The computational domain in the DSMC approach is first partitioned into dis¬ 
crete cells. The size of a cell has to be chosen such that the variation of the 
flow properties within that cell are small i.e. of the order of the mean free 
path. With the initial position and velocity of the particles known, as in the 
case of the MD method, the DSMC method consists of two steps which are repeated as 
often as needed. In the first step of the simulation the particles are moved 
according to their individual velocities for a time step At, chosen such that it 
is small compared with the mean collision time. Thereby the motion is determined 
without regard of possible interactions with neighboring particles. Collisions 
with walls are handled in the same way as was indicated for the MD method. The 
next step then consists of computing for each cell representative collisions 
between two particles which are chosen in a random manner. These two particles, 
however, may or may not collide depending on the collision probability which is 
proportional to the product of relative velocity and cross section. If the two 
particles collide, the momentum and energy conservation equations are used to 
determine the new velocity components. This procedure is continued until the 
time increments Ate, the time between collisions, sum up to the prescribed At for 
all cells. Because the particles do not actually collide in the DSMC method, the 
impact parameters - for a given interaction potential - are not determined by the 
geometric consideration as is the case in the MD approach. The Monte-Carlo method 
makes use of the fact that, in particular for the hard-sphere model, there does 
not exist a preferred spatial direction for the impact parameters, so that they 
can be determined in a random way. 

Many physical models are available to numerically describe the interaction of 
particles due to both repulsing and attracting forces. The usefulness of such 
models have been shown by comparison with experimentally observed data. For 
engineering purpose it is not necessary to know very well the interaction poten¬ 
tial. In (44] an efficient model, the so-called "variable hard sphere (VHS) 
model" is proposed. This model has the advantage of the hard-ephere model, i.e. 
the isotropy of the impact parameters. On the other hand the VHS model takes into 
account the dependence of the cross section upon the relative velocity of the two 
colliding particles [44]. 

The kinetic theory for gases consisting of molecules with internal energy is 
very complex owing to the multi-dimensional phase space, and to the complicated 
exchange of energy between internal and translatory energy modes of molecules, 
in the case of inelastic collisions. Therefore it is very difficult to determine 
exact physical models. As an alternative phenomenological models have been 
developed: the Borgnakke/Larsen model, has proven to represent a valuable tool 



Figure 13: Velocity protiles along the stagnation streamline of the flow 
past an adiabatic circular cylinder for Kn = 0.1 and 0.3 (DSMC). 
The lines are taken from (46] and the symbols represent present 
results (the shock location predicted by continuum is included as 
well). 
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for engineering applications (45]. The main feature of this statistical model is 
that part of the collisions is treated completely inelastic. The remaining col¬ 
lisions are considered fully elastic, and are determined as if the considered gas 
was monatomic. This model will lead to the Maxwell distribution in the case of a 
gas in equilibrium, where translatory and internal temperature coincide. It is 
currently being implemented in the DSMC method. 

Concerning the gas-kinetic flow simulations, the simulation of the decay of 
the Oseen vortex and of the hypersonic flow past a cylinder are discussed as part 
of a validation procedure. Then first results are presented for the flow in t*e 
symmetry plane of the nose region of a spacecraft based on simplifying assump¬ 
tions. Note that the methods are formulated for three dimensions, where the third 
dimension exhibits in most cases a length of one mean free path because of the 
lacking computer resources. Hence, all two-dimensional results presented have 
been obtained in a quasi-three-dimensional fashion. 

3.2 VALIDATION OF THE DSMC METHOD 

As first test case which is being used to determine the parameters character¬ 
istic for both gas-kinetic flow simulation approaches, the decay of Oseen's vor¬ 
tex has been chosen. This flow allows to check the sensitivity of the DSMC method 
with respect to the conservation of angular momentum which becomes important 
whenever vortical flows are simulated, see (29,30]. The advantage of this test 
case is that there is an analytic solution of the Navier-Stokes equations to com¬ 
pare with. 

The control volume for the simulation of the vortex decay exhibits a circular 
shape with radius R, see figure 10. The characteristic length scale L of the 
problem is chosen to be the distance between vortex core and initial location of 
the maximum of the velocity. At the boundary of the control volume specular dif¬ 
fusion is imposed which is certainly not consistent with the condition of air at 
rest (which would rather require diffuse reflection). This way, however, the 
total amount of angular momentum within the control volume must remain constant. 
Thus the conservation properties of the considered method can be checked direct¬ 
ly. Knowing that the boundary condition i6 physically incorrect, care is taken 
that the influence of that condition does not penetrate further in the direction 
of the vortex core than R/2. This is achieved by choosing the simulation time 
appropriately. The interaction between the particles is modelled with the help 
of the hard-sphere model. 

Figure 11 shows for Kn = 0.1, which is close to continuum conditions, a com¬ 
parison of results for the MD and the DSMC methods with the analytic solution in 
terms of velocity distribution. The ratio of particle diameter and average dis¬ 
tance between particle centers i3 a measure of the degree of rarefaction. This 
ratio is 0.4 in the case of the MD method, where 10 000 particles are employed for 
the simulation. Four independent runs have been made, and the corresponding 
results have been averaged. In the case of the DSMC method 211 000 particles have 
been used. The circular computational domain has been partitioned into cells 
such that the radial extent of each box is roughly 0.8 of the mean free path of 
the particles, see the sketch in figure 12. This choice of parameters leads to 
good agreement of the predicted with the analytical solution, see figure 11. As 
expected, only near the external boundary some systematic disagreement is recog¬ 
nized. The average change in angular momentum per collision of the particles was 
less than 0.0002 for both gas-kinetic simulation approaches. 

After having calibrated the DSMC technique only this one was used in the fol¬ 
lowing because of its superior computational efficiency. As another test case 
the adiabatic hypersonic flow normal to a cylinder is simulated, the fluid being 
Argon. The calculations have been performed with the VHS interaction model after 
Bird for Kn = 0.1 and 0.3 and a free-stream Mach number of 5.48. Diffuse 
reflection with complete thermal accommodation served as boundary conditions. 
The correlation for the recovery temperature at the surface of a cylinder in 
dilute gases [46] has been used to determine the wall temperature. Since the out¬ 
er boundary was far enough away from the cylinder, the toal number of particles 
within the computational domain was kept constant: the number of particles leav¬ 
ing the domain were replaced by the same number entering based on a random 
distribution. In 1974, a similar investigation was carried out [47]. Therein, 
however, the inverse 12th-power-law potential was used to simulate the flow of 
Argon. Figure 13 shows the distribution of the velocity, as referenced to the 
most probable velocity cm of molecules in equilibrium, along the stagnation 
streamline in comparison with the results in (47]. The bow-shock stand-off dis¬ 
tance is referenced to the radius R. An additional comparison is the 
continuum-flow approximation from [47] which has been plotted as well into fig¬ 
ure 13. In figure 13 one recognizes the bow-shock wave building up in front of 
the body with reduced Kn, with the shock thickness decreasing towards the cont>- 
uum-flow limit. For Kn = 0.1, the figures 14 and 15 show lines of constant 
temperature and constant density for the nearly adiabatic cylinder walls. The 
curved shock wave, the thickness of which is of the order of the body radius, is 
clearly seen. 
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Figure 14: Lines of constant temperature for the flow past a circular cylin¬ 
der. M- - 5.48, adiabatic wal1, Kn = 0.1. 



Figure 15: Lines of constant density for the flow past a circular cylinder. 
M- = 5.48, adiabatic wall, Kn = 0.1. 


3.3 GAS-KINETIC FLOW PAST A REALISTIC SPACECRAFT NOSE 

In the following first simulations of the flow past the nose of a realistic 
spacecraft are discussed. The flow conditions are chosen from realistic reentry 
parameters. The Knudsen number is roughly 0.08, where the mean free path corre¬ 
sponds to an altitude of 95 km and where the characteristic length is the average 
nose radius in the symmetry plane. The free-stream Mach number is 25.5 and the 
prescribed wal] temperature is chosen 1043 K. The calculation of the collisions 
is again based on the hard-sphere model for monatomic gases. The boundary condi¬ 
tions on the vehicle is based on diffuse reflection and complete thermal accommo¬ 
dation. It is obvious that the high free-stream velocity would lead to real gas 
effects including chemical reactions. These are currently neglected as was men¬ 
tioned earlier. Figure 16 shows lines of constant Mach number in the symmetry 
plane of the flow past the typical spacecraft nose. A thick shock layer is seen 
wrapped around the nose. Note that the solution i»s rather sensitive to the size 
of the cells. Also, the same boundary conditions as for the flow past the cylin¬ 
der has been applied at the external boundary of the computational domain, see 
figure 16. This assumption will be checked, in future. These calculations are 
currently being repeated on a CRAY-2 based on the complete three-dimensional 
shape of the vehicle nose. Future investigations will include real gas effects, 
and will look into the influence of the boundary conditions on the flow simu¬ 
lation. 






4. CONCLUDING REMARKS 


The present paper describes results of the first steps made in the direction 
of numerically simulating realistic hypersonic flow fields past 
three-dimensional configurations. In order to cover the entire hypersonic flow 
regime methods are needed for continuum as well as for gas-kinetic flow simu¬ 
lations. The results intentionally concern simple configurations, and are based 
on ideal-flow assumptions to validate the methods. For such cold hypersonic 
flows it is not easy to find recent detailed, well documented experiments which 
allow to check the performance of the methods with respect to e.g. heat transfer 
which is of major importance in the design of hypersonic vehicles. The exper¬ 
imental situation is even worse in the case of hot hypersonic flows where 
reactions occur, and of flows where continuum flow prevails but where rarefied 
flow effects must be considered at solid surfaces, or of flows with recombination 
taking place at surfaces. Realistic physical modelling is required in these sit¬ 
uations, and needs to be incorporated in the existing flow simulation methods and 
codes. The only way to gain confidence into the usefulness of such modelling is 
by comparing the computational results with experimentally observed data. To 
achieve this for hot hypersonic flow, high-enthalpy facilities are badly needed 
which can simulate properly hypersonic free flight. 

Here, ideal-gas assumptions allowed to check the performance of codes in the 
cold hypersonic flow regime based on fairly simple configurations. In the con¬ 
tinuum-flow regime an implicit finite-difference method has been verified by 
comparing predicted and experimentally observed surface pressure and heat trans¬ 
fer data for the flow past blunted cones and past hemispheres. In the 
gas-kinetic-flow regime the Direct-Simulation Monte-Carlo (DSMC) approach is 
preferred to the more accurate Molecular-Dynamics method because of the larger 
computational efficiency. It is shown that the DSMC is as good as the other 
approach even with respect to the conservation of angular momentum in vortical 
flow, if the parameters of the method are chosen appropriately. As further test 
the flow past a cylinder has been chosen. Finally the flow about the nose of a 
typical spacecraft has been simulated with realistic free-stream conditions at 
M** = 12.2 (continuum) and 25.5 (gas-kinetic flow). It is noted that due to the 
limitations with respect to the available computer resources the gas-kinetic 
flow simulation actually considers only one layer of flow encompassing the sym¬ 
metry plane of the body. Currently computations are under way on a CRAY-2 
computer to perform fully three-dimensional simulations and to study the mesh 
dependency of the solutions. 

The next steps in the development of the simulation codes will concern the 
modelling of real gas effects and their implementation, including the 
gas-surface interaction. The modelling of transition and turbulence in hyper¬ 
sonic flows is as important as in the conventional compressible flows. All these 
features are necessary ingredients for the successful application of prediction 
methods in the design of hypersonic vehicles. When extending the work to realis¬ 
tic, more complicated configurations, flexible grid generation methods are 
required. 



x 


Figure 16: Lines of constant Mach number in the gas-kinetic flow past a typ¬ 
ical spacecraft nose. M* — 25.5. Tw = 1043 K, Kn — 0.08, a = 0 
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SUMMARY 

Numerical experiments of hypersonic flows beneath a cone-delta-wlng combination have 
been carried out by solving the compressible Navler-Stokes equations using an assumption 
of local conicity. An implicit method is combined with a multigrid scheme in the solution 
procedure to achieve fast convergence to the steady state. Detailed flow field results 
provide further insight into the complex flow structures due to interaction between the 
cone shock and the wing shock and the interaction of the resulting flow with the wing or 
cone boundary layer. Flow field pictures reveal phenomena of value in the design of 
hypersonic lifting vehicles, such as the interference surface pressure and the high local 
wall heating. Comparisons with experimental data and conical Euler solution are also 
made . 


LIST OF SYMBOLS 


B 3tate vector 

C p surface pressure coe f f i c i e nt. ( p„-p„ ) / (1 / 2 ) Pa>V„ 2 . at r 

c p specific heat at constant pressure 

e total internal energy 

F © direction flux vector 

G • direction flux vector 

H source term vector 

k thermal conductivity 

M Mach number 

n normal direction 

Pr Prandti number, Cpu/k, 0.72 

p pressure 

q heat transfer rate 

Re..!* Reynolds number, p«V<»r/u. 

r radial coordinate, measured from cone vertex 

Sj vector in governing equations 

St Stanton number. Iq w I/p.V.cp(T a -T„) 

T temperature 

t time 

U conservative vector 

u velocity in r direction 

V resultant velocity, (u*♦v'+w*) 1 ^* 

v velocity in © direction 

w velocity in ® direction 

« angle of attack 

r ratio of specific heats, 1.4 

© coordinate, conical angle 

u viscosity 

p density 

tjj stress tensor 

« coordinate, circumferential angle, measured from windward symmetric surface 

4,6 increment 

forward and backward finite differencing operator, respectively 
a delta wing leading edge sweep angle 

SubscrIpt s 

c cone surface 

i,J value at (r.©i,ej) 

t derivative to time 

w wall value 

o stagnation value 

i,?,s pertaining to r,©.e. direction 

® free-stream value 

©.« derivative to 0 , *. respectively 

Superscipts 
n time level 

T transpose 





1. INTRODUCTION 


A major step towards understanding the flow over general hypersonic vehicle shapes 
can be aade by nuaerlcally predicting the flows over a simplified yet representative 
shape. The cone-delta-wing coabination Is such a shape in that siwpliflcation arises froa 
assualng a locally conical flow, l.e., gradients in a radial direction can be ignored. 

In early studies it had been expected that the interference effects on the windward 
side of a wing-body coabination in high speed flows would favour lifting effectiveness. 
Lack of knowledge of 3-D shock-shock and shock-boundary layer interactions and 
difficulties in predicting the resultant separation, vortex flow and reattachient. 
however, did not allow the full exploitation of this benefit. Furthermore undesirable 
high local heating peaks were generated as a result of these Interact ions. 

Attempts made two decades ago to understand these complicated flows Involved surface 
■ easureaent in supersonic and hypersonic flow beneath such simple geometries[1-3] . The 
small scale of experiments and the large scatter in the data, however, was so as to make 
it difficult to predict accurately, especially near the wing-body Junction, the details 
of the surface pressure signature due to the vortex flows generated by the interactions 
and the resultant high local wall heating rates. 

Work has been undertaken by the authors to further the knowledge of this complex flow 
field using numerical experiments by computer simulation. The unsteady compressible 
Navier-Stokes equations are solved using a locally conical flow 'ssumption. The 
efficiency of the MacCormack implicit finite difference method[4] wa« improved by 
combining it with a multigrid acceleration for steady state so 1ut i ons(5 ] . 

In this paper the numerical method Is outlined before giving detailed numerical 
results for the hypersonic flow beneath a cone-de1ta-wlng combination chosen to have the 
same shape as that used in the experiment by Meyer and Vail[l]. Comparisons with these 
experimental results were aade where possible. The numerical results for the above cases 
have been plotted out in detail to allow an understanding of the flow field and its 
effects cn surface parameters. An Euler solution is also given to compare with the 
Navier-Stokes solution. 


2. GOVERNING EQUATIONS AND NUMERICAL METHOD 

2.1. The Locally Conical Navier-Stokes Equations and the Conical Euler Equations 

The three-dimensional unsteady. compressible Navier-Stokes equations are first 
written in weak conservation form for a spherical polar coordinate aystem(r.0.») . For 
supersonic and hypersonic viscous flows around conical bodies, it can be assumed that the 
gradients in the radial direction are much smaller than those in the crossflow direction. 
The validity of this "locally conical" approximation downstream from the nose region has 
been well established through experiment and computation even though a relatively large 
viscous region exista(e.g. see reference 6 and references therein]. Applying this 
approximation, i.e. a/ar *■ 0. to all fluid quantities in the above equations, results in 
the following "locally conical" Navier-Stokes equations. 
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The fluid properties density p. velocity components u.v.w, Internal energy e. 
pressure p, teaperature T and the viscosity u. in the above equations have been 
nondlaensionlzed with respect to p„, V., V.*. p^V.* . T 0 -T„ and u m . The tlae t has been 
nondlnenslonlzed by r/V» correspondingly. Note that, for viscous flow, a length scale 
dependence reaalns and is contained in the Reynolds nuaber, Re w , r -p»V«r/M«». which 
deteraines the location of a crossflow plane, r, In which a solution Is coaputed. 

The pressure is given by 

p - (jr-l)p[e-(u*+v*+w*)/ 2 ] 

and viscosity is accounted for by the Sutherland foraula. 

In the above locally conical Navier-Stokes equations i the vlscouc effects are 
neglected, l.e. u - 0, conical Euler equations result with 
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In contrast to the locally conical Navler-Stokes equations no length scale dependence 
reaalns in the conical Buler equations, which indicates that for high speed flows around 
conical shapes conical Buler equations describe strictly conical lnviacld flow and the 
nonconlclty is all Introduced by the viscous effects. 


2.2. An Iapliclt Scheae with Multigrid Acceleration 

The basic integration scheae eaployed in this work is the two-step iapliclt Method 
proposed by MacCoraack[4]. Me apply it to Eq. (1) In the following fora. 
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For further acceleration of the convergence to the steady state, a aultlgrid scheae 
is coablned with the above iapliclt aethod in the solution procedure. Coarser grids are 
defined by successive deletion of every other line in each coordinate direction. The 
aultlgrid strategy used here is by sawtooth cycling. The coarse grid scheae is a one-step 
Lax-Vendroff explicit scheae expressed as distribution foraulae in finite volune 
integration fora by Nl[7]. In this application, the distribution foraulae can be written 
as 


6U 1.J " (1/4)(AO «■ At( AP/AO ♦ AG/A# + AH)) a 

+(1/4)(AU ♦ At(-AF/AO ♦ AG/A# ♦ AH)j b 

♦(1/4)[ AU ♦ At( AF/AO - AG/A# ♦ AH)j c 

♦(1/4)lAU ♦ At(-AF/AO - AG/A# ♦ AH)] d (3) 

where a,b,c and d represent the four control voluaea surrounding the grid point (l.J). 

Based on physical arguaent[8], the coarse grid scheae involves only lnviscid 
Jacobians, the result of which aakes the procedure wore efficient. Therefore, in Eq.(3), 
we have 

AF • (dF I /3U)A0, AG - (dG I /dU)AU, AH - (dH I /aO)AO 

For stability a local variable tlae step, which is determined by the local lnviscid 
stability condition, is used in the coarse grid scheae. 

At - CPL ain[( ao/(| v|+c). slnOAe/(|w|+c)]. CFL a 1 

The restriction and prolongation operators are respectively full-weighting average 
and bilinear interpolations. 

The efficiency of the above nuaerlcal procedure was studied in Ref.(6]. Comparison 
with the corresponding MacCoraack explicit aethod and effect of the aultlgrid scheaea on 
convergence were Investigated there. 







20-4 

3. RESULTS AID DISCU8SIOI 

The cone-delta-wing configuration tested experlaenta11y by Meyer and Vall[l] is 
chosen. Fig. 1 shows the sketch of the geoaetry and the solution plane. The conditions 
are 
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I. - 12.65. Re. r - 3.78 x 10*. T 0 - 1800 K. T w /T 0 - 0.16. P 0 - 3.585 x 10' N/a* . 

8 C - 12*. A - 60* 

The coaputatlon is Bade at the spherical plane of r - 3.7in corresponding to the 
experlaental aeasureaent. The aesh of 65x65, Illustrated In Fig. 2, Is stretched in both 
a and e directions in such a way as to ensure sufficient resolution of the viscous 
effects. A three-level aultlgrid procedure Is used. The Initial flow field is set to the 
flow properties at Infinity. 

The boundary conditions supplied are:- 

a) on the wall: u - v - w » 0; T - T w - constant (lsotheraal wall) 

b) outer boundary: free stress values 

c) syaaetric plane: reflection condition 

For conical Euler solutions the wall no-slip boundary condition a) is replaced by 
tangency condition with v - 0 on the cone surface and w - 0 on the wing surface. 

3.1. Angle of attack « ■ 0* 

According to lnvlscld flow theory, flow at zero angle of attack Is quite staple. In 
this case the free stress is aligned with the surface of the wing so no shock wave is 
generated by the wing. Part of the wing captures the high positive pressure of the cone 
shock layer and this so-called "lnvlscld interference pressure" produces an ln^*rferenc» 
lift on the wing. 

Unfortunately this Is not the case In practice. Viscous effects complicate the flow 
field. Figs. 3-8 show the nuaerlcal results for this case. Pig. 3 presents the crossflow 
velocity vectors at each grid point and Fig. 4 gives a closer view near the Junction. 
Figs. 5 and 6 show the crossflow Nach nuaber and pressure contours (These contours are 
plotted In the rectangular coaputatlon grid Instead of the curved physical grid due to 
lack of appropriate graphic software). Figs. 7 and 8 compare the surface pressure and 
heat transfer with the experlaental data respectively. 

The high pressure field of the cone shock layer interacts with the wing boundary 
layer, which results in separation on the wing. This Is the aajor feature of the flow 
interaction, which Is clearly shown In Figs. 3-6. The separated flow froa the wing foras 
a very strong vortex, which reattaches first on the cone surface at A, and then on the 
wing surface at A,. Flow reattachaent creates high local heating rates on the surface as 
seen In Pig. 8. A secondary vortex between the wing and the priaary vortex is easily 
observed with reattachaent at A,. The thick viscous layer beneath the wing interacts with 
the oncoalng flow and a weak shock wave foras froa the wing leading edge. The outer edge 
of the viscous layer end the weak shock wave are clearly Illustrated In Pig. 5. This weak 
shock wave again interacts with the cone shock wave and a resulting strong Internal shock 
wave appears clearly outside the prlaery vortex to decelerate further the high speed flow 
passing through the weak wing shock and deflecting it into the priaary vortex. The 

Internal shock curves inwards because of the influence of the wall as shown In Pigs. 5 
and 6. A shear layer resulting froa the slip surface Is seen lying between the 

shock-shock Interaction point and the reattachaent point A t in Fig. 5. which divides the 
flow processed by the cone shock froa that by the wing shock. 

With the flow field pictures In alnd, the surface pressure distribution and the heat 

transfer to the wall becoae understandable. Coaparlson with the data of Meyer and Vail's 

surface pressure aeasureaent la Bade in Pig. 7. The pressure spike at A t predicted by the 

nuaerlcal results aligns qualitatively with measurements at zero angle of attack as 
reported In [3]. Unfortunately Meyer and Vall[l] failed to give data in this region due 
to difficulties in aeasureaent near the junction. The peaks in heat transfer corresponds 
to the reattachaent points, A t , A, and A) while the valleys to the separation points, 8,. 
S*. 

3.2. Angle of attack « - 5* 

Figs. 2-14 illustrate the results of the nuaerlcal simulation of the case at an angle 
of attack of 5* using the saae set of illustrations as for the « - 0* case. At this snail 

angle of attack, a nuaber of its features as described for zero angle of attack are seen, 

but the effects on the surface paraaeters on the wing are aore accentuated due to the 
interaction being aore directed towards the wing. In the crossflow Mach contour. Fig. 11, 
the "three-shock configuration" is well represented and instead of a slip surface the 
shear layer between the shock-shock Interaction point and the reattachaent point A t is 
clearly seen. The shock resulting froa the shock-shock interaction further interacts with 
the wing boundary layer and another Internal shock eaerges close to the Junction due to 
influence of the wall. This internal shock directs the strong crossflow to roll through 
the Junction into a strong priaary vortex beneath the wing. 

Significant is the appearance of a vortex roiling up froa the cone surface, which is 
not teen in the zero angle of attack case. This vortex is seen aore proainently in the 
« * 15* case to be described. It is seen froa Fig. 13 that the predictions of the surface 
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pressure distribution agree well with the measurements of Meyer and Vail[l]- In Pig. 14 
the heat transfer distribution agrees qualitatively with the experiaental results, which 
was stated to be laalnar, In Identifying the peaks and the valleys but the level is 
obviously lower than the experiaental data on the cone surface. At this stage this 
discrepancy Is not understood. 

3.4. Angle of attack a - 15* 

Pigs. 15-20 have an equivalent sequence as in the « - 0* and 5* cases. Pigs. 15-17 
show crossflow features of the flowfield. At this high incidence, the flow structure is 
clearly different froa those at zero and 5* angle of attack cases. Proa the crossflow 
velocity vector plot (Pigs. 15 and 16), there is observed a narrow separation region 
beneath the wing and the high energy flow reattaches on the wing first Instead of on the 
cone as in the previous cases. The aaln streaa of this flow passes through the corner 
then reattaches on the cone surface. It aeets the cone boundary layer and rolls up into a 
vortex. When the high energy flow passes through the corner, a saall part of it divides 
and foras a saall vortex near the Junction. A secondary separation on the cone surface 
beneath the prlaary one can be identified in Pigs. 16 and 20 . 

At this angle of attack, the wing shock wave becoaes stronger and the difference in 
strength and Intersection angle between the two shock waves Is reduced. The two shock 
waves appear to aerge into each ether and the interaction only results In weak 
coapression waves and a shear layer. The coapression waves interact with the wing 
boundary, while the shear layer Joins into the process of rolling up of the prlaary 
vortex. 

The coaparison of the wall pressure distribution is given in Pig. 19- The two high 
pressure peaks near the corner represents the two reattachaent points of the high energy 
Miriua. Peak* in heat transfer distribution, Pig. 20, exhibit all the four reattachaent 
points. A t . A 2 , A,. A*, on the wall, two on the wing and two on the cone surface, while 
the valleys in heat transfer distribution are associated with the separation points, S,. 
S,, S,. S 4 . These peaks and valleys are clearly results of the flow structure shown in 
Pig. 15-18. The decrepancy with experiaental data appears larger in the level of heat 
transfer distribution at this higher angle of attack. 

3.4. Euler solution 

To illustrate the laportance of viscous effects it is usful to coapare the 
Navier-Stokes solution with the Euler solution. Pigs. 21-24 show solution of the conical 
Euler equations for the 5* angle of attack case. It is not surprising to find that no 
vortex exists in the lnvlscld solution. The delta wing shock layer is auch thinner than 
that in the viscous solution. The three shock configuration is clearly shown with a 
resulting shock reflected on the wing surface. The totally different flow structures 
produced by Navier-Stokes solutions and Euler solutions indicate the strong viscous 
effects in this problea. 


4. CONCLUSIONS 

Numerical siaulatlon of hypersonic flow beneath a cone-de1ta-wing combination has 
been generated by solving the compressible Navier-Stokes equations using "locally 
conical" assumption. Illustrations derived froa these solutions and comparisons with 
surface measurements and conical Euler solutions have resulted in the following 
conclus 1 ons. 

1) Nuaerlcal simulations can provide considerable detail within the flow field and help 
understanding of the complex flow processes. 

2) Various types of vortex flows resulting froa the shock-shock and shock - boundary layer 
interactions doalnate the flow beneath the combination. The comparison of the results 
with those froa a conical Buler analysis indicates further that the windward flow is 
governed by viscous effects. 

3) Surface pressure peaks near the Junction are features at low angle of attack cases and 
very high aerodynamic heating rates are observed In all cases around the strong vortex 
reattachaent points. The flow behaviour appears quite sensitive to the angle of attack, 
showing large difference between results at 0* and 15* angles of attack. 

4) Reasonable agreement with surface pressure measurements provides validity of the 
locally conical assumption and the numerical method, while the decrepancy with the 
measurement in the level of heat trasfer distribution, especially at high angle of 
attack, needs to be studied further. 

5) The results give important guidance to design of high speed vehicles of the complex 
nature of aerodynamic loading and heating on surfaces. 
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Summary 

A technique has been developed for obtaining approximate solutions of the inviscid, hypersonic flow on a blunt body 
with a spatial marching scheme. The scheme introduces the Vigneron pressure gradient approximation into the momentum 
equation in the direction along the body surface. The resulting governing equations are hyperbolic. With a specified shock 
wave these equations are solved at the stagnation streamline with an iteration procedure and are solved in the downstream 
direction with a marching scheme. The complete Euler equations are solved with the numerical scheme when the flow 
is supersonic. A global iteration procedure is required to obtain the shock wave location. The approximate results from 
the spatial marching technique are compared with the complete solution of the Euler equations for flow over a sphere. 
The two results are shown to be in approximate agreement and the spatial marching technique provides useful engineering 
predictions while requiring considerable less computational time. 

1 Introduction 

In the nose region of a hypersonic reentry vehicle, the flow behind the shock wave is subsonic and the steady-state 
Euler equations describing the inviscid flow are elliptic. To avoid solving a system of nonlinear elliptic partial differential 
equations with a relaxation method, the standard solution method solves a finite-difference form of the time-dependent 
Euler equations. This approach requires hundreds of time steps to obtain the steady-state solution for the inviscid case 
but can require thousands of time steps when extended to viscous flows. A faster and more robust technique is needed for 
engineering design codes, especially when real gas properties are included. 

Another technique for solving the blunt body problem is the thin viscous shock layer approach of Davis(l) where the 
normal momentum equation is simplified in order to allow a marching solution to be used. For an ogive in supersonic flow. 
BIottner[2] has shown that the thin viscous shock layer approach is not as accurate as a parabolized method where, in the 
tangential momentum equation, the pressure gradient is held constant across the shock layer and equal to the value at the 
shock wave. The standard solution technique used downstream on reeentry vehicles where the flow is supersonic (except 
in the boundary layer) has become the parabolized Navier-Stokes approach. 

The purpose of this paper is to present a new approach for solving the subsonic nose region with a spatial marching 
technique. With global iteration on the pressure field, the method can be modified to provide the complete solution of 
the Euler equations. For supersonic flow regions, the solution is obtained with one spatial marching sweep. The present 
work considers inviscid flow but the procedure can be extended to viscous flows. When the method is developed further, 
one code should be able to solve the complete flow field on a hypersonic vehicle. The initial solutions obtained would be 
approximate but with a reasonable number of global iterations the complete solution of the Navier-Stokes equations should 
be obtainable. 

2 Theoretical Development 

2.1 General Solution Procedure 

A spatial marching solution technique is obtained by introducing the Vigneron condition for the pressure gradient in the 
momentum equation in the direction along the body surface. The Vigneron condition requires part of the pressure gradient 
to be specified depending on the local Mach number. When the Mach number is zero, the complete pressure gradient is 
specified while for supersonic flow the complete Euler equations are 9oived without any approximation for the pressure 
gradient. The Euler equations then become hyperbolic in the subsonic as well as the supersonic flow regions. The elliptic 
nature of the problem still remains in the boundary conditions at the shock wave and a marching technique requires that 
a shock shape be specified initially where the flow is subsonic. After each marched solution along the body, an iteration 

“Thin work performed at Sandia National Laboratories supported by the U. S. Department of Energy under Contract No. DE-AC04-76DP00789. 
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on the location is required until the assumed shock location is the same as the calculated location. Beyond 

the sonic line where the flow is completely supersonic, the complete Euler equations are solved with a single downstream 
march. The initial conditions for the marching solution are obtained from the solution of the governing equations along 
the stagnation streamline where ordinary differential equations result. The elliptic properties of tbe problem also occur in 
the solution of these equations as downstream information on the shock shape and pressure held is ueeded. 

The present solution procedure was introduced into a previously developed code for solving inviscid supersonic flow 
for the case of axisymmetric flow of a perfect gas. Significant changes and improvements have been made in the original 
code. A surface coordinate system was used in the previous work and is used in the present investigation. This coordinate 
system is more appropriate when considering viscous flews where the boundary layer terms are more readily included and 
higher-order terms can be neglected. In addition, with surface coordinates the Vigneron condition for pressure gradient 
is used only in the momentum equation along the body surface. There are several choices for the dependent variables 
available. The ones used in this study are the velocity components along and normal to the body surface, the pressure 
and the gas temperature. The governing partial differential equations are locally linearized and then are written in finite 
difference form using a box scheme. The difference equations for the governing equations plus the boundary conditions 
at the wall and shock wave give a system of equations that matches the number of unknown dependent variables. No 
numerical boundary conditions are required. This system of equations is of block tridiagonal form except the shock layer 
thickness appears as an additional unknown. This modified form of block tridiagonal equations is also readily solved. The 
governing equations are reduced to ordinary differential equations at the stagnation streamline and an iteration procedure 
is used to obtain the solution of the nonlinear governing equations. This solution is used to provide initial conditions for the 
marching solution along the body. At each marching step along the body, the solution is also iterated until the nonlinear 
difference equations are satisfied. The solution provides a new value of the shock layer thickness that must match the 
assumed value for a converged solution. 

As a test of the validity and accuracy of the spatial marching technique, the hypersonic inviscid flow over a sphere at 
Mach number of 8.0 has been obtained. The spatial marching results are compared with the complete solution of the Euler 
equations to evaluate the present approach. 


2.3 Governing Conservation Equations 


The inviscid flow equations are written in surface coordinates with s the distance along the surface from the stagnation 
point and n the normal distance away from the surface. The velocity components are u and v and are in the a and n 
coordinate directions, respectively. The Euler equations are written in the following form: 


8- Momentum 

u T , +Hv %>+ KU ' 1 + { l / p ) T » =0 


( 2 . 1 ) 


n- Momentum 


dv dv 7 Jp 

u T, +flv to- KU + W p) * l = 0 


( 2 . 2 ) 


Continuity 

d(r pu) d(rHpv) 
da dn 


(2.3) 


Energy 


dH T 
“ da 


+ Hv 


dHr 

dn 


= 0 


(2.4) 


where the metric term H = 1 + isn and the radial distance r = r fc + n roe 6 b The variable it is the surface curvature, r, 
is the radial distance from the body axis to the surface of the body and 9 t is the angle between the body surface and the 
body axis. The total enthalpy Hr is written in terms of the pressure p, the density p, and the total energy e which gives 
Ht = (e + p)/p = h+ i(u 3 + v 3 ) and for a perfect gas the specific enthalpy h = (^j) p/p- 

The variables are nondimensionalised with the freestream velocity V'^, freestream density p^, and reference length L 
The pressure is made nondimensional with New coordinates are introduced 


t = »/£ and ij = ( n/L)/F (2.5) 

where F = n, h /L is the nondimensional distance from the body to the shock along a surface normal. The nondimensional 
transformed governing equations become 


(-Momentum 

Fu % + -p% + - fo'wJS + Fuvk = 0 

(2-6) 

rj-Momentum 


(2.7) 

Continuity 

d(Frpu) , d(rp4>) „ 

di'dn 

(2.8) 

Energy 

„ dH r dH T „ 

(2.9) 


where 4> = vH — ur\F\ and the metric term H = ! + kijF. The foregoing governing equations can be used to solve 
for four dependent variables and the ones used in this investigation are the u and v velocity components, the pressure 
p, and the temperature T. The temperature is nondimensionalized with V£/c F and for a perfect gas is obtained from 
T = h — (r^j) p/p• Therefore, wherever the density p appears in the governing equations, it is determined from and 
replaced witn this relation. 

The foregoing Euler equations are elliptic when the flow is subsonic and hyperbolic for supersonic flow. There are 
several techniques to change the properties of these equations so that a marching solution technique can be used when the 
flow is subsonic. The present approach is to modify the pressure gradient term (dp/d£) in the s-momentum equation with 
the Vigneron condition which is expressed &» 


~ =p v ( =up { + (l-u)p; ( 2 . 10 ) 

The pressure gradient pj is assumed known while the other part of the pressure gradient p ( is obtained as part of the 
solution procedure. It has been shown by Vigneron ct al.[3j for the Cartesian form of these equations and by Prabhu and 
Tannehill (4) for the equations in generalized coordinates that u can be chosen so that the eigenvalues are real and positive 
as long as there is no reverse flow. For this situation the equations are hyperbolic and can be solved with a marching 
teclmique. For the present set of equations with the Mach number — u/a and speed of sound a 7 — 7 p/p. the Vigneron 
condition becomes 

ut = + (7 - 1 )A/£] where 0 < < 1 (2.11) 

When the Mach number M( is zero, the pressure gradient is completely specified by pj. When the Mach number > 1, 
then w = 1 and the pressure gradient is completely determined from the solution. In the present solutions the part of the 
pressure gradient that is specified is evaluated at the shock wave since the pressure is known at this location. The specified 
pressure gradient is assumed to remain constant across the shock layer at constant £ values. With the Vigneron condition 
employed, the resulting solution will be an approximate solution to the complete Euler equations. It appears feasible to use 
a global iteration procedure to include the complete pressure field into the final results. This item has not been considered 
in this paper. The present paper is concerned with an evaluation of the results obtained from the approximate form of the 
Euler equations. 

2.3 Boundary conditions 

At the body surface the velocity normal to the surface, v, is zero. At the shock wave the steady Rankine-Hugoniot 
relations provide equations to determine the dependent variables. These relations for the present coordinate system and 
for a perfect gas have been developed in previous work [ 2 j and are given below 


«.» = “00 + (voo - v, h )a 


= Kcfo-’ + 1/p.h) + u t 

»(i - i/p.*H/(i +V 1 ) 


1-1 } 

P ' 7 + 1 \ ) [ 


T,h - ( 7 ) 


\T V 


5- 

II 

+ 

1 

£ 

8 

where t = (7 - 


( 2 . 12 ) 


In the above relations, the freest re am velocity components are obtained from 

Uoo — y/l - (G t ) 7 = coeflfc and — -(* = - sin 6 b (2.13) 

where the nondimensional body radius is G = r */L and C is the derivative of G with respect to £. The velocity component 
in the freestream that is normal to the shock is written as a normal Mach number and is obtained from the relation 

M» 00 = M 00 (v„-ffU„)/v'T+lr 5 (2.14) 

where a = tan(0,* - 0 fc ) = F^/(l 4- kF) and 6* is the shock angle relative to the body axis. If the flow properties 7 and 
Moo are specified, the body properties k and 0* are given, and the shock shape (F and F { ) is assumed; then the dependent 
variables at the outer boundary can be determined from the foregoing shock relations. 

An analytical approximation for the shock wave shape is presently being used and is written as 

f = n + ^etf , + ^4{ 4 +ij ! '.{*+ (2.15) 


In the solutions that will be presented, the coefficients have been adjusted until the assumed shock layer thickness F 
obtained from this relation is approximately the same as that obtained from the solution of the governing equations. An 
automated iteration procedure for the shock layer thickness is not considered in this paper. 
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3.4 Body Geometry 

The body geometrical relations are developed for an arbitrary case and are then specialized for a sphere. It is assumed 
that the radius of the body r k is specified as a function of body axial distance z. In the governing equations, G(£) — r t /I is 
needed as a function of the surface distance £ = i/L. The nondimensional radial distance becomes r = G + Fr)^J 1 - (O')’. 
The derivative of the body radius with respect to surface distance is 


The surface curvature is 


II - 

!-(£) =sin* 

■ h "' £-‘/\ 


d$ k _ 
ds 



(2.16) 

(2.17) 


For a sphere with radius R N . the axial distance z is related to the distance along the surface £ by the relation z = 
- <**(£/#*)] and the radial distance is r = G(1 + i\F/R n ). The body radius is 


G = - {R s - z) 2 = Rn 8in({/fl*) = R N cos 0 b (2.18) 

while the derivatives are 

% = (R„-z)/G and § — [, + ($)] ,G (2.19) 

In the foregoing relations the reference length is taken as the nose diameter which gives L = 2R N and R N = 1/2 for the 
nondimensional equations. In addition, the curvature is k = l/R» = 2. 


2.6 Governing Equations at the Stagnation Point 

Initial conditions along the stagnation streamline are required to start marching the solution away from the stagnation 
point. The partial differential equations are reduced to a set of ordinary differential equations along the stagnation 
streamline. Assumptions are required to obtain a closed set of equations due to the elliptic properties of this problem. The 
nondimensional distance between the body and the shock wave and the geometrical relations near the stagnation point are 
expanded as follows: 

1. 


F = F 0 +~F H e + 


<? = £ + • 


and 


<7= I-£({/*„)»+■ 


( 2 . 20 ) 


where F( = 0 and F^ is the second derivative of F at the stagnation point. The dependent variables are expanded as 
follows with 8 = £/Rk where R K is the nondimensional nose radius: 


u = ui(q)ain$+ uj(qjsin’0+ ••• 
v = oi(tj)cos0 + uj(tj)cos08in , 0 + • 

p = Pi(q) cos 2 8 + p 2 (r?) sin 2 8 H- 

T = r l (f))coe , 0 + T J (q)sin J 0 + - ■ 


= “i({/ffiv)+ - 

= 0,11 -!(€/«*)»]+■ 

= p.[i-(£/«w) J ]+pj(e/fi«) J +- 
= T -,11 -({/*„,)’] + ■-■ 


( 2 . 21 ) 


The first and second order terms are given in the the first form of the expansion. Several forms of the above expansions 
have been used by various authors as follows: 

1. Ho and Prostein[5j: Use the second form of the expansion in Equation (2.21) which is the last column and use the 
first order terms except second-order pressure term is retained. 

2. Kao[6]: Uses co s J 0 = 1 in the pressure and temperature expansions. Includes p? term in first truncation solution. 

3. Conti(7|: Uses above expansions and neglects P 3 in the first truncation. 

The radial coordinate becomes r = (H 4-and gives the relations r,/r = kF/H and £r { /r = 1-1 -which are needed. 

Introduce the above expansions with ui = R N u ( into the governing equations (2.6) to (2.9) to obtain the following governing 
equations at the stagnation point where v, = v, p, = p and 7) = T: 


+ (F/p) (W)Wr^ + Fu ( vk = 0 

(2.22) 


(2.23) 

2fpu { + ^ + H(r,/r)p« = 0 

(2.24) 


i dHT -0 




( 2 . 25 ) 
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where $ — vH. The dependent variable a — 0 at the stagnation point and is replaced with the velocity gradient as an 
unknown. In the foregoing equations the elliptic character of the equations and boundary conditions are displayed by the 
terms 

^=P« and /i/f = (2.26) 

in the £-momentum equation. These terms require information away from the stagnation point and across the shock layer 
in order to be evaluated. The second derivative of pressure at £ = 0 from the above expansion gives 

p (£ = -2[p,(f|)-p. i (»/)i/flj, (2.27) 

With R s = 1/2, pi — 0 and A/* = oo, the above equation becomes = -16/(7 + 0- 

Pressure and velocity behind the shock wave are evaluated by expanding the variables near the stagnation point which 
gives 

it* = i/R N + • ■ • 

v oo — ”1+2 * - 

a - 2 o 1 {+-- (2.28) 

= Mi[l-4(l-<r,)V + ■■•] 

where <r x = |F ({ /(1 + kF). The first-order expansion coefficients in equations (2.21) for the region behind the shock wave 
become the following from the Rankine-Hugoniot relations (2.12): 

Ui(l) — 2Rs (1 — (1 + vj)<Ti] 

Ml) = -[b-l)A/i + 2 ]/[b + l)M£] 

p,(l) = [27Mi-(i-l)]/[i(-T+l)M£] (2.29) 

^i(i) » “h/h-i))piv» 

At the stagnation point these relations determine the dependent variables behind the shock wave. Once a shock wave is 
specified, F C{ can be determined and and can be determined behind the shock wave. The second derivative of the 
pressure graient behind the shock becomes (p«)«* = —16(1 - c r i) J /(7 +1). The variation of p ({ across the shock layer 
can be determined by introducing an equation from the second truncation but this approach is not readily handled in the 
solution procedure. Two procedures have been investigated to approximate p^ as follows: 

1. The second-order truncation term pj is neglected and with Pi = p the value of p (( is obtained from the expansion 
expression (2.27). 

2. The stagnation solution is obtained by assuming p^ is the same for all tj and equal to shock wave value. This 
technique is consistent with Vignerori pressure gradient approximation and is the approach that is used. 

The boundary conditions for the governing equations at the stagnation point are v — 0 at the body surface and the 
Rankine-Hugoniot conditions (2.29) behind the shock wave. This gives five boundary conditions. Since the governing 
equations are first-order, four boundary conditions are sufficient to solve this system of equations for the four dependent 
variables «, v, p, and T across the shock layer. However, the shock layer thickness F appears in the governing equations 
and is unknown. Therefore, the additional boundary condition gives the necessary relation which allows the value of F to 
be determined. 

3 Numerical Solution Procedure 

3.1 Linearisation of Steady Shock Wave Relations 

Before the governing equations are considered, the shock wave equations (2.12) are linearized such that the unknown 
variables appear linearly. The shock wave relations are of the form W = W (««,, 7, A/*,, <r, A/ Woo ). The freestream 

velocity components u*, and are a function of C = sin 0* and are known from the body geometry. The ratio of specific 
heats 7 and the freestream Mach number Af*, are also known from the freestream flow conditions. The shock slope relative 
to the body surface a is a function of the shock wave shape which is unknown and the surface curvature k which is known 
from the body geometry. The shock shape must be determined as part of the solution. This dependence on unknowns is 
expressed as a — o{F, F(). The normal Mach M noo is a function of A/*,, Uooi & and in terms of unknowns has the form 
Af woe = M noo (a). Therefore, the shock wave relations are of the form W = W(o,A/ n00 ) = W(F, F c ) and are linearised so 
that the unknows F and F c appear linearly. 

Rather than using the dependent variables in the solution procedure, the delta form of the dependent variables is used 
and is expressed in vector notation as AW = [A u An Ap AT) 7 . The increment or delta form of a variable » defined as 
follows: Au = u —u where u is the new value of the variable and fi is the initially assumed value of the variable or the value 
of the variable from a previous iteration. In addition, the shock layer thickner . F and shock layer thickness derivative F* 
are written in delta form which gives AF — F - F and AF { = F* - F { . 

As a first step in the linearization of the shock wave relations, consider the linearization of a and the normal Mach 
number relation (2.14) which gives 

Aa = oAF ( - 6AF where a = 1/(1 + kF) and b = K&a 




21-6 


AM noo = -$Ao where & = (&Af nao /y/l +& 2 4- M 00 u 00 )/y/T+~&* (3.1) 

The next step is linearisation of the dependent variables which gives W* = W* + AAo 4- BAM noo where A = dWjda 
and B = dW/dM %<aa . With given values of the shock layer thickneaB F and shock wave slope F ( along with specified flow 
conditions and body geometry, the shock equations can be used to determine the flow variables b ehin d the shock wave 
and are denoted as u*, v* t and f*. The dependent variables behind the shock wave may initially have some other 
values v*, p*, and 7^. The new value of the variable can be expressed as W* = W* 4- AW # * and the delta form 
becomes AW* = AAa + BAM noo 4- (VV - W*). The foregoing linearizations of a and M noo are used to obtain the linearized 
Rankine-Hugoniot shock relations 

AW* + dAF 4- eAF< = $ 


(3.2) 


where 


AW*. 


Au* 1 
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rs,i 
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d = 
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p.k - p* 
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kJ 
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For wubaonlc flow behind the shock wave, the shock layer thickness derivative F c is held fixed and AF$ = 0. Therefore, 
equation (3.2) is rewritten as 

AW* + DAF = S where D = d (3 3) 

Although a new value of the shock layer thickness F is determined as the solution is marched along the body, the shock 
layer thickness derivative F ( is held constant in the shock relations. After the complete solution is obtained in the subsonic 
flow region, a new shock wave location is determined and the solution is marched again along the body. When the assumed 
shock thickness F is the same as the calculated shock layer thickness, a solution has been obtained to the Euler equations 
with the Vigneron pressure gradient approximation. 

For supersonic flow behind the shock wave, the shock slope is calculated from 


+ F( t l ) = (F, — F,_i)/A£ and linearization gives AF( = (2/AOAF 


(3.4) 


The coefficient D in equation (3.3) becomes D = d + 2e/A£. In this case the shock wave location is determined as the 
solution is marched along the body and no global iteration is required. If the subeonic solution does not have a completely 
converged shock wave location, the supersonic solution will be influenced. 


3.3 Difference Equations at Stagnation Point 

The governing ordinary differential equations (2.22) to (2.25) are written in difference form with a mid-point scheme 
which is consistent with the properties of a system of first-order equations. Since the governing equations are nonlinear, 
the initial step is a local linearization of the equations so that the unknown dependent variables appear in linear form. 
Rather than solving for the dependent variables, the delta form of the dependent variables AW is used. In addition, at 
the stagnation point the shock standoff distance AF is unknown and must be included in the linearization process. The 
shock wave slope AF £ is zero and does not enter the problem at the stagnation point. The linearization of a typical term 
is performed as follows: 

= ^u, + ti,A^ + 0Au, and A<t> = HAv + ktjvAF (3.5) 

The governing equations, are replaced with difference equations at the point j 4- 1/2 where Arj ; = rj J+l - rj r In the above 
relation, nondifferentiated variables such as 4> and A^ are evaluated with the averaging relation 


«>>+i/2 = K+i + w i )/ 2 (3.6) 

while the derivatives ti, and Au, use the mid-point difference relation 

K)y+ 1/2 = - tOyVArk (37) 

The four governing equations in difference form and using vector notation become 

BjAWj 4 - CjAWj +l + djAF = Sj j = 1 , 2 , , J - 1 ( 3 . 8 ) 

where C 3 and By are 4 x 4 matrices and dj is a column matrix with 4 elements. The dependent variables W ]=J at the shock 
wave are known from the shock conditions while at the body surface the velocity normal to the surface v J=l = 0. 

The difference equations (3.8) for the governing equations and boundary conditions are rewritten in block tridiagonal 
form which can be easily solved. In the system of equations below the last equation normally does not occur, but with a 
slight modification of the usual tridiagonal solver the added equation is readily bandied. The system of difference equations 
requiring solution at the stagnation point are 


B|AW| 4- CiAWj 4 DiAF — Si (3.9) 

AjAWj.i + BjAWj + CjAWj+t + DjAF = 5, > = 2,3, ,J-1 (3.10) 

AWj + DjAF = Sj (3.11) 

fj-xAWj.i + fjAWj + DAF = S (3.12) 


The four difference equations above each represent four equations as follows: 
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1. The boundary approximations (3.9) consist of the following: 

The boundary condition u = 0. 

The s-momentum, n-momentum, and energy equations at j = 3/2. 

2. The difference equations (3.10) consist of the following: 

The s-momentum, n-momentum and energy equations at j 4- 1/2. 

The continuity equation at j — 1/2 

3. The boundary approximations (3.11) consist of the linearized Rankine-Hugoniot relations which are given in equation 
(3.3). 

4. The last difference equation is the continuity equation evaluated at J - 1/2. The continuity equation coefficients are 
/j-i = third row of Bj- X , fj = third row of Cj_i, D = third element of dj~%, and S =third element of Sj- X . 

If a shock wave shape (F^) is assumed, then the above difference equations can be iterated to obtain the solution of the 
dependent flow variables ti|, v, p, and T. The shock layer thickness F also appears in the Rankine-Hugoniot relations and 
is treated as an unknown. In addition, as the solution is iterated the shock layer thickness F in the governing equations is 
treated as an unknown and is obtained in the solution procedure. 


3.3 Difference Form of the Complete Equations 

The governing equations (2.6) to (2.9) are replaced with a box difference scheme centered at the point (t + \^j + 4) and 
where A£ = and A rj — rjj+i — rfj. The dependent variables W and shock wave parameters F and F^ are unknown 

at i + 1 and known at » but the shock wave parameters are held fixed where the flow is subsonic. The r/-derivative terms 
are handled in the same manner as previously described for the stagnation point case. The terms must be averaged and 
this is illustrated as follows: ^ 

<t»b = j + (*«,).),+j 

The first term in the bracket is linearized as done previously for the stagnation point problem while the second term is 
evaluated directly and is known. The ^-derivative terms are evaluated, for example as 

Fuw { = i [(Ftiu><), + , + (Fuui{),] 1+ j 

The derivative terms are evaluated with mid-point relations which gives 


(Fuwz)„ 


(Fi+t + F,\ 

rf'u.-n + M 

(w i+ 1 - w t \ 

V 2 ) 

V 2 h 

{ ) i 


The unknowns in this expression are F, +I , u,+i, and u\ +J and these variables occur nonlinearly. The resulting linearized 
relation in delta form is 

Fuw t = (Fu),+$** + ^F.+ jtl^Au + (Fu/AO«+$Au> + iu, + ju^AF (3.13) 

The dependent variables that result from the differencing and linearization of the various terms in the governing equations 
are the flow variables At*, Av, Ap, and AT at the grid points j + 1 and j and the shock shape parameters AF and AF { 
and all quantities are at t + 1. After further differencing of all the terms in the governing equations and linearizing the 
resulting difference relations, the difference equations for the governing equations become 


BjAWj + CjAW j+1 + djAF + e,AF e = S } j = 1,2, • •, J ~ 1 


(3.14) 


This equation is the same form as that obtained at the stagnation point except AF f now appears as an additional unknown. 
As discussed previously, AF* = 0 in the subsonic flow region and AF ( = (2/A£)AF in the supersonic flow region. With 
these relations used in the above difference equations (3.14), the resulting equations are combined with the boundary 
condition v = 0 and linearized shock relations to obtain the tridiagonal equations (3.9) to (3.12). At each marching 
step along the body, the tridiagonal difference equations are iterated several times which reduces the unknown dependent 
variables in delta form to very small values. 

In the nose region where the flow is subsonic, the shock wave parameters F and Ft are fixed in the shock relations as the 
solution proceeds along the body. The shock wave is then moved and new values of F and F* are assumed. This iteration 
is performed until the assumed shock parameters closely match the values calculated from the marching solution. 


4 Numerical Results 

The numerical procedure described above has been implemented into a computer code. Numerical predictions have 
been obtained for hypersonic flow at = 8 over a sphere to illustrate the present solution technique and accuracy of 
the approximate solutions to the Euler equations. Presently the shock wave shape is approximated with an even degree 
polynomial as given by Equation (2.15) where three terms are used and the coefficients are adjusted to give close agreement 
between the assumed and calculated shock wave location. The assumed and calculated shock layer thickness F as a function 
of the nondimensional distance along the sphere surface, s/D = £ and D = sphere diameter, is given in Figure 1. Although 





Figure 2: Comparison of assumed and calculated derivative of the shock layer thickness dFfd£ along the sphere for Af K 
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Figure 3: Comparison of the shock layer thickness F obtained from the spatial marching code and from an unsteady Euler 
code. Flow over a sphere with M = 8. 

the curve and symbol appear identical, there are slight differences when the shock slopes dFfdt are compared in Figure 2. 
A converged solution for the approximate governing equations is obtained when the assumed and calculated shock slopes 
dFfd£ are identical and the present result is close to a converged solution. For this case the coefficients in the shock wave 
polynomial are Fq = 0.074646, F^ = 0.300, F« = 1.000, and F& = 1.000. This solution was obtained with Arj = 0.1 and 
= 0.025. For this case the complete Euler equations are solved when £ > 0.425 and all of the flow is supersonic. 

The present spatial marching code results are compared with steady-state results from an inviscid time dependent 
code[3] where the complete Euler equations are solved. The time dependent code solution is considered the exact solution 
for this blunt body problem while the spatial marching code gives an approximate solution due to the Vigneron condition 
for the pressure gradient. This comparison is made in Figures 3 to 5. As shown in Figure 3, the spatial marching code 
predicts a slightly thicker shock layer near the stagnation point as a result of the Vigneron condition for the pressure 
gradient. There is a 7.4 % difference in the two results at the stagnation point and the difference is less at other locations 
along the body. The derivative of the shock layer thickness is nearly the same from the two solutions as shown in Figure 
4. The flow properties near the shock wave for the two cases are also nearly the same since these properties are obtained 
from the Rankine-Hugoniot relations which are mainly dependent on the value of dF/d£. The pressure ratio, pt,/poo. along 
the sphere surface i9 given in Figure 5 with results from the two codes given. 

5 Conclusions and Future Work 

The results of this investigation show: 

1. A spatial marching technique has been developed to solve the inviscid blunt body problem to obtain approximate 
solutions. When the complete solution procedure i9 developed for the Euler equations, it is anticipated that the 
spatial marching code will be as much as an order of magnitude faster than a time dependent code. 

2. The results obtained from the inviscid governing equations with the Vigneron pressure gradient approximation are in 
reasonable agreement with the complete Euler equation results. This approach provides a good engineering prediction 
procedure for the hypersonic blunt body problem. 

3. Further work is required to improve the iteration procedure used to move the shock wave and to add a global iteration 
procedure for the pressure so that, if desired, the complete Euler equations can be solved. 
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SUMMARY 

The development of reusable re-entry vehicles and hypersonic missiles require the control of aerothermal problems. To that end it is 
necessary to develop new aerothermal prediction methods and to change and extend existing methods, which have been developed for sub- 
and supersonic flow problems. 

In this paper we discuss the integration of the three-dimensional unsteady and steady Euler equations in the regime of hypersonic 
flow (4 < M.< 30). 

The formulation of the Euler equations in quasi-conservative form and the use of a third order upwind biased discretization formula 
guarantees an accurate and robust algorithm with good shock capturing capabilities. It is found, that with a procedure, where the strong 
bow shock is fitted and the imbedded shocks are captured, more accurate flow fields with less grid points can be achieved. Results are 
shown for flow fields around blunted cones with half-angles between d = 0° and 20 c and angles of attack between a = 0° and 30° for 
free stream Mach numbers up to M» = 30 Also shown are results for a numerically defined forebody at M. = 8 and a = 30°, 

At hypersonic Mach numbers real gas effects hecome important for M, i 4. We discuss the generalization of the basic equations and of 
the upwind algorithm to deal with a general equation of state. For air the equilibrium equation of state can be calculated through existing 
Mollier - fit routines. The results of ideal gas calculations with isentropic exponent y = 1.4 and y ^ 1.2 are compared with real gas calcu¬ 
lations using the effective y approach and the full equations for a blunted cone at M„ = IS. 

1. INTRODUCTION 

The construction of reusable re-entry vehicles requires the simulation of hypersonic flow around complex geometries. In this flow 
regime the numerical simulation is of particular importance since the flow conditions cannot be reproduced fully in existing experimental 
facilities. The full simulation has to take into account the strong compression of air causing high temperature and real gas effects Jn air 
different phenomena lead to departure from ideal gas behaviour m different temperature regimes f 1 , 2} 

a) T< 500 °C: 

- for low enough pressure air is a calorically perfect gas (constant specific heats) 

- at highci pressures van - der - Waals forces occur and a general equation of state has to be used. This regime is not of 
particular importance for actual flight conditions 

b) 500 °C < T S 2000 °C 

The excitation of vibronic degrees of freedom causes the specific heats to become temperature dependent The thermal equation 
of state is not changed (Z ** I) (thermally ideal gas) 

c) 2000 °C i T < 8000 ®C: 

Dissociation of oxygen (2000 °C-5000 °C) and nitrogen (5000 °C-3000 °C) occurs and a general equation of state has to be 
used- 

d) T > 8000 °C: 

The different species begin to ionize and a plasma forms. In typical re-entry trajectories the temperature normally does not reach 
8000 °C and therefore ionisation has not to be taken into account for these calculations. 

The typical re-entry trajectory of the space shuttle touches the outer regions of the atmosphere at a height of 100 km [if reaching a 
maximum Mach number of about M. = 30 (Fig. 1) /3, 28/. With increasing height the Reynolds member decreases, leading to laminar 
flow above 60 km. In this region the bow shock is smeared out by viscous effects and the boundary layers are rather thick. At the body a 
slip boundary condition must be imposed as the mean free path of the molecules becomes comparable to the dimensions of the vehicle. 
The relaxation times for the rotational and translational degrees of freedom are so short that local equilibrium can be assumed for them. 
The characteristic times for the relaxation of vibration and for chemical reactions are comparable to typical flight times over the shuttle at 
a height H > 50 km. Nonequilibrium effects have to be taken into account in this region. 

A complete numerical simulation of the flowfkld in the upper atmosphere around a re-entry body requires the solution of the 
3-D-Navier-Stokes equations including slip boundary conditions and chemical nonequlibrium effects. In spite of the rapid increase of com¬ 
puter power add memory during the last decades su»-I. a simulation would require at least 1-3 orders of magnitude more in speed and 
'-.lentory than exists today [A /. On the other hand, the solution of 3-D-Euler equations arround complex geometries is well within reach of 
today’s supercomputer technology and the use of a general equation of state increases the CPU time per step by only 30 % compared to 
ideal gas. Combination of a 3-D-Euler code with boundary layer codes with inclusion of real gas effects extends the region of applicability 
up to M. = 15 (H = 60 km) without increasing the computer requirements beyond current limits. 

The shuttle-like configurations, to which the code shall be applied, are rather blunt. For blunt bodies non-equilibrium effects are 
less important than for sharp-nosed bodies /5/. Therefore the range of applicability of the equilirium code is greater for shuttle-like than 
for rocket-like configurations. 

In this paper we describe a split-matrix finite difference algorithm to solve the 3-D instationary Euler equations in quasi-conservative 
form. We discuss the thermodynamic equations necessary for the inclusion of real gas effects. We derive the generalization of the algo¬ 
rithm to deal with a gas in equilibrium with a general equation of state. 2-D and 3-D calculation of hypersonic ideal gas flow around 
simple blunt forebodies and around a sharp-nosed rocket are presented. We show a comparison of ideal gas flow around a blunted cone at 
M. = 15, a = 0° with real gas calculations, where the real gas effects are approximated on different levels of accuracy (full equilibrium, 
effective y. y = const. < 1.4). 
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2. THERMODYNAMIC FORMULATION 

The basic equations governing the tnviscid flowfteld describe the conservation of mass, momentum and energy. If one chooses the 
conservative variables 

Q 1 = (0. eu.pv.pw. e) T , 

these equations can be written as {(>): 

3Q 3F , 9G 9H _ 

dt 3x 3y 3z 

F = (pu, pu 2 + p. puv, puw, u(e + p)) T 

G = ((riripvu.pv 2 + p.pvw, v(e + p)) T (I) 

H = (pw, pwu, pwv, pw 2 + p. w(e + p)) T 
p: density 

u, v. w: cartesian velocity components 
e: total energy per unit of volume 
p: pressure 

This system of equations is dosed by a relation between the pressure and the dependent variables Q. which has to be derived from 
the thermodynamic equation of state. In thermodynamic equilibrium there are only two independent variables. Therefore there must be 
two equations connecting the four variables p (pressure), p (density). T (temperature) and f (thermodynamic energy per unit of mass) 
These equations are the caloric and the thermal equations of state. 

The thermal equation of state for real gas can be written as [6]. 

p = pRT Z(p. T) (2) 

Z: compressibility factor 
R: gas constant at T -* 0 

For non-dissociating and non-iomzmg gases we have Z * l if the pressure is low enough that von-det-Waals-cffccts arc not impor¬ 
tant. In this case the thermal equation of state for thermally ideal gas can be applied: 

p = pRT (3) 

"The caloric equation of st .<? connects the internal energy r to the density and temperature and can be wntten in general as 

r = c(p.T) (4) 

In a dilute non-dissociating and i ,'n-iomzing gas the energy does not depend on the density and we have 

r = f(T) 

(51 

f(T) = R / c,(T) dT 
c»(T): specific heat at constant volume 
Below 500 ®C the specific heat in air is independent of temperature: 
c, = 5/2 

<b) 

z = RcvT 

and air behaves as thermally and caloricaily ideal gas (“perfect gas"). Above 500 °C molecular vibration can be excited, leading to 
a temperature dependence of c*. 

The thermal and caloric equations of state can be combined to give the desired expression connecting the pressure with density and 
energy: 

p = Q R T(p. e) Z (p. e) = p (p, e) (7) 

The internal energy e can be written in the flow variables through 

t »- 0.5 (u J + v 2 + w 2 ) (8) 

Q 

For perfect gas eq. (3) and (6) can be ct mbined with the result 

P';r = -!-<c —i. 0 (u 1 + v 1 + w 1 )) (9) 

c, 2 
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If we use the perfe<' t jas relations 
c p * c* + I 
and 

y: iscntropic exponent 
we get the familiar result 
P = (r - I)(C - 2 e (U ; + V 2 + w 2 )) » (y - npf 
The velocity of sound for real gases in the variables p, g is given by ( n } 

, . 3p . (3h/^p) p 

( js 1/p - Oh/3p)p 

h = r + p/p; specific enthalpy 

If we define 


( 10 ) 


( 12 ) 


(13) 


y, - (a (In p)/3 (In e)|, 

we have (]4) 

c 3 = Y< P to 

For perfect gases y c and y = Cj/c* are identical, but this is not true for real gases, where y c is the more useful quantity. If we use 
the variables e. g. the velocity of sound c becomes 

rfp.f) = -Ey- (3p/3r)p + (3p/3p), 

If the chemical composition of a mixture of diatomic and monatomic gases is frozen. y c (and y) can have values between 9/7 < 

3/2 depending on the ratio of diatomic and monatomic species and on the degree of excitation of molecular vibration. 

The implementation of equilibrium gas equation of state in a huler flow code requires the knowledge of p(p. c), and also of Op/ 
9p) r and (0p/3r) p if the velocity of sound is needed by the algorithm. For air the pressure p(p. r) can be extracted from tables /8~10/ or 
from (Mollicr-)fit routines '11-13/. The derivatives can then be calculated numerically Fot application of the code to nozzle flow one can 
use a program like that in /14/ to generate a table of pressures. Chemically frozen flow can be treated as ideal gas if one uses the 
appropriate value of g and subtracts out the frozen amount of internal energy e f from t. 

The implementation of the full equilibrium thermodynamics should be preferable to the use of an effective y /I3 j since in the latter 
case the derivatives of y are not treated physically correct. The use of a constant effective y < 1.4 may be sometimes justified especially if 
one is interested in pressure only ( 15. 16/ and if execution time is critical. In practice the full equilibnum Euler code with a sophisticated 
fit routine /13/ needs approximately 30% more execution time than the corresponding ideal gas code. 

The real gas effects in hypersonic flow change the pressure only by a small amount. For M. ■* <* the shock front and the streamli¬ 
nes behind the shock are nearly parallel to the body In this limit the momentum of the gas normal to the body surface is zero behind 
the shock and the pressure is given by Newtonian impact theory (17). Since the argument leading to Newtonian theory does not depend 
on the equation of state used, it should hold for ideal as well as for real gases. The main effect of the real gas effects is the “swallowing" 
of compression energy by internal degrees of freedom (vibration, dissociation). This leads to a decrease of the temperature and to an 
increase of density behind the bow shock in comparison to the ideal gas case. 


3. ALGORITHM FOR SOLUTION OF THE 3-D INSTATIONARY FULER EQUATIONS 


The basic equations governing the inviscid flow, eq (1). have to u c rewritten in generalized coordinates to be applicable to complex 
configurations. We introduce the coordinates 


$ = £(*.y. z.t) 

r] = 7(*. y. z) 
c = c(x. y. z) 


(16) 


If shock fitting is applied, the £ coordinate is time - dependent and (£ = 0, £ = I) corresponds to the body and the shock 
surfaces, respectively. In a typical grid the coordinate rj is roughly along the body axis and g represents a polar angle. The dependent 
variables are not transformed into the new coordinate system, i.e. cartesian velocity components (u, v. w) = (v,. v r v,) are used Eq. (’) 
can then be written in the generalized coordinates; 


O, + AQ { -* BO, + CO; = 0 


(17) 
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with 

K = a k, + b k, + c k t + k, 

K = (A,B.C)fur k*(t.if.£) 

and 


( 18 ) 


3F 

a - str ■ 


L str 


3H 

~3tT 


A quasilinear form (eq 17) of the Euler equations can be derived for any set of dependent variables Q (e.g. the primitive variables 
q , u, v, w, p). If one uses the conservative variables 0 * (p, pu, pv, pw. e) the formulation of the equations is called quasiconservative. 
In this case shock waves can be captured with the correct gain in entropy and with the correct jumps in pressure and density, as is shown 
later. 


The matrices K in eq. (17) for ideal gas can be found in /6 } for time independent metrics. If one uses a time dependent grid 
necessary for shock fitting, the term k, I (I = identity matrix) has to be added to K from /6/. The eigenvalues of the matrices are given 
by 


4 l/2/l — Ui 

= U* + c l S7k l 
A, = U» - c | Vk | 
where 

U k « k,u + k v v + k,w + k< 

| Vk I = (k, ; + k, ; + k,-') 1/2 

k - ({. n .,-) 

and 

y p ’/» 

c = |-j (ideal gas) 

(Note the term k, in l) k for time-dependent grid) 
We can diagonalize the matrices K: 

K = T k AV‘ 

with 

X, 0 

X. 

A K - A, 

0 Xs 


( 20 ) 


( 22 ) 


(23) 


T k are the nghthand eigenvectors and T k ~' are the lefthand eigenvectors of K. Since K has three identical eigenvalues ^ = x,. 

the eigenvectors corresponding to these eigenvalues are not unique. They can, however, be chosen so that they are linearly independent 
and one explicit form of the eigenvector matrices T k and T k "' can again be found in [6J. The eigenvector matrices are identical for time- 
dependent and time-independent grids. 

The scheme used for the integration of the Euler equations, is based on the split matrix algorithm (18/ The diagonal matrix is split 
according to the sign of the eigenvalues 


•V - C) 

A k ~ = min («d k . 0) 


(24) 


and the corresponding matrices K* are formed 
K* = T„/I k * T k 1 
K = K* + K 


(25) 


We then write eq. (17) as 

O, + A*Q t * + A O t ' + B*Q,* + B O, + C + Q/ + C O c = 0 (26) 

Stability of the algorithm (without the addition of damping terms) is achieved if the derivatives Ok and Q k are discretized such, 
that the major portion of the stencil is on the upwind side. The discretization we use is an upwind-biased formula (22/ 

Q*{| = ± (Otnl 2 - 60-n,, + 30m + 2Qmll) ^ ^ 
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which is third order accurate. The formula is unconditionally stable as long as no shocks are present in the flowfield. To avoid oscillations 
at shocks a non-linear artificial diffusion term d of the MacCormack type [\9] is applied 

d = df + d, + d c (3.18) (28) 


d i = a l zlk 5 (|U k | +0-^- 



a k =* 0.5 


This term is small in regions of smooth flow and becomes large near discontinuities. An explicit first order algorithm with local 
timesteps (except at a fitted shock) is used for the time integration to the steady shock. 

At subsonic inflow or outflow boundaries one-dimensional characteristic boundary conditions with the primitive variables are used 
(6/. At impermeable wall k-boundaries the boundary condition is 

U k = 0 

and the corresponding flux matrix becomes singular. That may cause problems in some cases and therefore the discretization for the flux 
matrix splitting is done halfway between the boundary point and the first mesh point above it (21}. 

Since we want to use this scheme with a general equation of state to include equilibrium real gas effects, we have to rederive the 
flux matrices K together with their eigenvalues X and left and right hand eigenvectors T k , T k _l . To this end we assume that we have the 
pressure p as a function of density and internal energy c as it can be calculated for equilibrium air e g. from Mollier-type fits (Uf. To 
derive the generalized matrices we start from the fluxes eq. (1), which are valid in the real gas case and use the general relation (8) which 
connects the internal energy f to the total energy e. 

The calculation of the matrices K with their eigenvectors and eigenvalues is straightforward, but very tedious when carried out by 
hand. The derivation was very much facilitated through the use of the REDUCE package (20J. which is able to manipulate analytical 
expressions 

The generalization of the flax matrices K is 



0r = p, (u“ + v : + w 2 - ^-^-) + c„ : 
6 k = k,u + k,v + k,w. 


Us eigenvalues are as in the ideal gas case, but with the real gas speed of sound c R inserted instead of the ideal gas one 
^\rw = Uk 

^4 = U k + c„ | Vk | (31) 

= T J k - c R | Vk | 

In the ideal gas limit we get 



The notation has been chosen to correspond as closely as possible to the one in ref. ,'6/ Note, however, that the expressions <p and 
y in /6/ cannot be simply replaced by and (p, + t). 
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The eigenvectors of K are again degenerate because of three identical eigenvalues. A form of the T k , T k ~\ which is as dose as 
possible to these in [6} is 


f. 

k. 

k. 

1 

1 

uk. 

uk, - 0 k, 

uk, + 0 k, 

(u+c,k.) 

(U-C,k.) 

vk, + ek, 

vk, 

uk, - 0 k, 

(v+c„k,) 

(v-c,k,) 

wk. -pk, 

«*, 

*k. 

(w+ck.) 

(w-u,k,) 

k,E + p(vk, - wk,) 

k,E + 0 <wk, - uk.) 

kyE + p(uk, - vk,) 

+ CrSu) 



MI- A) + — (wk y -vk.) 

Cr* e 

i U P* 

k ‘ Ta r 


- i + fc. ^ 

e cr 2 

-k, ^ 

Cr 

Ml- A) + — (uk,-«k.) 

<* Q 

Q c* 

^ * 

e cr 2 


Ml. -£,) + —<vk,-uk,> 
c* Q 

Q 

Q Cr 

k, 

Cr 2 

-t, \ 

Cr 2 

0($R -c R^k) 

0<c n k' - up,) 

flcuk, - vp r ) 

#cak, - wp,) 

0P, 

^(^R + CR^k) 

- fleak, + up.) 

- 0(c%iy + vp,) 

- 0(c R k, + wji,) 

/*i>. 


E (»+P) /C»'l 

P Ip, J 

k, - k,/|Vk| 

«i - M?k| 

P = l/2c„ 2 


(35) 


This completes the formulation necessary for calculation of supersonic flow with shock-capturing. 

In the hypersonic flow regime the anticipated strength of the bow shock is such, that even in fully conservative schemes errors may 
occur in the flow variables behind the shock especially if the shock contour is not alined with a coordinate line. Therefore and since the 
anticipated shape of reentry bodies is sufficiently simple, a shock fitting procedure should be applied. Imbedded shocks, which are usually 
much weaker, can be captured without problems. With shock fitting (where applicable) usually a much smaller number of mesh points is 
needed to achieve the same level of accuracy, which is very important in 3-D calculations because of the limitation of computer resources 

The Rankine-Hugoniot equations of the shock moving with velocity D are 


q (u» - D) = p« (u^ - D) 
p(u y - D) U r = p. (Uy. - D) u\„ 

P + p(Uy - D) J = P » + p„ (Uy« - D) ? 


(36) 


t + -E— + -y (Uy - D ) 2 = + — J—(Uy« - D ) 2 

D: velocity of shock 

u,: flow velocity normal to shock 

uflow velocity tangential to shock 

In addition to these 5 equations we need one equation describing the influence from the flowfield behind the shock. This equation 
depends on the timestepping scheme one uses. To derive this equation one multiplies the discretized eq. (26) by the left eigenvectors Tj\ 
picks out the equation corresponding to eigenvalue A« and collects all terms belonging to the new time level. We arrive at an equation of 
the form 


I 


t« or*** = r 


(37) 


R contains all terms coming from previous time levels and derivatives other than £. The components of the flow normal and 
tangential to the shock surface are 


u, = (u|, + v(, * w?.)/|V{| 


(38) 
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The 6 equation* can be solved so that only one equation containing the function p(p, e) remains to be solved numerically These 
equations are 


o - p. (14- - D) 

R- - R(0 = Q.) 

A - 4 - (Oq. - R.) + OD - p. 

1 *s 

B- -i- (R - Oq.) - OD + p. + tf/j. 

t «3 



The equation which has to be solved for D numerically, is 


p «*D), .(D)) - p. - I - -«=-) - 0 <<0) 

C- <*D) 

The of the square root expression of p/p. has to be chosen such that p/p. > 1 is satisfied. A Newton algorithm is used to 
solve eq. (40) very efficiently. 

In the implementation >f the equilibrium real gas effects a modified version of the subroutine TGAS /II/ is used, which calculates 
p(p. f) and also c* and p f . The flow variables are normalized such that p» = 1. p. = 1 and for the gas in front of the shock ideal gas 
with y m 1.4 is assumed for simplicity. 

For comparison the real gas program can be run in an “effective y" mode, where the y = h/f from TGAS corresponding to the 
local density and internal energy is calculated, but ideal gas relations are applied to calculate p. eft and p,. 

In contrast to ideal gas calculations, with real gas the flowfield depends on the (dimensional) values of pi. pi. Tot flow around a 
reentry vehicle, the flight path with the corresponding velocities can be used to find pi. pi and M, at height H. In this way a one 
parameter set of flowfields can be calculated along a specified trajectory. 


4. RESULTS 

The split matrix algorithm with ideal and real gas with the provision of shock fitting and shock capturing has been incorporated in 
the code EULSPLIT. The 3-D code has also been vectorized on a Fujitsu VP200 resulting in a acceleration factor around 15. 

The shock capturing capabilities of the quasiconservative algorithm is demonstrated in fig 2. Shown are isobars of flow about a 
sphere at M« = 4.0 calculated on an unclustered (32 * 33) grid. A comparison of the pressure on the surface with the 'alues from 
Lyubimov and Rusanow [26} is displayed in fig. 2b. 

In supersonic flow about rocket-like and shuttle-like bodies at moderate angles of attack a large part of the flowfield is purely 
supersonic in the direction of the body axis. In these parts of the flowfield we use a space-marching code with shock-fitting /23. 24/. This 
code applies the progonka process to the quasiconservative formulation of the Euler equations and can capture imbedded shocks correctly 
[26}. For a sharp-nosed body the space-marching code can be used to generate also a conical solution at the nose Typical results are 
shown in Fig. 3. 

Displayed are 3-D views of the body and shock contours of flow at M. = 4.5. a = 6° about a rocket-like configuration. Stream¬ 
lines on the body and isobars on the body and in the planes of symmetry are also included. In this case inclusion of real gas effects does 
not change these results appreciably due to the weakness of the conical shock. 

The combination of the (idealgas) EULSPLIT code with the space marching procedure has been applied to a simplified shuttle-like 
geometry similar to that used in [27. 28/ at freestream conditions M. = 8.0, a = 30° (Fig. 4a). The instationary code was applied up to 
Z/L * 0.14 on a (17 x 5c. x 19) grid. Figs. 4b. c display isolines of pressure and mach number on the surface and in the symmetry planes. 
The contours reveal clearly the influence of the changes in the curvature of the body geometry and the strong expansion in crossflow 
direction at tp — 130° in the front part of the nose. The mach number contours reveai the formation of the entropy layer on the luv side. 
The subsonic bubble extends to about Z/L *« 0.07. Also shown are the streamlines on the nose calculated fiom the flowfield /27/. The 
flowfield around the afterbody 0.14 < Z/L < 0.5 has been calculated with the space marching code. Figs. 4c .f shows the body and shock 
contours and pressure isolines on the body. A (17 x 73) grid was used in the marching planes. The crossflow expansion at q> ~ I30 6 can 
be resolved much better with this finer grid. 

Fig. 5 contains a 3-D view of the mach number isolines of flow about a blunted cone (d = 10°) at M. = 15. a = 10°. In the luv 
symmetry plane and in the outflow plane the layer with high mach number gradients is seen to be forming. Its origin are the regions, 
were the blunt-body dominated part of the shock merges with the conical-type part. 




Fig 6 displays pressure and mach number tsolines of ideal gas flow about a blunted cone (<5 - 20°) at M_ = 30 and a ~ 30° In 
this case the flow stays subsonic on the whole luv side symmetry line of the body. 

With this analytically defined body geometry the kinks in the isolines at points, where the body curvature is discontinuous, is nicely 
seen. Note also the strong entropy layer visible on the luv side in the mach number contours. Also shown is the pressure distribution on 
the body in the symmetry planes. There is a small undershoot on the luv side, whereas on the lee side the pressure monotonously 
approaches its asymptotic value. 

The equilibrium real gas algorithm has been tested with the blunted cone (<J = 15°) at M. » 15. a = 0° corresponding to a height 
of about 60 km on the reentry trajectory. The flowfield has been calculated with ideal gas assumption with y = 1.4 and with y * 1.2, 
which is chosen to be consistent with flow about a pointed cone with <3 = 15° (15, 16/. The real gas calculations were done with the full 
equilioriuna cou*, and with 'be effective y assumption [13], where thr density _nd energy dependent y = 1 + fr*wn the routine TO AS 
was used and p, p, and have been calculated using ideal gas relations. Fig. 7a shows a comparison of the static pressure on the body in 

the stagnation point region and in the expansion region for all four models. Around the stagnation point the pressure is virtually 
unchanged by real gas effects as has been expected since newtonian theory should be applicable. In the aft region of flow again the 
pressure is similar for the ideal gas (y = 1.4 and y = 1-2) and the equilibrium calculations. In this region, however, the pressure calculated 
with the effective y model, is only — 50% of the correct equilibrium value. Therefore the effective y approach should not be used, since it 
leads to physical inconsistencies in regions of flow with strong gradents. Fig. 7b, c show a comparison of isolines of static temperature of 
ideal gas flow and equilibrium air. From these pictures we can also see. that the shock contour moves towards the body if real ga» effects 
arc included Fig. 7d displays the distribution of static temperature along the body contour. The stagnation temperature is overestimated by 
130 % using ideal gas assumption in this case. 


5. CONCLUSIONS 

In this paper we have presented the thermodynamic equations needed for the simulation of inviscid equilibrium flow with a general 
equation of stale. A quasiconservative split-matrix algorithm capable of capturing shocks correctly has been generalized to include equilib¬ 
rium real gas consistently. The real gas generalizations of the flux matrices with their eigenvalues and eigenvectors have been derived. The 
results shown are flowfields about sharp nosed and blunted bodies at freestream mach numbers ranging from M, = 4.0 up to M* = 30 
with ideal gas and equilibrium air assumptions 
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Fig. 4d: Streamlines in nose region 


Fig. 4e: Body and shock contour of aft body 
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USING A SECOND ORDER GODUNOV METHOD 
by 
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SUMMARY 

This paper presents computations of inviscid hypersonic flow past flat plate 
delta wings using a second order Godunov-type scheme. The governing equations are 
written in an unsteady conical form and then time-marched to a final cooical steady 
state. The core of the calculation is a generalised Rleoann problem which is used 
to determine the flux transfers at the Interfaces between computational cells. 
Results are presented for wings with shock waves both attached at and detached from 
the leading edges. The leeward surface flows support embedded shock waves and 
separated vortex flows and the likely Influence of real viscous effects on these Is 
discuSBed. 

1. INTRODUCTION 

There is now considerable interest in modelling the flow field past hypersonic 
wings, operating over a wide range of incidence, sweep and Mach number. Despite 
advances in prediction methods, the simple delta wing still remains a very 
challenging problem and is therefore chosen as the subject of study here. For 
sufficiently low sweep or angle of incidence or high enough Mach number, the shock 
wave will attach at a sharp leading edge so that the leeward and windward surfaces 
become Independent of each other. When the shock wave detaches from the leading 
edges the leeward surface flow in particular becomes more complicated. There Is then 
a strong acceleration around the edge, usually from conically subsonic to supersonic 
so that the compression surface remains independent of thi- leeward surface flow. 

The conically supersonic inflow on the leeward surface must eventually turn parallel 
to the wing axis of symmetry, and the resulting compression generally coalesces to 
form an embedded shock wave. Stanbrook and Squire (1964) presented a correlation 
for thin wings, in terms of the Mach number and flow deflection relative to the 
wing leading edge, to distinguish between those leeward surface flows which 
separated at the leading edge and those where there was a fully attached supersonic 
Inflow at the leading edge, with vortex separation further Inboard and, usually, an 
associated embedded shock. Numerical prediction of these vortex separations is 
difficult. Squire (1985) and Newsome (1986), amongst others, have shown that 
although Euler codes may predict leeside separations and vortex flows, the 
calculated location of separation may not be very reliable. In turn Navier-Stokes 
codes clearly are dependent upon transition and turbulent models which, at best, are 
not properly understood for three-dimensional hypersonic flows. 

There is a need therefore for further study by both Euler and Navier-Stokes 
methods together with a careful parallel programme of experimental work. The paper 
presented here provides Inviscid calculations by a Godunov type Euler scheme. 

Godunov schemes have been used extensively for a wide variety of problems In 
unsteady gas dynamics, and have produced impressive results for multiple shock 
flows, shock-vortex-sheet interactions etc. (e.g. Glowacki, Kuhl, Glaz and Ferguson, 
1985; Colella and Woodward, 1984). They have been used less extensively in purely 
aeronautical applications, although results have been presented for blunt bodies 
(Colella and Woodward, 1984), cascade aerodynamics (Eidelman, Colella and Shreeve, 
1984) and slender supersonic missiles using a space-marching variant of the method 
(Wardlaw and Davis, 1986). 

This paper uses a method which is based essentially upon the second-order 
algorithm developed by Ben-Artzi and Falcovitz (1983, 1984). The purpose is to show 
how the algorithm is simply extended to deal with conical flow fields, and to 
present initial results for flat delta wings. Future work is planned both to 
introduce a general mesh routine, in order to handle non-simple section shapes, and 
also to introduce a Navier-Stokes (initially laminar) option to the code. 

2. METHOD OF SOLUTION 

The basic approach, which follows that of Newsome (1986) and Bluford (1979), is 
to write the equations in an unsteady conical form, which is then time-marched from 
an impulsive start to a final steady state. The intermediate time-dependent conical 
flow ia not required generally and indeed it has no actual physical counterpart. In 
the present formulation, the flat delta wing lies in the x-z plane and moves at 
constant velocity U<»cosa in the direction of negatlve-x as shown in figure la. At 
time • 0 the wing apex lies at the origin of coordinates x - y - z * 0. An initial 
fluid velocity U^sina is applied In the y-direction throughout the flow field which 
simulates an overall incidence of a therefore. The time-dependent Euler equations 
are then transformed by setting 
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with a corresponding set for the f-sweep. 

For convenience during the computations the term U^cosa was usually set to unity, 
the Mach number being specified by appropriately setting the ambient speed of sound. 
It should also be noted that the velocity components u and v in the flu* term of 
equation (2) can be replaced by 

V* - (v - y u)/(1 * y 2 )* 

■ v cuss - u sinQ, 
and U • (u ♦ yv)/(l+7 2 )^ 

■ u cos0 + v sin0 ( 3 ) 

where 0 is the angle between the surface y - constant and the plane of the wing. 
V* is then the velocity normal to the surface y * constant and U* Is the component 
of velocity, in this surface, which iB also parallel to the symmetry plane of the 
flowfield (see Figure lb). 

The flux vector E can therefore be re-written as 

E ■ ■ P(V -sin0)/cos0 

jp(U*-V*tan8)(V*-sin0) - py 
i p+p(U*tan0+V*)(V*-sin0) 

| Pw(V*-sin0)/cos0 
[ {e(V*-ain0) ♦ pV*)/cos8 


which was the form used, since for an unsteady conical flow it is most appropriate 
to consider flux velocities resolved normal to, and in the plane of, the surface 
7 • constant. 

Referring to figure 2, the update of equation (2) from t° to t D+1 for cell j is 
manipulated to give 


U «. c °»< i ‘-Q n ( e°I| - E-Ij) ^/t n _ ^ n+1 At/t n 

(l+At/t n ) |y. t( - y-j_jj (1+At/t n ) j (1+At/t n ) 


where At is the time step, n + i Indicates that a quantity is evaluated at 
mid-time-step and j and j ± | respectively represent quantities calculated as cell 
averages and cell interface values. 

The special feature of the Godunov scheme is the use of a Riemann problem 


to calculate the flux E. 


Here the method of Ben-Artzi and r'alcovltz ( 1 983 , 


1984) is followed. At the commencement of a time step it is assumed that cell 
average values are known and also that spatial gradients have been specified. At a 
cell Interface, therefore, there are generally discontinuities in the variables and 
their space derivatives as shown in figure 3a for density (say). Over the subsequent 
time step the resulting wave field generates both "left" and "right" facing waves, 
either of which may be a shock wave or a rarefaction wave, and a contact surface 
which denotes the trajectory of the fluid particle initially at the interface 
(figure 3b). The waves may take any position relative to the int rface, depending 
upon whether the general motion is to the left or right and whether it is subsonic 
or supersonic. At the interface the flow properties change with time (figure 3c). 

We therefore calculate the Eulerian time derivative at each interface at the 
commencement of the Riemann 
n 

problem, denoted by r- say, so that 


p i * ' T IsT). 

The term P^ (say) is the value at the cell inter face imvediately after the 
wav.' interaction commences, and depends only upon the initial values of the 
variables either slac of the interface and not c n their spatial gradients. 
Furthermore since the conical model obviously treats the surface y ■ constant as the 
initial surface of discouMnuf ;.y , this first order Riemann problem must be solved 
for specified jump conditions in p,p and V*, the velocity normal to the 
discontinuity. An iterative technique (Chorin, 1976) wa used for this, starting with 
a guess based upon an acoustic solution. Generally this provided convergence after 
only one iteration, since the specification of initial linear distributions across 
cells ensures that discontinuities in variables at the interface are usually small. 
Once this solution has been completed, the interface values of U* and u are 
easily determined, since they are advected as passive scalars; that i9 their 
required values are simply the Initial values from either left or right of the 
interface, depending upon whether the contact surface moves to the right or left 
respectively. 

The second order procedure follows closely that of Ben Artzl and Faicovitz 
(1984, 1985), In this paper we make 0(At) estimates of time derivatives, comprising 
their so-called El scheme. In common with the first order solution, the essential 
feature of the analysis Is the matching of pressure, and normal velocity V* at the 
contact surface for both the left and right hand flows, whilst permitting 
discontinuities across It in w, U* and p. The characteristics from the y-split 
Euler equations (eqns 2) give 


-:—r a + -rr~ T | d t 

XU+y 2 )* < (l»y ‘) 5 J 


d y _ 2. 
dt X 


l*y J >* a [ 


and 


A 


v-y(u+U^cosi) 
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These characteristic equations are theu usd to determine the time derivatives 


the contact 

surface, giving 


- tel 

+ bi (a^] ‘ c ‘ 

(8a) 

•• tel 

♦b 2 [£L] ■ c 2 

(8b) 

m 

. Ac. V 

X (1+7 2 ) 

(8c) 

tel 

■ 0 

(8d) 


where V* is the appropriate normal velocity for the contact surface value deduced 
from the first order Riemann problem and the coefficients a., bj, c., a-, b,, C£ 
are given in Appendix 1. Finally the Eulerian time derivati.es at the Interface are 
then obtained from the Lagrangian derivatives of equations 8, again outlined in 
Appendix l. Thes. time derivatives depend upon the initial spatial gradients within 
the computational cell, which itself is deduced here from a simple formulation. 

First a central difference estimate is made for the gradient. If this results in a 
cell interface value which is extremum compared with the nei^ t. bourin* cell average 
values, the absolute gradient is then reduced until the extremum is just removed. 
This was sufficient to produce stable solutions for most cases although slight 
oscillations were noted inboard ~f the leading edge for the attached shock case so 
that a further small reduction in gradient in regions of strong compression was then 
introduced. The gradients for the velocity components were determined by applying 
the routine above to the Cartesian components u, v and w, which were then 
appropriately resolved to give the gradients, at cell interfaces, of V and U . 

If both left and right waves of the Riemann problem lie on the same side of the 
interface (see Figure 3b) we do not need to follow tne above procedure. Instead the 
interface variables and gradients are taken for the upwind side of the interface and 
simply substituted into the Euler equations to give the interface time derivatives. 
The source term of equation 4 was evaluated in a like manner, using the cell 
gradients and cell average values to estimate the values for the half time step. 

3. TWO-DIMENSIONAL CONICAL FLOWS 

Goaunov-type schemes show their best discontinuity resolution when waves are 
stationary relative to the mesh, which is the case with all the problems studied 
here, and also when they are aligned with the coordinat® surfaces. This is 
illustrated here by the two-dimensional problem of a flat plate aerofoil shown in 
Figure 4 for Moo “ 4.0 and a * 15°. This shows excellent agreement with exact 
results, even for a fairly coarse mesh representation, for both the compression 
surface and expansion surface flows. 

4. FLAT PLATE DELTA WING - ATTACHED SHOCK WAVE 

For attached shock flows the basic case chosen was a 30° sweep wing with 
Mo, * 4.0, a ■ 15 since this has been used as a test case for a variety of 
numerical schemes. It was computed using a rectangular mesh with 40 cells to the 
3emi~span, and since the windward and leeward surfaces are aerodynamica 11y 
independent of each other the data were obtained in two separate runs. Figures 5(a) 
and 5fb) show cross-plane isobar distributions for the two surfaces respectively; 
the mesh size is also illustrated on the Figures. 

Figures 6 and 7 present the corresp> t ding spanwise pressure distributions. 
Considering the compression surface first, the constant pressure outer region agrees 
very closely with the exact cblique shock value shown. There is a slight pressure 
overshoot (1%) immediately inboard of the leading edge which indicates that the 
gradient reductions applied to the second order scheme are not quite sufficient. It 
is easy to modify these further because the reductions were fairly small, but it has 
to be a matter of numerical experiment to determine the most appropriate 
formulation. It should be noted that one cause of such overshoots is the 
ope rat or-split approach to the handling of oblique shock waves, and it may be 
possible to devise a more refined approach along the lines (say) of Davis (1984). 
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Further inboard the constant pressure, conically supersonic inflow changes to a 
non-uniform conically subsonic region at 56.5% span according to exact inviscid 
theory, which is resolved well by the computations. The pressure distribution in the 
central, non-uniform region agrees very closely with inviscid computations of South 
and Klunker (1969) and Voskresenkii (1965). Roe (1972) has produced a theoretical 
result for the spanwise pressure gradient at the outer limit of the non-uniform zone 
and this is also included on the Fig v. re. The present computations appear to 
underestimate this gradient somewhat, as did also the results of South and 
Voskresenkii. The mismatch doubtless arises because of a combination of numerical 
smearing in the code (although Figure 4 shows how well gradient discontinuities can 
be captured) and the local nature of Roe’s result. It is intended to explore this 
point by refined mesh computations. 

On the leeward surface Figures 5 and 7 show that the Prandt1-Meyer expansion at 
the leading edge is smeared over several cells. This mainly arises because the mesh 
ratio dy/dZT of 0.25 means that the expansion fan does not clear the surface row of 
cells until the third cell inboard from the leading edge is reached. The asymptotic 
pressure value then agrees very closely with the exact result of p/f-^ « 0.146. 

Based upon the flow conditigns behind the leading edge the Mach cone from the wing 
apex makes an angle of 4.37° (i.e. e * 0.091) to the centreline. The 

computations show, however, that this Mach cone does not terminate the uniform 
pressure region; rather an embedded shock wave forms at z/ e * 0.16, which 
abruptly turns the flow parallel to the axis. 

3. FLAT PLATE DELTA WING - DETACHED SHOCK WAVE 

The case considered here has a 74.6° sweep, operating at M® ■ 3.51, a " 14.7°, 
and has been computed for several mesh densities. Cross plane isobars are shown in 
Figures 8(a) and (b) for meshes of square cells with 20 and 30 cells (meshes A and B 
respectively) to the semi-span. In Figure 8(c) mesh C has 40 rectangular cells to 
the semi-span, but stretched to concentrate them near the surface and close to the 
leading edge as shown in part by the velocity vector plot of Figure 9. The 
predicted pressure distributions for the compression surface are shown in Figure 10 
and these are compared with experimental data (Hillier, 1973) for a flat compression 
surface wing with sharp leading edges. Results from all mesh densities agree 
closely with the experimental data. Meshes A and B show slight oscillation near the 
leading edge which probably arises because of the close proximity of the shock wave 
to the edge. This oscillation disappears for the finest mesh C. 

Prediction of leeward surface flows is much more difficult because of the wide 
range of flow regimes which may be encountered. The particular wing incidence, 
sweep and Mach number chosen here were selected to provide a case where leading edge 
separation is expected (Squire, 1985; Szodruch, 1978), although no experimental data 
are available for this case. It is generally recognized that Euler '•odes can 
predict separation at sharp edges (see, for example, Rizzi and Eriksson, 1983) 
although the precise controlling mechanism is unclear. The more difficult case 
would be when the flow remains attached at the leading edge, conically supersonic, 
and undergoes an embedded shock-induced separation further inboard. This will 
always depend upon the leeward surface boundary layer, viscous or numerical, and 
also on the vorticity convected around the leading edge from the curved shock wave 
on the compression side. 

Figure 9 shows the conical velocity vector plot for mesh C (noting that the 
vector length is not directly proportional to the velocity magnitude). This shows 
that a separation commences just inboard of the leading edge at about 91% semi-span. 

Similar vector plots for meshes A and B gave separation positions at about 80% and 
85% semi-span respectively. Thus mesh refinement tends to a leading edge 
separation, which is indeed the expected result for this case. The flow also 
remains separated up to the centreline, for all mesh densities, which is consistent 
with the general data of Szodruch (1978). 

Figure 11 shows the corresponding spanwise surface pressure distributions for 
the three meshes, illustrating the point above that mesh independence has not been 
achieved near the leading edge. The other, main, prominent feature of the lee 
surface flow, seen best by the isobar plots of Figure 8, is the cross-flow shock 
wave located at about 30% semi-span. This extends into the upper region of the 
separation zone but clearly cannot penetrate down to the surface because of the 
reversal in cross flow direction. Figure 11, for mesh C say, shows the diffused 
pressure rise at the surface associated with the shock wave, but now of course it 
forms the favourable pressure gradient driving the reversed flow near the surface. 
This figure also shows a relatively large pressure increase just inboard of the 
leading edge, at about 95% semi-span. This opposes the conical inflow and clearly 
is associated with the inviscid separation of the flow. 

6. CONCLUDING REMARKS 

The generalised Riemann problem, as developed initially by Ben-Artzi and 
Falcovitz, has been extended to conical flows. Computations for both detached and 
attached shock waves show sharp and stable capture of the main bow shock wave 
together with leeward surface embedded shocks. The detached shock case predicts 
separation close to the leading edge. This is consistent with other experimental 
observations and is unlikely to be affected significantly by real viscous effects. 
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APPENDIX l 


The time derivatives of pressure p 
of the contact surface are given by C 


and normal velocity 


along the trajectory 



where X * t .ll^cos o< and A = ^ /(! 4 

or- A » V* - sin#. U^cosoC. 

The above coefficients are all evaluated using the initial data at the interface 
immediately oefore the wave interaction commences. Thus ^ , Ck u (say) are the initial 
density and speed of sound on the left of the interface, /^p\ is the initial pressure 

gradient on the left etc. © and y (where tan# - y) are evaluated at the interface 
position . 

The time derivatives of density at the contact surface is given by 


(4&) 

II 

B 

f 




(A3) 


* * 


where a £ is the speed of sound at the contact surface evaluated from the first order 
Rlemann problem. Note that the density and speed of sound are discontinuous across 
the contact surface so that equation A3 must be evaluated on the correct side, that is 
the left side for a right-moving contact surface and vice versa. 


The time derivatives of U and at the contact surface result from equations 8c 
and 8d, that is 


1t~ 


O 


( A4 ) 

and 


A c V c * ccs © 



At 


X 


(A 5 ) 

< 

where is the normal velocity 

of 

the contact surface. 



If we consider here a right moving contact surface, the required 
(Eulerian) at the interface are related to the time derivatives along 
surface by 

^(2 = d _ Ac. . 

time derivatives 
the contact 



dt x 


( A6 ) 

4c * 

where Q • V u, co ) . 






The Eulerian space and time 
equations which g'ves 


/V\ = 

\b-t k dt 


A. 


1 


derivatives 

_L_ cl^. 

A it 


P 


and 


4c 


V 


are also related by the Euler 


U * cos 9 
X 


} 


(m) 


4 - 
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/V\ 

= djt 

^ A, / a. AVc A A t />c Uc*cosS 1 


uR 

dt 

V it x J 



To evaluate tlae derivatives of^, U and to at the interface, again for a *ight-moving 
contact surface, we use the requirement :hat derivatives in the direction of the tzi t- (Jac-cng 
(acoustic) wave are continuous as it is crossed, that is 


k&j + f A L -(uy)V .’|^ = ^_, f ^ 


Combined with equation A6 this gives for the required tine derivative 



±Q\ + Cftc - CN-g^V'^. ] [Aq\ 


A ct<^c 

Ac Jt 


(A10) 


The time derivative/ ] can be expressed in terns of the 

WA. 

fro* the Euler equations, to give the final explicit evluation of 
a tzfi t-moving contact surface follow identically. 


initial gradients fcg\ 

m 

Equations for 


fttl 


This analysis has been presented briefly of necessity, and final results can be written 
in a fairly compact form. A mere detailed yersion of the derivation is being prepared by 
the author as an Imperial College Aero. Dept. Report and will be available shortly. 

























































Plgure 10. Configuration of Figure 8. Spanvise oressure distribution o 
compression surface. All meshes. Experimental data C • ). 
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AEROTHERMODYNAMICS RESEARCH AT NASA AMES 

by 
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SUMMARY 

Research activity in the aerothermodynamics branch at the NASA Ames Research Center is reviewed. Advanced 
concepts and mission studies relating to the next generation aerospace transportation systems are summari r ed and directions 
for continued research identified. Theoretical and computational studies directed at determining flowfields and radiative and 
convective heating loads in real gases are described. Included are Navier-Stokes codes for equilibrium and thermo-chemical 
nonequilibrium air. Experimental studies in the 3.5 foot hypersonic wind tunnel, the ballistic ranges and the electric 
arc driven shock tube are described. Tested configurations include generic hypersonic aerospace plane configurations, 
aeroassisted orbital transfer vehicle shapes and Galileo probe models. 


INTRODUCTION 

Current research activity in the Aerothermodynamics Branch at the NASA Ames Research Center is outlined and 
described. Focused activity is directed toward orbiting high altitude, high drag aerobraking vehicle configurations such as 
aeroassisted orbital transfer vehicles (AOTVs), and toward high lift trans-atmospheric vehicles (TAVs), Tor the purpose of 
maturing the enabling technology necessary for the design of such vehicles. Research efforts arc divided into four distinct 
areas: l) advanced mission and concept studies, 2) computational aerothermodynamic flowfield code development, 3) 
thermo-chemical non-equUibiium reacting gas models and 4) code validation experiments. These four research areas are 
considered synergistically to extend the state-of-the-art in aerothermodynamic technology. 

Advanced mission and concept studies identify the thermal-control requirements for design optimized aeromaneuvering 
performance for space-based applications and low-Earth orbit sorties involving large multiple plane inclination changes. 
Heating analyses for hypersonic low density viscous flows including real gas chemistry and surface catalysis are considered. 
The predicted aerothermodynamic heating characteristics are correlated with thermal-control and flight performance car 
pabilities. Mission payload capability for delivery, retrieval and combined operations is determined for round trip sorties 
extending to polar orbits. The results help to identify technology issues required to develop prototype operational systems 
and provide guidance and direction for development of computational aerothermodynamic flow codes. 

The design of the next generation aerospace transportation systems will be driven by considerations such as fully 
reusable systems, maximum pay load-to-total-weight ratios and high altitude aeromaneuverability to achieve orbital plane 
change and cross range capability. These considerations, and others, will be finely tuned to effect designs for economically 
viable vehicles such as rapid response transatmospheric vehicles (TAVs) and space freighter concepts like the aeroassisted 
orbital transfer vehicle (AOTV). 

In the past heavy reliance was made using ground based test facilities such as shock tubes, arc jets and ballistic ranges, 
in conjunction with engineering design and analysis codes, to achieve closure on designs of such vehicles as the Apollo, 
the Space Shuttle, and the Galileo probe. Many of these vehicles were expendable, “one-shot", vehicles that use ablative 
heat shield materials. The space shuttle, a reusable non-aeromaneuvering vehicle, employs reusable tiles but must undergo 
considerable refurbishment between missions. To design fully reusable aeromaneuvering vehicles will require design tools 
significantly improved over those used in the past, and design tolerances will need to be much tighter to avoid unnecessary 
weight penalties that can drive the cost beyond economic viability. 

Ground based test facilities can provide valuable insight for the design and understanding of aerospace vehicles. Such 
facilities, however, cannot simulate all of the conditions that will be encountered in planned missions of the future. Shown 
in Fig. I is the flight domain for a variety of aerospace vehicles for typical missions in terms of flight Reynolds number 
and flight Mach number. Superposed are regimes which can be simulated by typical ground based test facilities. The high 
altitude, high speed regime is the most difficult to simulate, yet it is this regime that will be encountered by vehicles of 
the future. Flight tests can, and are being planned, such as the aeroassist flight experiment (AFE), to provide data in this 
regime. But these tests are expensive and can provide only a limited amount of data. To augment this data and to optimize 
cost effective designs, reliance must be made on advanced computational techniques. Both ground based and flight tests 
can provide valuable data to validate these computational methods. The computational methods can then, in turn, be used 
to extrapolate our understanding and analysis in to regimes not covered by existing facilities. 

Over the past decade and a half, during the hiatus in hypersonic research, we have seen great advances in three key 
areas that are now being synthesized to develop advanced computational techniques to a mature technology to enable the 
design of the next generation aerospace transportation systems. The first of these is the development of inexpensive raw 
computing power. In the early '70s scientific computers were of the IBM 300 and CDC 6600 class. The IBM 370 series 
and CDC 7600 machines were just becoming available. Since that time we have seen the Cray 1 and Cray 2 computers, 
the CDC Cyber 205 and the Fujitsu VP200 and VP400 and Hitachi S 810. Coming along are the ETA 10 and the Cray 
3 supercomputers. These computers are faster in terms of computing speed and larger in terms of high speed memory by 
orders of magnitude and, at the same time, cost orders of magnitude less per unit of computing power than a computer of 
a decade and a half ago. 

During the same period a new and powerful tool in aerodynamics was developed; computational fluid dynamics 
(CFD). Numerical algorithms have been refined to efficiently solve the Reynolds averaged Navier-Stokes equations for three- 
dimensional steady and unsteady compressible flows at transonic and supersonic speeds in an ideal gas. Associated with 
this are sophisticated discretization schemes to describe complex geometries and flowfields. To extend the CFD capability 
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to the hypersonic flight regime experienced by aerospace vehicles it is necessary to include “real gas” effects. Typically this 
involves the description of chemical reactions, thermo-chemical nonequilibrium and radiative transport phenomena. 

At the very high temperatures associated with high altitude hypervelocity flight there is a paucity of experimental 
data defining collision cross-sections and transition probabilities necessary to accurately describe the chemical exchange 
processes involved. To this end recent advances in computational chemistry can be used to fill this critical gap- A recent 
survey describing the capability of computational chemistry and the impact on the analysis of orbital transfer vehicles is 
given by Cooper et al 1 . The combination of CFD and real gas chemistry, along with n<udern high-speed computers form 
the synergistic basis of computational aerothermodynamics (CAT). Three excellent recent review articles on computational 
aerothermodynamies are given by Anderson 2 , Graves and Hunt 3 and Lewis 4 . 

The particular phenomena addressed by computational aerothermodynamics is the prediction of aerothermal loads. 
These include effects such as aerodynamic forces, convective and radiative heating rates, gas/surface interactions and surface 
catalytic effects, thermal protection systems with active cooling and plasma layers and their effect on communications and 
power supply. These phenomena are critical to designing vehicles that are to be adequately protected from the very 
high thermal loads that will be encountered during hypervelocity flight and that are to be aerodynamically stable and 
maneuverable. Existing ground based test facilities will be used to perform critical experiments designed to provide data 
for real gas computer code validation. 


ADVANCED MISSION AND CONCEPT STUDIES 

In conceptual studies extending over the past two decades 5 ' 7 the potential of aeroassisted technology for enhancing 
orbital operations and planetary missions has been widely recognized. This technique calls for using the aerodynamic 
forces produced by grazing passes through the upper atmosphere to achieve the transition to local orbit by deceleration or 
directional change; earlier methods relied exclusively on propulsion power. The propellant saveo by eliminating the costly 
propulsive maneuvers not only makes possible missions that are otherwise impractical but also substantially increases 
payload capability. Exploratory studies 7 have indicated that two classes of aeroassisted orbital-transfer vehicles (AOTVs) 
can satisfy a broad range of Earth-centered space transport missions. 

Aerob r aking APT Vs 

One design is useful primarily as a space freighter for transporting large payloads when time is not a constraint in 
the mission requirements. This “aerobraking” vehicle performs its orbit-change maneuvers by aerodynamic drag in the 
far-outer extent of the atmosphere to alleviate surface heat fluxes and pressure forces, which minimizes the weight penalties 
for the aeroassist apparatus. Extensive design and mission-performance analyses for operations encompassing cislunar space 
have been given by Menees et al 8,9 and Davies and Park 10 for an AOTV design in this category. A typical near-Earth 
orbital transfer mission would be between a geosynchronous and an equatorial low earth orbit. The location of a space 
station at geosynchronous orbit (GEO, 35,841 km altitude) is a future certainty because of its many scientific, commercial, 
and strategic applications. Consequently, low-cost orbital-change maneuvers between GEO and low Earth or Space Shuttle 
orbits (LEO, 400 km altitude) for personnel and material transport will be a future requirement of high frequency. The 
advant iges of aerobraking provide substantial savings in propulsion fuel mass for this mission. This is illustrated in Fig. 2 by 
the schematic of a typical mission profile for a single-pass, aerobraked orbital transfer vehicle (AOTV) maneuvering between 
GEO and equatorial LEO. Multiple passes are possible and appropriate for unmanned missions for which turnaround time 
is unimportant, but a single pass in appropriate for manned missions. The constraints on the mission are a re-entry mass 
of 12 tons (to conform with other studies) and the use of a liquid rocket engine with a specific impulse of 420 s to make 
the AOTV reusable and refuelable. The mission scenario is as follows: 1) the AOTV with initial mass of 30 tons (the 
approximate capacity of Space Shuttle cargo bay) is inserted into equatorial LEO; 2) a propulsive thrust of 2395 m/s is 
required to transfer from the circular LEO to an elliptical orbit with apogee at GEO and perigee at LEO; 3) this consumes 
a propulsion fuel mass of about 45% of the initial AOTV mass; 4) a propulsive thrust of 1456 m/s is required to achieve 
the circular GEO from the elliptical transfer orbit; 5) this maneuver consumes an additional 30% of the AOTV mass; 6) 
a payload of 5.5 tons is picked up for transfer to LEO so that a re-entry mass of 12 tons will be obtained subsequently; 
7) a retroproputeive thrust of 1490 m/s is required for transfer to an elliptical orbit with perigee in Earth's atmosphere to 
take advantage of aerodynamic braking; 8) this maneuver expends 30% of the remaining AOTV mass in fuel and provides 
the desired re-entry mass of 12 tons; 9) aerodynamic braking occurs with the AOTV, achieving a new elliptical orbit with 
apogee at LEO; and 10) a final small propulsive thrust of 90 m/s is required for insertion into LEO, which burns a fuel 
mass of only 2.5%. Thus, aerobraking conserves essentially all of the fuel mass that would be required for return to LEO 
using all-propulsive maneuvers, which is about 45% of the AOTV mass (the difference between propulsive thrust for steps 
2 and 10). 

Several design concepts have been considered for orbital transfer vehicles including a conical lifting-brake 5,11 , a raked 
elliptic-cone 12,13 , a raked sphere-cone 14 , a lifting body 15 , and a ballute. These five concepts have recently been reviewed 
and critiqued by Park 10 . Historical backgrounds, and the geometrical, aerothermal and operational features of the de¬ 
signs are considered as are the technological requirements for the vehicle (namely, navigation, aerodynamic stability and 
contiol, afterbody flow impingement, nonequilibrium radiation, convective heat-transfer rates, mission abort and multiple 
atmospheric passes, transportation and construction, and the payload-to-vehicle weight requirements). These issues are 
delineated and recent advances that have been made in them are summarized. Each of the five design concepts are critiqued 
and in Table I are rated on these issues. The highest and the lowest ratings are given to the raked sphere-cone and ballute 
designs, respectively. A fairly in-depth aeroelastic analysis of the bottom rated ballute concept is given by Park 17 which 
identifies critical concerns with aerodynamic stability. 

The highest rated sphere-cone concept is described in detail by Davies and Park 14 and is illustrated in Fig. 3. To 
position the thrust line correctly, the two rocket engines must exhaust forward through an opening in the aerobrake as seen 
in Fig. 3a. The thrust line in each of the two engines passes through the approximate center of gravity (c.g.) at take-off 
(see Fig. 3c) so that, in case one engine fails, there would be no unduly large yawing moment. The engines have telescopic 
extensions that serve two purposes: preventing spilling of rocket exhaust gas behind the aerobrake, and increasing nozzle 
area ratio and thereby thrust. Two hinged hatches must be provided on the aerobrake for the telescopic engines and these 


are indicated in Fig. 3c. Similar hatches are already incorporated into the Space Shuttle for its landing gear. Two sets 
of fuel tanks exist in this design: the main tanks within the heavily armor-protected command/control module, and the 
auxiliary tanks dispersed behind the aerobrake as seen in Fig. 3b. The fuel in the auxiliary tanks will be used first; the 
fuel in the main tanks (comprising 5-10% of the total fuel capacity) will be kept as a reserve. The heavy oxygen tanks are 
located on the central yaw plane to minimize their effect on the trim angle. The tanks for the much lighter liquid hydrogen 
are located symmetrically on the central pitch plane so that possible imbalance in the amounts of hydrogen in the two t&nks 
would not greatly affect the trim angle of attack. In case one engine fails, oxygen can be shifted from one auxiliary fuel 
tank to the other to realign (in the yaw plane) the c.g. with the thrust line of the functioning engine. The toroidal-shaped 
main oxygen tank inside the command/control module has four compartments. Large adjustments in the c.g., if needed 
during operation of the rocket engines or during atmospheric flight, can be made by shifting liquid oxygen among these four 
compartments. Fine adjustments in the c.g. during the atmospheric flight can be performed by gimballing the engines. 

On the base side of the aerobrake, the command/control module and the auxiliary fuel tanks are covered by a shroud 
(see Fig. 3a) made of lightweight heat shield material. The shroud serves three purposes: first, it thermally protects 
the auxiliary fuel tanks and the command/control module from the Ijot recirculating flow in the base region; secondly, it 
protects the tanks from possible meteoroid bombardment; and thirdly, it is used as a radiating surface for the thermal 
control of the components it encloses. The cargo bay has a two-part shield (seen open in Fig. 3c) which also serves three 
purposes. First it thermally protects the payload; secondly, it protects the cargo from meteoroid bombardment; and thirdly, 
in case of failure of one engine, it can serve as a ballast (that is, by opening one shield, the c.g. shifts in the yaw plane 
which brings the c.g. closer to the thrust line of the functioning engine). 

High Lift AOTVs 

The other generic AOTV design is a very high-lift “aeromaneuvering" vehicle. This is an essential op'Tat nal re¬ 
quirement if time-constrained, aeroassisted maneuvers are to be accomplished between low-Earth orbits (LEOs) involving 
large, multiple plane-inclination changes. Such high-lift vehicles serve as space taxb. They achieve rapid response from 
one orbital plane to another but have the inherent liability of small payload fraction because of low volumetric efficiency. 

Results were given by Menees 7,9 , Davies and Park 10,11 and Brown 18 of detailed system design studies for configurations 
in the high-lift AOTV category. These were the first studies to address the problem of rarefied-hypersonic flow over a 
lifting surface at incidence with the inclusion of appropriate viscous/inviscid interaction phenomena. A subsequent work by 
Menees 111 brings together the diverse details of the research activities at NASA Ames Research Center for high-lift AOTVs 
and is an adjunct to this paper. Special emphasis is given to the problems of hypervelocity, low-density, viscous effects on 
flow-field dynamics and thermochemical relaxation effects. 

The use of high-lift vehicles when returning from low-Earth orbit has many advantages. A primary benefit of lift 
is the ability to achieve large longitudinal range. Lift also provides the capability to maneuver within the atmosphere. 
Maneuver ability enhances mission flexibility and increases the choice of landing sites. Lift can also be used to alleviate 
the deceleration loads and aerodynamic heating accompanying atmospheric entries. The resultant moderation of the entry 
environment benefits the vehicle’s occupants and permits lower structural and thermal protection weights. Skipping flight 
paths can be used to maximize both longitudinal and cross ranges 20 but have associated with them adverse deceleration, 
structural load factors and aerodvnamic heating factors when compared with gliding flight paths 21 Even for entry angles 
of less than 10°, the deceleration loads can be an order of magnitude higher for skip flight paths; therefore, the crew of a 
skipping vehicle experiences severe physiological stress. To withstand the increased structural loads, such major components 
as the fuselage and wings must be two to three times heavier. Heating rates are 4 to 5 times higher and require heavier 
thermal protection systems. 

Airbreathing TAVs 

The developing need for more economical access to space has spurred renewed interest in transatmospheric vehicles 
(TAV) in both the United States and Europe. Such a transatmospheric vehicle would have responsive, flexible operational 
characteristics approaching those of aircraft and might eventually replace the Shuttle by prov iding short launch notice and 
turnaround times. The TAV would be able to take off and land from ordinary runways and operate in low-Earth orbits. 
A lower-speed variant of such a vehicle may be used to transport passengers or high-value cargos to any location on the 
Earth in a small fraction of the flight time of current jet airliners. 

The configurations proposed for transatmospheric vehicles would use primarily air-breathing propulsion systems 
(scramjets) for extended period* of hypervelocity flight to orbital speed. The hypervelocity flight within the atmosphere 
subjects the vehicle to severe aerodynamic heat fluxes and total heat loads. Therefore, the thermal protection of such 
vehicles will be major design considerations. A TAV using air breathing propulsion must fly in the denser part of the at¬ 
mosphere to achieve adequate acceleration to reach orbital speed. The elements of severe aerothermodynamic environment 
are, therefore, coupled with the requirement of low aerodynamic drag. To achieve low drag, the vehicle must be slender and 
must have a relatively sharp nose and wing leading edges. Propulsion and aerodynamic performance of typical TAVs were 
approximated and trajectory and angle of attack histories were derived which allow meaningful computation of the surface 
heating rates and heat loads 22,23 . Heating rates, equilibrium wall temperatures and total h- loads at the stagnation 
point, along a postulated wing leading edge, and on the windward surface centerline of the vehicle are presented. 


The combination of high heating rates experienced by surfaces with small curvatures and the long ascent times results 
in large total heat loads. Therefore, the most severe heating occurs during ascent at the stagnation point and wing leading 
edges. In contrast, atmospheric entry occurs at large angles of attack, since high drag is desirable to reduce the length 
of the heating pulse. A comparison of total windward centerline heating loads for typical ascent and entry trajectories 23 
are shown in Fig. 4. Temperatures peak around 1300° K during both ascent and entry and radiative cooling should be 
effective over large areas of the vehicle. Ascent peak stagnation point and wing leading edge wall temperatures are about 
3500° K and 2500° K, respectively. Therefore, some form of active cooling may be required for these regions of the vehicle. 
The corresponding temperatures during entry are 1000° K lower. 
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COMPUTATIONAL AEROTHERMODYNAMICS 


Computational fluid dynamirs involves the numerical simulation of the equations of motion for an ideal gas; these 
equations are the conservation of mass, momentum and energy. In their most general form these equations are the 
compressible Navier-Stokes (NS) equations. For turbulent flows the range of length scales is too great to feasibly be 
resolved numerically, and so these equations are time averaged over a scale small with respect to the mean motion time 
scale yet large with respect to the fine scale turbulent structure. These small scale turbulent transport processes are 
modelled using eddy viscosity and eddy conductivity concepts. Many flowfields have been well simulated for a variety of 
shapes and flow conditions where strong viscous/inviscid interactions and/or flow separation are important by solving these 
equations in a time-like manner until a steady state is asymptotically achieved. When there is no flow reversal and the 
flow in the streamwise direction is supersonic these equations can be simplified by neglecting the streamwise viscous terms. 
The solution to these simplified equations, referred to as the parabolized Navier-Stokes (PNS) equations, can be found 
by efficient streamwise marching techniques. Further simplification can be achieved when viscous/inviscid interactions are 
weak by decoupling the viscous and inviscid dominated regions from one another and simulating the regions separately 
in an iterative manner. Here the inviscid Navier-Stokes equations, termed the Euler (E) equations, and are solved in the 
inviscid region away from body surfaces. Near the body surface the viscous dominated boundary layer (BL) equations are 
solved. A fourth simplification which can be used for strong viscous/inviscid interactions is the viscous shock layer (VSL) 
approximation. The VSL equations are obtained from the steady-state NS equations by retaining terms up to second 
order in the inverse square root of the Reynolds number. In addition, approximations are invoked for the normal pressure 
gradient and the bow shock location. 

These four equation sets, Reynolds averaged NS, PNS, E plus BL, and VSL, are used in computational aerothermo- 
dynamics to simulate aerothermo loads for a variety of vehicles and flight conditions. Examples of each will be described 
later along with the influence of real gas effects. 

Real gas effects include thermo-chemical nonequilibrium, where finite rate processes for chemical and energy exchange 
phenomena occur, and radiative transport. To account for chemical reactions conservation equations for each chemical 
species must be added to the flow field equation set. There are 5 flow field equations; one continuity, three momentum and 
one energy equation. For dissociating and ionizing air there are typically 9 species (Nj, O 2 , N, O, NO, 0 + , N + , N0 + , 
e"). The inclusion of conservation equations for each of these species nearly triples the number of equations to be solved. 
When there are combustion processes or gas/surface interactions or ablation products, the number of species increases 
dramatically. To account for thermal nonequilibrium and radiative transport there are additional energy equations to 
describe the energy exchange between the various energy modes (translational, rotational, vibrational, electronic, etc.) To 
further complicate the analysis the range of time scales involved in thermo-chemical processes is many orders of magnitude 
wider than the mean flow time scale. This is the single most complicating factor in computational aerothermodynamics. A 
wide variety of simplifications are used to alleviate problems associated with widely disparate time scales and are discussed 
briefly next. 

Many flows can be adequately approximated by assuming an equilibrium real gas. Here the reaction rates are assumed 
to all be fast enough that the gas is everywhere in local equilibrium and the thermo-chemical state of the gas can be 
defined solely by the local temperature and pressure. Reactions are allowed to occur but are completely uncoupled from 
the flowfield equations. This is a good approximation for lower altitudes and can be used for a major portion of the analysis 
of such vehicles as transatmospheric vehicles. In the other extreme reactions are sometimes so slow that the gas can be 
considered frozen in a particular chemical state. This phenomenon typically occurs in regions of rapid expansion such as 
in jets or base regions of body shapes, but can sometime be used behind compressive shocks as weff. 

When finite rate chemical reactions are important they can often be considered to be in thermal equilibrium. That 
is, that the energy modes of the species equilibrate very rapidly compared 10 the chemical rate processes. Even with this 
simplification the time scales vary over an extremely wide range, resulting in a “stiff" behavior of the complete equation 
set and adding to the difficulty in solving the flowfield and species equations in a fully coupled manner. In these cases the 
species equations are often effectively uncoupled from the flowfield equations and solved separately in a “loosely" coupled 
manner, often by a different (typically implicit) numerical technique. 

VSL Methods 

Recent applications using VSL techniques are describe in Refs. 18 and 24 - 27. Green et a) 25,26 obtained VSL solutions 
for the forebody of the Titan atmosphere entry probe which is planned to make scientific measurements in the organic 
haze layer of Saturn’s largest moon. The flow was assumed to be in local thermo-chemical equilibrium and corresponded 
to an entry velocity of 12 km/sec. Both radiative and convective heating analyses were performed in order to identify the 
thermal protection system (TPS) requirements and associated material response necessary to protect the probe. Shown 
in Fig. 5 is the convective and radiative stagnation point heating histories. The chemical species distribution predicted 
along the stagnation streamline in the forebody shock layer at a time corresponding to the peak heating pulse are shown 
in Fig. 6. The heating pulse occurs in the hypersonic, low-Reynolds number region of the trajectory and at the stagnation 
point the peak flux is 2.5 MW/m 2 . A stagnation-point convective heating correlation was developed from the results of 
this study which can be employed in approximate heating analyses. 

Balakrishnan et al 27 solved the radiative VSL equations to analyse the flight data from several experiments including 
Fire II, Apollo 4 and PAET and compared the computed results with radiometric data from the flight tests. Calculated con¬ 
vective heating rates were found to compare wtll with experiment, but self-absorbtion and thermochemical nonequilibrium 
effects precluded good agreement with the radiative heating rates. 

In an attempt to account for thermochemical nonequilibrium, Brown 18 solved the VSL equations for dissociating 
nitrogen for typical flight speeds of 10 km/sec, altitudes of 80 km and bodies with nose radii from 1 to 50 cm. A two- 
species, two-temperature nonequilibrium gas model 28,29 was assumed and comparisons are made with previous theories, 
experimental data, and results based on the thermodynamic equilibrium assumption. Results shown in Fig. 7, in which 
!:eat-transfer rate coefficient C#, is shown as a function of rarefaction parameter K r 2 , indicate that the inclusion of vibrational 
relaxation has little effect on the convective heat-transfer rate for a fully catalytic surfaces but can contribute to increased 
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heating-rates to catalytic surfaces. Preliminary studies 7,30 indicate that peak heating for a TAV occurs at rarefaction 
parameter values, K r 2 , between 8 and 18 for a leading edge radius of 10 cm. If low-catalytic materials are used for thermal 
protection, vibrational nonequilibrium effects will be critical in the structural design. 

The effect of thermochemical nonequilibrium on radiative heating has been addressed by Park 31,32 . The results of these 
studies indicate that radiative heating loads for typical AOTV missions are of the same order as the convective heating 
loads. 

Euler Methods 

Recent applications using Euler methods are described in Refs. 33-38. A total variational diminishing (TVD) numerical 
scheme for high Mach number flows in chemical equilibrium with emphasis on improved convergence is discussed in Refs. 
33-36. Here TVD numerical dissipation and real-gas properties are added to one dimensional and axisymmetric codes using 
the Beam and Warming central difference algorithm. Solutions are generated for hemispheres and cylinders at Mach 15 and 
20km altitude. Equilibrium solutions were generated for axisymmetric and 2D spheres and cylinders at Mach numbers up 
to 15. The altitude (20km) and velocities were chosen to reflect the flight regime of hypervelocity atmospheric aircraft. The 
algorithm uses a TVD dissipation operator which allows strong shocks to be captured. Real-gas properties are provided 
by the Gordon and McBride 39 equilibrium chemistry package. Particular attention was devoted to achieving quadratic 
convergence, which no other equilibrium code has been capable of duplicating. Density and temperature contours show 
the effect of real-gas chemistry on shock stand-off distance and adiabatic wall temperature. A converged solution gives 
confidence that the method is stable and correct. In the one-dimensional code 33 fully coupled finite rate chemistry is 
considered in the simulation of hypersonic flow through a strong normal shock. 

Yang 37 solved the two-dimensional unsteady Euler equations to simulate the impingement of an oblique blast wave on 
a two-di mens ion al AOTV-like configuration. A time accurate hybrid upwind algorithm was used. Shown in Fig. 8 is the 
geometry and computational grid used for the simulation, and in Fig. 9 are computed Mach number contours for a Mach 
30 impinging shock at 15° incidence to the body. These results were computed assuming a frozen gas with 7 = 1.1. 

Three-dimensional simulations for equilibrium air are describe by Balakrishnan et al 30 . Thermodynamic properties are 
evaluated at each computational grid point using an equilibrium composition method 39 and the code has been validated 
through detailed comparisons with tabulated data of Ref. 40. Results were computed for Mach numbers of 10, 15 and 20 
at entry altitudes of 20 and 50 km for a hemispherical blunt body with nose radius corresponding to the Space Shuttle. 

PNS Methods 

Recent applications using the parabolized Navier-Stokes equations are described in Refs. 41-45. Rakich et al 41 solved 
the equations in three dimensions for a Space Shuttle configuration in ideal air. Balakrishnan 43 and Prabhu and Tannehill 43 
added equilibrium real air properties. Shown in Fig. 10 is a comparison of computed temperature distributions for one 
cross sectional plane for both ideal and equilibrium air. The real gas temperatures are significantly lower than the ideal 
gas temperatures at these flight conditions. Prabhu has extended this capability to include chemical nonequilibrium in 
two dimensions 44 and three dimensions 45 . The gas dynamic and species concentration equations are solved in a coupled 
manner using a noniterative, implicit, space-marching finite-difference method. The conditions for well-posed ness of the 
space-marching method have been derived from an eigenvalue analysis of the governing equations. Hypersonic laminar 
flow of chemically reacting air over cones and wedges has been simulated and the results validated. Shown in Fig. 11 are 
computed oxygen and nitric oxide species concentrations in the shock layer of a 10 ° cone for two different altitudes and a 
speed of 8.1 km/sec. The results compare favorably with reacting boundary layer results 46 . 

Navier-Stokes Methods 

Recent applications using NS methods are described in Refs. 47-52. These hypersonic applications are based on two 
well established codes. The first, the ARC2D/ARC3D codes, have been applied and validated for a variety of complex 
configurations and flow fields. Equilibrium air properties are included to enhance the codes to apply to hypersonic flight. 
The central difference Beam-Warming algorithm is enhanced by adding TVD (total variational diminishing) modifications 
so that strong discontinuities can be adequately treated in an upwind-like manner. The second, CSCM (conservative supra- 
characteristic method), is an upwind scheme developed for hypersonic applications. Equilibrium air properties are included 
for realistic simulation at flight conditions. Shown in Fig. 12 are computed concentrations of nitrogen for a Mach 20 flow 
of equilibrium air over a hemisphere forebody 48 . These results compare well with the results of Ref. 40. 

Of particular importance in the simulation of complex hypersonic flowfields is the ability to adapt the grid to the 
solution itself. Two codes, ADAPT2D and ADAPT3D are especially effective as practical and robust methods to define 
solution adaptive grids (Refs. 53-55) These codes have been used for a variety of flows, both steady and unsteady and in 
both two and three dimensions. Use of this technique significantly improves the accuracy and efficiency of the Navier- Stokes 
methods. An application of the CSCM method using the adaptive grid is shown in Figs. 13 and 14 for a two-dimensional 
hypersonic inlet 3 . The solution adapted grid is shown in Fig. 13 and corresponding computed pressure contours on this 
grid are shown in Fig. 14. The shock reflection along the lower boundary and the interaction of the expansion waves with 
the reflected shock are the major features of this flow. The interaction of the expansion fan with the reflected shock results 
in a curved reflected shock. The predicted pressure recovery behind the reflected shock is critically dependent on accurate 
resolution of these features. Other applications using solution adaptive grid' with Navier-Stokes methods are described in 
Refs. 56 and 57, and a recent survey of current state-of-the-art in computational aerothermodynamics is given in Ref. 58. 


NONEQUILIBRIUM CHEMISTRY 

The development and validation of a computer program to calculate the flow of nitrogen and air in thermal and chemical 
nonequilibrium is a first step toward the longer range goal of predicting multidimensional flowfields in nonequilibrium air 
and for hydrogen-air combustion processes. This predictive capability is critical to designing the protective heat shield for 
the AOTV where radiation heating loads are expected to be severe, and to analysing sc ramjet engine performance for the 
air breathing propulsion system of TAVs. Thermo-chemical non-equilibrium reacting gas models have been considered by 
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Park 28,29,59 . A computer program identified as “Shock Tube Radiation Program” (STRAP) (Ref. 29) has been developed 
which computes one dimensional viscous flows of nitrogen and air in a constant-area duct. By improving existing theories 
and by introducing several new innovations, differences between the translational and rotational temperature and the 
vibrational and electron-electronic temperature are considered as are chemical reactions whose rates depend on those two 
temperatures. The computed nonequilibrium thermodynamic properties have been analysed using the Nonequilibrium 
Air Radiation (NEQAIR) (Ref. 60) program to determine the spectral radiation characteristics. The resulting radiation 
characteristics are compared with available experimental data. Shown in Fig. 15 is a comparison of computed and 
experimental emission intensity spectra for air behind a normal shock at a velocity of 10 km/sec and pressure of 0.1 
torr. The computations were performed using a two-temperature gas mode) in which the translational and rotational 
temperatures were equal to one another but different from the vibrational and electron temperatures which were assumed 
equal to one another. The point behind the shock where the comparison is made is nearly halfway between the onset of the 
shock and the point downstream where the air is once again in thermal equilibrium. Good agreement is observed between 
the experimental and the present theoretical data, thus validating the computations and the computer code. 

Lee 61 derived the basic governing equations for the low-density, high-enthalpy flow regimes expected over the heat 
shields of proposed AOTVs by combining and extending existing theories. The conservation equations are derived from 
gas kinetic principles and a four-component ionised gas consisting of neutral molecules, neutral atoms, singly ionised 
ions, and electrons, assuming a continuum flow. The differences among translational-rotational, vibrational, and electron 
temperatures are accounted for as well as chemical nonequilibrium and electric-charge separation. Expressions for convective 
and viscous fluxes, transport properties, and the terms representing interactions among various energy modes are explicitly 
given. The expressions for the rate of electron-vibration energy transfer, which violates the Landau-Teller reaition, are 
derived by solving the system of master equations accounting for the multiple-level transitions. Subsequently, a theoretical 
study was made 62 of the electron-impact vibrational exitation rate processes expected in the AOTV flow fields. Semi- 
empirical quantum-mechanical treatment was adopted to predict the vibrational excitation cross sections and the rate 
coefficients. The obtained results for e~ collisions with N2 showed reasonable agreement with available experimental data. 
The solution to the e~ Nj vibrational rate equation revealed the unexpectedly slow process to equilibrium which is the 
result of the diffusion characteristic and multiple-level transitions at high-temperature regions. A modified Landau-Teller- 
type rate equation and a corresponding relaxation time are suggested which are suitable for nemerical calculations relevant 
to AOTV flow fields. 


EXPERIMENTAL PROGRAM 

Experimental facilities used for the purpose of code validation include the Ames 3.5 foot hypersonic wind tunnel which 
is used for testing generic high lift configurations at Mach numbers of 5, 7, 10 and 14, the pressurised ballistic ranges which 
can produce flight speeds up to 27 km/sec and is used to test AOTVs and planetary probes such as the Galileo probe, and 
the electric arc driven shock tube which can produce nonequilibrium flows at speeds up to 13 km/sec. Flight experiments 
for both the drag brake and the high lift configurations are planned for early in the next decade. 


S hock Tub e 

The 24-inch EAST Facility was operated with pressures between 7 and 30 microns of mercury to simulate flight 
altitudes between 68 to 81 kilometers. Test firings show that: (1) shock velocities in excess of 13 km/sec are achieved at 
densities equivalent to altitudes of 80 km., (2) the hot driver gas emits radiation in the same pattern as observed in previous 
higher density, slower shock speed tests, (3) the driver gas does not radiate at unanticipated spectral frequencies, and (4) 
there is no significant radiation spectra from common impurities such as sodium and iron. This facility will be used to 
perform basic experiments on thermo-chemical nonequilibrium with particular emphasis on vibrational energy excitation 
and nonequilibrium. A description of proposed tests and instrumentation is given by Sharma and Park 63 . 

Ballistic Ranges 

Two ballistic range facilities at Ames Research Center support hypersonic research 64 , the Hypersonic Free Flight 
Aerodynamic Facility (HFFAF) and the Pressurized Ballistic Range (PBR). The two facilities compliment each other; each 
has specific advantages for certain types of tests. Together, they allow testing of a variety of models over a wide range of 
test conditions. Each facility and associated experiments is described briefly. 

Hypersonic Free Flight Aerodynamic Facility 

A photograph and schematic of this facility are shown in Fig. 16. The test section is 23 m long and has 16 orthogonal 
spark shadowgraph stations evenly spaced (1.52 m) over its length. Kerr-cell shutters are used to produce a sharp model 
and flow-field image on the film. Four deformable-piston, light-gas guns, having bore diameters of 0.71, 1.27, 2.54, and 3.81 
cm, are available for launching the model into free flight. Each of these guns can operate to muzzle velocities of about 9 
km/sec. A shocktube to provide a countercurrent flow capability is available, but has not been «sed for recent tests. 

Tests in this facility can be conducted from 1 atm to as low as about 20 pm Hg. And tests can be conducted in 

nontoxic gases other than air, such as COj, Hz, He, Kr, and Xe. 

Pressurised Ballistic Range 

The pressurized ballistic range consists of a large tank that can be pressurized or evacuated and a test section 62 

m long. It has 24 orthogonal spark shadowgraph stations irregularly spaced over its length. The station spacing ranges 

from 2.1 m to 4.2 m. All of the optics are internal to the tank, which imposes a limit on the maximum velocity of the 
model. Many tests in this facility are conducted with powder gas guns rather than the more sophisticated deformable-piston 
light-gas guns. The advantages of this facility over HFFAF are threefold: long model trajectory, pressures up to about 6 
atm and highly detailed shadowgraphs. 

Galileo Tests 


The ballistic ranges at Ames have supported all of the United States’ probe missions to other planets. These include 
the 1976 Viking Mission to Mars and the 1978 Pioneer Venus Mission. Currently, tests are being conducted on the Galileo 
probe. The Galileo spacecraft will be launched in the near future and will arrive at Jupiter two years later. The spacecraft 
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consists of two major components, an orbiteT which is to orbit JupiteT numerous times, concentrating on close encounters 
with many of Jupiter’s moons, and a probe, to enter (and descend through) the atmosphere of Jupiter. The probe will 
make in situ measurements as it descends through the atmosphere prior to its eventual destruction due to extreme external 
pressures. 

Although the probe aerodynamics were needed initially for design purposes, more accurate aerodynamics are needed 
in support of the Atmosphere Structure Experiment carried on board the probe. The Atmosphere Structure Experiment 
is designed to determine the state properties (i.e., density, pressure, temperature) of an unknown planetary atmosphere 
as functions of altitude from measurements made during the entry and descent of a probe. The experiment consists of 
a three-axis accelerometer, plus pressure and temperature sensors. During the high-speed portion of the trajectory, from 
an entry velocity above 47 km/sec to sonic speed, direct measurements are impractical and accelerometers are used to 
determine the state properties. This requires the precise knowledge of the probe aerodynamics, in particular the vehicle 
drag and lift coefficients as functions of Mach number and Reynolds number. The aerodynamic characteristics plus the 
measured decelerations allcnv the probe attitude to be determined and the atmospheric density to be deduced. Integration 
of the density gives the pressure, and the temperature is deduced from the equation of state (given the molecular weight, 
which is measured by another on-board experiment). The ballistic range facilities are well suited for providing the accurate 
aerodynamic data over a wide range of conditions. 

The Galileo probe is a blunt, 45° cone. During the high-speed part of the entry, severe ablation takes place. As much 
as 40% of the vehicle mass at entry is expected to be ablated away, mostly in the nose and conical regions, and even the 
maximum diameter will be significantly decreased. Hence, tests must be conducted not only of the entry configuration but 
of hypothesized ablated configurations as well. 

A typical shadowgraph of a Galileo model in flight obtained in HFFAF is shown in Fig. 17. The screw on the model 
base is for attachment to its sabot prior to launch. The vertical wires are plumb bobs on both sides of the facility for 
reference purposes and the irregular markings are imperfections in the facility windows caused by past impacts of various 
sorts. 

Low-Reynolds-Number Tests 

Ballistic range tests are currently being conducted to precisely define the drag characteristics of the Galileo probe 
at Reynolds numbers, based on model diameter, of about 500 to 250. The importance of obtaining drag data at these 
low Reynolds numbers is due to the fact that the drag coefficient is expected to increase markedly as the slip-flow and 
free-molecule-flow regimes are approached. This dramatic increase in drag coefficient occurs below a Reynolds number of 
about 1000. 

The importance of obtaining drag data at various Reynolds numbers is shown in Fig. 18. Shown are Pioneer Venus 
data down to a Reynolds number of about 250. The drag coefficient increases continuously below a Reynolds number of 1 
million, but the increase becomes most dramatic below 1000. 

AOTV Tests 

Ballistic range tests have been conducted for two AOTV configurations; a symmetric configuration and raked elliptic 
con*. Then* tests were conducted to: 1) Provide experimental aerodynamic data and good flow-field definition against 
which computational aerodynamicists could validate their computer codes, 2) Define bow shock wave shape and shock 
standoff distance, 3) Investigate flow impingement on afterbody,4) Compare the aerodynamics of several configurations, 5) 
Investigate how minor changes in corner geometry affect the flow field, 6) Determine the trim angle or attack of a trimmed 
vehicle. 

A shadowgraph for the symmetric configuration in Fig. 19 and for the raked elliptic cone in Fig. 20. These flow 
visualizations plus drag data from these tests are used for computer code validation. 

3.5 Ft HW T 

The current test program in the 3.5 Ft hypersonic wind tunnel is focused on a generic all-body (elliptic cross section, 
delta planform) hypersonic aircraft model. This configuration is representative of airbreathing TAVs now being considered 
Flow-visualization (shadowgraphs and surface oil-flow patte.ns), surface pressure, surface heat transfer, and flow-field 
surveys using probes and non-intrusive lasers will be obtained for this model both with and without control surfaces. 
Angles of incidencto the free stream will be varied between plus and minus 15° and the frec-stream Reynolds number 
varied between 1.5X10 6 and 25xl0 6 . Shown in Fig. 21 is a photograph of the model with all control surfaces attached. The 
model has a half angle of 75° and is one meter long. There arc two nose configurations: a sharp nose and a blunted nose. 
The simple geometrical configuration is easy to define for computer flow codes and can be readily used to evaluate a wide 
variety of hypersonic flow codes. 

AFE 

A forthcoming NASA flight experiment called the Aeroassist Flight Experiment (AFE) is planned for early in the 
next decade. Ames research center will participate in this experiment by assimilating a large base of radiometric data for 
high-altitude, high velocity thermochemically nonequilibrated flow conditions. The AFE will be carried to orbit by the 
Space Shuttle and then deployed for the atmospheric data pass. Accelerated bv an 18,000 pound thrust solid rocket motor, 
the vehicle will enter the atmosphere at nearly 10 km/sec, and then experience approximately 500 seconds of aerodynamic 
deceleration during which a variety of flight data, including radiative and convective heating rates, will be gathered. The 
vehicle will exit the atmoephere at orbital speed to be recovered by the Shuttle Orbiter for return to earth for poet flight 
evaluation. As a preliminary to the design of a radiometer for this experiment, an approximate method for predicting both 
equilibrium and nonequilibrium radiative surface fluxes has been developed". Spectral results for one trajectory state, a 
velocity of 10 km/sec at an altitude of 85 km, are shown in Fig. 22, where the spectral surface flux at a distance of 20.9 cm 
behind the shock front is plotted as a function of wavelength in the spectral region from 0.2 to 2.0 pm. An inspection of 
the figure reveals that the spectrum appears to be composed of a background continuum with a color temperature in the 
range of 7,000 K to 8,000° K (based on a flux maximum in the vicinity of 0.4 pm) on which is superimposed a complex 
structure of molecular bands and broadened atomic lines. The radiation calculation included nine species (O a . Nj. NO, O, 
N, N + , 0 + , N 2 \ e ); some of more apparent band-heads and lines from these species are identified in the figure. These 
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results, and others like them, are used to develop the instrument parameters for the three different types of radiometers 
proposed for the experiment. 

CONCLUDING REMARKS 

Aerothermodynamk research underway at NASA Ames has been described. Four research areas are considered syn- 
ergtstcally in an effort to mature the enabling technology necessary for the design of the next generation aerospace trans¬ 
port ion systems. These four ares include 1) advanced mission and concept studies, 2) computational aerothermodynamk 
flow fie Id code development, 3) thermo-chemical non-equilibrium reacting gas models and 4) code validation experiments. 
Research in these areas continues in an effort to improve the accuracy and eflficieny of predktive methods and our under¬ 
standing of hypervelocity flows and the effect on aerospace vehkles. A thorough description of the current activity can be 
found in the references cited in the text of this paper. 
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RATINGS OF FIVE AEROBRAKING ORBITAL TRANSFER VEHICLE DESIGN CONCEPTS 

OO ■ VERY GOQO, O - GOOD, X - BAD. XX • VERY BAD 
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Pig. 6 Shock-layer Structure During 

Peak Heating along Stagnation Streamline: Fig. 7 Convective Heat-transfer Rate Correlation. 

Chemical Species Profiles. 



Fig. 8 Geometry and Grid for Two-dimensional AOTV 
Flowfield Simulation. 


Fig. 9 Computed Mach Contours for Two-dimensional 
AOTV Shape. - 30, cr = 15°, 7 - 1.1. 
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Fig. 10 Comparison of Equilibrium and Ideal Air Temperature Distribution*; at Several Cross-Sections of the Space 
Shuttle Orbiter. — 13, H — 55;8 km. a) Equilibrium Air; b) Ideal Air. 
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MASS FRACTION 

Fig. 11 Computed Species Mass-fraction ProFles in the 
Shock Layer of a 10” Cone. = 8.1 km/sec. a) 

Oxygen Mass Fraction; b) Nitric Oxide Mass Fraction. 




Fig. 12 Comparison of N 2 mole-fraction contours over 
Hemisphere Nose 20. a) CAGI2 Solution; b) 

Solution from Ref. 40. 





Fig. 14 Computed Isobars for Hypersonic Inlet usina 
Solution Adapted Grid. M w ^ 5.0. 


Fig. 13 Solution Adapted Hypersonic Inlet Grid 
wedge. (Note unequal scales.) 
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SUMARY 


The flow field of the thick delta wing at high subsonic and at supersonic speeds has been the sub¬ 
ject of quite a variety of investigations at the Technical University of Berlin. The research work 
started as early as in the late 60s and is still going on today. It was triggered off by the initiatives 
of the late "Dietrich KUchemann-aiming" at a hypersonic transport and it was taken as a contribution to 
the Eurohyp activities. 

The wing configurations investigated at the Technical University of Berlin were of simple shape: 
Delta wings with straight leading edges and triangular cross sections of different thickness. The inter¬ 
est was focussed on the development of the leeside flow with changes in angle of incidence and main 
stream Mach number. In addition to that similar delta wings with curved leading edges and also with a 
jump in leading edge sweep were investigated, as well as two types of wave riders. 

Besides some theoretical work mainly wind tunnel test were made applying available test techniques: Sur¬ 
face pressure measurements, Pitot measurements in the flow field, flow visualization by Schlieren, 
vapour and oilfilm technique, skin friction determination using oilfilm interferrogramm and, finally, 
laser velocimetry (laser-two-focus-system). The experimental investigations were particularily challeng- 
ging, because of the small models of generally not more than 6 cm span. This limitation arose from the 
small size of the transonic and supersonic wind tunnel (15 x 15 cm). 

The paper will give a review on the activities and a brief report on some of the findings. 


1. INTRODUCTION 

About three decades ago - at the end of the 50s - considerable effort started at various West- 
european research institutions to explore the possibilities of hypersonic transport. Wave rider config¬ 
urations were found to be the most promising aerodynamics shapes. Such wave riders are in general delta 
wings featured by a rather thick cross section. At the Technical University of Berlin, the basic aerody¬ 
namics of these configurations have been investigated for many years. The investigations comprised 
simple delta wings with straight leading edges and double delta wings - both with triangular cross sec¬ 
tions - as well as wave rider configurations. Vortex-type separations at the leading edges are the main 
characteristics of these delta wings at subsonic as well as at supersonic speeds. 

The origin, location, form and general structure of the vortices depends on many parameters such 
as Mach number, Reynolds number, sweep angle, angle of attack, form of the leading edge and eventually 
body shape in general. The effect of these parameters has been experimentally investigated at the super¬ 
sonic facility of the Technical University of Berlin and various wind tunnels at other research insti¬ 
tutes. The experimental tools included surface and flow field pressure measurements, Laser-2-Focus meas¬ 
urements, skin friction measurements, surface and flow field visualization including visualization of 
skin friction. 

The paper will present results obtained for three different configurations: 

1) The simple delta wing planform with triangular cross section is ideally suited for a description and 
systemization of the vortical lee side flow fields as they occur for different Mach numbers, angle 
of attack and leading edge sweep. 

For these parameters domains of vo r t -i cal flows can te defined. Additionally the influence of Reynolds 
number, present only at certain conditions, will be exhibited. Furthermore, the behaviour of free 
vortices in the wake of delta wings was studied in detail. 

2) Double-delta planforms, either increasing or decreasing leading edge sweep angle in downstream direc¬ 
tion allow detailed insights into the interaction of two or more vortex flow fields emanating from 
different generators. Theses studies lead to the conclusion that vortex interference at subsonic and 
supersonic speeds is different due to Mach number and compressibility effects, and that vortex break¬ 
down is influenced by these interacting vortices. 

3) Finally wave rider and more sophisticated hypersonic vehicles have been investigated in order to 
study the configurational influence on vortex formation and eventually on the performance. Details 
of the flow field studies over a Jones wave rider with vertical stabilizer and representation of a 
fuselage will be presented. 


2. VORTICAL FLOW OVER BASIC DELTA WINGS 

The simple delta wing planform with triangular cross-section is ideally suited for a basic descrip¬ 
tion and systemization of the lee-side vortex flow fields as they occur for different Mach numbers, 
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angle of attack and leading edge sweep angle. For these parameters domains of vertical flow fields can 
be defined. This classification strictly Is valid only for one Reynolds number so that this parameter 
needs to be Included, although for sharp leading edges only at certain flow conditions the vortex behav¬ 
iour Is affected by Reynolds number changes. 

Important knowledge concerning vortical flows Is gained from wake studies downstream of the base of 
delta wings. Finally the'geometry of the cross section of the delta wing can alter strongly the type of 
vortical flow over the lee-side. 

In the following a detailed description on these four topics for simple delta wing configurations at 
supersonic speeds Is given. 


2.1 Class1f ~ cat1on of flow fields 

In a first attempt to systemlze the compressible lee-side flow field over a delta wing as sketched 
In Fig, 1 , it Is assumed that the Reynolds number Is fixed and the boundary layer Is either fully turbu- 
lent or fully laminar. Then there are Mach number, angle of attack and leading edge sweep angles as main 
variables. For essentially conical flow, the Mach number and angle of attack components normal to the 
leading edge can be written as 

Mn = M„ V 1-sln 1 A • cos 1 ( a + (3 )’ 


on = tan 


tan ( g + |3 1 
cos 


tan 3 
tan A. 


These relations were derived In (1). In case of flat topped delta wings ( p = 0), as discussed in this 
section, these normal components reduce to those originally given by Stanbrook and Squire (21. Evalua¬ 
ting available experimental results Stanbrook and Squire found mainly two types of flow. When plotting 
these findings In a diagram with an vs Mn, regions of attached and separated flow at the leading edge 
are divided by the so-called “Stanbrook-Squire Boundary", abbreviated to SSB in the ensuing text. Fig,2 

Further detailed studies at the Technical University of Berlin with flat topped thick delta wings 
(thlckness-to-chord ratio = 0.25) lead to an extended an - Mn diagram. As seen in Fig. 2 especially to 
the right hand side of the SSB, more details of the vortical flow have been found and thus additional 
boundaries could be Incorporated 131. These results were supported later by quantitative skin friction 
measurements and visualization of skin friction (41. One example for a type of flow to the rlqht of the 
SSB Is shown In Fig. 3. 


2.2 Reynolds number influence 

In general the Reynolds number Influence has to be considered for each individual type of flow left 
and right of the SSB. This Is because for example the vortex at leading edge separation condition is 
fixed and thus the primary vortical flow Is not expected to vary with Reynolds number. In contrast sec¬ 
ondary separation may be Influenced as well as most of the flow types to the right of the SSB since 
there attached leading edge flow is prevailing. Details of the flow changes to the left and right of the 
SSB with Reynolds number variation have been studied In (5). A summary of these Investigations and a 
comparison to other results Is presented In Fig, 4 and 5 16). Here at constant an and Mn respectively, 
the Influence of Reynolds number on flow types In the an - Mn diagram is presented. For the type of 
flow denominated "separation with shock" we deduce that the effect of transition diminishes until at 
higher Reynolds numbers this kind of vortical flow field can no longer be ascertained. Here leading edge 
separation develops directly in the type of flow with shock Induced separation. 

At high Mach numbers (Mn~2.5) and high incidences, Reynolds number variation has the effect of 
changing the boundary layer thickness developing from the leading edge and thus changing the Prandtl- 
Meyer expansion around the leading edge. In consequence the shock strength and thereby the primary sepa¬ 
ration line position Is changing. A strong dependence of the boundary between shock induced separation 
and leading edge separation is supported by the few available experiments used In Fig. 5. Thus, even for 
the sharp edged delta wing It has been demonstrated that the parameter Reynolds number cannot be neq- 
lected. 


2.3 Hake flow field of delta wings 

It Is only fairly recently that the Investigation of the delta wing model, shown In Fig. 1, was 
taken up again. The purpose of the new test campaign was to study the vortex development over the rear 
part of the model and downstream of Its trailing edge. With two models of different thickness, it was 
a chance to investigate the Impact of different base flows on vortex development. The test techniques 
were laser vapour screening and laser veloclmetry. Besides that some Schlleren and oilflow pictures were 
taken again. 

The thick-delta-wing-model may be Identified from the Schlleren picture, Flq. 6. The Schlleren- 
visuallzatlon Indicates the complex flow structure In the base area of the model? Besides the Impact of 
the expansion at the trailing edge the interaction with the 3-D-base flow structure will determine the 
flow development of the leading edge vortlcles downstream of the model. 

In the Schlieren-plcture It Is Indicated for which cross sections vapour screen pictures are ava'l- 
able 1151. Two examples of vapour screen pictures are shown In Fig. 7. The fotos Inherit ODtlcal distor¬ 
tions which are been taken out In the drawings. On the leeslde or fRe wing the flow structure Is fea¬ 
tured by a primary vortex with a feeding layer linking up to the leading edge and a secondary vortex 
below. On top of the primary vortex the flow Is strongly expanded with local velocities being conically 
supersonic. A shock wave terminates the supersonic region. 
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The oHflow visualization features a clear dark line which was not found in earlier experiments. 
Fig. 8. Comparison with vapour screen pictures link this line to the secondary separation caused by the 
primary vortex. Results of the laser velocimetry measurements for the trailing edge plane (x/1 = 1.0) 
are presented in Fig. 9 through 11 . 


The measurements were handicaped by the fact that no readings were obtained in the vortex region. 
Obviously no particles entered that area. At its boundary measurements were only obtained by increasing 
laser power from 0.3 to the max. 1.0 Watt. 

Each point did require 3 to 6 measurements of appr. 1 min. Thus the 130 points in one plane of 
measurement took about 13 hours to measure! The pictures shown are the result of extensive inter- and 
extrapolation and cross-checking 116]. 

Fortunately the vapour screen pictures compare very well with the results from laser measurements, 
so that these pictures may be used to quite an extend for studying the flow field. An example is shown 
in Fig. 12 . It compares the flow structure for the thick and thin delta wing. 

In a similar way comparisons were made between the flow structure obtained with a full model and 
a half model. The comparison revealed that for a half model the flow is strongly influenced by an addi¬ 
tional vortex which occurs on the junction between sidewall and model. Thus half models were found not 
to be useful for this type of study 115, 16). 


2.4 Influence of geometry 


Two aspects of the geometrical influence on the lee-side flow field shall be discussed in the fol¬ 
lowing. First, it has been pointed out already that there seems to be a different vortical flow develop¬ 
ment when either thin or thick delta wings are considered, i.e. the angle between upper and lower sur¬ 
face normal to the leading edge cp is a major geometrical parameter. Secondly it will be shown that the 
shape of the upper surface can influence the flow types and boundaries as presented in the above classi¬ 
fication. Thus, also the angle between the leeward meridian and the X-axis 3 is considered another im¬ 
portant parameter. Therefore it can be expected that at the same an and Mn the leeward flow field for 
a thick («|> = 15°) and thin { 4* = 40°) delta wing will differ. The bow shock as well as the flow around 
the leading edge is different so that the boundary layer development on the upper surface is affected. 
One example is given in Fig. 13 where the secondary separation line position of the type of flow to the 
right of the SSB is plotted versus angle of attack. 

Also the non-conical regions of a delta wing very close to the tip indicate the influence of \\> . 
Fig. 14 shows the chordwise starting position of the separation line for two different leading edge 
angles . The difference between thin and thick wings is evident, however it has to be kept in mind 
that the reason lies not only in the viscous interaction due to the different geometry but also is 
caused by imperfections in manufacturing the models. These two examples for the influence of the leading 
edge angle indicate already that also some of the boundaries in the an - Mn diagram are shifted to dif¬ 
ferent positions (6]. 

The majority of systematic investigations on the lee-side flow over delta wings at supersonic 
speeds Is concerned with flat upper surface as discussed in section 2.1 through 2.3. Based on these re¬ 
sults, in (1) the attempt was made to characterize the different types of flow over a wing with a delta 
shaped upper surface, i.e. the wedge angle is 3 > 0. Fig. 16 sumnarizes the findings in the an - Mn-dia 
gram, however the normal flow components are now dependent on 3 as well. While leading edge and shock 
induced separation is still present, only at different values of an and Mn, there are now large regimes 
of non-conical flow. No apparent correlation between the flat and delta shaped upper surface flow fields 
of delta wings seem possible. 


3. VORTEX INTERFERENCE OVER DOUBLE-DELTA WINGS 

In the above sections only delta wings with straight leading edges have been considered. The fol¬ 
lowing discussion concentrates on delta wings having decreasing or increasing leading edge sweep angles. 
The variation of leading edge sweep can either be gradually or discontinuous. Fig. 16. Then the question 
arises if the known classification for flow types resulting from straight leading edges is applicable 
locally for these types of wings. 

In any case one must expect that the Interaction of vortices emanating from differently swept edges 
lead to complex vortical flows over these types of double-delta wings. The planform shape of these 
double-delta wing were designed in such a way that for a given Mach number M* = 3.0 a sweep angle at 
the tip and at the trailing edge of A. = 80° and 69° respectively, will result in experimental trajecto¬ 
ries in the an - Mn diagram which are positioned left and right to the SSB. An overview of wind tunnel 
models and the location of the experimental envelope in the an - Mn classification is given in Fig. 16. 
Models with decreasing sweep angles where denominated strake wings, either having a kinked leading edge 
or a continously changing sweep angle from tip to trailing edge. The Gothic wings on the other hand are 
those models with Increasing sweep angle in flow direction. 

In the following results of investigations on strake and Gothic delta wing configurations inmersed 
in a supersonic flow will be presented. 


3.1 Strake win g configuration 

Pressure measurements, surface and flow field visualization have been carried out in order to study 
the vortical flow development. One typical example [91 for a Mach number of M® = 2.5 and higher angles 
of attack is given in Fig. 17 . 
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The visualization in Fig. 17 shows the rather normal vortex development upstream of the leading edge 
kink, while downstream the complex vortex interaction is hardly detectable from the visualization. One 
hint In which way the vortex emanating from the upstream leading edge Interfers with the vortex shedding 
downstream of the kink is shown in the water tunnel visualization in Fig. 18 . 

In general it has been found that for the downstream flow region of the strake wing the classifica¬ 
tion as used for the basic delta wing with straight leading edge can hardly be utilized. Even the vortex 
flow upstream of the kink is influenced by the downstream flow field. 

These findings are supported by pressure measurements across the rear part of the wing (x/1 = 0.7) 
as plotted in Fig. 19 17). The interference between tip and kink vortex of the strake wing induces espe¬ 
cially for lower Mach numbers high negative pressures as compared with the basic delta wing. Also the 
vortex intensity in Fig. 20, deduced from wall skin friction lines in oilflow pictures leads to the con¬ 
clusion of different flow fields of basic delta and strake wing configurations in the down-stream part 
of the flow field. 

Thus the interacting vortices in the downstream region of the strake I configuration cannot be 
classified according to the basic delta wing system!zation. 

The strake II configuration having a continuously curved leading edge seems to generate one vortex 
pair only, following the curvature of the leading edge. At higher angles of attack a secondary vortex 
appears. 

The pressure distribution for both strake configurations and the basic delta wing is shown in 
Fig. 21. At low incidences the similarity of pressure distribution between strake II and basic delta 
wing is seen, while the strake I configuration clearly indicates the two vortices from the upstream and 
downstream part of the leading edge. In contrast at high angles of attack the vortex emanating from the 
tip region of both strake wings seems to dominate the entire downstream flow field so that the pressure 
distribution shows little differences. 

Summarizing the results for the strake II configuration it has been found that as long as the nor¬ 
mal Mach number Mn along the entire leading edge is smaller than one, l.e. positions to the left of the 
SSB, there the leading edge separation type of flow is dominating at all chordwise positions. When the 
Mach numbers Mn In the downstream part of the strake II wing become larger than one, a different type 
of flow develops in that region. However, even then the flow is governed by the vortex generated in the 
tip area. 


3.2 Gothic wing configuration 


A first impression of the flow field over the Gothic I wing is presented in Fig. 22 (8) with oil- 
flow and vapour screen pictures at three different incidences.At small angles of attack the leading edge 
separation occurs according to the local sweep angle. The flow appears to be conical over most parts cf 
the wing. At higher angle of attack again the vortex emanating from the tip region seems to influence 
the flow field entirely. Separation and attachement lines are mostly conical with respect to the wing 
tip. Thus it is expected to find similarities to the basic delta wing flow field. 

In Fig. 23 the vortex positions above a Gothic and a basic delta wing are compared and up to medium 
angles of attack a similar vortex behaviour over the two wings is observed. At higher Incidences differ¬ 
ent types of flow between the wings may be encountered: Wnile here the delta wing tends to the flow type 
"separation with shock" the Gothic wing seems to remain in the flow region with "leading edge separa¬ 
tion". 


The Gothic II wing with continously increasing leading edge sweep angle behaves very much like the 
Strake II wing, i.e. only one vortex system develops and separation and attachement lines follow closely 
the variation of leading edge sweep. Although from visualization techniques the Gothic II flow field 
seems to be without major surprises. Fig. 24 shows more details evaluated from Pitot-probe measurements 
at a chordwise position x/1 = 0.7. Besides primary and secondary vortex there is apparently a third re¬ 
gion above the wing which could be interpreted as a vortex. More detailed measurements are necessary and 
especially non-lntrusive ones are needed to avoid the observed probe influence on the flow field even 
at these supersonic velocities (141. 


4. WAVE RIDER FLOW FIELD AT OFF-DESIGN CONDITIONS 

When the possibilities of hypersonic transport have been explored wave rider configurations were 
found to be the most promising aerodynamic shapes. At the Technical University Berlin two basic wave 
rider wings were subject of theoretical and experimental investigations, the Nonweiler wave rider and 
the Jones wave rider respectively. The wave rider design follow^ the concept of shaping the wing accord¬ 
ing to a known flow field. Thus the hypersonic flow around a 2-d wedge is the basis for the Nonweiler 
wing, while the Jones wave rider is based on the flow around a circular cone. Both configurations are 
characterized by three design parameters as there are the Mach number Md, the semi-span-to-length ratio 
s/land the volume parameter x = V/F. Both wave riders were designed for Md = 7.0. The Nonweiler wing 
parameter resulted then in s/1 = 0.3 and x = 0.08, while the Jones wave rider was slightly more slender 
with s/1 = 0.28 but having more volume at the same time with t = 0.0883. Thus the Jones concept seems 
to be closer to application than the Nonweiler wing, not only because of more volume but also since the 
volume distribution and thereby the payload capabilities are more advantageous. 

In the following a summary of these investigations on Nonweiler and Jones wave rider configurations 
as sketched in Fig. 25 will be presented. The results are confined to off-design conditions in the su¬ 
personic speed regime. 



25-5 


4.1 Nonweiler wave rider 

The Nonweiler wing is the simplest type of wave rider, having straight leading edges and ridge 
lines and between these, plane surfaces, Fig. 25. At its design condition this wave rider produces a 
plane shock wave attached to the leading edges and between this shock and the lower surface the flow is 
parallel to the lower ridge line. The flow condition corresponds to that of a flow around a two-dimen¬ 
sional wedge of angle 6 . 

If the Mach nimber is reduced below the design value (or angle of attack is increased) the shock wave 
bulges and finally separates from the wing. Thus flow around the leading edges occurs and separations 
are formed, rolling up into spiral vortex sheets. The vortices account for low pressure on the upper 
surface of the wing producing a considerable amount of additional lift and thus improving the 
lift-to-drag ratio, Fiq. 26. At subsonic speeds the low pressure due to the leading edge vortices pro¬ 
vides roughly half of the total lift In this particular case. 

The values for lift and drag have been calculated from measured pressure distributions. The pres¬ 
sure measurements along the surface of the Nonweiler wing revealed remarkable non-conical effects for 
subsonic and low supersonic free stream conditions. In particular strong upstream influences of base 
flow are shown to exist especially for the lower surface of the wing. Thus model mounting in the wind- 
tunnel becomes critical as it effects the surface pressure via the base flow. 

If for the Nonweiler wing the free stream Mach number is just slightly below the design value 
(or angle of attack is just above) the shock wave bulges with a plane portion attached to the leading 
edges. Fig. 27. Near the leading edges the flow is still parallel with constant pressure. Within the 
Mach cone the flow direction varies while the flow expands towards the lower ridge line. Such a flow is 
amenable to an exact but inviscid calculation (131. 

The solution for the leading edge region is straight-forward by the use of oblique shock relations. 
For the central region within the Mach cone a finite-difference solution was necessary. Starting with 
a zeroth-order solution chosen in such a way that the boundary conditions are satisfied, an iterative 
process leads to the exact solution. As an example a calculated pressure distribution is shown in 
Fig. 28 . Although the Nonweiler wave rider is of fairly restricted practical Importance, such results 
are of interest for testing approximate solutions. 


4.2 Jones wave rider 


While the Nonweiler wave rider was designed to produce at the lower surface a flow equivalent to 
a wedge flow, i.e. a parallel flow following a plane shock, the Jones Wave rider is based on a cone 
flow. Fig. 29. At the design condition, the shock wave is conical and attached to the leading edges, and 
the pressure along the curved lower surface is not constant. For practical application of the wave 
rider concept to a hypersonic cruise configuration the Jones wing is much more realistic, because of 
reduced dihedral and more favourable volume distribution as compared to the Nonweiler wing. At 
Messerschmitt- Bolkow-Blohm (MBB) the applicability of the Jones wing to a hypersonic transport configu¬ 
ration has been demonstrated. Fig. 30 (17). 

The flow field of the Jones wave rider at off-design condition is more complex, because it is ba- 
sicly non-conical. In particular, when the upper surface is designed to produce an expansion equivalent 
to a Prandtl-Meyer flow, this surface will also be curved and generally no similarity will exist between 
cross-section shapes at various chordwise positions. Accordingly the flovf structure varies with chord- 
wise position as can be seen from some measured pressure distributions presented in Fig. 31. Such sur¬ 
face pressure measurements have been made for various subsonic and supersonic free stream conditions in 
order to provide data for comparison with theoretical results. 

For subsonic and moderate supersonic speeds an attempt has been made to calculate the flow field 
for bodies of general shape, such as the Jones wave rider. The assumption was made that the body had to 
be slender, so that Slender-Body-Theory could be used, but otherwise the body could have sharp leading 
edges and finite thickness. Following a suggestion of Huirmel 1181 two-dimensional singularities have 
been distributed over the surface contour of the body in the cross-sections perpendicular to the main 
'tream direction, Fig. 32 . In this way the method is applicable to slender bodies of any cross-sectional 
and planform shape. For bodies with sharp leading edges, however, leading edge separation occurs even 
for small angle of attack. Such separations are not accounted for in the theory so that one has to ex¬ 
pect that calculated pressure distributions will show considerable discrepancies when compared with ex¬ 
perimental results on the upper surface of the wing near the leading edge. 

Theoretical results obtained for the Jones wave rider are shown in Fig. 33. They again compare 
fairly well with experimental results not only for subsonic free stream conditions but also for the 
supersonic Mach number. The weak point remains the leading edge separation region. As the comparison is 
made for the cross-section at 60 % chord position, the experimental results are assumed to be free of 
base-pressure influence. 

The chordwise variation of pressure distribution for the Jont-s wave rider is shown in Fig. 34. 

While for the Nonweiler wing the pressure level is nearly constant at supersonic free stream conditions, 
for the Jones wave rider theory predicts variation of pressure level on the lower surface due to the 
basically non-conical shape to the body. 
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5. CONCLUSIONS 

The variety of mainly experimental results obtained for thick delta wings yields some basic infor¬ 
mation on the flow structure as it develops at subsonic, transonic and supersonic flow conditions. By 
comparing the results of different experimental techniques sufficient cross-check is provided to allow 
fairly reliable conclusions from the tests of comparatively s-.all models. The information given allows 
first of all a classification of the lee-side flow condition with dominant leading edge separation. 

Some non-conical features of the flow have been analysed mainly by use of flow visualization methods. 
They shed some light on the upstream influence of the base flow and the development of the vortex 
structure downstream of the wing. 
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THE OFF-DESIGN PERFORMANCE OF HYPERSONIC VAVERIDERS 

Lyle N. Long 

Lockheed - California Company 
Post Office Box 551 
Burbank, California 91520-7013 USA 


abstract 

Weveriders are being considered more and non as potential aerospace vehicles. However 
there are several questions regarding these configurations that must be answered before 
they can be considered viable designs. The most significant problems are related to 
aerothernal heating, propulsion integration, and off-design performance. This paper 
presents off-design performance predictions for two generic waveriders. The results are 
from a numerical method based upon the nonlinear, inviscid Euler equations. Comparisons 
to experimental data are also shown. 


IHTRODUCTIOH 

The subject of this paper is the off-design performance of hypersonic waveriders. These 
vehicles are fairly well understood at their design Mach number and angle of attack, but 
their behavior st other conditions is not well documented. In addition, waveriders that 
have non-planar or non-conical bow shocks are also not well understood. After a brief 
discussion of some of the off-design problems encountered on waveriders, some numerical 
results will be presented. The results will be for two different waveriders, and will be 
limited to inviscid flows. 

With the recent resurgence of interest in aerospace planes, space shuttles, hypersonic 
missiles, and orbital transfer vehicles; waverider configurations are being proposed as 
effective hypersonic designs. Waveriders are vehicles which capture a bow shock along 
their leading edges, this eliminate;; flow around the leadlna edges (Ref. 1) and captures 
the high-pressure air. In effect, the shock wave generated by thickness or volume is 
also used for lift. The result is a signifleant lv higher lift coefficient (C L > for • 
given lift/drag (L/D> ratio than more conventional designs, or a higher L/D for a given 
C^. An increase in L/D can usually be equated with an increase in aircraft range or 
cross-range (Ref. 2). 

Kuchemann (Ref. l) describes how aircraft fall into one of three categories wing-body 
for swept), slender, or waverider. These are schematically shown in Figure 1 in teims of 
their range and Mach number. An understanding of one class does not necessarily allow 
one to design an effective vehicle in another. Just as one could not have anticipated 
the design of the Concorde or the SR-71 in the 1930's, no one can anticipate the ultimate 
hypersonic cruiser of the next century today. 

Figure 2 shows the three types of aircraft in terms of their span/length, design Mach 
number, and range. Wing-body aircraft are very effective at low speeds, but are not well 
suited to supersonic flight. Slender configurations have subsonic leading edges at 
supersonic freestream conditions. As the Mach number is increased, this requirement 
produces vehicles that are too slender to be practical. If one must use supersonic 
leading edges, waveriders appear to be very effective, especially if one is interested in 
global flights in reasonable times (under 2 hours). 

Several excellent surveys of waveriders h?”e been published (Ref. 1,3-6), therefore few 
historical remarks on waveriders will be made. Although these vehicles have been 
thoroughly studied at their design conditions, off-design they produce very complex flow 
fields and have not been analyzed in detail. One exception is L.C. Squire's (Cambridge 
University) work on the off-design perfomance of waveriders. For example, Reference 6 
presents of a set of charts for the off-design characteristics of diamond and caret 
configurations. off-design behavior is typically determined from wind tunnel tests, many 
of which are described in References 1,3-6. Off-design performance is critical since 
many hypersonic configurations will not be "point-design" vehicles. With the recent 
advances in computational fluid dynamics (CFD) these flows can be analyzed in detail, 
including real gas and viscous effects. Until realistic waverider configurations are 
thoroughly studied at off-design conditions, they cannot be seriously considered as 
practical designs. 

Some of the major phenomena that must be addressed before weveriders can be considered 
viable are ; 

Aeropropulsion Integration 
Aerothernal Heating 
Stability and Control 

Ron-Conical or Ron-Planar Bow chocks 
Shock Wave Impingement 
Leading-Edge Vortices 

Degradation of Theoretical Performance Due to Viscous Effects 
Effect of Leading-Edge Radii 

Upper Surfaces not Aligned with Free Stream 
Shock Thickening Due to Knudsen number effects 

Most of the above effects will only be described briefly here, and then some results for 
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generic waverider configurations at off-de*ign conditions will be shown. 

Viscous affacts will ba critical to accurataly assassing aaropropulsion intagration, 
aarotharaal heating, shock/boundary layar intaractions, and saparatad flows. Townand 
(Ref. 4) suggasts that tha haating problaas (both tha rata and tha paak) nay ba lass 
t«va;> on '«av»ridars than on flat dalta wings with tha saaa lowar surfaca daflaction 
angla. 

For air-braathing vahiclas, tha inlats and nozzles nay ba assantially tha antira fora and 
aft lowar sactions of tha vehicle, raspactivaly. Tharafora tha aaropropulsion 
intagration problem cannot ba saparatad from tha exterior aerodynamics of tha vahicla. 
Tha hot raacting flows in tha basa ragion will ba aspacially difficult to calculata or 
simulate axpariaantally dua to tha intaraction of cosplax chemical kinatic affacts and 
turbulant shaar layars. Soaa of tha problaas associatad with inlats for hyparsonic 
vahiclas ara discussad by Moldar (Raf. 6), Hunt (Raf. 7), and aora racantly by Haadan 
(Raf. 8). Aarodynaaic and inlat parforaanca iaprovaaants dua to fusalaga caabaring ara 
discussad in Rafaranca 7. 

Tha off-design location of shock wavas can sariously iapact parforaanca, hast transfer, 
and propulsion intagration. Convantional slandar aircraft hava laading adgas swapt 
insida tha bow shock. Wavaridars hava a bow shock capturad on thair laading adgas. On 
convantional vahiclas, at Mach numbers graatar than thair dasignad valuas, tha forabody 
bow shock can iatpinga upon tha wing laading adgas. This rasults in significant incraasas 
in local aarotharaal haating unlass tha laading adgas ara highly swapt (Raf. 9). Ona nay 
not ba abla to swaap inlat cowl laading adgas howavar, which laans thay must ba artivaly 
coolad or incorporata high-tamparatura tharmal protaction systans. An axcallant review 
of aarotharmal naating is givan in Rafaranca 10. Shock wava systems on wavaridars ara 
dascribad in Rafaranca 11. 

Wavaridars at Mach numbers above thair design values will encounter a completely 
different type of shock impingement. Instead of impinging on tha laading adgas, tha 
shocks may swaap across tha upper and lower surfaces. This will causa vary complicated 
shock/boundary layar intaractions and possibly high haating rates. Rafaranca 12 presents 
a vary comprehensive review of shock/boundary layar intaractions. 

Stability and control of wavaridars is a concern because of tha typically large amounts 
of anhadral. It may also ba difficult to incorporata effective control surfaces without 
degrading tha performance. The stability and control of convantional hyparsonic vahiclas 
is discussad in References 13 and 14. Hui has published extensively on hypersonic 
stability and control (sea Ref. 14), including tha characteristics of carat wings (Raf. 
15) . 

Few theoretical or numerical studies have included tha affacts of viscosity on 
wavaridars. Bowcutt (Ref. 16) has included skin friction in his waverider optimization 
procedure. On slandar vahiclas such as these it is vary important to include viscous 
affacts. Vahiclas similar to Bowcutt's will be analyzed axparimanta1ly by NASA-Langley 
in tha near future (Raf. 17, 18) in order to further evaluate viscous affects. It would 
also ba of interest to include displacement thickness effects in any analysis procedure, 
these ara not included in Reference 16. Since the boundary layer thickness on a flat 
plate varies according to : 
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it can be orders of magnitude larger than at low Mach numbers. At high altitudes it can 
ba of tha same order as the thickness of a slander body In addition, the displacement 
thickness can ba of tha same order as tha boundary layer thickness. 

Tha configurations in Reference 16 were optimized for L/D and consequently have very 
small lift coefficients (CL < .1). L/D is just ona possible parameter that could be 
optimized. For soma vahiclas L/D will not be tha most important parameter, such as those 
that go from earth to orbit vary rapidly without actually cruising. For these vehicles 
ona might be more interested in maximizing thrust minus drag (T-D) and thus 
aaropropulsion integration would be the main issue. Configurations that minimized drag 
or maximized lift may also be of interest. 

Classical wavaridars are designed using "known" flow fields. Tha most common ara tha 
planar and conical flow fields of wedges and cones, respectively. These are not optimal 
shapes, even from an aerodynamic standpoint. Optimal hyparsonic shapes are described in 
References 20 and 21. Power law bodies have been shown to hava vary low drag compared to 
cones. With advanced computational methods, it should ba possible to incorporate these 
low drag shapes into wavaridars. Power law waveriderb would hava a Gothic-like planform 
and would consequently have significantly different leading edge vortex flows (Raf. 17) 
at subsonic and supersonic speeds than a conical waverider with a dalta planform. This 
could significantly alter the aerothermal heating and the low-spaed vortex flows off the 
leading edge. Nonweiler (Ref. 3) showed that rounding the apex of a delta planform would 
also help reduce tha aarotharmal heating at the apex. However, the power law bodies will 
have blunter nose cones, which may increase the total pressure losses to the inlats. 
Also, optimizing aerodynamic forces will be of little use if the vehicle's performance is 
governed mainly by aaropropulsion integration. Air-breathing hyparsonic vahiclas will ba 
characterised as having lift, drag, moments, thrust, and trim all highly coupled. 

In addition to being sub-optimal aarodynamically, conical and planar flow fields ara not 
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optimum fro* a systems standpoint either. The;, present problems ir. term. ~f piopiilnon 
integration, control surface location, and landing gear placement. Their ti emendou* 
value cons in the guidance they give the designers. However, there has been little to 
guide the designers as to the effect of deviating fro* the conical or planes fields 
Most studies have shown, however, that minor deviations fro* the classical shapes Jo not 
significantly alter the characteristics. This will be discussed in more detail in the 
resales section. 

Since waveriders may be u-iJ as aerospace planes that take-off and land horizontally on 
runways, their low-speed characteristics are also important. As with conventional 
highly-swept wings, they can be expected to produce significant vortex lift at high 
angles of attack (subsonlea 1ly and supersonically). However, the nature of these flow- 
fields nay differ significantly from delta wings, due to the differences in thickness and 
planfora. 

As mentioned above, the waverider off-design flow field is not amenable to simple 
analyses. Methods based upon modified Newtonian or other component techniques (such as 
the Hypersonic Arbitrary Body Program, Ref. 22 ) * r , by definition incapable of modeling 
interference effects. Ideally one would like to use the full Navier-Stokes equations 
but this is expensive and not we11-va1idated at hypersonic speeds iptrtlculirly 
turbulence models and boundary layer transition). for many problems, especially aw • 
preliminary analysis, inviscid techniques can be quite useful. They cannot predict the 
important heat transfer and boundary layer characteristics, but quantities such as 
surface pressure are often predicted very well with inviscid methods. This is especially 
true for vehicles that are relatively thick. rigure 3 shows that for relatively thick 
bodies the skin friction has a negligible effect on the L/D. 

However, figure 3 may not be applicable to higher Mach numbers because it does not show 
the effect of displacement thickness. The relative importance of the boundary layer on 
the outer flow can be estimated using the viscous interaction parameter : 
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When this parameter is order unity or larger, the surface pressure distribution may 

differ significantly fio» inviscid predictions. For example, at Mach » 10 the 

in w? r ? CtlCrS wa " significant when the Reynolds number is less than 1 mill'on. If a 
vehicie la designed for high-altitude flight (where the aerothermel heating will be 
reduced) the Reynolds number will most likely be smaller than these numbers. When these 
effects are large, the inviscid methods must be abandoned or at least coupled to a 
boundary layer routine. However at hypersonic speeds the concept of an inner viscous 

flow and an outer inviscid flow is not always valid. 

At high Mach numbers and/or low Reynolds numbers, rarefied gas affects will also become 
important. These flows are usually characterized by the Knudsen number ( Kn ■ X/L». where 
\ is the mean free path and L is some characteristic length (e.g. L * p / (dp dx*’. The 
Euler equations are valid in the limit as Kn - 0, and the Navier-Stokes for Kn w 1 

Typically when Kn > .1. one must resort to kinetic-theory-besed methods such as the 

Direct Simulation Monte carlo (DSMC) method (Ref. 19). As the Knudsen number i* 
increased, shock waves become thicker and thicker. Therefore at high altitudes -.*• 
concept of capturing a bow shock on a leading edge becomes somewhat arbitrary. Thi* 

means that waverider performance will be reduced due to the inability to capture the 

pressure air. The performance of waveriders under these circumstances has net rear? 
investigated in detail. An important point to make is that although in the free«trea« ft 
8 M/Re, near stagnation regions Kn » l/(M Re); therefore surface quantities '.an eftet re 
predicted quite well with continuum theories. 


METHOD 


In the present study a numerical method based upon the nonlinear Euler # q u «'i-« 
used. These equations accurately model the effects of strong shock waves r.c* 
shock wave structure however) and vorticity transport. In addition, when the ie: 
point is fixed, such as at a sharp leading edge, they have been shown :r 
separated flows reasonably well. Relatively thick bodies will be analyzed here* 
thickness/chord * *21 and .30), so inviscid methods should be fairly accura-e 
types of bodies will be of interest when large amounts of volume are required f;: 
or fuel. Tor example, hydrogen-powered vehicles may require relatively thic# f 
due to the low density of liquid hydrogen compared to conventional fuels ; 


i! 

‘ i : 1 i . 
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Th« results presented b,lo« were all obtained using tha Lockheed Three-Dime-r -n , , 
Aerodynamic Method (TEAM!, tha dev.Iopm.nt of which was partially fund.d 
Statas Air rorca (Ccntract Number r53615-84-C-3005 ) . This computer orosram '4 . 

tha FLO-57 algorithm davalopad by Jameson, at al (Ref. 23,. Lockhaad si. 
refinements to tha method over tha past several years (Raf. 24 - 2 *J a a *a 


In tha TEAM coda, tha region surrounding a given configuration is sufcdrr -a 
calls. In each of tha calls, tha time-dependent Euler equations 'ir/Is-Js 
form), representing mess, momentum, end energy conservation 
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where : 


P V 
p •. 


p v 
p h 


P n 
0 


are integrated in tin* using a multi-stage Bunge-Kutte sebese. The quantities 
raprasantad by p, V, p, a, and h are density, velocity, pressure, internal energy, and 
enthalpy, respectively. Notice that density, momentum, and energy are all calculated 
from the tiae-stepping process; pressure and enthalpy are required for the flux teras. 
For perfect gases pressure is noraally calculated using a fora of the energy equation and 
then enthalpy is calculated froa h ■ p/p + e. In siaulating a real gas in equilibrium, 
one aust calculate pressure, enthalpy, specific heat ratio, and the speed of sound 
(required for upwind scheaes) properly; for example by using the subroutines described in 
Reference jw. For non-equi1ibriua chemistry one aust add additional equations to the 
tiae-stepping procedure that govern the species concentrations: Non-equi1ibriua effects 
are not included in the TEAM code at this time. 


To accelerate convergence to the steady state, local rather than global time steps are 
used. This will produce valid steady-state results, when there is a steady-state 
solution. For unsteady flows one must use the code in a time-accurate mode, which is 
quite expensive. Implicit residual smoothing (Ref. 21) further reduces the nunber of 
time steps required to reach the steady state. Appropriate non-reflecting boundary 
conditions based on Rlemann invariants (Ref. 27) are used at the far-field boundaries and 
no-nornal-flow conditions are used on the solid surface. Upwind differencing based upon 
a Riemann solver (Ref. 28 and 29) has also been incorporated, and can be used instead of 
the standard adaptive artificial dissipation. The upwind differencing greatly increases 
the robustness of the program, but does require slightly more computer time. 

On a solid surface. th« r.o-noraal-flow boundary condition is imposed by seating all 
convected flux quantities to zero. Only the pressure on the solid surface contributes to 
the momentum flux balance. Since pressure is calculated aL the cell center, one is 
forced to estimate its value at the actual surface. This is accomplished by computing 
the derivative of pressure normal to the surface using the momentum equation: 

P V . (V.7) n - n.tfp 

where : V, n, and p are the fluid velocity, surface normal, and pressure; respectively. 
This derivative and the cell-centered values are then combined to determine the surface 
pressure. A precise Implementation requires that all metric quantities and flow 
variables occurring in the equation above be evaluated right on the surface. In the 
original FLO-57 program, the cell-center values were used instead. In the present 
version of the solver, three additional approaches may be used to obtain the desired flow 
variables on the actual surface: (1) A Taylor series expansion about the cell center, (2) 
Lagrange two-point extrapolation along the local normal direction, and (3) Averaging the 
cell-center values for cells next to the surface in the flow domain and ghost cells 
outside of the flow domain. 


The finite-volume formulation essentially decouples the flow solver from the grid 
generator. The grids can be constructed in any convenient manner; only the Cartesian 
coordinates of the nodal points are required by the solver. The present version of the 
solver can accommodate multiple, patched zonal grids of arbitrary topologies. This is a 
necessity for analyzing realistic complete aircraft configurations. The original FLO-57 
solver was limited to isolated wings having C-H grids, whereas the 0-0 and C-O types 
offer improved resolution. The letters C, H, and O refer to the wav the grid looks in 
the spanwise and chordwise directions. A C-H grid wraps around the airfoil section like 
a C, and has these 2-D grids stacked up in the spanwise direction to form the region 
around the wing. Thus, from the front, a C-H grid looks like an array of H's. If a C-H 
mesh is used, adequate resolution near the wing tip can be obtained only by increasing 
the number of cells in the spanwise direction. It must be noted that none of these 
topologies is as suitable as the H-H when the detailed flow field is desired about all 
sections of a wing-body or wing-body-tail configuration. 

The finita volume grids used here were all of the C-H type. Several different grids were 
used, a typical grid had 105 x 29 x 25 cells (76,125) in the chordwise, normal, and 
spanwise directions, respectively. For the subsonic cases, the far-field boundary was 
several vehicle lengths away from the body surface, for supersonic flows the far-field 
boundary was much closer (although still in the free stream). Other than this, no 
attempt was made to tailor the grid to the particular flow field. Similar grids were 
used at most Mach numbers, which means they could not have been optimal for all Mach 
numbers. Ideally one would like to cluster cells near shocks, but shock wave location 
and strength changes with Mach number. Therefore a new grid would be required at each 
Mach number; which would have been extremely time consuming. Some type of adaptive grid 
scheme would have been useful, but is currently not available in the TEAM code. However, 
the grids used were relatively dense and should yield reasonable results for forces and 
moments at most Mach numbers. 


Depending on which options are used, the TEAM code requires about .00002 CPU 
seconds/cycle/cell on a Cray XMP-24. For the results presented here 400 - 3000 cycles 
were required to reduce the residual error by 3-4 orders of magnitude. The convergence 
rate varied dramatically with Mach number. At the very high Mach numbers, where the 
shocks are very close to the body and not resolved well, the code converged extremely 
rapidly. Likewise for coarse meshes, the code converged very rapidly. In principle, 
this should allow preliminary investigations to be made of configurations very quickly; 
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with detailed examinations performed afterwards. In so»» cases the solutions were 
restarted froa previous runs, which did allow some savings in computer tiae, 


BXSOLTS 

Two configurations were investigated here. The first one (referred to here as WR-1) is 
Rasmussen's elliptical-cone waverider (Ref. 31) shown in Figure 4. This configuration 
has 20 degrees of anhedral and a leading •dge sweep of 65.53 '•■^rees. The second 
configuration (WR-2) is a flat-bottomed version of Risausstn's waveridei (Figure 5). WR- 
2 was obtained by simply cutting off the under-side of WR-1. The section reaoved was cut 
away by a plane perpendicular to the plane of synsttry and at an angle of -11.95® to the 
free-stream direction. Whereas the wind tunnel model of WR-1 had a 10.06 cm base height, 
the base height of WR-2 would be 12.7 centimeters (cm). The length of both of them is 
60.0 cm (excluding the fairing it the base). 

The shape of WR-2 was chosen because it represents a deviation from the standard conical 
flow field. Also the flat underside is desirable from a practical standpoint. Both 
landing gear and inlets may be easier to incorporate into a flat surface. It was also 
reasoned that the shock wave attached to the leading edge may not be affected too much by 
relieving the pressure on the very bottom, and thus the flow may still be fairly well 
contained. If this were true then the bottom portion of WR-1 might contribute more to 
the drag than to the lift. In addition, WR-2 should have both lower friction drag and 
base drag, since it has a smaller wetted area and base area than WR-1. 

In order to evaluate realistic vehicles, a fairing was added to the aft-end of wr- 1 and 
WR-2. This is shown in Figure 6, which is a typical grid at the plane of symmetry. This 
feiring is aligned with the free-stream on the upper surface. The lower surface consists 
of a flat (aligned with upper surface) portion whose length is 10 % of the local chord 
and then a cosine shaped portion that is an additional 50 % of the local chord. Thus the 
total length of the fairing is 60 % of the local chord. However, in order to compare to 
Rasmussen’s data directly, the force and moment calculations presented below do not 
include the forces and moments on the fairing. Since on an actual configuration the aft- 
end flow would be dominated by jet exhaust entrainment and/or separated wake flow, the 
inviscid contributions were not added to the forebody forces and moments. In the near 
future viscous analyses will be performed on these configurations by solving the 
Reynolds-averaged Navier-Stoke3 equations and the flow in the base region will be of 
great interest. 

WR-1 was designed for Mach 4 and zer. do^.ees angle-of-attack, where it's L/D is a 
maximum. Experimental and predicted values of L/D (at Mach 4) are shown in Figure 7. 
The experimental results for WR-1 compare fairly well considering no viscous effects are 
included, but this should not be a surprise since it is a relatively thick body. The L/D 
for WR-2 is substantially higher than WR-1, mainly because the parameter V**(2/3)/S is 
smaller (see Figure 3). Therefore the flattening of the standard Rasmussen waverider 
would be beneficial from a systems (inlets, landing gear, etc.) viewpoint and the L/D is 
higher. L/D versus Mach number is shown in Figure 8. The flattened waverider has a 
higher L/D over the entire Mach number range. Also plotted is Kuchemann's L/D 'limit' of 
4 (M #b + 3)/M w . The performance of both WR-1 and WR-2 is significantly below this limit. 

The lift coefficient, CL, verses angle of attack is shown in Figurr 9 for Mach = 4. 
These results show good agreement between experiment and theory for WR-1. The behavior 
is virtually linear for both WR-1 and WR-2. Pitching Moment. CM, versus Mach number 
(including the one experimental data point available) is shown in Figure 10. Figure 11 
- h - v - ■ i *'”iR'-id ^rag t -'si for^e base drag). The experimental and predicted 
values compare well and WR-2 has less drag than WR-1. Note tnat the reference lengths 
and areas used here are the s»m* as used in Reference 31, i.e L * 60 cm and A * 489.22 
cm . The reference area used here is the base area «f WR-1 (as in Reference 31) and is 
not the planform area (which is 1630.16 cm 2 ). 

For highly three-dimensional flow fields such as these, it is instructive to use three- 
dimensional color graphics (reproduced here as contour plots) to interpret the results. 
Figures 12 and 13 show pressure distributions on front and bottom vi»ws of WR-1 and wp-2, 
respectively, at Mach numbers of 1.1, 2, 4, and 6.0 (««0). The surface has been 
contoured according to pressure using PATRAN II (Ref. 32), a three-dimensional solid 
modeling program. All pressures shown here tie non-dl«ensic.r*ili *-e j oy : 1 '. * r*m 
pressure (p/p^l. For both waveriders, at Mach = 2, 4, and 6, the flow field appears to 
be quite conical. In addition, the flat bottom waverider (WR-2) shows • verv uniform 
pressure distribution on the underside which would be desirable for modular inlet 
installation. 

The wavy patterns near the edge of the flat underside are due to minor waves in the 
surface definition. The numerical method is very sensitive to geometry variations, and 
the grid generation scheme used here (parabolic conformal napping) is not as effective on 
these highly swept planforms as one would like. This could be corrected by specifying 
the body with more points or by using a different type of grid generation scheme. An H-0 
grid would allow better shock capturing, since the grid could more easily be aligned with 
the shocks. However the present type of grid is well suited to transonic and subsonic 
flows. 

These configurations were also investigated at angle of attack, only a few results will 
be shown however. Figure 14 shows the pressure distribution for angles of attack « -10, 
0, ard 10- This images are for cross-sections of the flow field that are aligned with 
the free-stream and at the mid-span of WR-2. Figure 15 shows similar views but display 
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Mach number distributions. On# can see the high pr#ssur# region near the leading edge, 
the bow shock, and tho expansion in the base. Notice that the shock is sseared over 
several cells, a consequence of the dissipative nature of the technique. At zero angle 
of attack there are no disturbances on the upper surface, this is due to the absence of 
viscosity in this prediction Method. 

In order to display another aspect of the flow field, lower surface velocity vector plots 
for WR-1 and WR—? at Mach » 4 and o = 0 are shown in Figures 16 and 17. Both of these 
figures again show the flow field to be quite conical. In addition, the WR-2 flow field 
appears to be sore nearly two-dimensional (less span-wise flow). Even at angles of 
attack of -10 and 10 {Figures 18 and 19), there appears to be relatively snail amounts of 
cross-flow on VTR-2. 


At higher Mach nuabers , one siaiply cannot use a perfect gas siodel because it predicts 
pressures and temperatures that are unrealistically high. Figures 20 and 21 show the 
surface pressure distribution (p/p»> on WR-2 at Mach » 1* and a * 0 using a perfect ga_ 
model and a real gas model {40 Km), respectively. The surface pressures ere lower then 
that predicted by the perfect gas relations, and this causes the forces end momenta to 
differ also 
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Cross-sections of the flow fields around WF-2 at Mach * 15 for perfect end reel gases are 
shown in Figures 22 and 23, respectively. 

For many applications, these waveriders will be required to fly through all four speed 
regimes (subsonic, transonic, supersonic, and hypersonic), therefore it is important to 
know the behavior of these configurations over the entire range. The only subsonic flow 
field that will be shown here is Figure 24. As mentioned previously, one can expect 
significant vortex flows from these configuration 1 : at high angles of attack. Figure 24 
shows the pressure distribution on the upper surface of WR-1 at Mach * ,6 and a * 20 
degrees. The low pressure region can be attributed to a leading edge vortex. Vortices 
such as these occur at supersonic speeds also (Ref. 17), and can lead to significant 
aerothermal heating problems. 


CONCLUSIONS 

The above results for the waverider are very encouraging because most design methods for 
hypersonic vehicles are incapable ot predicting waverider performance. This is 
especially true for off-deslgn performance where only a truly nonlinear prediction method 
is adequate. Because waveriders an based upon favorable interference, methods such as 
the Hypersonic Arbitrary Body Program (R«f. 21) cannot be used. For lower Reynolds 
numbers, higher Mach numbers, or more slender vehicles, the viscous effects will become 
more important and the inviscid CFD methods must be replaced by Navier-Stokas and 
Boltzmann methods. 

The TEAM code has recently been extended to model the Reynolds-Averaged Navier-Stokes 
equations (Ref. 26), this aspect of the code will be exploited in the near future in 
order to investigate aerothermal heating, skin friction effects, and displacement 
thickness effects on realistic waveriders. 
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figure 7. Experimental and Predicted UD for Various Angies of Attack (Mach - 4) 
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NUMERICAL OPTIMIZATION OF CONICAL FLOW WAVERIDERS 
INCLUDING DETAILED VISCOUS EFFECTS 


by 


Kevin G. Bowcutt,* John D. Anderson, Jr.,** and Diego Capriotti*** 


Department of Aerospace Engineering 
University of Maryland 
College Park, Maryland 20742 USA 


SUMMARY 

This is the second in a series of papers describing some new research on hypersonic 
waveriders. In particular, a family of optimized hypersonic waveriders Is generated 
and studied wherein detailed viscous effects are Included within the optimization pro¬ 
cess itself. This Is In contrast to previous optimized waverlder work, wherein purely 
Inviscld flow Is used to obtain the waverlder shapes. For the present waveriders, the 
undersurface Is a streamsurface of an inviscld conical flowfield, the upper surface is 
a streamsurface of the inviscld flow over a tapered cylinder (calculated by the axlsym- 
metrlc method of characteristics), and the viscous effects are treated by Integral 
solutions of the boundary layer equations. Transition from laminar to turbulent flow Is 
Included within the viscous calculations. The optimization Is carried out using a non¬ 
linear simplex method. The resulting family of viscous hypersonic waveriders yields 
predicted high values of lift/drag, high enough to break the "L/D barrier" based on 
experience with other hypersonic configurations. Moreover, the numerical optimization 
process for the viscous waveriders results in distinctly different shapes compared to 
previous work with Invlscld-designed waveriders. Also, the fine details of the viscous 
solution, such as how the shear stress Is distributed over the surface, and the loca¬ 
tion of transition, are crucial to the details of the resulting waverlder geometry. 
Finally, unique to the present paper Is a study of the moment coefficient variations 
and heat transfer distributions associated with the viscous optimized waveriders. 


I. INTRODUCTION 

Over the past few years. Interest In all aspects of hypersonic flight has grown 
explosively, driven by new vehicle concepts such as the National Aerospace Plane 
(NASP), the British spaceplane (HOTOL), aero-assisted orbital transfer vehicles 
(AOTV*s), the hypersonic transport (the "Orient Express"), and hypersonic missiles, to 
name just a few. An extended discussion of these concepts, as well as a survey of 
hypersonic aerodynamic research contrasting the “old" with the "new" hypersonlcs, is 
given In Ref.l. Hence no further elaboration will be given here. 

The present paper deals with a class of advanced hypersonic lifting configurations. 
It Is a sequel to Ref. 2, wtiicn describes the generation of a new class of hypersonic 
waveriders. In the present paper, the work of Ref. 2 is reviewed to some extent In 
order to provide sufficient understanding of the work. Then, unique to the present 
paper, results on moment coefficient variations and heat transfer distributions asso¬ 
ciated with the present waveriders are presented and discussed. 

To help understand the motivation for the present work, the following background Is 
given. For a lifting aerodynamic body. It Is well-known that high maximum llft-to-drag 
ratios, (L/D) max , are very difficult to obtain at hypersonic speeds, due to the pre¬ 
sence of strong shock waves (hence high wave drag) and massive viscous effects. At 
supersonic and hypersonic speeds, the most efficient lifting surface Is the Infinitely 
thin flat plate; the invlscid hypersonic aerodynamic properties of a flat plate are 
shown as the solid curves In Fig.l, based on the Newtonian limit of free stream Mach 
number and y * Cp/C v -*-l. Note that L/D theoretically approaches Infinity as the 
angle-of-attack, a, approaches zero. In reality, viscous effects will cause L/D to 
peak at low values of a, and to go to zero as a+0. This Is illustrated by the dashed 
line In Fig.l, which shows the variation of L/D modified by skin friction as predicted 
by a reference temperature method. Although the Infinitely thin flat plate shown 
In Fig. 1 Is the most effective lifting surface aerodynamically. It Is the 


* Graduate Hypersonic Aerodynamics Fe^Vow, sponsored by the Army Research Office, Dr. 
Robert Singleton, monitor. Presently, Fnglneer, Rockwell International, Los Angeles. 

** Professor. Currently on sabbatical as the Charles Lindbergh Professor at the 
National Air and Space Museum, Smithsonian Institution. 

*** Graduate Research Assistant 





27-2 


least effective in terms of volume capacity. It goes without saying that all prac¬ 
tical flight vehicles must have a finite volume to carry fuel, payload, etc. Hence, 
the flat plate results, although Instructive, are of academic Interest only. In 
contrast. Fig. 2 shows values of (L/D) MX versus the volume parameter T t S for 
several generic hypersonfc configurations, obtained from Ref. 3. Here, V Is the body 
volume and S is the planform area. Note from Fig.2 that typical hypersonic values of 
(L/D) max range from 4 to 6 for such lifting bodies at the conditions shown. These 
values are also typical of the hypersonic transport configuration studied In Ref. 4. 
Clearly, values of (L/D)^* for hypersonic vehicles are substantially lower than those 
for convenal subsonic and low supersonic airplanes. (For example, the maximum L/D 
values for the World War II Boeing R-29 and the contemporary General Dynamics F-lll are 
16.8 and 15.8 respectively, as obtained from Ref. 5). Indeed, as increases across 
the supersonic and hypersonic regimes, there ;s a general empirical correlation for 
(L/0)max based on actual flight vehicle experience, given by Kuchemann 6 : 

4(H # -3) 



This variation is shown as the solid curve in Fig.3. Also shown are a number of data 
points for various previous hypersonic vehicle configurations at various Reynolds num¬ 
bers (the open symbols), as well as new results from the present Investigation (the 
solid symbols). Fig. 3 is pivotal to the present paper, and will be discussed 
at length in subsequent sections. However, at this stage In our discussion. 

Fig.3 Is used to illustrate only the following aspects: 

1. The solid curve represents a type of “L/D barrier" for conventional hypersonic 
vehicles, which Is difficult to break. 

2. Data for conventional hypersonic vehicles, shown as the open circles, form an 
almost random "shotgun" pattern which, for the most part, falls below 

the solid curve. (The numbers adjacent to these open circles pertain to 
specific reference numbers Itemized in Ref. 7, which should be consulted for 
details.) 

3. The solid symbols pertain to the present study, and represent a new class of 
hypersonic configurations which break the "L/D barrier." These configurations 
are conical flow waverlders that are optimized with detailed viscous effects 
Included directly in the optimization process. 

To help understand the contribution made by the present work, let us briefly review 
the general concept of waveriders. In 1959, the design of three-dimensional hyper¬ 
sonic vehicles which support planar attached shock waves was Introduced by 
Nonweller, • who hypothesized that streamsurfaces from the flow behind a planar obli¬ 
que shock could be used as supersonic lifting surfaces. This led to a class of 
vehicles with a caret-shaped transverse cross-section and a delta planform—the so- 
called caret wing as shown In Fig.4. Here, the body surface Is generated by stream 
surfaces behind a planar oblique shock wave. The shock wave Is attached to the sharp 
leading edges at the design Mach number, and hence no flow spillage takes place around 
the leading edge. The lift Is high due to the high pressures behind a two-dimensional 
planar shock wave, exerted on the lower surface of the vehicle. Because the body 
appears to be riding on top of the attached shock wave, it is called a "waverlder". 

The aerodynamic advantages of such waverlders are listed In Ref. 1, and are discussed 
In great detail In Refs. 7 and 10. In short, without repeating the details here, at a 
given lift coefficient, caret waverlders theoretically operate at higher L/0 values 
than other hypersonic configurations. 

Expanding on this philosophy, other types of flowflelds can be used to generate 
waverlders. For example, any streamsurface from the supersonic flow over an axlsym¬ 
metric body can be used to generate a waverlder with an attached shock wave along Its 
complete leading edge. Work on such waverlders was first carried out In Britain, as 
nicely summarized In Ref. 11, where the flow over a right-circular cone at zero degrees 
angle of attack Is used to generate a class of "conical flow" waverlders. Still later, 
waverlders were generated from Inclined circular and cones, and axlsymmetrlc 

bodies with longitudinal curvature by Rasmussen et al. * .using hypersonic small 

disturbance theory. This work was further embellished by the search for optimized 
waverlder shapes. For example Cole and Zlen found optimized waverlders derived from 
axlsymmetrlc bodies with longitudinal curvature by using hypersonic small disturbance 
theory to generate Invlscld flow solutions, and then utilizing the calculus of 
variations to obtain the optimum waverlder shapes. Later, Kim et al. used the same J5 
philosophy to derive optimum waverlders from flowflelds about unyawed circular cones , 
and yawed circular and elliptic cones 16 . In Refs. 14-16, the advantage of hypersonic 
small disturbance theory Is that analytic expressions are obtained for surface pressure 
distributions, hence lift and wave drag can be calculated directly, thus enabling the 
application of the calculus of variations for optimization. 

Unfortunately, to date the potential superiority of waverlders as hypersonic high 
L/D shapes has not been fully demonstrated, either In the wind tunnel or In flight. A 
basic problem arises because of the tendency for waverlders to have large wetted sur¬ 
face areas, which leads to large friction drag. All previous waverlder optimization 
work (such as Refs. 14-16) has been based on the assumption of invlscld flow, after 
which an estimate of skin friction for the resulting configuration Is sometimes added. 
As a result, the real aerodynamic performance of the resulting optimum configuration 
usually falls short of Its expectations. 
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The purpose of the present work is to remove this deficiency. In particular, a 
series of coni cal-flow generated waveriders die optimized for maximum L/D wherein 
detailed viscous effects (including boundary layer transition) are included witnin 
the optimization process itself. This leads to a new class of waveriders where the 
optimization process is trying to reduce the wetted surface area, hence reducing skin 
friction drag, while at the same time maximizing L/D. Because detailed viscous effects 
cannot be couched In simple analytical forms, the formal optimization methods based on 
the calculus of variations cannot be used. Instead, in the present work a numerical 
optimization technique is used, based on the simplex method by Nelder and Head”. By 
using a numerical optimization technique, other real configuration aspects can be 
Included In the analysis in addition to viscous effects, such as blunted leading edges, 
and an expansion upper surface (in contrast to the standard assumption of a free 
stream upper surface, i.e., an upper surface with all generators parallel to the 
freestream direction). The results of the present study l*ad to a new class of wave¬ 
riders, namely "viscous optimized" waveriders. Moreover, these waveriders appear to 
produce relatively high values of (L/D), as will be discussed in subsequent sections. 


II. ANALYSIS 


For the present waverlder configurations, the following philosophy is followed: 

1. The lower (compression) surface Is generated by a streamsurface behind a conical 
shock wave. The Invlscld conical flowfield is obtained from the numerical 
solution of the Taylor-Maccol1 equation, derived for example In Ref. 18. 

2. The upper surface is treated as an expansion surface, generated in a similar 
manner from the inviscid flow about a tapered, axlsymmetric cylinder at zero 
angle of attack, and calculated by means of the axlsymmetric method of charac¬ 
teristics. 

3. The viscous effects are calculated by means of an integral boundary layer analy¬ 
sis following surface streamlines, including transition from laminar to tur¬ 
bulent flow. 

4. Blunt leading edges are Included to the extent of determining the minimum 
leading edge radius required to yield acceptable leading edge surface tem¬ 
peratures, and then estimating the leading edge drag by modified Newtonian 
theory. 

5. The final waverider configu r ation, optimized for maximum L/D at a given Mach 
number and Reynolds number with body fineness ratio as a constraint, is 
obtained from the numerical simplex method taking into account all the 
effects itemized in 1-4 above within the optimization process Itself. 

The following paragraphs describe each of the above Items in more depth; for a 
highly detailed discussion, see Ref. 7. 

A. Invlscld Flow — Lower Surface 


The waverlder's lower surface Is generated from a streamsurface behind a conical 
shock wave supported by a hypothetical right circular cone at zero angle of attack. 

The hypothetical cone and its flowfield is shown in Fig. 5, where e c Is the cone semi¬ 
angle and 0 S is the wav^angle. The inviscid conical flow is obtained from the 
Taylor-Maccol1 equation 18 


^ [2h ♦V 2 -V r 2 . 


d V , dV d 2 V 
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dV d V 


IT lV r 30” + 


( 1 ) 


solved by a standard Runge-Kutta, forth-order accurate numerical technique, namely the 
RKF45 algorithm obtained from Ref. 19. In Eq.(l), V r Is the component of flow velocity 
along a conical ray, © 1$ the angle of the ray referred to the cone axis, h is the flow 
static enthaply and y is the ratio of specific heats. 

Any streamsurface from this flowfield can represent the wing undersurface of a 
waverlder, as shown In Fig. 6. (For purposes of illustration. Fig. 6 also shows the 
waverlder upper surface as a freestream surface, but th.s is only one of many possible 
choices for the upper surface.) Any particular undersurface Is uniquely defined by the 
intersection of the conical flow streamsurface with the conical shock wave, as shown by 
the curve labeled "leading edge" In Fig. 7. Let us examine Fig.7 more closely. It is 
a front-view of the hypothetical conical flowfield. Illustrating the cone apex at the 
center, and both the cone base and shock base at some arbitrary distance downstream of 
the apex. Consider a curve in this front-view, lying below the apex (or even Including 
the apex), as shown by the curve labeled "leading edge". Now construe this curve as a 


jg: 
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trace on the conical shock wave Itself, and visualize streamlines trailing downstream 
from this trace; the resulting streamsurface Is the waverlder undersurface sketched in 
Fig. 6. Indeed, the curve labeled "leading edge" in Fig. 7 Is simply the forward pro¬ 
jection of the waverlder leading edge on the cross-flow (x-y) plane. This curve is 
treated as completely general, except for the constraints that It be symmetric about 
the y-z plane, and that It lie entirely below the x-z plane to ensure that the 
waverlder undersurface Is a lifting surface. Also in Fig. 7, note the curve labeled 
"trailing edge". This Is the Intersection of the particular conical flow streamsurface 
with the plane of the shock base, and It represents the bottom surface trailing edge of 
the waverlder. This Is the shape of the bottom of the waverlder base, as sketched in 
Fig. 6. Returning to Fig.7, the area between the "leading edge" and "trailing edge" 
curves is the forward projection of the entire waverlder compression surface. 

Moreover, the dashed line emanating from the cone apex in Fig. 7 Is the forward projec¬ 
tion of a conical flow streamline; hence, that portion of the dashed line contained 
between the "leading edge" and "trailing edge" curves is the projection of a particular 
streamline along the waverlder undersurface, from the leading edge to the trailing 
edge. 

B. Inviscid Flow — Upper Surface 

In most previous waverlder work, the upper surface Is treated as a freestream sur¬ 
face, as illustrated In Fig. 6. Here, the upper surface pressure is freestream 
pressure, p,. However, if the upper surface Is made an expansion surface, where p < p», 
then a small but meaningful contribution to L/O can be obtained. This approach Is 
taken here. Similar to the philosophy for the lower surface, the upper surface Is a 
streamsurface "carved" from a known expansion flow. The hypothetical expansion body 
chosen here is a circular cylinder of given radius; the cyclinder Is aligned parallel 
to the flow and, at some point. Is tapered parabolleally to a smaller radius. The 
result is an axlsymmetrlc expansion flow, where the domain of expansion Is bounded by a 
freestream Mach cone centered on the cylinder axis, as shown In Fig. 8. Parabolic 
taper was chosen because It Is relatively simple, and the resulting expansion body 
slope e ,'ywhe<e continuous. Once the expansion body Is chosen. It remains only to 
geometrically position the expansion region relative to the lower surface, choose the 
Initial and final cylinder radii, solve the inviscid expansion flow, then cut a stream- 
surface from that flow to serve as the waverlder upper sy^face. This basic Idea was 
first developed for 2 fwo-d1mens1onal expansions by Flower , and later for axlsymmetric 
expansions by Moore , 

The axlsymmetrlc flow is calculated from the axlsymmetrlc method of charac¬ 
teristics, using the two-step predictor-corrector iteration scheme of Ferrr . The 
details involving the matching of the resulting expansion surface with the conical flow 
compression surface are straight forward, but lengthy. Considering that the expansion 
surface contributes only about 10% to the value of (L/D), no further space for Its 
discussion Is justified In the present paper; for the complete discussion, see Ref. 7. 


C. Leading-Edge Bluntness 

Waverlders, by design, have sharp leading edges that support attached shock waves. 
However, for flight Mach numbers above five, the temperatures for sharp leading edges 
will exceed the practical limits of most structural materials. This leads to the need 
for blunt leading edges with sufficiently large radii such that the aerodynamic heat 
flux Is reduced to reasonable levels. However, at the same time the leading edge 
radius should be as small as possible to reduce the nose drag. 

To reduce the required leading edge radius, Nonweiler 23 has proposed adding con¬ 
ducting material aft of the leading edge to transport thermal energy away from the 
region of high convective heating ne*r the stagnation or attachment line, and conduct 
it downstream to areas where convective heating is lower, and excess energy can be 
radiated away from the body. Nonweiler labeled this theoretical concept a 
"conducting plate", which is somewhat analogous to other passive cooling techniques, 
such as heat pipes. Using Nonweiler's basic technique, minimum leading edge radii can 
be ascertained, once flight Mach number, freestream conditions, leading edge sweep, 
material properties, and maximum allowable temperature are known. 

In the present work, Nonweiler's technique was used to determine the leading edge 
radii for waverlders designed for Mach numbers between 6 and 25. The leading edge 
material used for the calculations was ATJ graphite, chosen because It is representa¬ 
tive of materials with high conductivity and high melting point temperature. Details 
of this technique as applied to the present work are given In Ref. 7. It Is 
interesting to note that, for conditions associated with the typical flight path of a 
lifting hypersonic vehicle entering the earth's atmosphere at Mach 25 and decelerating 
to Mach 6 at lower altitude, the minimum leading edge diameters ranged from 6 to 28 ran 
—quite small In comparison to a typical overall length of, say 60m. Therefore, the 
present waverlders are essentially aerodynamically sharp" from that point of view. 
Regardless of the apparently small amount of required leading edge bluntness (from the 
aerodynamic heating point of view), the present waverlders were geometrically altered 
to accomodate the blunt edge, and the contribution to aerodynamic forces on the 
waverlder were estimated assuming a modified Newtonian pressure distribution on the 
leading edge. 





D. Viscous Flow Analysis 


A major aspect of the present investigation is that optimum waverider shapes are 
obtained wherein detailed viscous effects are included within the optimization process 
itself. These viscous effects are calculated by means of two integral boundary layer 
techniques, described below. In dll cases, the boundary layer flow is assumed to he 


locally two-dimensional, following the inviscid upper surface 
streamlines. Both laminar and turbulent flow are considered, 
region based on empirical correlations. 

and lower surface 
along with a transition 

D.l Laminar Analysis 




The laminar boundary layer calculations were performed using Walz' integral 
method, as described in Ref. 24. The method requires the solution of a set of coupled 
first-order ordinary differential equations along the boundary layer edge streamlines. 
These equations are the boundary layer momentum and mechanical energy equations, given 
by 

Momentum: 
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F 4 - (28-aW)/b (12) 

Note that in the above equations, primes denote differentiation with respect to x, here 
representing the boundary layer coordinate in the streamline direction. The variables 
in Eqs. (9)-(12> are defined by Walz to be 


and 

where 
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*12-W*— 9 * —SFg— (1 ' e) 

(23) 

• 0.0144(2-W*)(2-9) 0 - 8 

(24) 

* 0.420 - (H*-1.515)°- 424W * 

(25) 

g > 0.324+0.336(W*-1.515)°- 655 

(26) 

8 U ■ 0.1564 + 2.1921 (W+-1.51S) 1-70 

(27) 


and 

x - lltr(l^i)M^[l.l6W*-1.072-8(2W*-2.581)]) 0 - 7 

• [Hr(I^l)M^(l-»)]*°- 7 (28) 

Careful inspection of Eq. (21) reveals that it Is an implicit equation for W*, since * 
is a complex function of W*. Therefore, In practice, a numerical zero-finding routine 
Is used on Eq, (21) to find the value of W* that yields the known value of W. Walz 
suggested an approximation that would allow closed form solution of Eq. (21), however, 
the present authors have found that It caused boundary layer calculations to become 
unstable when used for a Mach six flat plate test case. Hence, the suggested approxi¬ 
mation was discarded In favor of the zero-finding approach. For more details on the 
numerical solution of these integral boundary layer equations, see Ref. 7. 




(36) 
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applies, where 


f* - (2.434z * 1.443z 2 )exp(-44.0z 6 } 

(41) 

g* ■ 1 - 2.3z ♦. 1.76z 3 

(42) 

2 * 1 ' 1/A max 

(43) 

and the primes denote, as in the laminar case, differentiation with 
streamline coordinate, x. For more details concerning the numerical 
equations, see again Ref. 7. 

respect to the 
solution of these 

D. 3 Transition Analysis 



The prediction of transition from laminar to turbulent flow at hypersonic 
speeds is a state-of-the-art research topic. In the present analysts, the correlation 
used for prediction th- onset of transition is based on two sets of data: (1) data for 
sharp cones at ten angle-of-stt*ck ; and (2! data for wings with blunt, swept super¬ 
sonic leading edges . The correlation gives local transition Reynolds number Re„,, as 
a function of local edge Hath number. Mg, as follows : 

logi n (Re Xt ) • 6.421 exp (1.209x10'V- 61 * 1 ) (44) 

In turn, this valj^ of transition Reynolds number is modified for wing leading-edge 
sweep, as follows : 

. —:-• 0.787cos 4,346 *-0.7221e"°- OT91A r0.9464 (45) 

1 


where A Is the sweep angle, and ( R *xt^A-0 obtained from Eq.(44). 

Once the onset of transition has been predicted, the extent of the transition 
region, hence the end of transition, is predicted using a relationship developed by 
Harris and Blanchard , as follows: 

*te * ‘tiU^RM'®- 2 ] < 46) 

where x te and x^f are the distances along a streamline from the leading edge to the 
beginning and end of transition, respectively, and (Re x ) t j is the local Reynolds number 
at the beginning of transition obtained in the present analysis from Eq.(45). 

The variation of local sfcin friction coefficient within the transitional region 
(between x* e and x t ^) is assumed to be a linear combination of the laminar (Cf. ) and 
turbulent (cf_) values that would have existed if the boundary layer were completely 
laminar or turbulent, respectively. The transitional friction coefficient, Cf TR , is 
thus related to Cf L and Cf T by: 

Cf TR ' (1 ’° * * C fT (4?) 

where C is a weighting factor (a function of x) inspired by Emmons (as discussed in 
Ref.29). For the present investigation, the following expression for £ is, as derived 
in detail in Ref. 7: 
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C(x) 



(48) 


It Is not possible within the current state-of-the-art to evaluate the accuracy of 
these transition correlations. After a study of the existing literature, the present 
authors feel that the above relations form a practical method for simulating transition 
within the goals of the present study. They provide a mechanism for assessing the 
effect of transition on optimum waverider shapes; indeed, as discussed in the results, 
one series of numerical experiments is conducted wherein the transition location is 
varied as a parameter. 


E. Aerodynamic Forces 

The lift, drag, and hence L/D is calculated from a detailed integration of the 
local surface pressures and shear stress over the waverider surface. Consistent with 
wind tunnel practice as well as other literature, base drag is not included In the pre¬ 
sent results. (For example, all the data shown In Fig. 3 does not Include base drag.) 
This Is done to enable a rational comparison with other data. Moreover, at very high 
Mach number, the base drag becomes a small quantity In comparison to forebody drag. 
Details on the pressure and shear stress numerical Integration can be found in Ref.7. 

F. Waverider Optimization 


Once a specific shape for the forward leading edge projection of a waverider is 
chosen, (such as shown In Fig. 7), the techniques outlined in the previous sections can 
be used to generate the corresponding waverider and evaluate its lift-to-drag ratio 
(I/O). Finding the leading edge shape that maximizes L/D, with all other parameters 
held fixed, then requires an optimization scheme that can systematically change the 
projected leading edge shape in search of the one that yields maximum L/D. 
Unfortunately, most existing optimization schemes require that the function of interest 
have an analytical description — a requirement not possible In the present work. 

There is one scji^me, however, a non-linear simplex method for function minimization by 
Nelder and Mead , that requires nothing more than the ability to numerically evaluate 
the function. This scheme has been used in the present work to find optimum wave- 
riders. 

In general, the scheme of Ref.17 minimizes a function of n variables by comparing 
values of the function at (n+1) vertices of a "simplex", then replacing the vertex 
with the highest function value by another point determined via the logic of the 
scheme. As a result of the algorithm logic, "the simplex adapts Itself to the local 
landscape [of the function surface], elongating down long Inclined planes, changing 
direction on encountering a valley at an angle, and contracting in the neighborhood of 
a minimum", according to Ref.17. In this scheme, three operations -- reflection, 
contraction and expansion — are used to modify the current simplex In an attempt to 
replace the vertex having the highest function value with one having a lower value. 

Each of three operations replace one or more of the (n+1) points (Po,Pi,... ,P n ) that 
define the current simplex In n-dimenslonal space with new points that yield progres¬ 
sively smaller function values (f 0 ,fi,... ,f n ) at the new vertex points. A graphic 
Illustration of how the method works is shown in Fig. 9 for a hypothetical function, f, 
of two variables, Cj and Co- in the figure, a triangle with vertices on the function 
surface represents a possible simplex, in the optimization process, the triangle 
(simplex) flip-flops down the function valley, expanding if possible to speed up the 
process, then contracting when It straddles the minimum. 

To use the simplex method for optimizing waverider L/D, the shape of the forward 
projection of the leading edge must be parameterized in some general way. In the pre¬ 
sent work, five points In the x-y plane, lying inside of the shock domain, were chosen 
to represent the forward leading edge projection. A cubic spline-fit through the five 
points is then used to generate a continuous leading edge. One of the five points, the 
symmetry plane point. Is constrained to lie on the y-axls, hence Its x-value is always 
zero. This leaves nine variables, the remaining x and y values of the leading edge 
projection points, for the optimization routine to manipulate in search of an optimum 
waverider. A set of leading edge coordinates thus represent a single vertex point, 

p, = (* ? ,*3,*4,*5,y 1 ,y 2 ,y 3 ,y,,y 5 ) ) (49) 

of the required simplex, where x\ » 0 as explained, and the function to be minimized is 
the negative of the lift-to-drag ratio 

VV a <-L/n)i (50) 

Note that the five leading edge points are used to define only half of the projected 
leading edge shape, since the other half Is constrained by vehicle symmetry to be the 
mirror image of the first half. 

With nine variables (n»9), ten points (hence ten leading edge shapes) must be chosen to 
create the initial simplex. In the present work, five polynomials of the form 

y te ' C 1 * c 2*ie * c 3 x \e 


(51) 
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and five cosine curves of the form 



were used to describe the initial leading edge shapes; the constants Ci,Cj>,...C6 being 
varied to generate a set of distinct shapes. An example of a set of initial leading 
edge shapes is shown in Fig. 10 — the bold line representing the final shape asso¬ 
ciated with the optimum waverider for this case. Also note that in the present work, 
100 steps of the optimization routine were executed for all cases run, though a con¬ 
vergence criterion could have been implemented as described in Ref. 17 It was found 
that one-hundred steps provided adequate convergence for engineering accuracy 
(“10** -10" ) without using excessive computer resources to generate an optimized 
waverider. 

For more details on the optimization scheme, see Ref. 7. 


III. RESULTS AND 0ISCUSSI0 > . 


The present results are divided into six sections, as follows: (1) a presentation 
of optimum waverider shapes and aerodynamic characteristics at Mach 6 and 25, repre¬ 
senting two extremes of the hypersonic flight spectrum; (2) a discussion of two quan¬ 
tities affecting aircraft longitudinal stability, namely moment coefficient and center 
of pressure, for all optimum waveriders generated for Mach numbers between 4 and 25; 

(3) an example of the heat transfer distribution and onset of boundary layer transition 
resulting on an optimized waverider; (4) a numerical experiment to assess the impact of 
boundary layer transition on the optimized waverider shapes; (5) an assessment of the 
need to account for detailed surface variations of shear stress in contrast to the use 
of an average skin friction coefficient during the optimization process; (6) an exami¬ 
nation of the question: if the skin friction is deleted from the present analysis, 
what type of optimized inviscid waverider configuration is produced? 

Due to the specialized nature of any waverider generation analysis, including the 
present one, it is difficult to obtain a direct benchmark comparison with existing data 
in order to verify the integrity of the current re ults. However, with the present 
analysis, it is possible to calculate the aerodynamic properties of a half-cone with a 
flat delta wing mounted on top; in this case the wing will have a sweep angle 
corresponding to the shock angle of the cone, and the body will be at zero degrees 
angle of attack. This specialized case was calculated at Mach 6.8 for a half-cone of 
9 C = 3.67°, and the corresponding wing sweep angle of 81°. The result is given as the 
flagged solid square in Fig.3. This is to be partly compared with the point labeled 
P2a, which was obtained from Ref. 3, and which corresponds to a similar flat-top half¬ 
cone, delta wing model, but at conditions of maximum L/D, hence at some positive angle 
of attack. About the only point to be made here Is that the calculated l/D at zero 
angle of attack is lower than the measured (L/D) at some angle-of-attack -- a proper 
qualitative result. The measured L/D at zero angfe-of-attack is not presented in Ref. 
3; however, through a personal inquiry to Patrick Johnston at NASA Langley, the present 
authors have been told that the measured L/D at zero-angle-of-attack was 2.7 -- about 
eight percent higher than the value of 2.5 calculated with the present analysis. This 
is a reasonable comparison, and If anything, seems to indicate that the present aerody¬ 
namic analysis is conservative. (Please note that the comparisons discussed above are 
for a given configuration, not an optimized waverider; hence any degree of 
validation here pertains to the aerodynamic portion of the analysis and not to the pre¬ 
sent optimization process itself.) 

A. Representative Waveriders 


In Ref. 7, a series of optimized waveriders is generated, including cases at = 
4,6,10,15,20 and 25. The conditions correspond to altitude-velocity points along a 
typical entry flight trajectory of a lifting hypersonic vehicle, such as an aerospace 
plane. In the present section, only the results at M» = 6 and 25 are presented as 
representative of the two extremes of the flight spectrum. Ref. 7 should be consulted 
for additional results. 

Fig. 11 gives values of (L/D), C|_, and volumetric efficiency, n = V^^/Sp, for 
waveriders optimized at different assumed wave angles for the conical shock. To 
understand this more fully, consider the conical flow field associated with a given 
conical shock wave, say 8 S * 11°. For this value of 9 S an optimum waverider shape is 
obtained (refer again to the bold curve in Fig. 10). The resulting characteristics of 
this optimized waverider are then plotted on Fig. 11 for 0 S 3 11°. This process is 
repeated for other values of 0$, say 12®, 13®, and 14®. For each value of 0 S , an 
optimized waverider is obtained, and its characteristics plotted in Fig. 11 as the 
open symbols. (The solid symbols will be discussed later.) Hence, Fig. 11 pertains to 
an entire series of optimized waveriders. However, note that the (L/D) curve itself has 
a maximum (In this case for 0 ? 3 12®). This yields an "optimum of the optimums", and 
defines the final viscous optimized waverider at M« = 6 for the flight conditions shown 
in Fig. 11. The front views of the optimum shapes at each value o f 0 S are shown in 
Fig. 12, and the corresponding perspective views are shown in Fig. 13. Finally, a 
summary three-view of the best optimum (the "optimum of the optimum") waverider, which 


f 
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here corresponds to 9 S * 12°, is given in Fig. 14. Also In Figs. 12-14, the lines on 
the upper and lower surfaces of the waveriders are Invlscld streamlines. Note In these 
figures that the shape of the optimum waverlder changes considerably with e s . 

Moreover, examining (for example) Figure 14, note the rather complex curvature of the 
leading edge In both the planform and front views; the optimization program Is shaping 
the waverlder to adjust both wave drag and skin friction drag so that the overall L/D 
Is a maximum. Indeed, It was observed In all of the present results that the best 
optimum shape at any given M^ results In the magnitudes of wave drag and skin friction 
drag being approximately the~$ame, never differing by more than a factor of two. For 
conical shock angles below the best optimum (for example 0 S * 11° in Figs. 12 and 13), 
skin friction drag is greater than wave drag; in contrast, for conical shock angles 
above the best optimum (for example e s * 13® and 14® in Figures 12 and 13), skin fric¬ 
tion drag Is less than wave drag. (Note: For a hypersonic flat plate, using Newtonian 
theory and an average skin friction coefficient. It can readily be shown that at maxi- 
mumum IL/D, the wave drag is twice the friction drag.) 

The results in Figs. 11-14 pertain to H m * 6. An analogous set of results for the 
other extreme of the lifting hypersonic flight spectrum at M» 3 25 is given in Figs. 
15-18. The aerodynamic characteristics of optimum waveriders for e s - 7®,8°,9® and 10® 
are given as the open symbols Fig. 15 (the solid symbols will be discussed later). 

The respective front views are shown in Fig. 16, and perspective views in Fig. 17. 
Finally, the best optimum Mach 25 waverlder (which occurs at e s * 9®) is summarized in 
Fig. 18. Comparing the optimum configuration at M. * 6 (Fig. 14) with the optimum 
configuration at Mac'i 25 (Fig. 18), note that the Mach 25 shape has more wing sweep, 
and pertains to a conical flowfleld with a smaller wave angle, both of which are 
intuitively expected at higher Mach number. However, note from the flight conditions 
listed In Figs. 11 and 15 that the body slenderness ratio at M» * 6 Is constrained to 
be b/£ * 0.06 (analogous to a supersonic transport such as the Concorde) but that b/t 3 
0.09 is the constraint chosen at M» * 25 (analogous to a hydrogen fueled hypersonic 
aeroplane such as the British H0T0L). The two different slenderness ratios are chosen 
on the basis of reality for two different aircraft with two different missions at 
either extreme of the hypersonic flight spectrum. Also note in Figs. 16-18 the opti¬ 
mization program has sculptured a best optimized configuration with a spline down the 
center of the upper surface—an interesting and curious result, due principally to the 
competing effects of minimizing pressure and skin friction drag, while meeting the 
slenderness ratio constraint. 


Return to Fig. 15, and note the solid symbols. These pertain to the values of Cl 
and L/D obtained by setting the ratio of specific heats y to 1.1 In order to assess 
possible effects of high temperature chemically reacting flow. The solid symbols per¬ 
tain to an optimized waverider at 0c * 9® with y * 1.1. This is not necessarily the 
best optimum at Mach 25 with y 3 1.1; rather. It is just a point calculation to Indi¬ 
cate that high temperature effects will most likely have a significant impact on opti¬ 
mized waverlder generation, and that such effects are worthy of future Investigation. 
The detailed aspects of high temperature effects are beyond the scope of the present 
paper; additional discussion Is given in Ref. 7. 


As a final note In this section, return to Fig. 3, and note that the solid symbols 
pertain to the present investigation. The flagged square has been discussed earlier as 
the data point for a half-cone with a delta wing at zero angle-of-attack; it is not 
part of the present waverider family. The un-flagged solid square at ^ 3 4 pertains 
to a relatively large slenderness ratio of 0.087, used to generate a waverider for 
wind tunnel testing. The remaining solid symbols, the circles and triangles, pertain to 
the present discussion. Recall that the circles are for b/t = 0.06 (a Concorde-like 
slenderness ratio for a low Mach number configuratlon), and that the triangles are for 
b/t =0.09 (a HOTOL-like slenderness ratio for a high Mach number configuration). In 
the present section, we have discussed results obtained at Mach 6 and 25; Fig. 3 shows 
these plus ethers at intermediate Mach numbers. Ali of these cases are discussed in 
detail In Ref. 7. However, in regard to Fig.3, emphasis Is now made that the present 
viscous optimized waveriders produce values of (L/D) which exceed the M L/0 barrier" 
discussed in Section I, and shown as the solid curve In Fig.3. Indeed, the present 
waverlder L/D variation Is more closely given by 


(L/D) 


max 


„ 6(M+2) 


shown as the dashed curve in Fig. 3. Note that the two points given for = 20 and 25 
deviate away from the dashed curve. This is a Reynolds number effect. Recall that all 
the Mach number-altitude points for the present waveriders are chosen to follow a typi¬ 
cal lifting vehicle flight path through the atmosphere. The point at Mach 25 is at 
very high altitude (250,000 ft,), with a corresponding low Reynolds number (Re * 

1.4x10 ); the flow is completely laminar. At Mach 20, the Reynolds number is 12 times 
higher, but based on the transition criterion discussed In Section II the flow is still 
completely laminar. Hence, the laminar skin-friction coefficient at the Mach 20 point 
in Fig. 3 Is much lower (cv * 1//Ee) than at the Mach 25 point, with an attendant 
larger (L/Dj at Mach 20. In contrast, the point at Mach 15 Is transitional, with 
regions of both laminar and turburlent flow, and hence with larger skin-friction and a 
lower (L/D). In any event, the results given In Fig. 3 indicate that the present 
viscous optimized waveriders produce high values of (L/D), and therefore are worthy of 
additional consideration for hypersonic vehicle application. 




B. Quantities Affecting Longitudinal Stability 

Because stability Is a crucial aspect of any aircraft design, two quantities 
affecting longitudinal stability, namely moment coefficient and center of pressure, are 
presented In Fig. 19 for the best optimum waveriders generated for Mach numbers between 
4 and 25, In addition, for comparison, the same quanititles are presented for the more 
conventional Mach 8 design of Ref. 4 at (L/D) and a Reynolds number of 156.2 
million. ma * 7 

Shown in Fig. 19 are the moment coefficients about the aircraft nose (Dm q = 

M 0 /q«Apt) and the resulting centers of pressure as a fraction of aircraft length for 
the above mentioned waveriders and Mach 8 design. Fig. 19 is not intended to show 
trends In moment coefficient or center of pressure with Mach number, but merely to 
Illustrate the values these quantities attain for optimized waveriders, and provide a 
comparison with a more conventional aircraft design. As Is evident In Fig. 19 there is 
a great deal of scatter In both quantities across the Mach number spectrum. This Is due 
principally to the somewhat Irregular pattern of coefficlent-of-1ift with increasing 
Mach number that the best optimum waveriders are operating at, which in turn is due to 
the widely different Reynolds numbers that they are assumed to operate at In keeping 
with the trajectory of an aerospace plane. Remember that the shock angle, hence C|_ 
that yields the best optimum waverlder Is a function of Reynolds number, since a sort 
of balance between skin friction drag and wave drag is achieved by the best optimum 
waverlder. 

Looking at Fig. 19 once again, notice that although the moment coefficient of the 
Mach 8 design Is In line with the moment coefficients of the waveriders in the low 
hypersonic range, the center of pressure of the Mach 8 design (the solid square) is 
significantly more forward than the waverlder centers of pressure. However, It should 
also be recognized that the center of gravity of the Mach 8 design is probably more 
forward than that achievable with a waverider. This point Is Illustrated in Fig. 20 
where side views of the Mach 6 and Mach 10 best optimum waveriders, and the Mach 8 
design of Ref. 4 are shown. Notice in Fig. 20 the concentration of volume toward the 
aft portion of both waveriders In comparison to the Mach 8 design. As a final comment, 
one should also keep In mind that adding nozzles and other devices necessary for flight 
may have a significant effect on the center of pressure location and moment coefficient 
of an actual aircraft, especially hypersonic aircraft because of the significant 
integration of airframe and propulsion system required by them. 

C. An Fxample of Heat Transfer 

To Illustrate the level of heating to be expected on an optimized waverider, a con¬ 
tour plot of the convective heat flux to an optimum waverlder Is shown In Fig. 21. Fig. 
21 Is a planform view of the best optimum waverlder generated for Mach 10 conditions at 
an altitude of 125,000 ft., hence at a Reynolds number of 62.89 million (based on an 
aircraft length of 60m), and with a skin temperature of HOOK. Shown In Fig. 21 are 
lines of constant stanton number (Cfo) for both the upper and lower waverider surfaces. 
The numbers on the contour lines are values of Stanton number multiplied by 100,000, 
where Staqton number is defined here as 


Ch 


(53) 


where q w is heat flux per second to tne wall, p„ and V„ are freest ream density and velo¬ 
city, respectively, C D is the specific heat of air at constant pressure, T t is the 
freestream total temperature and T w Is the wall temperature. Also shown in Fig. 21 are 
the lines of transition onset for both the upper and lower surface. Note that for the 
present work, the Reynolds analogy of Adams and Martindale (as reported in Ref. 30) was 
used to obtain Stanton numbers from skin friction coefficients already calculated using 
the boundary layer techniques discussed in Section II D. 


The most interesting aspects of Fig. 21 are that the heat transfer on the upper 
expansion surface is significantly less than on the lower surface, and that boundary 
layer transition occurs further aft on the upper surface -- results to be expected for 
the conditions of relatively higher Mach number and lower pressure on the upper sur¬ 
face. Also notice that transition on the upper surface occurs further aft at the 
center line than slightly outboard of the center line, a phenomenon not evident on the 
lower surface. This behavior is due to a combination of the more complex shape, hence 
flow characteristics, on the upper surface, and the blunt leading edge effects on tran¬ 
sition. Finally, It is interesting to note that the contour line just downstream of 
the transition line on the lower surface has a value of low^-r than the values of the 
contour lines both above and below it, indicating it is in the transition region. 

D. Sensitivity to Transition 


Because the major thrust of the present work is the inclusion of detailed viscous 
effects in the waverider optimization, the question naturally arises: How sensitive 
are the present waveriders to uncertainties In the location of transition from laminar 
to turbulent flow? To address this question, a numerical experiment Is carried out 
wherein the transition location was varied over a wide latitude, ranging from all lami- 


nar flow on one hand, to almost all turbulent flow on the other hand, with various 
cases Inbetween, Specific results at Hach 10 are given In Fig. 22; here values of (I/O) 
are given for optimized waverlders as a function of assumed transition location. The 
point corresponding to the transition correlation described In Section II, D.3, Is 
denoted by "x" In Fig. 22. Other points In Fig. 22 labeled 5x, lOx and 15x correspond 
to transition locations that are 5, 10 and 15 times the value predicted by the tran¬ 
sition correlation. All the data given In Fig. 22 pertain to optimized waveriders for 
e i * 9*, which yields the best optimum at Mach 10 for the usual transition correlation. 
(Mote, however, that e s « 9° may not yield the best optimum for other transition loca¬ 
tions; this effect is not Investigated here.) The results In Fig. 22 demonstrate a 
major Increase In (L/D) In going from almost all turbulent flow to all laminar flow. 
However, for the case where transition Is changed by a factor of five, only a 21 change 
in I/O results. Even for the case where transition Is changed by a factor of ten, a 
relatively small change in L/0 of 1IX results. On the other Mnd, the shapes of the 
resulting optimized waverlders are fairly sensitive to Ul? transition location, as 
Illustrated In Figs. 23 and 24. The conclusion to be made here Is that waverider opti¬ 
mization Is Indeed relatively sensitive to transition location, and this underscores 
the need for reliable predictions of transition at hypersonic speeds. 

F. On the Use of Average Skin Friction Coefficient s 

The present detailed viscous analysis computes the surface shear stress distribu¬ 
tions, and Integrates over the surface to obtain the total skin friction drag. This 
requires a substantial amount of computer calculations, and leads to the question: Can 
an overall average skin friction coefficient be used within the optimization process 
rather than dealing with the detailed shear stess distributions? To address this 
question, consider the best optimum Mach six case given in Fig. 11, which was orginally 
calculated with the detailed shear stress distributions. From this result, an average 
skin friction drag coefficient was calculated for the complete configuration. Then the 
optimization code was run again for the same Mach six case, now using this average skin 
friction drag coefficient. The results are given in Fig. 11 as the solid symbols. Only 
a small difference exists between the two cases; Indeed, the resulting waverider shapes 
are virtually the same, as given In Ref. 7. This Implies that _1_f an accurate average 
skin friction drag coefficient can be obtained, the resulting optimized waveriders 
would be reasonably valid. However, the problem with this method is that the Infor¬ 
mation needed to obtain the average skin friction drag coefficient Is not known 
aprlorl. Moreover, If other Independent means are used to obtain an approximate 
average skin friction drag coefficient and this approximate average value is used In 
the optimization process, the results can be quite different from those obtained from 
the use of detailed shear stress distributions; see Ref. 7 for more discussion on this 
aspect. This situation. In combination with the sensitivity to transition demonstrated 
In the previous section, seems to dictate the necessity of using the detailed shear 
stress distributions rather than some approximate average value of skin friction drag 
coefficient for obtaining the proper optimized waverlders. 

F. Inviscld Optimized Waverlders 


As a final note. It Is interesting to pose the question: If the skin friction is 
deleted from the present analysis, what type of optimized inviscid waverider con¬ 
figuration, with a constraint on slenderness ratio. Is produced? To examine this 
question, the present computer code was run without skin friction as part of the opti¬ 
mization process, covering the range of Mach number from 6 to 25. A typical result for 
the Inviscld optimized configuration is shown in Fig.25. Here we see essentially a 
wedge-like caret waverider, such as the classic configuration generated by the g two- 
dimensional flow behind a planar oblique shock wave 9 as discussed by Nonweller ’ . 

This clearly Indicates that the optimized inviscid waverider with slenderness ratio as 
the constraint is indeed a caret wing. The result shown in Fig. 25 Is produced by the 
present conical flow analysis as a “limiting case*, wherein the optimum shape is 
seeking the flattest portion of the conical shock wave. To see this more clearly, 
return to Fig. 6. The resulting Inviscid waverlders are being generated by relatively 
flat streamsurfaces at the extreme back and bottom of the generating conical flow-field 
-- where the shock radius of curvature is the largest (relative to the scale of the 
waverider) and the flow is closest to being two-dimensional. Consequently, the 
Inviscid configurations are tiny shapes compared to the scale of the flowfleld in Fig, 
6, and they are "squeezed" into a tiny area at the bottom of the shock base. In turn, 
due to the logic of the existing conical flow code, only a few pressure and shear 
stress points are calculated on the surface of these tiny waverlders, raising questions 
about the numerical accuracy of the calculation of their lift and drag. Therefore, no 
further discussion about the inviscld optimized waveriders will be given here, except 
to emphasize again that a two-dimensional caret wing seems to be the optimum Inviscld 
shape that Is predicted by the present conical flow analyses. 

tV CONCLUSIONS 

In comparison to previous optimized waverider analyses, the present work is the 
first to Include detailed viscous effects within the optimization process. From this 
work, the following major conclusions are made: 

1. The resulting family of viscous hypersonic waveriders yields predicted high 
values of (L/q) which break the "L/0 barrier" discussed In Section I. 



2. The optimization process for the viscous waveriders results In distinctly dif¬ 
ferent shapes compared to previous work with Inviscld-designed waveriders. 

3. The fine details of the viscous solution, such as how the shear stress Is 
distributed over the surface, and the location of transition, are crucial to 
the details of the resulting waverlder geometry. 

4. The center-of-pressure for the present waveriders Is located further aft com¬ 
pared to a standard hypersonic transport configuration. 

5. The waverlder heat transfer distributions exhibit some interesting variations 
worth further study. 
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FIG. 1: Newtonian results for a flat plate 
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Fig. 18: Three-view of the best optimum waverider at Mach 25. {' s =9) 
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FIG. 19: Quantities that affect the longitudinal stability of a single conventional 
design and the best optimum waveriders at six different Mach numbers. 
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Side view comparison of two optimized waveriders against a 
hypersonic design. 



more conventional 


< c h > * >° 5 


Surface 


FIG. 21: Upper and lower surface heat transfer contours and transition onset lines. 




















FIG. 25: An optimized inviscid waverider at Mach 10; a caret wing. 
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HYPERSONIC STATIC AND DYNAMIC STABILITY OF AXISYMMETRIC SHAPES A COMPARISON OF PREDICTION 

M ETHODS AN D E XPERIMENT 

R A EAST and G R HUTT 

Department of Aeronautics and Astronautics, University of Southampton, United Kingdom 

ABSTRACT 

The stability of oscillatory motions of vehicles flying at hypersonic Mach numbers is of considerable relevance to their initial 
design Methods are needed for quick and accurate predictions of stability and control which are applicable over a wide range of body 
shapes, angles of attack and flow conditions, without the need to resort to computationally time consuming numerical flow field 
calculation methods. 

The purpose of this paper is to present experimental data, obtained over a range of angles of attack, concerning the static and 
dynamic pitching stability of a wide range of both pointed and blunted axisymmetric shapes including cones and blunted cylinder flares 
These data have been obtained from free oscillation experiments at M = 6 85 in a short duration free piston driven hypersonic wind 
tunnel Although Newtonian theory gives inadequate accuracy of prediction, inviscid embedded Newtonian theory, which accounts for 
the reduced dynamic pressure and lower flow velocity in the embedded flow downstream of the strong bow shock, is shown to provide 
surprisingly good agreement with the experimental data over a wide range of conditions A particular aspect which is explored is the 
ability of the inviscid embedded Newtonian theory to predict the efTects of nose bluntness, flare geometry, angle of attack and centre of 
gravity position on single-degree-of-freedom oscillatory motions. Comparisons with experimental results show that the broad flow 
features and their efTect on static and dynamic stability are well described in regimes not containing flow structural change However, 
in some cases discrepancies exist between the predictions and experimental observations and these have been attributed to a variety of 
viscous flow phenomena involving boundary layer transition and flow separation, including complex lee surface vortical flows 

LIST OF SYMBOLS 

c reference length, pointed cone length </,) for cones, cylinder diameter (d.v) for hyperballislic shapes 

Cp N nose drag coefficient, Cp N = Djy/( J p, V„'*) (n</\ 2 /4) 

Cm pitching moment coefficient, C m = Mp/\ p« V *2 Sc 
C m<l aerodynamic stiffness derivative, = aC m /aa 

C m • pitching moment derivative due to rate of change of angle of attack, C m< j =■ dC m ld>ac/2V «,) 

C m pitching moment derivative due to rate of pitching, C m = dC m /dtqcl2V*) 

Cs normal force coefficient, Cn = N/( Jp* Y» 2 ) U\ds 2 ! 4) 

C p pressure coefficient, C p = ip ■ p®)/l J p<* V* 2 ) 

Cp blast wave presure coefficient 

Cy empirical coefficient 

dg base diameter 

ds diameter of hemispherical nose 

f* dynamic pressure function, (* - pV 2 'p« V* 2 

g* velocity function, g* - V/V® 

L body length, length of equivalent pointed cone for blunt cones 

Mu> free stream Mach number 

M p pitching moment, positive nose up 

N normal force 

p pressure 

p» free stream static pressure 

q pitch rate (rads 1 ) 

r body cross sectional radius, r' = r/d«y 

R radial distance, R ' = R'ds 

R t cross-sectional radius of bow shock, R’ t = Rjds 
Re unit Reynolds number 


1H-2 


Hef, Reynolds number based on cone base diameter, 

Re# Reynolds number based on diameter, d — d/y for hyperballistie shapes 

S reference area, base area ( - iu/fi 2 /4) for cones, cylinder area (= \td\V4) for hyperballistie shapes 

V velocity in x direction in embedded flow 

Vj. free stream velocity 

o n velocity component perpendicular lu body element 

* axial distance downstream of nose/body junction, x' = x/d\ 

xn x co-ordinate of body base 

x t x co-ordinate of apex of bow shoes, x,' = x t d\ 

Xca x co-ordinate of oscillation axis. Ax - *B XcG 
x verticalco ordinate, z' = 

<1 angle of attack 

V ratio of specific heats 

p air density 

4> azimuth angle 

0 ungle of body surface element 

X* similarity parameter 

u> angular velocity 

u/' we! 2V' X , reduced frequency parameter 


Subscripts 
R body base 

C(i axis of oscillation 

N body nose 

S shock 

Nvu-t Newtonian value 

• free stream 

Superscript 


dimensionless distances e g x’ - xAIn 

1. INTRODUCTION 

Hypersonic vehicle technology is a subject of increasing importance in u variety uf applications Particular applications 
include future space transportation systems, aeroassislcd orbital transfer vehicles, the hypersonic transport, the transalmospheric 
aircraft and re entry vehicles Hroud aspects of vehicle performance are determined by the steady aerodynamic characteristics, but the 
ability to follow a predetermined flight path or re-entry trajectory is determined by stability and control considerations In most 
projected future applications active control technology and stability augmentation will be used on essentially aerodynamically unstable 
geometries The use of these techniques leads to smaller control surfaces, to lower vehicle mass and larger payloads fractions. 

In order that these as|M:cts of hypersonic vehicle design may be explored further there is a requirement for both an 
experimental and theoretical data base Moreover, there is a need for a rapid means of prediction of vehicle stability data which can be 
validated with experimental results Modern computational fluid dynamics, applied to unsteady hypersonic flowfields, can be limited in 
the range of conditions which can he- quickly covered This paper highlights the surprisingly good agreement between the less time 
consuming semi empirical inviscid embedded Newtonian technique and experimental data for pitch stability derivatives obtained with 
a range of axi symmetric models 

The most fundamental approximation of hypersonic pressure coefficients is given by the so called Newtonian impact technique 
(Refs 1 and 2) However, it was noted by Busemann (Ref 3) that a centrifugal pressure term must be included with the Newtonian 
approximation to cater for curved particle trajectories within the shock layer, this was developed into the so called Newton Busemann 
method The centrifugal effect is necessary for the ideal Newtonian case of an infinitessimally thin shock layer obtained at the gas 
dynamic limit of M = uo. Y = 1 Despite this observation of the requirement of a centrifugal term in the gas dynamic limit, it must be 
noted that for the majority of hypersonic flight vehicles, infinitessimally thin shock layer and V -* 1 assumptions are not well satisfied 
These limitations and the subsequent effect on the prediction of pressure coefficients in realistic hypersonic flight regimes were 
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considered by Seiff (Ref 5) and subsequently Ericsson (Ref 6) The consequences of finite shock layer thickness and bow shock waves 
determined by nose shape and drag coefficient led to the semi-empirical embedded Newtonian technique- This ignores the centrifugal 
term, since the theoretical gas dynamic limit is not approached and concentrates on the entropy layer effects downstream of the nose 
modifying the velocity and dynamic pressure fields in which the downstream body is embedded. For situations in which the ideal 
limiting Newtonian case is approached Tong and Hui (Ref.7) have extended the embedded Newtonian method to include the centrifugal 
correction term in the embedded flow This paper presents results from all three of the above techniques and draws comparisons with 
experimental data for pointed and blunted cones and a hyperballistic shape. 

A major aerodynamic feature of many of the hypersonic vehicle applications is that the flows are dominated by viscous effects 
such as viscous interaction, boundary layer transition, separated flows and upper surface vortical flows. These phenomena, which are 
strongly influenced by vehicle geometry, can exert a large effect on both static and dynamic stability at hypersonic Mach numbers The 
effects of these phenomena are exposed by comparing inviscid/viscous hypersonic vehicle pitch stability data obtained over a range of 
appropriate Reynolds numbers 

2. PREDICTION METHODS FOR THREE-DIMENSIONAL SHAPES 


Newton and Newton Busemann 


The simplest technique for establishing the pressure coefficient on a hypersonic flight vehicle is the Newtonian Impact theory 
In this flow model, it is assumed that the fluid particles do not interact and that the only change in the velocity of a particle impinging 
on a body surface takes place normal to the surface. The normal component of momentum is assumed to be transferred to the body and 
the particles continue to move along the surface with zero tangential acceleration If the velocity component normal to the surface is 
written as v n , the Newtonian surface pressure coefficient becomes 



A semi empirical modification to the above expression replaces the factor 2 by C p , the pressure coefficient at the stagnation point on 
the body Examples of the use of the unsteady Newtonian impact theory to calculate the stability derivatives of cones are given in 
Reference 4 


Busemann (Ref 3) observed that the expression given in Bq.(l) strictly applies only at the free stream surface of the Newtonian 
shock layer, since a normal pressure gradient must exist as a consequence of the curved trajectories followed by the fluid particles in this 
layer The body surface pressure in the Newton-Busemann theory may therefore be written as 


p = p + p ' ' 

turfoct Ntwt cent 

where P ct nt * s the centrifugal pressure correction. For steady flow past bodies whose surface geodesics are straight, Pc«w. = 0 and Eqn( 1) 
provides the appropriate expression for C p For bodies with curved geodesics, Cole (Ref 8) for slender axi-symmetric bodies, and Hui 

(Ref 9) for general two dimensional and axi symmetric bodies, showed that the Newton-Busemann expression (Eq.(2)) could be obtained 
as the limit of gas dynamic theories for M« -* 06 and Y -* 1 


For non steady flow, the particle trajectories do not follow the surface geodesics, although they still move tangentially to the 
surface In this case, the curvature of the trajectory is dependent both on the geometric surface curvature and on the curvature of the 
trajectory induced by the body motion Mahood and Hui (Ref. 10) have applied the Newton-Busemann method to unsteady flow past 
oscillating wedges and cones at zero-mean incidence For both Bhapes, the steady centrifugal pressure correction term is zero, but the 
unsteady correction term is significant They showed that in the double limit M®-*<* and Y —♦ 1, the resulting Newton-Busemann 
unsteady pressure was identical to that deduced from gas dynamic theories by Hui (Ref 11) for oscillating wedges and Mahood and Hui 
(Ref10) for oscillating cones This observation was important in explaining the apparent anomaly which had existed in the comparison 
between the simple unsteady Newtonian model and the limits of theories based on the gas equations of motion for very high Mach 
numbers as, for example, observed by Scott (Ref 12) for the case of oscillating cones. 


A central assumption in the Newtonian flow model is that the shock layer is thin and the shock wave, therefore, lies close to the 
body surface. This is often closely satisfied for wedges and cones with modest bluntness, two- and three-dimensional concave shapes and 
some convex shapes at high angles of attack over a wide range of Mach number. However, for bodies with large bluntness, 
hyperballistic bodies of revolution, general convex shapes at low and moderate mean angle of attack, the assumption is not well satisfied 
and Newton-Busemann theory would not be expected to provide a good approximation at conditions far removed from the strict 
Newtonian limit of and Y -* 1 As a consequence of the requirement to reduce heat transfer rates and to provide efficient 

payload packaging, such bodies are of considerable importance at hypersonic Mach numbers and alternative prediction methods for 
relatively thick shock layers must be sought 


To remove some of the limitations of Newtonian theory caused by the requirement for an infinitessimal shock layer, Seiff 
(Ref 5) proposed the embedded Newtonian method In this method, which was originally developed for steady flow, a non-uniform 
rotational inviscid flow is defined downstream of the bow shock wave, whose shape is determined by the nose shape and drag coefficient 
The pressures on the afterbody embedded in this flow field are calculated using generalised Newtonian theory Physically, this method 
takes account of the large reductions in both dynamic pressure and velocity which arise in the entropy layer caused by the bow shock 

Ericsson (Ref 6) extended this concept to deal with unsteady flow problems; originally to determine the effects of the entropy 
gradient induced by the nose bluntness on the static and dynamic stability of ; n ablating flared body of revolution. Later Ericsson and 
Scholnick (Ref 13) and Ericsson (Refl4) used the method to determine the effects of moderate hemispherical nose bluntness on the 
stability of slender cones and Ericsson (Ref 15) extended the analysis to include large bluntness, moderate angles of attack and finite 
amplitude of oscillation A more unified treatment of the unsteady embedded Newtonian method presented by Ericsson (Refs.16 and 17) 
removed the hypersonic Mach number restriction on the previous methods, so that the range of application for blunted slender cones 
could be extended down to M® - 3 The earlier methods of predicting the stability of hemisphere-cylinder-flare bodies were extended by 
Ericsson (Ref 18) to include other more general hyperballistic shapes with different nose geometries, and to include the effect of Mach 
number down to moderate supersonic speeds 
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NewtonBuaemann theory, as described earlier and suitably m od i fied to account for the pressure coefficient at the stagnation 
point, provides reasonable estimates of pressure coefficients and stability derivatives only when the shock layer is very thin. It is also 
well known that the B use man n theory overestimates the centrifugal presure correction term in steady flow with Y = 1.4 with the result, 
for example, that the pressure on a sphere is predicted to be tero at a position displaced 60° from the front stagnation point. This is at 
variance with the predictions of numerical calculations for Y = 1.4 and with experimental results and suggests that when Y * 1 and the 
shock layer is not thin, the centrifugal pressure correction term for steady flow is overestimated. Moreover, Van Dyke (Ref. 19) showed 
that modified Newtonian theory provides reasonable agreement with numerical predictions for cylinder and sphere flows at M« = ®, 
Y = 1 4 for angles up to at least 40° from the stagnation point, although this is purely fortuitous in that the effect of different Y appears 
to cancel with the neglect of the centrifugal correction term Although conjectural, it is suggested that broadly similar effects occur with 
regard to the centrifugal term in respect of the streamline curvature resulting from non-steady body motion, and it is possible that the 
change from Y = 1.0 in Newton-Busemann theory to Y — 1.4 for actual flows, provides an effect of opposite sign and of the same order as 
the centrifugal term. It is therefore argued that for the thick shock layer flows at finite Mach number with Y = 1.4, characteristic of a 
large range of hypersonic shapes, the use of the straightforward modified Newtonian impact pressure may, on the same grounds as for 
steady flows, give a good approximation to the pressure in unsteady embedded Newtonian flow 

For many hypersonic vehicles the region in which the Newton-Busemann assumptions are most closely satisfied is close to the 
apex For the remainder of the flow field within the relatively thick shock layer, the assumptions are not well satisfied and the flow field 
may be considered approximately as a strong curved bow shock, whose shape is determined by nose geometry, together with an inviscid 
shear flow downstream of the shock in which the pressures are deduced using local generalised Newtonian concepts 

Following Ericsson (Ref 18) we note tht for hemispherical noses, the shock radius R t at a downstream station x defined in Fig 1 
is given in terms of the nose drag coefficient Cqn and diameter ds by 


where R‘ t ~ Rjds. *'= xlds.x = xjds and x, is the distance of the shock ahead of the x origin. A good approximation for K' at finite 
Mach number is 


«• = I +1 57 U' - 

where xV = x/y/d/v - x*,ifthe bow shock stand off distance is small 

Following Ref 1? the dimensionless shock distance x, for high Mach numbers is given empirically by 


where 


= -0 385 cof O^cosO^ — 0.5 sm 0^ 


1 

1 668 

1 803 

Y 


M* 


These expressions show good agreement with shock detachment data for hemispheres (Ref.20) 

The dynamic pressure ipV* and local flow velocity V in the flow field downstream of the shock are respectively written in 
terms of the dimensionless radial distance R' (= R/djv) - see Fig 1 using the concept of similar profiles, in the following form 



where R 'is determined from Fig.l in terms of the vertical displacement x'( = z/dsl and angular displacement a Ref 18 expresses f* and 
g* in terms of the parameter X* defined by 



for a variety of steady flows past bodies of different nose shapes The empirical expressions for f* and g m are arranged to provide close 
agreement with flow field calculations based on the Method of Characteristics, for example, over a wide range of Mach numbers 
Following Ericcson (Ref. 18) the functions employed for f* and g* are: 

/•«•) = /i + 2 75X* and (4) 

**<X*) = I 0 362U •/„)* + O SX* 05 


noting that the maximum value of these functions should not exceed unity at the termination of the inviscid shear layer The term f Q is 
of nuyor significance since it is via this term that the finite Mach number dependence of the profiles within the shock shape is 
determined For finite Mach number applications 


/ 9 65 V 

f = 0 17 + —- 

MW +87)/ 


( 5 ) 
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The local pressure coefficient on the embedded body in the flow field downstream of the b^w shock is given by the local modified 
Newtonian expression as 




where C p is the blast wave pressure coefficient generated downstream of the blunt nose which would exist on an embedded cylinder, and 
the second term is the additional pressure coefficient due to the local body shape embedded in the inviscid flow field C p is the 
pressure coefficient at the stagnation point which modifies the Newtonian impact pressure and i>„ is the velocity component 
perpendicular to the local surface element C y is an empirical coefficient (see Kef. 18) which provides an effective Mach number 
dependence for the Newtonian pressure coefficient 


For a body perturbed in pilch by an angle 0 from its mean angle of attack a and pitching at a rale q about an axis distant xco 
from the origin an expression for u n /V is obtained From thereon the procedure is to substitute for iv n /V) in Eq (6) and noting that 
f* - (/>V 2 /p a ,V r »2;, differentiate Eq.(6) with respect to a and with respect to (qlJ2V*) to obtain (dC^/da) and dC^d(qlJ2V^> By 
multiplying by the distance from the oscillation axis and appropriately integrating around the body surface, expressions for the pitching 
moment stability derivatives are obtained 


Ericsson (Ref 18) has also obtained an expression for the pitching stability derivative C m * due to rate of change of angle of 
attack which is a consequence of the time lag between the motion of the blastwave generator (the nose) and the resulting motion of the 
inviscid shear layer at the body element 


These procedures, more complete details of which are given in Ref.18, result in and C m + C m « for the particular 
embedded body Additional contributions to each of these derivatives from the nose portion, evaluated from Newtonian methods, are 
added to give the results for the complete shape 


i Newton Busemann Flow Theory 


In view of the success of Hui and Tobak's (Ref.21) unsteady Newton Busemann flow theory as applied to hodies of revolution 
in providing results which are in agreement with the appropriate limiting results from gas dynamic theories, Tong and Hui (Ref 7) have 
applied Newton Busemann flow theory to the embedded Newtonian flow concept described in the previous section In essence Tong and 
Hui have applied the centrifugal correction term to the expression used to calculate the pressure coefficient on embedded flares and 
compression surfaces within the flow downstream of the bow shock on a hemisphere cylinder basic shape In their method they have 
preferred to use the value of 2 for the Newtonian coefficient rather than the value of C y C Pm used in eqn (6), which provides better 
agreement with experimental results but is empirically based. The expression used by Tong an^Hui is therefore 



where C Pf is the contribution to the pressure coefficient from the centrifugal term and which has been calculated along similar lines to 
the method ofl I ui and Tobak (Ref 21). The method, therefore, seeks to extend Seiff(Ref 5) and Ericsson’s (Ref 18) embedded Newtonian 
concept so that, in the strict Newtonian limit, the pressures on embedded surfaces would be calculated in a manner consistent with gas 
dynamic theories For applications to finite Mach number flows, which is the essential purpose of embedded flow methods, empiricism is 
necessary to describe the similar profiles for the density and velocity variations downstream of the bow shock wave For these Tong and 
Hui have used the following empirical fits to Seiff and Whiting's (Ref.22) results for a hemisphere-cylinder in the high Mach number 
limit for hypersonic flight 

p_ _ I 0 27 + 1 2X + 0 15X2 , Ts 0 65 

P» 11 , Y > 0 65 


V_ _ J0.7 + 0 3X* . X S 0.65 

U , Y > 0.65 

In the above the parameter X (see eqn 4, Ref 7) is related to, but slightly different in definition from, X* defined in eqn.3. 

These expressions, which although are Mach number dependent as a consequence of the Mach number dependence of the 
expressions used for the calculation of the bow shock wave shape in X, do not take into account the variations in the shape of the 
downstream flow profiles with Mach number which have been used by Ericsson (Ref. 18) and which are quoted in eqns (4) and (5) It 
should be noted that in making subsequent comparisons between prediction methods and experimental results, it is difficult to draw 
conclusions with regard to the appropriateness of the embedded Newton-Busemann method vis a vis the unmodified embedded 
Newtonian method since these inherent differences exist. 


The inclusion of the centrifugal pressure correction within both steady and non-steady contributions to the pressure 
coefficient should therefore improve the rigour of the embedded flow concept. However, in steady flow Newton Busemann theory gives 
poor comparison with experimental results, principally as a consequence of the finite thickness shock layers which occur on the majority 
of hypersonic vehicles. It is one of the purposes of the present paper to compare both the uncorrected and the centrifugally corrected 
embedded Newtonian method with experimental results for stability derivatives in single-degree-of-freedom pitching motions. Such a 
comparison is difficult to make since the results published by Tong and Hui (Ref.7) ii.corporate Mach number dependence of the shock 
shape but do not contain Mach number dependent functions for the downstream velocity and density profiles, whereas, the centrifugally 
uncorrected embedded Newtonian results of the present paper do. Comparisons between the results of Ref 7 and the embedded 
Newtonian results to identify the magnitude of the centrifugal term have been facilitated by recalculating the results in the present 
paper with alternative forms of eqns.(4) and (5) which are appropriate for infinite embedded Mach numbers. However, it is noted that 
the experiments used for comparison have been performed at the relatively low hypersonic Mach number of 6 85 in which the joint 
A# ® ¥ -* 1 assumptions are not well satisfied. Not only is the free stream Mach number relatively low but the embedded flow Mach 
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number is even lower thus rendering Newtonian flow assumptions even more inappropriate for the local Newtonian flow calculations on 
embedded surfaces 

Unsteady Numerical Techniques 

Although the capability of numerical techniques for solutions of the Euler equations for steady flow field calculations on 
complex body shapes has improved tremendously in the last decade, very few comparable attempts at calculating the unsteady flow past 
oscillating bodies have been reported Brong (Ref 23) numerically solved the first order perturbation equations for pitching and 
plunging cones and Rie et al (Ref 24) carried out a complete non-steady numerical flow field calculation for oscillating blunted slender 
cones at hypersonic Mach numbers. In spite of the very considerable complexity of this approach, no improvement in agreement with 
**x r runeiii is obser, *.u o. er .htai-ir.' .upirical pr* ineemneodeo Newioi an method 

3. EXPERIMENTAL RESULTS AND COMPARISON WITH PREDICTION METHODS 

Wind tunnel facility, techniques and models 

The experiments were performed in the Isentropic Light Piston Tunnel (ILPT) at the University of Southampton This is an 
intermittent wind tunnel facility providing an open jet test section of nozzle exit plane in diameter 0 21m, with a flow Mach number of 
M = 6 85 for durations of typically 0 5s A more detailed description of this facility is given in Reference 25' The unit Reynolds number 
test range available is approximately 7 5 x 106m l to40x 106m l . 

The test procedure employed to determine the aerodynamic stiffness and damping derivatives is the small amplitude free 
oscillation technique The model under test is held captive in the wind tunnel open jet test section flow on a sting support The model is 
mounted on an internally sited rotary flexure pivot which allows the model to oscillate by 0 - ± 1° in the pitch plane. The centre of 
rotation corresponds to the effective centre of gravity location. The flexure pivot is mounted onto a rigid sling support which is quadrant 
mounted on the test section floor 

AM the experimental stability data were obtained using sting supported models pivoted on cross flexures Dynamic stability 
data obtained in such circumstances may be subject to support interference effects, unless certain sting design criteria are met It is 
believed that the results presented herein are free from such interference in view of the following experimental features 

i) The sting geometry is symmetric 

ii) The test Mach number is relatively low, (Mach number M = 6.85) and therefore little affected by sting interference 
effects detailed by Ericsson (Ref.26) for example 

iii) The parameter, visible sting length behind the mode) divided by model base diameter, is large - approximately 3. 

iv) The negligible influence on these tests of base pressure effects has been previously demonstrated by open and closed, 
model base results reported in Ref 27 

v) The sting support structure is of sufficient stiffness, that the fundamental mode of vibration has frequencies at least two 
orders of magnitude higher than the model frequency. 

The reduced frcTuency parameter for these experiments was 0 0018 < u>‘ < 0 0092 

The measurement of each pair of aerodynamic stiffness and damping derivatives necessitates two experimental tests, the so 
called \uindoff and \vind on 'runs. The ensuing model motions, both in vacuoo, (wind off) and in the aerodynamic flow (wind on) are 
monitored via an optical model tracking system (Ref 28), recorded and digitised for microcomputer storage A subsequent analysis of 
the two model motion time histories allows the aerodynamic pitch stability derivatives to be deduced 

The analysis adopts the standard U S. notation, whereby 


IP V^Sc 


C = 


<*: 


c = 


*qc/2Vj 


ao<y2V ) 


Flow visualisation was achieved by the schlieren flow visualisation technique. Surface flow visualisation was obtained using a 
sprayed microencapsulated liquid crystal coaling to provide a model surface thermographic map 


Experimental pitch stability data have been collected for a range of axisymmetric vehicles shown in Fig.2, which included 
pointed and blunted 10° semi-angle cones and the hyperballistic shape HBS. These bodies were tested over a range of angles of attack 
and axis oscillation position which extended toO < a < 16° and 0.35 < X cg /L < 0 82 (MBS only). 


Pointed and Blunted Cone Geometries 

A 10° semi angle pointed cone has been investigated by East et al (Ref 29) Small amplitude, 0 = 1°, oscillatory experiments 
were performed in the facility described earlier at M = 6 85 in the Reynolds number range, 0 4 x 106 < Re b < 2 x 10« The zero angle of 
attack results are shown by Figure 3. This shows how with increasing Reynolds number the stiffness derivative, -C m decreases in the 
range I.Ox 10® < Re^ < 1.4 x 10® Further increase in Reynolds number causes the s iffness derivative to rise to a value greater than 
the low Reynolds value This minimum of stiffness derivative is accompanied by a maximum in the damping derivative, -(C m + C m ») 
Ward (Ref.30) reported a similar trend in pointed cone results and showed how the maxima and minima in the respective derivatives 
occurred when there was transitional flow at the base of the mode). These observations show that the results given in Figure 4 are 
subject to transitional flow at the model base, where Ret, = 1 45 x 106 and subject to wholly turbulent flow at Re b = 2 17 x 106. Recent 
surface thermographs have confirmed the transitional nature of the boundary layer at the rear of the pointed cone for these flow 
conditions. At the greater Reynolds number condition, the in vise id embedded Newtonian technique yields results similar to the 
experimental trend in that they are generally angle of attack invariant in the range, 0 s * s 16°. It is likely that the increase in static 
stability above the theoretical prediction shown by the experimental data is due to boundary layer displacement thickness effects 
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Ericsson (Ref.31) has postulated that the angle of attack dependent trends are associated with aft cone transitional flow 
Increasing the angle of attack causes the windward surface transition location to move aft slightly, however, this movement is much less 
than the associated forward movement of the lee side transition With increase in angle of attack the crossflow enhanced leeside 
transition location moves rapidly forward to then remain fixed despite further increase in angle of attack This asymmetric transition 
point movement modifies the viscous contribution to stability. This is vividly shown by the comparison between the angle of attack 
dependent, small amplitude experimental data at Re*, - I 45 x 10* and the inviscid embedded Newtonian theory results shown by 
Figure 4. In comparison with the inviscid theory the a = 0° experimental stability derivatives are consistent the effects associated with 
afl body transition rear of the oscillation axis The viscous moment contribution acts rear of the oscillation axis at o = 0°, but, with 
increases in angle of attack, the viscous contribution moves forward to then become a statically stabilising effect for a > 5° This 
conclusion is drawn from a comparison with the inviscid, angle of attack dependent theoretical alts dominant influence is that 
of fvtcUnl/ .. v g x 0°) wn-vli ....vixens the ice aiae Boundary iay«.>. Attempts n**e been maa«. uy Ericsson live I 26) to predict 

transition effects by proposing a boundary layer build up modification '0 an effective body geometry This was successful for the 
stiffness derivative but not the dynamic damping derivative The discrepancy in damping derivative was shown to be due la an 
'accelerated flow effect' which affects transition in a similar manner to that by which local pressure gradients affect separated flows 
These perturbations are only evident for pointed cones since the favourable pressure gradient present on blunt cones dominates the 
flowfield 


Ericsson's model was centred on transition per se being the dominant viscous influence However, it is the authors' belief that 
the viscous influence responsible for the results observed is an interaction between transition and leeside separation, whereby, the 
prevailing boundary layer state determines the different nature of the lee side flow. Figure 5 shows two sketches of surface flowfields 
revealed by liquid crystal thermographic methods Fig.5<a) shows the lee side flow with the model at « =* 1° It clearly shows the 
general high temperature region for the aft one third of the body associated with the transitional region. However for the forward 
portion of the body separate hot and cold regions are shown associated with a generally stream wise vortical structure caused by the 
viscous crossflow Results of further experiments show that this structure persists in a modified form at angles of attack up to at 
least 5° Fig.Sib) identifies the flowfield at « =5° showing fundamental differences in fore and aft body vortical structure This 
suggests that the former transitional flow persists not as a transitional flow per se but as an influence on the nature of the aA body lee 
side separated flow 

Figures 6 to 9 show a comparison between the predictions of embedded Newtonian theory and experimental resulLs for 10° 
semi-angle cones with hemispherical nose bluntness in the range 0 1 < ds'dg < 0 4 The experimental variations of the derivatives 
C mQ and -< C m + C m •) with angle of attack are complex and very deDendent on nose bluntness Considerable non-linear effects are 
demonstrated and significant shifts of centre of pressure (where -C m — 0) are evident Only the pointed cone derivatives are relatively 
independent of angle of attack up to 20° 

The general trends of the stiffness derivative ( -C m J for oscillation axis positions of 0 68 < Xcg'I - < 0 70 are well predicted by 
embedded Newtonian theory. For bluntness ratios of 0 1 and 0 2 the Btiffness derivative -C mQ decreases with angle of attack, indicating 
a forward shift of the centre of pressure This is accounted for in the theory by the forward movement of the minimum in the typical 
blunted cone blast wave induced pressure coefficient as angle of attack of the windward surface increases. Since the windward surface 
plays an increasingly dominant role as angle of attack increases, this forward movement of pressure distribution is reflected in the 
derivatives The effect of bluntness on damping is to destabilize as bluntness is increased This is due to the lower dynamic pressure 
acting on the conical surface due to the entropy layer resulting from the bow shock 

Data from small amplitude longitudinal stability experiments performed on a 0 2 bluntness ratio 10° cone (Ref 27), at two 
Reynolds numbers, Reb = 1.45 x 10* and 2 17 x 10* show the results to be independent of Reynolds number within this range and for 
angles of attack, 0° < a < 16° Nose bluntness produces a region of high entropy flow which reduces the local Reynolds number and 
which has been shown to delay transition Work by Softley et al (Ref 32) illustrates how blunted cone transition is influenced by the 
position of the entropy swallowing station at which the entropy layer thins so that the flowfield tends towards that found on the 
equivalent pointed cone The distance downstream of the entropy swallowing station at which transition occurs is determined by the 
freestream Reynolds number, Re<* As the equivalent pointed cone flow is transitional at the rear of the body for the experiments under 
discussion, the bluntness will serve to move transition off the body into the wake The above implies that the blunted cone is subject to a 
purely laminar flow at the Reynolds numbers appropriate to these data 

On the assumption that the differences between the experimental stability results and the predictions from the embedded 
Newtonian theory shown by Figure 7 are due to viscous effects, it is implied that the viscous contributions at a = 0° are statically 
destabilising with no change in the dynamic stability. It is postulated that viscous phenomena associated with the nose flowfield 
effectively increase the nose bluntness. This has been modetted by using the embedded Newtonian technique to prove that a nose 
bluntness ratio of d^/de = 0.22 reduces the stiffness derivative to the experimental value with no effect on the damping derivative. 

Having allowed for the increased nose bluntness at a = 0°, the trends shown by Figure 7 identify the a dependent viscous 
contribution to be statically stabilising, but dynamically destabilising for angles of attack, a < 8°. This trend reverses for angles of 
attack, a > 8° The low angle of attack trend is thought to be a crossflow effect which is known to be statically stabilising when the load 
centre of this effect is ahead of the centre of gravity position The pointed cone results of Adams (Ref 33) illustrate how this effect 
subsides with further increase in angle of attack In this case (Ref.33) the statically stabilising low angle of attack viscous local 
crossflow effect disappears at a > 5°. With increasing angle of attack, (a > 8°) the results of the experiments shown here illustrate a 
reverse trend and the viscous contribution becomes statically destabilising and dynamically stabilising. This effect has been noted on 
the laminar flow pointed cone, where at large relative angles of attack the local crossflow is dominated by non-linear viscous crossflow 
It is suggested that this effect is present on this laminar flow blunted cone The leeward separated flows, under discussion, are revealed 
in schlieren flow visualisation by embedded compression waves within the lee side bow shock layer The presence of the layer on the 
pointed cone results in an increase in dynamic stability and a decrease in static stability The flowfields indicate the development of two 
separating flows. Their axial positions are close to the nose and move forward with increasing angle of attack. This trend is consistent 
with observations of Stetson (Ref 34) who also showed these flows to be free from subsonic base communication travelling upstream 
The high angle of attack embedded flowfield is almost identical to the separated flows identified by Miller and Gnoffo (Ref 35) on the 
forecone of a blunted biconic geometry in a flow with M = 6 and Re = 29 % 10* per metre 

The pilch stability derivatives al various angle of attack for nose bluntnesses of 0 3 and 0.4 are shown on Figures 8 and 9 
Unlike the 0.2 bluntness ratio cone where the pressure field is composed of both nose and cone influences, the 0 3 and 0 4 bluntness ratio 
cone flowfield is dominated by the very large nose diameter This causes a shift in centre of pressure which reduces the a = 0° small 
amplitude stability derivatives in comparison with the inviscid theory. This comparison implies that the entropy layer effects extend 
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further downstream than the inviacid results would suggest It is almost certain that both of these cunes subject to a purely laminar 
flow at the Reynolds number of the tests, Ret, = 1.45 x 10* 

At increased angles of attack, the entropy layer present on the dominant windward surface thins. This has the efleci 
increasing the pressure on the aft region of the body. The resultant change in the moment is reflected by the increase in the stlfTness 
derivative in the angle of attack range, 0° < a < 5° Although not shown on these plots, further increase in the angle of attack brings 
the increased conic pressure component forward and ahead of the oscillation axis and the Btiffnes? consequently decreases The 
embedded Newtonian theory overestimates the damping derivatives in the range a < 10°, and fails to predict the large rise in damping 
derivative seen at angles of attack a > 10° This tends to confirm the entropy effects being larger than predicted, since an increase of 
the nose bluntness would produce decreased stiffness and damping derivatives. 

In Pig. 10, absolute values of the damping derivative + C„*) are compared with the results of prediction methods, 

whereas, in previous papers such comparisons have generally been made with values normalised with respect to the equivalent pointed 
cone damping predictions On the previous basis, comparison between experiment and prediction can be obscured if the values taken for 
the pointed cone differ The comparison presented in Fig 10, indicates that for low values of nose bluntness, the centrifugaily corrected 
embedded Newtonian method appears to over predict aerodynamic damping in comparison with simple embedded Newtonian and 
experimental results 

A detailed comparison between experimental data and various theoretical prediction techniques for the pilch damping 
derivative of a 10°. 0 3 bluntness ratio cone at Mach number M = 6 85 is shown in Figure 11 using results reported-by Tong and Hui 
{Ref 7). The results of Ref 7 show that the embedded Newtonian method underpredicls the stability derivative and that inclusion of the 
centrifugal term, (-(**, 0 ),.. is necessary to attain values in keeping with experimental data However, as indicated earlier it is noted that 
iuiig and llui's embedded Newtor. Buccmunn method employs infinite Mach number relations for the density and velocity profiles 
within the bow shock shear layer If the functions, which have been shown for steady flow to be appropriate for finite Mach numbers, are 
used in the simple embedded Newtonian method then the prediction is very similar to that with infinite Mach number f*,g* functions 
with centrifugal terms included Indeed it is arguably superior since the sensitivity to rearward axis position damping increasing is 
identified This shows that with the appropriate finite Mach number functions applied to the embedded Newtonian method, the further 
inclusion of the centrifugal term would overpredict in comparison with experiment It therefore appears that, at the relatively low 
hypersonic Mach number at which the comparison has been made, adequate predictions are obtained by the use of embedded Newtonian 
methods without the Busemanr. correction It must be acknowledged that this is a severe test of the Newton-Busemann concept which 
strictly applies in the M -* «®, Y \ limit, which is not well satisfied at the very low Mach numbers within the embedded flow on a blunt 
shape aiM ~ 6.35 

Hyperballistic Shape UBS 

Figure 12 shows the changes in aerodynamic stiffness and damping with increase in angle of attack for the double flared, 
hemisphericaily blunted cylinder body The measured increases in aerodynamic stiffness, corresponding to a rearward centre of 
pressure movement, are predicted by embedded Newtonian theory, but the magnitude of the predicted increase is less than measured 
Also, it is noted that at o = 14° the rearward shift is reversed and a rapid forward shift is predicted 

Values of the damping derivative -iC m ^ + ) are in excellent agreement with embedded Newtonian theoretical predictions 

over the complete range of 0 < a < 18° The’ predicted rapid forward shift of the centre of pressure appears as an increase in 
aerodynamic damping However, the measured damping for a = 16° for the HBS shape showed a large increase which was 
experimentally attributed to the impingement of the bow shock on the rearmost Hare This phenomenon occurs similarly in the theory, 
at which point flare pressures are computed using simple Newtonian theory as the flare has moved out of the influence of the low 
dynamic pressure entropy layer 

The experimental trends for hyperballistic shapes are, therefore, well predicted by embedded Newtonian theory, aerodynamic 
damping predictions, in particular, being in excellent agreement with experimental data. The theory takes no account, however, of any 
cross flows which must occur on these blufT shapes as q increases Judging from the less rapid rearward movement of the centre of 
pressure inferred experimentally from the -C mQ data, it seems likely that viscous effects, resulting in cross flows, could account for the 
observed differences. 

This is further supported by schlieren flow visualisation and liquid crystal thermographic maps At near zero degrees angle of 
attack there are very slight regions of separated flow present at the flow junctions. It is felt these regions ofTer insignificant viscous 
contributions to pitch stability in comparison to the dominating flow separation effects associated with the separation induced by the 
large angle single flare of the AGARD hyperballistic shape HB2 reported in Ref 18, for example However, at large angles of attack 
liquid crystal thermographic maps show that the lee side separated flow increases and this is shown schematically by Figure 13 Whilst 
it is accepted that the stability derivatives are mainly influenced by the windward surface, it is apparent that the lee side viscous flows 
will modify the results predicted by inviscid techniques 

The variations of the zero degrees angle of attack values of -C mo and -( C’„ 1(J + C m -) with the position of the axis of oscillation 
are shown in Figure 14. The aerodynamic stiffness plot identifies experimental data and predictions from the inviscid embedded 
Newtonian technique. The centre of pressure location, where -C mQ = 0. is predicted to be further aft than that deduced from 
experimental data, suggesting the theory slightly overestimates the flare effectiveness The observed difference corresponds to n centre 
of pressure shift of 5% in the region of the centre of pressure 

The variation of pilch damping derivative with axis position is shown in Fig. 14 together with the results of several prediction 
methods. The plot includes data associated with experiment, simple Newtonian impact theory, inviscid embedded Newtonian theory as 
calculated by the present authors and the unsteady embedded Newton-Busemann predictions of Ref 7. The simple Newtonian impact 
predictions are clearly in error since there is no allowance for the loss of the flare effectiveness due to the finite Mach number curved 
bow shock and subsequent entropy layer influence. These deficiencies are redressed fully by the embedded Newtonian predictions of the 
authors The embedded Newtonian method predicts a lower value of minimum damping than is observed experimentally, however, it 
should be noted that a typical experimental error bar for experimental damping derivative is ±20%. The predicted locations of the 
minima with respect to oscillation axis are consistent between the embedded Newtonian and the experimental data. 

The final prediction method used is that of Tong and Hui, Ref.7. This result is a finite Mach number embedded Newtonian 
prediction but includes the centrifugal term found necessary in the gas dynamic limit of M = «, Y = 1 The result predicts a lower 
damping minimum, but identifies the centre of pressure to be located forward, at X cg iL = 0.55. (c.f. experiment and finite Mach number 
embedded Newtonian damping minima at X cg /, = 0 65) Strict comparison between the prediction of the embedded Newtonian theory, 
with and without the centrifugal correction is not possible, since the density and velocity functions used by Tong and Hui (Ref 7) are for 
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the infinite Mach number limit, whereas, in the uncorrected model, functions appropriate for finite Mach numbers (see eqn. 4) have 
been used. Furthermore, it is unclear as to what values have been included in Ref.7 for the nose contribution to aerodynamic damping 
In the present paper, data are presented for infinite Mach number embedded Newtonian f* and g* functions, which are effectively Tong 
and Hui'a data without the centrifugal term This clearly shows how using f*, g* functions which are inappropriate for the low 
embedded flow Mach numbers, leads to underprediction. However, with these provisos, it appears that the embedded Newtonian 
prediction (without centrifugal correction but with appropriate f * and g* functions) gives the best agreement with experimental results, 
particularly with regard to the axis position at which the damping minima associated with the zero value of C_ occurs. As for the 0.3 
bluntneas ratio cone, this conclusion should be qualified by the observation that the embedded flow Mach numoers for the extremely 
blunt HBS shape will be in severe contradiction with the M-+«, Y-* 1 Newton Busemann limit, thereby providing an arguably 
inappropriate test case for the method presented in Ref 7 

4. coNCLtibiU.vS 

A brief review of three analytical techniques for predicting the stability derivatives of slender axisymmetric hypersonic 
vehicles is presented The techniques presented are Newtonian impact, embedded Newtonian and embedded Newton-Busemann 
Vehicle geometries considered are pointed and blunted 10° cones and a double flared hyperballistic shape HBS Comparison of results 
from these prediction techniques with experimental data demonstrates that the embedded Newtonian technique provides a suitable 
method for approximate , '“dictions ot aerodynamic stiffness and damping over a wide range of conditions 

Although the centrifugal term of the embedded Newton-Busemann method is required for correct predictions in the regime of 
the gas dynamic limit M = ®, Y = 1 where shock iaytr* are thin, comparison with experimental results for a range of blunted cones and 
the hyperballistic shape HBS show that prediction using th.\ .Tiethod at M = 6.86 provides no improvement over the less rigorous 
method in which the centrifugal correction is omitted. 

It is noted that where flow structural change is present, in the form of transition ai.u *eparat; tin-* us contributions 
to the stability derivatives cannot be ignored The body motion coupling with respect to these viscous flow s is an area in need of further 
research. 
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FIGURE 1 Definition of embedded flowfieid and body geometry (Ref. 16) 



FIGURE 2 Shapes tested for dynamic stabilit; 
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FlOfRK 3 Variation of pitch stability with Reynolds number for 
a 10° semi-angle pointed cone 



FIGURE 4 Pilch stability derivatives 
versus angle of attack for a 10° 
semi angle pointed cone 




FIGURE 5 Thermographic surface flowfield maps for a pointed cone. M = 6 85, Reb = l 45 x 10$ 
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FIGURE 6 Comparison of embedded 
Newtonian and experimental 
pitch stability derivatives 
versus angle of attack for a 0 1 
bluntness ratio, 10° 
semi-angle cone 
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FIGURE 8 Comparison of embedded 
Newtonian and experimental 
pitch stability derivatives 
versus angle of attack for a 0.3 
bluntness ratio, 10° 
semi-angle cone 
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FIGURE 7 Comparison of embedded 
Newtonian and experimental 
pitch stability derivatives 
versus angle of attack for a 0 2 
bluntness ratio, 10° 
semi-angle cone 
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FIGURE 9 Comparison of embedded 
Newtonian and experimental 
pitch stability derivatives 
versus angle of attack for a 0 4 
bluntness ratio, 10° 
semi-angle cone 
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FIGURE 10 Pitch damping derivative results versus bluntness ratio for a family of 10° semi-angle 
cones - a comparison between experimental data and theoretical prediction 
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FIGURE 11 Comparison between theoretical and experimental results of the pitch damping 
stability derivative versus osci'lation axis position for a 0 3 bluntness ratio 10° 
semi-angle cone 
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FIGURE 12 Comparison of embedded 
Newtonian and experimental 
pitch stability derivatives 
versus angle of attack for the 
shape HBS 
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FIGURE 13 Thermographic surface flowfield 
maps of the shape KBS. M = 6.85, 
Re d = 0.95 x 106 



FIGURE 14 Comparison between experimental and theoretical pitch stability derivative results 
versus oscillation axis position for the shape HBS 
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SUMMARY 

In this paper a theory is given of the aerodynamic stability of hypersonic conical lifting vehicles 
performing small amplitude pitching motion about its steady flight by using the Newton-Busemann flow 
theory, which is the rational limit of gasdynamic theory as the flight Mach number M» -* <» and the ratio 
of specific heats y -*• 1 This is done by reformulating the gasdynamic equations using a set of 
material functions as independent variables which are a generalisation of the stream functicns of 
steady flow. In this formulation, calculations of the steady flow field are reduced to finding the 
geodesics of the body surface. The unsteady flow field is then calculated by perturbation of the steady 
flow; in particular for conical shapes it requires only numerical quadrature. The theory Is applied to 
conical wings of parabolic cross-section and the dependence of the stiffness and damping-in-pitch 
derivative on the angle of attack, the slenderness, concavity and convexity of the wing, and on the 
pivot axis position is studied systematically. 


1. INTRODUCTION 

With the recent revival of interests in hypersonic flight information on aerodynamic stability of 
vehicles at very high Mach number has become wanted, as evidenced in the excellent review papers by 
Orlik-Ruckemann{Ref. 1), Townsend (Ref. 2) and East (Ref. 3). 

This paper is devoted to the theoretical prediction of the aerodynamic stability of hypersonic 
lifting vehicles based on unsteady Newton-Busemann flow theory. The simpler aspects of the Utter 
theory were developed recently by Hui and Tobak (Refs. 4 to 6) and applied to aerofoils and bodies of 
revolution. In particular, it has been shown that (1) the rational limit of gasdynamic theory, as the 
flight Mach number M^ « and the ratio of specific heats y -*• 1 » is equivalent to the Newtonian 
impact flow model plus Busemann centrifugal pressure correction; (2) the centrifugal pressure is just as 
important as the impact pressure and must not be neglected; and (3) with its inclusion the complete 
unsteady Newton-Busemann flow theory is in good agreement with experiments on sharp-nosed bodies. 

Extension to the three-dimensional case was partially given by Hui and Van Roessel (Ref. 7) using 
a spanwise Integration technique to obtain the aerodynamic derivatives. It gives, however, no 
information of the details of the flow field; In particular, the region of zero pressure, if it exists, 
was not determined. 

In this paper the unsteady Newton-Busemann flow field around a three-dimensional body performing 
small amplitude pitching motion about steady flight at a triimied condition is obtained. This is done 
by reformulating the gasdynamic equations (Ref. 8) using a set of material functions as independent 
variables, which are a generalisation of the stream functions of steady flow. In this formulation, 
calculations of the steady flow field are reduced to that of finding the geodesics of the body surface, 
and the unsteady flow field is then calculated by perturbation of the steady flow. 

When applied to conical shapes, the method requires only numerical quadrature. In this way, effects 
of various factors, such as angle of attack, slenderness, concavity and convexity of a wing, and pivot 
axis position on the stiffness and damping-in-pitch derivative are investigated systematically. 


2. MATHEMATICAL FORMULATION 

Consider a rigid vehicle B flying at supersonic/hypersonic speed. In supersonic/hypersonic flight 
the front of the body is enveloped by a shock wave which extends downstream in the shape of a slightly 
flared skirt. The flow upstream of the shock wave or shock surface is undisturbed whereas the flow 
field of interest lies entirely downstream of the shock, between the shock surface and the vehicle 
surface. In hypersonic flight, with the free stream Mach number M^ >> 1 , the enveloping shock wave 
lies very close to the body surface. The region between the shock surface and body surface Is termed 
the shock layer. 

We scale the time variable by 1 / U^ , and space variables by t where i is a characteristic 
length of the body B and is the free stream velocity. Scale the dependent variables pressure by 
, density by p b and velocity by U w , where p # is the free stream density. The equations 
governing the flow field surrounding the vehicle B are the inviscid Navier-Stokes equations or the 
Euler equations*. 
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of the unit normal to the body surface. The equation of the body surface In shock layer coordinates is 
E 3 * 0 (orj ;-0) . Let the equation of the unknown shock surface be 

5 3 = Sft.t’.E 2 ) . (7) 

In order to apply Newton's law in anon-inertial reference frame we must add those forces due to the 
relative acceleration of the non-inertial reference frame, namely; » the translational 
acceleration; -2u> * v , the Coriolis force per unit mass; -Z * (u*r) , the centrifugal force per 
unit mass; -3*r , the inertial force of rotation per unit mass, where Z is the angular velocity 
vector of the vehicle. The force ? in equation (1) is thus 

f = -j$ c - 2 Z*v - Lj*(w*r)-u*r . (8) 


In component form Equation (!) becomes 


fr + -—^t(» / 9 p v *) = 0 
n /g H 1 


3V 1 

3t 





(9) 


_ 3 _ 

at 



2 . 

Y. 


= 0 . 


where g 13 are components of the inverse of the metric tensor, g is the determinant of the metric, 
and rj k are the Christoffel symbols of the second kind. 

The solution of Equations (9) would represent an Eulerian description of the fluid flow. However, 

a transformation to Lagrangian coordinates will prove useful. The presence of the term in the 

continuity equation however, precludes the use of stream functions. But, facilitated by a change of 
notation, it is possible to introduce a set of new functions to be called material functions. 

Letting = t , and since the metric is time Independent due to the body-fixed frame of reference 
used, the continuity equation may be written as 


* 0 


( 10 ) 


3E 


where v = 1 and upper case latin indices range from 0 to 3. 

Introduce three functions m’(e®,e',e 2 ,e 3 ) related to the components of velocity as follows 


e IJKL 

3C 3C K L 


( 11 ) 


IJKL 


is the permutation symbol. Substitution into (9a) shows that the continuity equation is 

1 


where e 

identically satisfied. Taking the material derivative of M 1 yields 


ogl = 251 + W , v-T 9Ml 

T5tf 3t v T v j 

H J n 


- 1 J0KL,, 11 1,aM 1 3M 1 3M 2 3M 3 . n 

- — e >-( M )—r —r —17 —r 1 0 

r?c 3E J 3E* 3E L 

where A is an arbitrary function of the M^'s . 

- 12 3 

| The notation (E,n,c) is introduced to replace (E ,E ,E ) whenever the use of indices becomes 
cumbersome. 


(12) 
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This shows that the M 's are constant following the fluid and so the naae material functions Is 
appropriate. These material functions, analogous to the stream functions for steady flow, are not 
unique. The existence of these functions was known previously but they have been little utilized. 
Setting J * 0 In (11) results In the following constraint on the material functions: 


>U\£*.£ 3 ) x 

Consider a transformation from the (t 1 ) coordinates to (it/ ) coordinates defined by 


(13) 


nS 


•» 1 ’(£ 0 .£ 1 .£ 2 .C 3 ) 


with Inverse transformation 


£ 


1 


I,J> J J „3| 
x (in ,m ,m ,m ) , 


(U) 


(15) 


where and If 3 are the material functions of Equation (11) and M® Is to be chosen by imposing 

the condition 


which results In 





06 ) 


(17) 


It is clear that * x^m 0 .™',n/,m 3 ) , considered as a curve parameterized by m° with the m’’s 

1 2 3 

held constant, represents the pathline of the fluid particle identified by (m ,m ,m ) . 

The material derivative reduces to 


0 = r hi 8 - » 
3£ J 3? 3£ J aii? 


(18) 


which shows that m u is a measure of time following a fluid particle or Lagranglan time. Therefore, 
m° will be replaced by r whenever convenient. 

Making the transformation (15), the governing equations, (9), become 


(L, 1 

3T 


J = 


/g o 


(19a) 

(19b) 


TT Jk 3 t 3t 


IJKL 


,11 g’ZlZiZlid 

3m" 3m* 3irr 3m" 3m**' 3m" 


,’3 3^^^! 
3m" am* 3m" 1 


F V) , 


(19c) 
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Equation (16) only determines M° to within an arbitrary function of three independent variables. 
It is convenient, therefore, to set the shock surface at 

m° = 0 (ori = 0) . (20) 


The body surface will be set at 

m 3 = 0 . (21) 


This is now a fixed boundary problem. 

Equations (19) are six equations for six unknown functions. However, Equation (19a) can be 

integrated immediately to obtain and Equation (19b) can be used to eliminate p , thus leaving four 
equations in four unknowns. Furthermore, a first integral can be obtained from (19d). The major 
difficulty lies with the momentum equations (19c). 

12 3 

It is worth pointing out that while {-r.m ,m ,m } are Lagrangian variables, they differ from the 
standard Lagrangian variables in that a distinction is made between Lagrangian time t and Eulerian 
time t . This distinction allows for the problem to be rendered a fixed boundary problem. It is 
shown in Ref. 8 that a further transformation 


x i (T,m 1 ,m 2 ,m 3 ) = E''(t,t s ,(;’, t 3 ) . 1=1.2,3 (22) 

where the subscript s denotes evaluation at the shock surface, allows the problem to be formulated 
as a system integro-differential equation. Taking the Newtonian limit -*■ * , y -*■ 1 and 

assuming that the unsteady motion is sufficiently slow so that an expansion of the following form 
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— J- + 2? 

3x 


falfi 


-- -—a- + r° — 

0Y frr 3 t By.5 3 t 


• e° * r 
♦ * 


tf 0 -*,.*!-# - 0 






(25) 




■t.t'.C 2 ) 




,5 2 )dr • 


E 2 (r5(‘. 


,C 2 ) 


t.{ 


,C 2 )r 


-(t.s'.c 2 ) 


<» * 0,0 


where DJ. DJ . . F are velocity components and pressure at the shock surface and expressions 

for £g , , Pg . tJ , tJ may be found in Ref. 8. 

Equations (24a) are to be solved for Eg and Eg . They Imply that the particle trajectories In 
steady flow are just the geodesics of the body surface. Once determined, Equations (25a), being linear 
o.d.e.'s, may be solved for the corrections E“ , *=e,e to give the particle trajectories: 

C a - E°(T,t s , 5 ’, t 2 ) , «=1,2 . (26) 


Equation (26) Is then Inverted to obtain 


5“ ■ Z“(t,t,e!c 2 ) (27) 

which is then Inserted Into (24d) and (25d) to obtain, simply by quadrature, the unsteady pressure 

p • P(i,t,t,n) . (28) 

Thus the problem of determining the pressure for sufficiently slow unsteady motion In the Newtonian 
limit Is reduced to solving the geodesic equations, a pair of nonlinear ordinary differential equations 
for the body B. 


3. CONICAL WINGS 

We apply the formulation of the previous section to conical lifting vehicles, in particular conical 
wings with parabolic cross-section. Consider the conical wing (see Fig. 1) given by 



T*±l 


(29) 


where a concave wing corresponds to T= +1 and a convex wing corresponds to 1= -1 . The cross-section 

In the plane x*const, is a parabola. Surface coordinates (c'.c 2 ) * (c.n) for the body which 
are orthogonal may be chosen as follows: 






x - B'(c.n) = y(dn(n,m) + Ten (n,m)) , 

y = B 2 ({,n) - - {dn(n,m) -Ten („,m)) , 


(30) 
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z 3 B (t.n) = cesn (n,m) 


22 21/2 

where m = (a - 1)/(a ♦ 1) , c = a/(a ♦ 1) ' and sn , cn , dn are the Jacobi el 1iptic 

functions of modulus m . 

Specifying the sweep back angle .a and the angle u> from the centre line to the leading edge 
plane uniquely determines the parabolic conical body yielding 


tan( , j-- a) 
3 " /sTn^fw 


(31) 


with w > 0 for concave wings and u> < 0 for convex wings. The surface coordinates are restricted to 


^ ^ dn(n,m) +Tcn(n*m) 


hi * n L 


(32) 


where n. is given by 


2 

sn (n L ,m) 

—2- 

cn (n L .m) 


sin2w + tan (j-- A) 
(cosu - sin«) 2 


(33) 


For the above body. Equations (24) and (25) are readily solved to obtain the pressure to within 
quadrature (Ref. 8). 


4. STABILITY DERIVATIVES 

The pitun,., mome-t coefficient C m , vhe stiffness derivative -C , and the damping-in-pi tch 
derivative -C m- are defined by 

C m 5 TTXT ■ + (34) 

0 0 

where the pitching moment 

M(t) = - | | PU.t.nlKtYjfn) - h)n 2 (n) - CY^nln^nH^dEdn (35) 

V 

Y,(n) * j-(dn(n,m) + Tcn( n ,m)) 

Y 2 (n) * - j<dn(n,m)-Tcn(n,m)) 

n l (h) = (> dn(n*m) - cn(n,m)) 

% 

n 2 (n) = ^yyy(cn(n,m)+1 dn( n ,m)) 

S = planform area of the wing . 

n — 2 —2 - 

v(n) = *c - m sn (n*m) 
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5. RESULTS AND DISCUSSIONS 

Systematic computations of the stiffness and damping*in-pitch derivative have been done for 
various combinations of the defining parameters In the following ranges: 0 < a < 80° , -30° < w < 30° , 

60 < A < 80° and 0 < h < 2/3 . It has been found profitable to present these results In relative 
form as (-C )/(-C ) and (-C )/(-C m ) , where 

m e m e fl m 4 ft 


(-C m - 2s1n2a(|-h) 


(-C ) - 4s1n«(|-ih + h 2 ) 

ffl 8 ft 43 


are, respectively, the stiffness and damping-in-pitch derivative of the corresponding flat delta wing, 
l.e. when w = 0 , as given in Ref. 9. We note that they are independent of the sweep-back angle A , 
and that (-C ) is always positive but (-C ) changes sign at h = 2/3 . 


These relative stability derivatives are, strictly, still dependent on the defining parameters 
a , w , A and h . It turns out, interesting enough, that they are practically Independent of the angle 

of attack a and the pivot axis position h for 20° < a < 75° and 0 < h < 2/3 . This is to say that 
the spanwise concavity or convexity of a conical delta wing does not alter the dependence of the 
stability derivatives on a and h within the above ranges. Details of the computational results are 
as follows. 


5.1 A-dependence 

The dependence of the relative stability derivatives on the sweep-back angle A is shown in 
Figs. 2-5. It is observed that Increasing A (i.e. more slender wings) decreases the damplng-in-pitch 
derivative (-C ) for both concave wings and convex wings. It also decreases the stiffness 

0 

derivative (-C ) of convex wings but has little effect for concave w1ng« These conclusions hold 

0 2 
true for any angle of attack a and for 0 < h < ^ . 


Z.l h-dependence 

From the comparisons of Figs. 2a-c and 4a-d, which are for different h , we see that relative 
damplng-in-pitch derivative Is independent of the pivot axis position h for 0 < h < 2/3 and for 

0 < a < 75° . The same conclusion holds also for the relative stiffness derivative (Fig. 3a,b and 
Fig. 5a,b). This near Independence of the relative stability derivatives on h for 0 < h < 2/3 is 

also shown explicitly In Fig. 6 for the case a - 20° and u = 20°, from which it Is also seen that 
the relative stability derivatives vary rapidly with h for h > 2/3 . One possible explanation for 
this is that In the vicinity of h * 2/3 , (-C m ) changes sign and (-C J reaches minimum. 


5.3 w-dependence 

From Figs. 2 and 3, it Is seen that both (spanwise) concavity and convexity of the conical wing 
tend to decrease the damping-in-pitch and the stiffness derivative for 20° < a < 75° , and the maximum 

stability is reached near the flat delta wing. For smaller angles of attack, i.e. a < 20* , however, 
the trend is somewhat different. For these cases (see Figs. 4 and 5) the maxima of the stability 
derivatives are reached by sllghly convex wings. 

An explanation of the different trend for smaller angles of attack is that as a becomes small, 
variation in concavity or convexity of the wing alters significantly the flow around the wing. In 
contrast, for large a » w , the air flow "sees" mainly the wing as a flat delta wing formed by the 
leading edge plane. 


5.4 a-dependence 

The explicit dependence of the relative stability derivatives on the angle of attack a Is 
illustrated In Figs. 7 and 8. The mild dependence on a for 20° v a < 75° is noted. 




5.5 In most cases calculated, the damping-in-pitch derivative is positive, indicating dynamic stability 
of the steady flight. However, Fig. 2b shows that for highly concave and very slender wings the 
damping-in-pitch derivative can become negative, i.e. aerodynamically unstable. This is consistent 
with an earlier investigation of Hui and Tobak (Ref. 4) on aerofoils where it was found that "the 
pitching motion of a sharp-nosed aerofoil having (chordwise) concave surfaces will tend toward dynamic 
instability over a range of axis positions if the curvature of the surfaces is increased beyond 
a certain value." It was noted (Ref. 4) that this condition of instability arises in part out of a 
destabilizing contribution from (-C m ) , and this unusual circumstance has its origin in the radical 

Q 

rearward displacement experienced by the aerodynamic center of the loading due to angle of attack as 
the concavity, spanwlse or chordwise, of the wing surface is increased. 

For application of the present theory to prediction of stability of hypersonic conical lifting 
wings at finite flight Mach number and y > 1.0 , we remark that the present theory gives the 

limiting values as M^ -*■ » and y -»• 1 . It is, however, known that (Refs. 10 and il) decreasing M w 

and Increasing y both have the effect of decreasing the damping-in-pitch derivative, possibly rendering 
it negative under certain circumstances. 


Finally, we remark that unsteady Newton-Busemann flow theory as developed above is the rational 
limit of gasdynamics and applied well to hypersonic flowflelds with no stagnation point. These include 
flow over lifting conical wings, or sharp-nosed or sharp-edged bodies. For blunt bodies, straightforward 
application of the theory tends to give rather poor results, due to the singularity at the stagnation 
point Inherited In the Newtonian impact model. Some modifications are therefore needed. In this regard, 
it has recently been shown by Tong and Hui (Ref. 12) that the embedded Newtonian flow concept of 
Seiff and Whiting (Ref. 13) provides just the needed modifications. Examples of good agreement of the 
unsteady embedded Newton-Busemann flow theory with experiments are given in Ref. 12. 
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SUMMARY 

The Flight Dynamics Laboratory has focused activity on Lifting Body aerodynamic 
research for the development of analytical, experimental, and design methods. Lifting 
bodies have a set of unique properties which make them particularly attractive for 
multiple applications. These unique properties including better aerodynamic efficiency 
at high altitudes and high velocities, reduced TPS weight, and efficient payload 
packaging are discussed. A brief chronology is given of the Lifting Body Configurations 
investigated by the Flight Dynamics Laboratory, along with their aeroperformance 
capabilities including the ASSET, PRIME, the X-24A, and the X-24B. Also included Is a 
brief discussion of lifting body applications at superclrcular velocities such as the 
SORTIE. 

A portion of the paper addresses the Impact of basic geometric and component 
effects on aerodynamic performance parameters. These results were then translated into 
a unique aerodynamic configuration which eliminates the aft vertical fins without 
degrading the hypersonic lift-to-drag ratio while maintaining directional stability. 
Additionally, the paper addresses, their benefits and applicability. Specifically, the 
more significant methods such as the Hypersonic Arbitrary Body Program (HABP), PANAIR, 
Euler, Parabolized Navier Stokes (PNS), and Navler Stokes (NS) codes are discussed. 
Experimental capabilities and needs are discussed and finally, long term goals for 
future lifting body configurations are assessed. 


INTRODUCTION 

The technology advances that have been made and the availability of that technology 
has presented the challenge, the opportunity, and the emphasis to accelerate the entry 
into the era of hypersonic flight. The capability will include operations from point to 
point on the earth's surface, earth to space, and space to earth. The system designer 
will continue to search and select vehicle concepts which will provide the desired 
performance at minimum cost. In any assessment of advanced concepts, it is necessary to 
emphasize that a broad spectrum of options exists relative to the candidates for lifting 
vehicles. It is clear that performance considerations suggest that lift will be a 
primary prerequisite of any future hypersonic vehicles. It is particularly beneficial 
and useful to give consideration to the general evolution of advanced vehicle concepts 
as background Information. Pragmatic considerations and data availability clearly 
Indicate that reasonable levels of aerodynamic performance are a necessity for hyper¬ 
sonic flight vehicles. 

T he Advantages of Lift 

Classically, drag has been employed to control the level of deceleration of re¬ 
entry vehicles and to dissipate the kinetic energy. Lift is also of benefit and enables 
the vehicle to decelerate at higher altitudes for the same velocity. The range of lift 
coefficients available effectively defines the re-entry corridor for any configuration. 
The question of heating -Is more complex; for the stagnation point heating is reduced at 
the higher angles-of-attack but other points on the configuration offer special chal¬ 
lenges. Lift is employed primarily to obtain maneuverability and the hypersonic 
lift-to-drag ratio traditionally establishes the down range and cross range capability 
of re-entry vehicles. This capability can translate in terms of Inclination angle 
changes and recall times from different orbital conditions. Generally speaking. It can 
be shown that the lifting maneuverable vehicle offers substantial performance benefits; 
consequently, we will focus on the configuration aspects which offer the most promising 
potential for a wide spectrum of applications at hypersonic and re-entry speeds. Figure 
1 summarizes some of the payoffs of aeroperformance efficiency in terms of cross range, 
plane change capabilities, and return times. 

Configuration Classes 

The three most likely candidates for lifting re-entry configurations are the 
winged/body, the lifting body, and the blended body. Our discussion will generally 
address the lifting and blended body configurations. The winged/body or winged gliders 
such as the Dyna Soar have their place if the lower altitudes and velocities are of 
special Interest. The winged vehicles or winged/body configurations are generally 
characterized with lower sweeps and higher aspect ratios. They further can profit from 
more "conventional" leading edges and contoured surfaces with ^educed base areas In 
order to Improve the low and mid speed performance. Obviously, terminal and landing 
characteristics can be enhanced as a result. If hypervelocity performance and growth 
potential are the high value considerations; however, the lifting or blended body 
configurations appear particularly attractive. In view of the many benefits associated 
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with the lifting or blended bodies, we will concentrate our discussion on this class of 
configurations and their utility as candidates for hypervelocity vehicle applications. 

In any event, the Importance of the aeroconf1guratlon Is traced in Figure 2 in terms of 
a key technology focus and a critical design driver. 

The Advantages of Lifting Bodies 

It has been shown by many authors that the lifting body offers substantial benefits 
In terms of Its volumetric efficiency which can be viewed as a first order indicator of 
its payload carrying capability. High volumetric efficiency, v2/3/s w , also translates 
itself Into reduced wetted area which means reduced skin friction drag hence, a higher 
hypersonic llft-to-drag ratio which, In turn, results in higher levels of maneuver¬ 
ability both In terms of longitudinal and lateral range. Wetted area also is a first 
order Indicator of the acreage which must be thermally protected; consequently, any 
reduction means substantial dividends In terms of reduced thermal protection system 
weight. This, again, can be extended into reduced structural weight and total systems 
weight. A dual advantage can be experienced here for the lifting body can generally be 
sized smaller for the same payload and mission requirements largely because of the 
increased volume. If the limitation is weight rather than volume, the payoffs are still 
quite measurable In terms of launch or rhrust requirements. Figure 2 again shows some 
of these advantages while Figure 3 indicates the general trend of volumetric efficiency 
with hypersonic llft-to-drag ratio. 

Returning to its aerodynamic properties, the lifting body has a higher angle-of- 
attack for maximum lift and, further does not experience the rigid clear stall character¬ 
istics of winged vehicles. This wide range of angle-of-attack reflects itself in an 
expanded re-entry corridor. Again, from an aerodynamic heating viewpoint, the 
lifting/blended body can minimize juncture areas and interference heating. This 
reduction in juncture points also permits the configuration to be tailored for increased 
survivability through reduced observability. From a stabilization perspective, the 
lifting body lends itself to many candidate options for simplified controls. For 
example, novel stabilization possibilities exist such as the positive compression 
sharing approach. This approach is the precise contouring of the body in such a manner 
that directional stabilizing pressures are generated at hypersonic speeds to provide 
maximum effectiveness with low drag. The compression sharing concept has also demon¬ 
strated yaw stability. Lifting body configurations have been developed which have 
allowed elimination of the aft vertical fins of the vehicles without degrading the 
hypersonic llft-to-drag ratio and directional stability. Figure 4 displays some of 
these configuration variations for directional stability including the elimination of 
the vertical fins. 

As previously Indicated, the lifting body also can ease some of the propulsion and 
launch considerations through its reduced weight. Further, most lifting body configura¬ 
tions significantly ease the rocket engine and on-board tankage integration problems. 
Depending on the mode, the launch stability can be aided by reduced booster fins for 
stabilization and a potential reduction of launch interference factors. 

Perhaps one of the more attractive features of the lifting body is its growth 
potential from a number of perspectives. We have already mentioned its corridor width 
potential which enables a wide spectrum of altitude choices. It has an inherent capa¬ 
bility for synergetic orbital transfer applications in that significant plane changes 
can be made resulting in a wide spectrum of orbital inclination angles. This, then, 
naturally suggests the application to higher energy orbits up to geosynchronous or 
geostationary along with orbital transfer maneuvers from GEO to LEO to GEO with the 
resulting capability of performing a successful entry at supercircular velocities along 
with the attendant thermal management of both the convective and hot gas radiative heat 
transfer. This capability will be discussed further in the sections addressing maneu¬ 
verable orbital transfer vehicles and the SORTIE configuration. 

Finally, another area which profits from the use of the lifting body is the multi- 
staged system. For many of the reasons previously cited; the lifting body offers an 
attractive candidate for both the first and second stage of a two staged system. 

Through the use of simple geometries, the mating arrangements between the two stages can 
be greatly facilitated even to the point of employing semi-submerged arrangements. 

Special attention can be given to improved carriage and separation techniques for the 
total system for straightforward "drop away" techniques can be used. Integration 
techniques with different types of propulsion systems can also be accommodated in a 
minimally disruptive manner. Simply stated, the 1ifting/blended body is designed not 
just to survive the hypervelocity environment, but to be at home in it. A representa¬ 
tive collection of configurations investigated in considerable depth is displayed in 
Figure 5. 

The Chronology of Lifting Bodies at the Flight Dynamics Laboratory 

Serious lifting body configuration programs were being addressed in the early 60's, 
both at NASA and at the Air Force's Flight Dynamics Laboratory. NASA initiated their 
activities with the HI and M2 configurations at Ames, which culminated In the flight 
testing of the M2F1, M2F2, and M2F3 at Dryden. Langley's early activities were effec¬ 
tively converged with the testing of the Hl-10. The Air Force's Initial activities 
centered around the WADD II, or "Lead Sled" configuration, which was offered as a 
candidate during the Phase a effort of the Dyna Soar program. The design was analyti¬ 
cally and experimentally investigated and proved to be an attractive alternative. 
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although Initially, with far less technical supporting data than that which existed for 
the winged configuration. Figure 6 shows the WADD II lifting body configuration along 
with other typical point designs. 

In order to develop a comprehensive research program, the Flight Dynamics Labora¬ 
tory established a process which Initially addressed the configuration technology in its 
most fundamental elements of parametric variations with simple geometries. These 
parametrlcs Included consistent variations In basic geometric characteristics such as 
wing sweep, leading edge radii, nose radii, bluntness ratio, thickness, planform, 
cross-section, body profile angles, and body classification; l.e., conoids, elliptical 
cones, etc. The procedure has been to compare theoretical and analytical models with 
experimental data to determine the adequacy of correlation and to postulate techniques 
to better represent the characteristics of the configuration. The hypersonic lift-to- 
drag ratio data has, by convention, been defined at 200,000 ft altitude and at a veloc¬ 
ity of 20,000 fps. Once a reasonably accurate representation was derived to handle 
simple geometries, then a consistent approach was employed for configuration "bui 1d-up“, 
which Involved sizing, location, and configuring of various aerodynamic control surfaces 
and shaping, which could satisfy the demands of trim, stability, and controllability. 
After confidence was achieved In our ability to handle generalized configurations, 
various point designs were developed which enabled the convergence and interaction of 
the aerodynamic, aerothermodynamlc, structural concepts, and control requirements for 
vehicle concepts synthesized to fulfill specific performance, weight, and payload 
constraints. Figure 6 further displays this process from parametric variations, con¬ 
figuration build-ups, and point designs. 

As previously mentioned, an example of the early work was the design of the WADD II 
configuration with a hypersonic lift-to-drag ratio of approximately 1.5, quite compara¬ 
ble to the NASA M2F2 confIguratlon. Another generic family of lifting body configura¬ 
tions was developed and designated as the MDF series. The approach was straightforward 
In that the configurations were designed within the constraints demanded hyperson1ca1ly 
and by aerodynamic heating. Nose and leading edge bluntness, sweep, and lower surface 
geometry were established, but the designs were carefully developed for shaping, contour, 
and camber of the upper surface to achieve improved terminal performance. A complete 
family of these configurations employing this dual design approach was addressed and 
actually employed classical airfoil sections molded Into lifting bodies. The hypersonic 
lift-to-drag ratios generally spanned the range from 1.0 to approximately 1.6, but with 
substantially Improved subsonic L/Ds and characteristics. The MDF-1 configuration, 
which molded a Clark Y airfoil into the lifting body, can show a lineage relationship 
with the SV-5 configuration used in both the PRIME and PILOT programs. The MDF-1 
configuration Is shown In Figure 7 along with the SORTIE configuration now to be dis¬ 
cussed. 

An additional series Investigated was postulated as potential configurations for 
entry at supercircular velocities. This was essentially a series of modified elliptical 
cones designated as the SORTIE family of configurations. The lift-to-drag ratios 
achieved were between 0.75 end 1.2 with near neutral stability to facilitate large 
modifications In the lift coefficient. This configuration series focused primarily on 
the technologies which required solution for re-entry from high energy orbits. Including 
GEO. Re-entry velocities of approximately 34,000 fps from orbital altitudes of 20,000 
nautical miles were considered. Problems associated with flight at velocities from 
25,000 to 34,000 fps can be many, but we will concentrate on the primary problems. The 
most critical problems are heating and stability. At supercircular re-entry velocities 
the gas encountered is highly dissociated, partially Ionized, and at twice the enthalpy 
levels as that encountered during low earth orbital re-entry. Hot gas radiation of the 
shock layer becomes Important and significant deficiencies In heating values may occur 
depending on the prevailing state of equilibrium. The heat transfer rates will be 
substantially higher than from low earth orbital lifting reentry. Since higher dynamic 
pressure are encountered, stability problems can become more acute. The lateral, 
directional, and longitudinal stability characteristics of high energy reentry vehicles 
at angle-of-attack with associated control also can be demanding problems. 

The lifting body configuration class employed, as was previously stated, was a 
series of asymmetric elliptical cones with various degrees of nose blunting evaluated. 
Flats were employed on the upper surface and on each side primarily for directional 
stability. Fineness ratios were also varied. Various control devices were Investi¬ 
gated, Including canards, elevons, flaps, cambered bodies/nose, and jet spoilers. The 
delta canards and elevons were evaluated separately, and in combination. Flaps mounted 
on the trailing edge proved to be quite effective and did not cause trim stability 
problems and appeared to be the preferred control devices from a minimum heating and 
Interference viewpoint, despite the fact that a combination of canards and elevons 
yielded the greatest trim power, center of gravity range, and highest trim L/Ds. 
Aerodynamic drag devices, to Independently modulate thr drag relative to the lift, ap¬ 
peared to also offer promise. Two techniques were evaluated; the ejectable drag brake 
and the sllde-trolle drag break which would be used during the initial portions of 
supercircular re-entry. Some of these control and drag devices are shown in Figure 8 In 
a composite fashion for economy of Illustration. Many were tested as part of a compre¬ 
hensive configuration/control surface research program. 

It became apparent, however, that the prime focus for lifting body designs should 
Initially be for low earth orbits. The Laboratory efforts were consequently shifted 
toward configurations which could generate high aerodynamic and performance efficiency 
during re-entry. The high L/D configuration technology. In addition to significant 
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performance gains, also served as a focus and catalyst for 1aentificat 1 on of new and 
challenging research and technology problems. This evolution In configuration research 
is depicted in Figure 9 which traces the trend as a function of time. 

The high lift-to-drag ratio vehicle shapes are generally characterized by highly 
swept configurations possessing low bluntness ratios and high fineness ratios. These 
configurations tend to operat* , *‘»duced * *rk to achieve maximum 

llfl-to-drag ratios; e.g. t on the order of 3.0. Obviously, the leeward or upper surface, 
with its expansion pressures, must be treated more accurately with deliberate tailoring 
to improve aerodynamic efficiency. Viscous effects, as reflected In shin friction force 
terms, are critical, and wetted area becomes Important. 

Viscous interaction and boundary layer transition were also identified for more 
precise treatment. Interaction effects can be masked by blunt leading edges, but will 
become more important for consideration in the slender designs. Aerodynamic heating, 
because of the changes in angle-of-attack and sweep back conditions, was also identified 
for more in-depth assessment. This, of course, was also aggravated by the Increase in 
flight times and could likely necessitate advanced cooling techniques. Further, because 
of the nature of not only the flight path, but also the generic configurations considered 
for increased performance efficiency, extensive use of aerodynamic control surfaces 
appeared to be desirable. This then enabled the focusing of research not only on 
control effectiveness and design, but also on the aerothermodynamic problems encountered 
with such deflected surfaces. Increased efficiency in entry design also suggested 
enhanced research In the area of energy management which could equate to Increased 
sophistication with the addition of more functions and requirements. 

The initial efforts with high lift-to-drag ratio configurations were characterized 
with cautious optimism and approached the feasibility question both analytically and 
experimentally. Both fixed and variable geometry configurations were Investigated with 
the intent of making the designs amenable to both the high speed and low speed perform¬ 
ance characteristics; that Is to achieve high aerodynamic efficiency at hypersonic 
speeds with acceptable terminal performance. Favorable interference configurations were 
also assessed, but for the most part, were discontinued because of the added complexities 
associated with localized heating problems, increased TPS, and added weight. 

A generic family of configurations evolved which were characterized with large 
Increases in the volumetric efficiency parameter. These configurations minimized the 
wetted area and employed changes with the profile angles which resulted in volume 
increases. Simply stated, the designs took full advantage of the lessons previously 
learned relative to bluntness, sweep, lower surface geometry, length, and fineness 
ratio. The high l/D configurations were comprehensively assessed from their aerodynamic 
feasibility, their aerothermodynamic acceptabf7fty, performance flexibility, the levels 
of volumetric efficiency, size and comparative weights, including choice of thermal 
protection system and structural concepts. Thf analytical results, experimentally 
verified, Indicated that high L/D vehicle configurations had progressed to the point 
where a stable vehicle with a high volume could be designed which was controllable and 
which could sustain the heating environment with feasible TPS structural subsystems and 
competitive weights. The program in the Flight Dynamics Laboratory essentially was 
converged into four highly acceptable designs; i.e., the FDt-5, TDL-6, FDL-7, and FDL-8 
configurations, the latter of which evolved Into the X-24B and X-24C configurations. 

These configurations are displayed In Figure 10. Comprehensive force moment, pressure 
and temperature tests were conducted across the complete Mach number range from subsonic 
through hypersonic Mach numbers of 19.0. The lateral or cross range performance capa¬ 
bilities of these candidate configurations are shown in Figure 11, along with the 
variation in hypersonic lift-to-drag ratio. 

Concurrent with the configuration research investigations and the lessons learned 
from the information obtained through the ASSET and PRIME flight test programs were 
being exploited. These are two significant programs that need to be discussed. 

The ASSET Program objectives can be summarized as: 1) the correlation of data from 
hypersonic ^liglit test with ground facility data, 2) the verification of analytical 
theories and prediction techniques, and 3) the evaluation of structural concepts and 
materials for hypersonic vehicles. The actual vehicle configuration took advantage of, 
and evolved from, a research configuration, WLB-1, included within the Laboratory's 
program. The ASSET configuration, with a L/D 1.25, consisted of a flat bottom, 70 
degree swept delta with a planform area of 14 square feet blended with a cone cylinder 
lifting body. Figure 12 illustrates the relatively simple vehicle configuration and its 
characteristics which were deliberately selected to simplify analysis, provide a rela¬ 
tively large volume, and allow the maximum use of available wind tunnel data. The 
vehicles' wing loading was 85 and the angle-of-attack range varied from 20 through 40 
degrees. Six vehicles were launched to altitudes ranging from 166,000 to 212,000 ft and 
at velocities of 13,000 to 19,500 fps. Figure 13 summarizes a typical trajectory flown 
from the Eastern Test Range. The ASSET flight program provided the first significant 
hypersonic flight Information applicable to lifting re-entry technology. The aerody¬ 
namic pressures* temperatures, heat transfer, material, and structural information 
obtained proved especially beneficial in the evaluation and understanding of the data 
obtained from subsequent programs, including ground test. The thermal protection 
employed was metallic and re-radiative with stable shape geometry and has proved to be 
particularly valuable relative to the understanding of the material capabilities and the 
evolution of structural concepts. 



As previously indicated, the MDF-1 configuration can show a lineage relation with 
the SV-5 lifting body configuration employed in the PRIME and PILOT programs which have 
been designated the X-23 and X-24A programs, respectively. The programs had a component 
relationship with the PRIME being the hypersonic unmanned vehicle and the PILOT being 
its manned trisonlc counterpart. The PILOT or X-24A program will be discussed later In 
this paper. The objectives of the PRIME program can be summarized as: 1) the acquisi¬ 
tion of ablative heat shield and aerodynamic data, 2) the demonstration of accurate 
guidance to the recovery point, 3) the demonstration of cross range maneuvering, 4) 
vehicle recovery, and 5) a design for performance with minimum weight. The configura¬ 
tion, termed the SV-5, was a lifting body with a sweep back of 77° and a hypersonic 
llft-to-drag ratio of approximately 1.3. Its lower surface was flat and its wing 
loading was 67. It operated at angles-of-attack from 21 to 52° and at a maximum 
velocity of 25,600 fps and a maximum altitude of 400,000 ft. Figure 14 presents a test 
mission profile for the PRIME. Three flights were flown from the Pacific Missile Range 
with a primary thermal protection system which was ablative; however, stable shape 
geometry was maintained since the temperature levels achieved were generally alleviated 
by the re-radiative properties of the materials used. Pressure, force, temperature, 
heat transfer, hinge moments, and stability Information was obtained from the flight 
test, as well as the Integrity of the thermal protection system and structural concept. 
Post-flight wind tunnel tests, Figure 15, were conducted with a recovered vehicle In 
order to assess any effects on the aerodynamic characteristics after the ablative 
thermal protection system had charred. Based on these tests and data acquired, a simple 
method was devised to simulate ablative effects on sub-scale wind tunnel models. 

Aeromaneuverlnq Orbital Transfer Vehicles 

In order to broaden the spectrum for application of lifting bodies; configurations 
and performance potential for orbital plane change vehicles were also Investigated, not 
only to Identify the benefits, but to also highlight some of the technology problems and 
areas which could profit from future research. 

Orbital transfers, or inclination angle changes, can be made either purely propul- 
sively or by use of aerodynamic forces to change the plane. As the plane change angle 
Increases, the pure impulse propulsive requirements become excessive, even to the point 
where moderate to large plane changes are not practical. If orbital transfer vehicles 
are designed to achieve a reasonable value of hypersonic llft-to-drag ratio, then a 
combination between the propulsive and aerodynamic forces make not only large plane 
changes practical, but by the use of this synergetic maneuver, moderate plane changes 
can be effected at substantially reduced velocity. At hypersonic lift-to-drag ratios 
near 1.0, no significant advantages are apparent at the lower angles, and some penalty 
may actually be incurred due to the Increased weight; but as the llft-to-drag ratio 
Increases to 1.5 through 3.0, performance benefits are clearly evidenced as shown In 
Figure 16. Further benefits can be achieved with use of the aero-cruise mode if low 
levels of thrust are maintained to offset the drag during the synergetic maneuvers In 
that even lower velocities and less propellant are required and the range of change In 
Inclination angle Is extended. During calculated maneuvers; optimum bank angle, angle- 
of-attack, entry angle, thrust alignment, and thrusting procedures were Investigated. 
Steeper optimum bank angles resulted from lower 11ft-to-welght ratios and high lift- 
to-drag ratio values. This combination clearly resulted in greater plane change effi¬ 
ciency by reducing drag losses and directing more of the lift force toward plane change 
and less toward keeping the aerospace vehicle airborne. Since the higher L/D vehicles 
penetrate deep Into the atmosphere, it might be assumed that a greater velocity impulse 
would be required to exit the atmosphere. This Is not the case, for despite the pene¬ 
tration, less impulse and total velocity increments are required for re-establishment 
of the new orbital mode. The lifting body, with high aerodynamic efficiency, is partic¬ 
ularly suited for the synergetic plane change maneuver. 

During nominal re-entry, minimum times are spent at high velocities, altitudes, and 
peak temperatures, for the vehicle simply passes through these conditions. If synerget¬ 
ic maneuvers are made, however, substantial and repetitive flight times may be spent at 
these conditions thereby making the designs at low densities very Important. The 
vehicle most likely will also have to sustain multi-peak heat pulses and still maintain 
stable shape geometry, be reliable, and hopefully reusable for orbital plane changes 
both from Low Earth Orbit (LEO) to LEO, High Earth Orbit (HE0) to LEO and Geocentric 
Earth Orbit (GEO) to LEO. Simple lifting geometries, or aeromaneuverlng core vehicles, 
have been derived. These configurations can be modified and further augment their 
lifting area through the use of inflatable chines that result In high sweep and delta 
planforms. Alternate configurations using different lightweight structures were also 
Investigated. Figure 17 indicates some of the representative configurations assessed, 
while Figure 18 shows an aeromaneuverlng orbital transfer vehicle of the high L/D class. 
One of the more productive areas for additional research with this class of configura¬ 
tion Is associated with the aetopropulslve Interfaces if the aerodynamic and propulsive 
force are blended In an efficient manner such that the total vehlcle/confIguration 
concept can be optimized. 

If the rocket Is pulsed or burned In a throttled condition at a high enough alti¬ 
tude where It can function as an effective Dropulsion component without dissipating the 
system, and If the altitude Is chosen where the aerodynamic forces are still of conse¬ 
quence; then a most effective performance and operational capability can result. 
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Obviously, various levels of internal propellant are possible, as well as alternate 
options for external tankage as shown in Figure 19. A wide variety of tank arrangements 
are possible, some of which could be effective for repetitive synergetic flights, 
depending on the flight paths employed. 

X - 2 4 


The X-24A project was the second flight test project to use the lifting body 
re-entry configuration. The first project, as previously discussed was titled PRIME 
(Precision Recovery including Maneuvering Entry) used three subscale unmanned SV-5s 
wFlch were Foosted to orbital speeds on AtTas boosters. This program provided data, and 
a feasibility demonstration of the SV-5 configuration In the technical areas of aerody¬ 
namics, stability, control, heat protection, and maneuverabi11ty covering the speed 
range from orbital velocity to Mach 2,0. 

The purpose of the second project, the X-24A project, called PILOT (Piloted Lo w 
Speed Test), was to investigate maneuverable lifting body flight from the - Tow supersonic 
speed range to touchdown. One of the main X-24A project objectives was to gather data 
on and to prove that the configuration could be maneuvered to a safe horizontal unpower¬ 
ed landing at a pre-selected landing site. Twenty-eight successful X-24A landings 
accomplished this objective. The PRIME was mentioned earlier in the paper (Figure 14) 
and will not be discussed further. A few words, however, will be given on the low speed 
flight test. The X-24A flight vehicle Is shown in Figure 20. The vehicle demonstrated 
good landing characteristics and achieved a maximum subsonic L/D of 4, a very respect¬ 
able subsonic L/D for such a low aspect ratio vehicle. Handling qualities were excel¬ 
lent. Figure 21 shows some comparisons between flight and ground test data. Generally 
the comparisons were very favorable. 

As noted earlier our attention was focusing on how to achieve high llft-to-drag 
ratio at hypersonic speeds In useful vehicles. One of the latter configurations exam¬ 
ined was the FDL-8. This was an attempt to develop a flight test vehicle to capture the 
nature of terminal flight for high hypersonic L/D vehicles. The FDL-8 configuration was 
translated Into the X-24B flight vehicle. This was accomplished by modifying the X-24A. 
The fineness ratio was increased by extending the body approximately 14 ft and blending 
the body Into aft strakes. The similarity is apparent In Figure 22 where the X-24A and 
X-24B are shown. Figure 23 shows the X-24A structural modification while Figure 24 
points out the design features. 

The flat bottom and high sweep angle contributed to the high hypersonic L/D while 
the three degree nose ramp provided the proper hypersonic trim conditions. The three- 
inch leading edge radius and 60-degree sloe body angle were the result of aerodynamic 
reentry heating considerations. Flared out upper and lower flaps provided stability 
necessary at high speed. Boattailing these surfaces toward the faired position 
Increased the subsonic L/D for acceptable landing performance. The double delta plan- 
form was necessary for the X-24B application in order to move the center of pressure 
aft. This was required because of the aft center of gravity (eg) resulting from the 
location of the test aircraft systems - rocket engine, propellant tanks, propellant, 
existing main landing gear position, etc. Considerable wind tunnel testing in the 
subsonic regime was conducted to meet the above hypersonic constraints and provide good 
low speed characteristics. Figure 25 shows development of the configuration using the 
wind tunnel as an analog. In this case we were concerned about flow separation just 
forward of the fins at subsonic speed and were contouring the body to avoid the problem. 

The flight research program was very successful and consisted of 6 glide flights 
and 24 powered flights. At the completion of these flights, 6 additional glide flights 
were flown for checkout of 3 new pilots. The 36 flights were flown between August 1973 
and November 1975 gathering data to determine performance, handling qualities and 
stability and control from subsonic, transonic and supersonic Mach number up to a 
maximum Mach number of 1.76. Predictions of flight characteristics were based on wind 
tunnel data; therefore, verification of these data was a primary objective of the 
program. Figure 26 shows a comparison of flight and wind tunnel. Generally the agree¬ 
ment is good. Subsonically the maximum L/D was 4.5 and the vehicle exhibited good 
handling qualities over much of the flight envelope. There were some instabilities when 
the rocket motor was fired but well within the available control power. This program 
was very successful with a significant number of flights conducted In a short time. 

This can be attributed to two factors; using the X-24A and the experienced team that 
continued from the X-24A to the X-24B. 

The last configuration In the X-24 series is the X-24C. This investigation did not 
result In a flight test article, but was the center of extensive investigations which 
were focused toward a flight test article. This vehicle was to be an experimental test 
bed as portrayed in Figure 27. Extensive wind tunnel teSts were conducted on the 
configuration Including experimental modules and configuration modifications to reduce 
Cd 0 . Figure 28 Is a photo of the oil flow on the wind tunnel model. Some of the 
regions of flow separation are evident on the upper surface as well as a pair of 
vortices. Figure 29 shows typical data at Mach 8. 

The FDL-5 Concept 

This vehicle concept is unique. It was originated as a result of Investigations 
being conducted to achieve high volumetric efficiency while maintaining high aerodynamic 
efficiency (L/D^3). The configuration’s uniqueness was the concept of compression 
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sharing. Although Mentioned previously, a more detailed discussion will be given here 
In view of its importance. 

Earlier lifting entry vehicle designs required large aerodynamic fins for stable 
hypersonic flight. Usually these fins are located In the aft outboard portions of the 
vehicles. These fins presented a number of challenges and problems Including: 

Unpredictable flows 

Regions of high aerodynamic heating 

High structural weight 

Drag contributors 

So the concept evolved to attempt to eliminate the fins. This had to be done with* 
out degrading stability or subsonic L/D. If this could be done a weight savings and 
drag reduction were potential gains. The Idea was to maintain the cant and dihedral 
effect of the fins by enclosing the region between the fins and the body. This was 
accomplished and a number of parametric studies conducted to examine aerodynamic per¬ 
formance and stability, aerodynamic heating, and structural weight. The concept came as 
a result of a series of lifting body Investigations Figure 3C conceptually shows the 
parameters that were varied and Table I is the range of the parameters investigated. 


TABLE I 

SERIES OF AFT BOOY PARAMETRIC VARIATIONS 


Parameter 

Lowest 

Values 

Nomina 1 
Values 

Highest 

Values 

T 

4 ° 

6 “ 

8 ° 

K 

10 ° 

20 ° 

30 ° 

h/H 

0.50 

0.75 

1.00 

b/B 

0.70 

0.85 

1.00 


An analysis of these parameters was conducted using the Hypersonic Arbitrary Body 
Program which will be discussed later In the paper. The analyses were conducted at M * 
20 and an altitude of 200,000 feet at an angle-of-attack of 10 degrees. Viscous effects 
were included. Figure 31 shows the effect of these parameters on the lift-to-drag 
ratio. The effect of toe in, roll out, and span parameters is very small. However, the 
height parameter, h/H, did exhibit a substantial decrease for values above 0.75. This 
can probably be attributed to the Increases in skin friction and pressure drag on that 
surface at a greater rate than the contribution to lift. Figure 32 is an examination of 
the longitudinal stability. The variations show a slight Increase In pitch stability 
for Increases in the parameter except for the span parameter where no variation is 
noted. The small change in trim angle-of-attack may be a consideration for configura¬ 
tion development. 

The more Important considerations in the compression sharing Is what happens to the 
directional stability. The results of the analysis are shown in Figure 33. From the 
directional stability point of view, the toe-in and roll-out variations tend to show a 
maximum while variations about that point decrease C n g . There is a substantial 
Increase due to height but that parameter has the greatest adverse Impact on L/D (Figure 
31). There Is a similar Increase for Increasing shoulder span at low angle-of-attack 
but that has an adverse effect on the subsonic L/D. In Figure 34 are shown the results 
for roll stability. The variation in parameters had a very small effect. From this 
parametric analysis it would appear that the best set of parameters are: 

t - 6° 

K « 10° 

L/H = .75 
b/B 3 .85 

From this analysis a configuration was developed and an experimental program 
conducted In the Arnold Engineering Development Center (AEDC) facilities. Figure 35 is 
a picture of the force model of the FDL-5 configuration. .The center fin was added to 
aid directional control and stability especially at low speeds. Figures 36 and 37 are a 
summary of the wind tunnel data showing the aerodynamic characteristics. Also shown In 
the figures are comparisons with analysis methods. As can be seen In these data the 
configuration has good characteristics and there are no real adverse configuration 
features. Examination of all the data results In the following conclusions: 

1. The conf1guratIon Is stable over the Mach number range 1.5 to 10 at angles- 
of-attack from 5 to 30 degrees with c.g. location from 62 to 65 percent of the reference 
length. 
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2. No elevon deflections into the airstream are required for trin after the range 
of angle-of-attack from 5 to 30 degrees. 

3. Trimmed hypersonic L/D max extrapolated to reference flight condition is 2.84 
(see Figure 38). 

4. The test data correlates well with analytical methods. 

Predictive Analytical and Numerical Methodology for Lifting Body Configurations at 
Supersonic/Hypersonic Velocities 

Configuration development normally proceeds from basic parameters tc complex 
trades. Similarly, the analysis methods need to increase in precision. There are five 
basic methods or procedures for evaluating the aerodynamic characteristics of lifting 
body configurations at supersonic and hypersonic flight conditions for design purposes. 

The five basic predictive procedures are: modified impact or parametric methods, the 
paneling procedures such as the PANAIR method, the Euler approximation, the parabolized 
Navler-Stokes approach, and the Navier-Stokes solution. The modified impact or para¬ 
metric procedures use known theories and approximations, the paneling or PANAIR method 
and the Euler approximation are based on an inviscid analysis. They are, therefore, 
incapable of generating independently the drag coefficients and heat transfer distribu¬ 
tion. They are, however, relatively easy to use and inexpensive to generate the needed 
information within certain tolerances. The more recently developed numerical techniques 
of the parabolized Navier-Stokes equations and the Navler-Stokes equations solver, in 
principle, can provide all the detailed flow field topology and the key desiqn parameters. 
The utility, however, for daily applications still requires further research efforts 
which are currently being pursued in the Laboratory. The detailed descriptions of these 
predictive procedures are summarized as: 

Supersonic/Hypersonic Arbit ra ry Bo dy Program : The standard model for application 
of impact method's is the Superson'ic/Hypersonic Arbitrary Body Program, often abbreviated 
S/HABP. The heart of the program is an arbitrary body surface integrator. In this 
case, pressure and shear stress are Integrated to evaluate aerodynamic forces and 
moments. The shape is described by a set of three-space coordinates, and the smooth 
surface is reduced to a number of planar facets. The local pressure on each increment 
is evaluated using Newtonian, tangent cone, tangent wedge, or some similar theory. 

Shear stress is evaluated using algebraic relations, such as the reference temperature 
method for laminar and turbulent cases. The S/HABP Is a powerful tool for evaluating 
hypersonic aerodynamic performance. It has been used to develop guidelines for leading 
edge sweep, nose and leading edge radius, cross section '‘on^ours, fore and aft ramp 
angles, pitch and yaw stability, and control effectiveness. Figures 39, 40, and 41 show 
the type of parametric investigations conducted. The skin friction methods have been 
verified by wind tunnel data, and the methods are used to extrapolate sub-scale test 
results to full scale flight. The effect of the vehicle length on this component of 
drag is seen to be severe at altitudes of 200,000 feet and more. Figure 42. The S/HABP 
has been used in the development of the Flight Dynamics laboratory is high lift-to-drag 
ratio vehicles and in the refinement of these configurations. 

PANAIR : The PANAIR procedure is a higher order paneling program and is based on 
the 1inearized potential flow approximation. It has many years continuous development 
within industry. It is a functional approximation of an aerodynamic shape and little 
computation Is needed to get a solution, thus the quick response to timely results is 
possible. It is based on a small perturbation concept; consequently, it has very 
limited value for supersonic/hypersonic applications. Potential flow procedures are 
therefore restricted to applications where the flow is essentially isentropic. The 
techniques a re best suited for slender shapes such as thin wings and high fineness ratio 
bodies. 

Euler Approximation : This method is the most sophisticated inviscid calculation. 

It can generate the lift and wave drag reasonably well if the body is streamlined. In 
essence, the lifting body must not produce significant aerodynamic interference, there¬ 
fore, the designed supersonic/hypersonic configuration Is limited. The body shape Is a 
boundary condition, and unless special provisions are made, the flow must not separate 
from the surface. The skin friction coefficient and heat transfer can also be computed 
or estimated from the boundary-layer theory based on the Euler flow field solution. For 
the purpose of preliminary design and for the graduated Investigation of the aerodynamic 
efficiency of the lifting body, this procedure is a cost effective means. The short¬ 
coming of this procedure is that it has not been formed into unified process to be 
standardized and the procedure is highly problem dependent. The Euler equations them¬ 
selves can be solved using modern computers and finite-d'fference mathematical methods. 
They have been applied to a variety of shapes but are limited by the need to specify the 
vehicle shape as an analytic surface. Considerable effort Is being expended to extend 
the range of geometries that may be considered. 

Aerodynamic heating requires more exacting techniques, but may be approached using 
a series of simplifying assumptions. Finite difference numeric solutions or momentum - 
integral solutions are found for simple geometric shapes such as spheres, cones, 
cylinders and flat plates. Arbitrary geometries may be approximated by the simple 
geometries and analyzed using rapid solutions of the heat transfer equations. Critical 
areas that Involve shock wave Impingement or boundary layer separation/reattachment are 
not treated with this approach. 





The Parabolized Navler-Stokes Methods : Presently, It shows promise for being the 
backbone design tool for supersonic/hypersonic configurations. For a hypersonic vehicle, 
this method can and has produced all the essential design Information. Figure 43 shows 
the comparison of the PNS calculations with experimental data. Today, the PNS can 
generate all the key design parameters at one-fifth of the cost of the Navler-Stokes 
equations. The only fundamental shortcomings of the PNS procedure are that this proce¬ 
dure cannot simulate the time-dependent phenomenon (transient phase) and the configura¬ 
tion will not permit extensive streamwlse flow separations. Due to the relatively small 
computer core storage needed, this procedure will likely be the first to contain' the 
real gas (high-temperature) capability. 

The Navler-Stokes Methods : This procedure Is the limit of the macroscopic rep- 
re sentTrfoF - oT — gTs^ynamTcT) The theoretical limitation Is that the studied vehicle 
must operate In the continuum regime where the Knudsen number Is less than unity. 

Beyond this altitude, one must resort to the Boltzman equation for the rarefied gas 
dynamics. Current applications of the Navler-Stokes equations for vehicle design are 
limited by the computational efficiency of the system of non-linear partial differential 
equations and the accurate modeling of turbulence, 1 aminar-turbulent transition, and 
finite rate chemical reaction. These limitations are common to all the numerical 
simulations (PNS, Euler) and are an area of current research. In spite of the diffi¬ 
culty encountered at present, this methodology Is being used for supersonic/hypersonic 
vehicle design. At this point in time, no evidence has been Indicated, by comparing 
with experimental observation, that the Navler-Stokes equation fails to duplicate the 
fluid properties. In 1985, engineering insight and computer power allowed J. Shang to 
determine the complete flow field about a hypersonic lifting body. Figure 44 presents 
the code and experimental results for the X-24C configuration. 

Experimentation 

In the area of lifting bodies and their application to hypersonic flight, a brief 
discussion Is In order relative to the experimental capability to satisfy the needs as 
they are currently assessed. 

Experimental results will be needed as a tool In the development process and as a 
final verification. The degree may be Influenced by our computational capability, but 
experimental results for final verification will be needed. In addition to that normal 
process we see a pressing need for experimentation and the facilities to support such 
experimentation In two critical areas; real gas flows, and Computational Fluid Dynamics 
(CFD) code validation. Figure 45 Is a classic example of how numerics and wind tunnel 
results can work together to arrive at the correct solution. This Is a curve of pitch¬ 
ing moment from a Shuttle flight showing the difference between pre-flight estimate and 
flight data. The procedure used by Griffith and Maus to correct the wind tunnel data Is 
also outlined. One very Important element was real gas effects. Another conclusion 
from this figure might be that for high L/D vehicles which are slender and fly at low 
angle-of-attack, Mach number effects are very Important. Figure 46 is another example 
of real gas effects on the stability of a cone. In both examples, real gas effects can 
be significant. At this time our ability to simulate real gas effects In a useful way 
Is very limited. Figure 47 shows the operating envelope In terms of enthalpy and 
Reynolds number for the most capable facilities. It becomes obvious that for the 
Immediate future it will be necessary to rely heavily on analytical methods to assess 
real gas effects. This leads us Into the other aspect of experimentation; the valida¬ 
tion of CFD codes. Code validation Is needed for perfect gas case as much as for the 
real gas case and there are sufficient facilities to do the perfect gas validation. The 
real gas case; however. Is another matter. Our facilities are limited and the unknowns 
In the flow modelling are significant. One approach is to utilize a small facility 
which can produce the type of flow needed and use this small scale data to verify and 
calibrate the CFD methods which can then be used to extrapolate to flight. 

It must be kept In mind that hypersonic test facilities are partial simulation 
facilities which means that there has always been an extrapolation process. So It Is 
necessary to recognize that experimentation for design purposes means that It Is 
required to generate high quality flow fields and surface data which can easily be used 
In the extrapolation process. For example. It Is known that both laminar and turbulent 
boundary layer data can be extrapolated; however, transitional data cannot be extra¬ 
polated to flight. 

The bottom line In terms of both numerics and experimentation Is that they must go 
hand-in-hand to develop adequate designs for hypersonic vehicles. They must complement 
where possible to cover the short comings of each individual approach. 


Additional Research Areas. Challenges, and Concluding Remarks 

The lifting body offers high potential for multlp'le applications through Its 
linkage of aerodynamic efficiency, high performance, volumetric efficiency, and payload 
carrying capability. It further holds promise for reduced TPS, structural, and total 
weight, and can be designed for compactness which makes It especially attractive for 
mating with other system components. The possibilities for reduced weight designs and 
aeropropulslve compatibility Is also most attractive. The geometries Involved suggest 
easing of aeroheatlng and Interference problems and simple minimum junctured config¬ 
urations lend themselves to Increased confidence In analysis, especially at hypersonic 
speed. A well established data base, both analytical and experimental, contributes to 
this confidence and can significantly enhance the success of future programs. The 
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experimental validations are both from ground tests through Mach numbers of 19.0 and 
from flight tests of lifting body configurations with the demonstration vehicles pre¬ 
viously discussed and shown in Figure 48. 

Perhaps one of the most serious challenges continues to be associated with the 
design of an aerodynamic efficient configuration which can develop high performance at 
peak altitude and velocity conditions while maintaining its effectiveness at interim 
Mach number and altitude conditions of its flight. It still also must be able to 
achieve highly effective approach and landing characteristics. This design goal is 
perhaps more challenging today than previously, for consideration is now being given to 
sustained time at high Mach numbers and altitudes to perform repetitive synergetic plane 
changes or to maintain flight conditions with rocket propulsive supplements. If maneuver¬ 
ing is to be achieved at those conditions, considerable attention must be focused on low 
density effects and rarefied flow analysis, which can severely modify the flows predicted 
through continuum data bases. Real gas effects become of consequence, for from an 
aerodynamic viewpoint, pitching moments, control effectiveness, and shock interactions 
must be reassessed. The aero thermodynamics is also impacted in equilibrium through 
density variations and out of equilibrium through catalyt1c/non-catalytic effects. 

Again, if flight is to be performed at reduced ang1es-of-attack approaching a optimum 
(or less) for L/D max, attention must be focused on a better understanding of the upper 
surface. Lee side aerodynamics and heating become important. A much more comprehensive 
approach should also be made of the aerodynamic/react ion control blending to assure that 
the designs can achieve the maximum performance, stability, and control effectiveness. 

Boundary layer transition still remains an area which can critically impact the 
vehicle design through its aerodynamic heating and subsequent choice of thermal protec¬ 
tion system and structural concepts. The impact of roughness and sensor penetrations 
require additional attention and increased thermal protection. As indicated previously, 
if the flight configuration is to perform maneuvers at high velocity/a 11itude condi¬ 
tions, then special consideration must be given to multi heat pulse due to its multiple 
heating exposure. 

If increased values of aerodynamic efficiency are desired for maximum performance 
potential, then reduced nose and leading edge bluntness becomes quite important. A very 
special challenge exists for imaginative thermal protection, which might take the form 
of heat pipes or various forms of active cooling. In any event, it is usually desirable 
to maintain stable shape geometry to assure adequate performance levels. 

The analysis or predictive codes have to be developed to the point where they are 
truely pragmatic engineering methods. The S/HABP has proved to be an effective tool not 
only for Investigation of parametric geometric and configuration effects, but also for 
the convergence to point designs. The inclusion of empirical data with the analytical 
codes has proven to be very effective and beneficial. In the final analysis, any 
predictive code must prove useful and cannot be applicable just to simple geometries at 
severely reduced flight conditions. 

Considerable success has been realized with the PKS code, and has been previously 
stated, with the Nav1er-Stokes solution of the X-24C lifting body configuration. More 
complete and complicated geometries with real gas effects must be accommodated. 

It is essential, therefore, to improve the physical realism of the computer codes. 

The critical examination of the codes against data and the ability to routinely make 
quality experimental measurements in wind tunnels is an absolute necessity. The valida¬ 
tion requires higher quality data than normally produced. Increase, data detail is also 
required, and any reasons for lack of agreement with the codes must be objectively 
determined. To further address code validation, it will be necessary to define a series 
of wind tunnel experiments that fully stress the capabilities of the codes. The process 
will also require precise selection of the wind tunnels and assurance of accurately 
calibrated data. The mechanism, in its finality, will require careful comparisons of 
the codes and experiments, Including assessments of all errors with a clear and objec¬ 
tive display of the validated phenomena. 

In summary, we have traced lifting entry vehicle technology in the manner in which 
it has been pursued in the Flight Dynamics Laboratory and associated organizations. The 
Flight Dynamics Laboratory's interest has essentially progressed from simple configura¬ 
tions through a rather comprehensive series of lifting bodies investigated for entry 
from both close proximity and high energy orbits. Our interest has not been restricted 
to any one given class of vehicles or any specific configuration concept, rather we have 
directed our attention to many classes of vehicles across the entire spectrum of hyper¬ 
sonic lift-to-drag ratios. Initially, the emphasis was placed on vehicle technology 
generally in the medium L/D range but has evolved to the higher lift-to-drag ratio 
configurations. We have also shown that the lessons learned with "research" vehicles 
such as ASSET, PRIME, X-24A, and X-24B configurations fiave indeed been quite representa¬ 
tive. It has been stressed that our interest in lifting entry vehicle technology has 
been motivated not only from the viewpoint of achieving practical configuration designs 
for potential exploitation, but have also outlined the technological reasons for pursuing 
such research. We have consistently shown that our emphasis has been directed toward 
developing analysis and design techniques which could be employed for generalized 
configurations and have emphasized the necessity of assuring not only adequate general¬ 
ity in the techniques and methods developed but also the necessity for encompassing the 
pragmatic constraints to assure acceptability. We have not only been concerned with 
potential performance increases, but also the understanding of the required parametric 
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trade-offs associated with design optimization for multiple applications. In displaying 
the correlation capability and design methodology which Is now available from both 
ground and flight test for the more moderate lifting entry configurations, we have shown 
the necessity from the research and technology viewpoint to move Into areas which offer 
more challenging problems and which will, indeed, provide an impetus for new advancements 
for the entire technology of lifting bodies. As we have mentioned, it Is particularly 
encumbent on the configuration researcher to avoid problems associated with technologi¬ 
cal plateaus. 
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FIGURE 4 CONFIGURATION VARIATIONS FOR DIRECTIONAL STABILITY 
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FIGURE 5 LIFTING BODY CONFIGURATIONS 
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FIGURE 18 HIGH L/D COHCEPT OF AOTV 

























FISURE 22 COMPARISON OF X-24A AND X-24B 
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FIGURE 26C TRIM PERFORMANCE DATA FOR Ml = 1.2 
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FIGURE 33 VARIATION OF DIRECTIONAL STABILITY FOR PARANETRIC CHANGES 
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FIGURE 44 MVIER STOKES RESULTS 
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SUMMARY 

This paper describes work done during the last two years in an attempt to gain an 
understanding of, and to establish a capability for the use of, the Douglas 
Supersonic/Hypersonic Arbitrary Body Program (S/HABP). The program has a complex 
structure and offers a large variety of aerodynamic prediction methods to solve many 
different types of problem. 

Most of the features of the program have been used with some success. Aspects of 
the flowfield routines and viscous options, which could not be utilised correctly, are 
either under investigation, or updates to the programming are awaited. Some accurate 
predictions have been made using the inviscid pressure methods, which have been evaluated 
tor a wide range of configurations, for Mach Numbers from 1.7 to 25.0 and from an 
incidence of -8° to 40°. 

The code has been seen to be hignly flexible, but the accuracy of the results is 
user dependent. Relative to computational fluid dynamics codes, s/HABP geometries are 
easy to prepare and the code is cheap to run. 


NOTATION 


b 


c 




l 

L 

L/D 

M 


net semispan (wing alone configurations) 
gross span (body/wing configurations) 
chord 

chord at position 1 

chord at position 2 

skin friction coefficient 

Chapman-Rubesin viscosity coefficient 

evaluated in the freestream, based on 

reference temperature conditions 


C ~ ■ u' x 

axial force coefficient 
drag coefficient 
Lift coefficient 
pitching moment coefficient 
normal force coefficient 
pressure coefficient 
C., C D » C L , C M or C 

length offside of a square section vehicle 
maximum body diameter 

normal momentum accommodation coefficient 
tangential momentum accommodation 
coefficient 

Modified Newtonian correction factor 
Modified Newtonian gives: 

C = Ksin 5 
P 


where K 


Y + 1 


u 


Y + 3 




(K = 2.0 for Newtonian flow) 

reference length 
body length 
Lift to drag ratio 
Mach Number 


MRP Moment Reference Point 

N gt Stanton Number 

P^ Stagnation Pressure 

Pr Prandtl Number 

Re Reynolds Number 

S gross semispan (waverider) 

STS Space Transportation System 

T Temperature 

T' reference temperature 

T stagnation temperature 

T° wall temperature 

V w variation allowed 

slip parameter evaluated at 
freestream conditions 

_ M VC 7 

V' - 00 

* /Re . 

x ) cartesian co-ordinates, unless 

y,Y ) otherwise defined 
X centre of pressure 

a p incidence angle 

» sideslip angle 

y ratio of specific heats 

5 fin deflection angle 

* configuration roll angle 

u dynamic viscosity 

j * reference dynamic viscosity 

* angular polar co-ordinate 

Subscripts 
x based on x 

» based on freestream conditions 

t based on local conditions 


A method of identifying inviscid pressure methods is used as follows; e.g. 2,2 
(K = 2.0)/9,7 (5/3) is an inviscid pressure method. This consists of two sets of methods 
separated by a slash. The numbers before the slash apply to the body and the numbers 
after the slash apply to the controls unless indicated otherwise. The first number (2) 
applies to the body impact method and the second number (2) applies to the body shadow 
method. K = 2.0 provides the body K value. A value of K is required if the impact 
method is 1, 2 or 3. 
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The numbers after the slash (9,7(5/3)) indicate the impact and shadow methods on the 
second vehicle component lusually the controls, although it can be a different part of 
the body). The 9,7 indicates that the shock expansion impact and shadow methods have 
been used on the second part of the vehicle. The (5/3) is applicable to the shock 
expansion methods only. The shock expansion method needs starting values for its 
calculation procedure and these are provided, in this case, by method 5 in the impact 
region and method 3 in the shadow region. A key to the numbers of the impact and shadow 
methods is given in Table 1 and further details of the methods are given in References 1 
and 2. 

If one set of methods alone is used the set applies to the entire configuration. It 
should be noted that more than two sets of methods can be used. 

A key to the Mark III skin friction methods is provided in Table 2. 


1. INTRODUCTION 

The development of the Douglas Hypersonic Arbitrary Body Aerodynamic Computer 
Program began in 1964 and was greatly expanded in subsequent years. The Mark IV 
Supersonic/Hypersonic Arbitrary Body Program (S/HABP, Reference 1) was written in 1973, 
and updated in 1980, under contract to the Air Force Wright Aeronautical Laboratories 
(AFWAL). This paper describes some work undertaken during the last two years, to try to 
gain an understanding of the methods available within S/HABP and to establish a 
capability for its use. This work has been carried out by the Aerodynamics Research 
Department of the Sowerby Research centre (SRC) at British Aerospace, Bristol, with the 
support of the Procurement Executive of the Ministry of Defence. 

The basic methodology, employed by S/HABP, is to consider the vehicle as a 
conglomeration of many flat plates, called elements, at incidence, which closely resemble 
the actual model surface. The type of prediction methods employed, on an element-by- 
element basis, use local slope and freestream Mach Number to calculate pressure. These 
methods are particularly applicable at high speeds, but an extension to the supersonic 
speed range is also available in the flowfield option, which uses embedded flowfield 
concepts to permit first order interference effects to be accounted for. Some of the 
inviscid pressure prediction methods themselves have also been extended down to 
supersonic speeds, by the use of empiricism and some purely supersonic inviscid pressure 
prediction methods have also been added. 

Further enhancement of pressure predictions is provided by the shielding analysis, 
which accounts for the reduction in pressure experienced by those elements hidden from 
the flow by upstream elements. 

The program also performs a viscous analysis in one of two ways. The first is the 
historically popular flat plate method, which is the same as that used in the Mark III 
Hypersonic Arbitrary Body Program. The second is an integral boundary layer approach, 
which involves the solving of the momentum integral equation for laminar flow and the 
momentum and moment-of-momentum integral equations for turbulent flow. 


2. DISCUSSION 
2.1 About The Program 

S/HABP has a well ordered code structure and each of the basic analysis types is 
accomplished in a separate program component. The complex structure of the program is 
illustrated in Figure 1. 

The geometry package provides rapid and element-by-element model generation 
techniques. These consist of quick methods to generate circular and elliptical section 
vehicles and aircraft components, i.e. wings, fins, stores and arbitrary section 
fuselages. Additionally, there is a parametric cubic curve fitting technique available 
to describe configurations. The program converts all geometry input into elements, which 
are then used by the aerodynamic calculation procedures (or AERO package). A sensitivity 
test showed that a very large number of elements is not always required when modelling a 
vehicle, however a high element density is desirable in regions of high rate of change of 
surface gradient. Generally, elements are input to S/HABP in groups or panels. The user 
then assembles these panels into components in the AERO package. A component is a major 
part of the vehicle and is analysed by the AERO package as a unit. 

Once the model has been described, it can be viewed by the graphics package, TEKPIC. 
Graph plotting facilities for the results from the AERO package have also been added. 

The auxiliary routines enable arbitrary cross-sections sections to be taken through the 
vehicle, as desired. 

The majority of the effort has been expended on the AERO package of the program. 

The first phase of the work was to ascertain how to use the Inviscid Pressures part of 
the program. There is a large choice of inviscid pressure methods available and these 
are listed in Table 1. Further details of each of the methods listed is given in 
Reference 1. The impact methods are those applied to flow-facing elements and the 





shadow methods are applied to those elements facing away from the flow. The methods 
include the simple Newtonian approach, various purely empirical methods, correlations to 
exact numerical solutions, small disturbance theory and shock expansion methods. Figure 
2 shows how the various methods interrelate, ranging from exact techniques at the top of 
the figure, to purely empirical methods at the bottom. Some of the exact techniques, 
such as the Method of Characteristics are not available within the program, but empirical 
approaches, which are available, approximate these methods. Referring again to Table 1, 
impact methods 1 to 15 and shadow methods 1 to 9 were those provided in the original 
version of S/HABP (modification Q) and this study was carried out to evaluate those 
methods. The remaining methods were provided as updates to eliminate certain 
deficiencies found in the original choice of methods. 

The philosophy behind providing a large selection of pressure methods is that 
different methods can account for different flow phenomena. The program is therefore 
applicable to a wide range of vehicle types. A combination of many methods can be used 
for very complicated 3-D shapes (one impact and one shadow method per component) after 
w;hich the pressure contributions from each of the vehicle parts can be summed using the 
data summation option of the special routines. 

2.2 The Inviscid Pressure Methods 

The Inviscid Pressures part of the code has been evaluated for a wide range of body 
alone and body/wing configurations, for incidences ranging from -8° to 40°.and for Mach 
Numbers from 1.7 to 25.0. Full details of these results are presented in References 2 
and 3. 

Table 3 summarises the force and moment predictions made in Reference 2, with 
sketches of configuration type. The error band shown in the table appears to be large, 
but averaging includes low incidence predictions, where percentage errors are sometimes 
large, even for good predictions. Figures 3 to 8 show a sample of the graphical 
representations of the validation exercises undertaken, with some additional methods to 
those shown in Table 3. In some cases, an extensive range of methods is presented, since 
it is desirable to distinguish between methods that give accurate results for a given 
configuration type and flight condition and those that give poor results. Thus the use 
of these latter methods can be avoided when necessary. 

Figure 3 shows various inviscid pressure method force, moment and centre of pressure 
predictions for vehicle 3, a tangent ogive cylinder with a boattail at Mach 4.63, 
together with experimental data. The Newtonian and Dahlem Buck Empirical Methods (1,1(K 
= 2.0), 1,1 {K. = 1.81) and 14,1) were not very accurate, but the inclined cone method on 
the nose, combined with the tangent wedge method on the body (6,4/3,2) gives an accurate 
Cj. prediction. Newtonian predictions on other cylinder-boattail configurations, at 
different Mach Numbers have also been seen to be inaccurate. C. is also not well 
predicted by these methods. This is because the methods used in Figure 3 are mainly of 
an inviscid nature, and a separate calculation would be required to provide the viscous 
contribution to C A , which would be significant. 

Figure 4 shows that the Modified Newtonian prediction method (1,1 (K = 1.794)) is 
closer to the experimental data than the Newtonian method (1,1 (K = 2.0)), for force, 
moment and centre of pressure predictions for a blunt nosed cone, vehicle 6, at Mach 
4.63. 

If a prediction method provides accurate pressure predictions for a configuration, 
when the results are summed accurate forces and moments are obtained. Thus, in many 
cases, C prediction data was also compared to experimental data. Figure 5 shows 
predicted and experimental C values for a blunted cylinder-conical frustrum-flare 
configuration at Mach 7.0. The Modified Newtonian and Prandt1-Meyer prediction method 
(2,2 (K = 1.81)) is very accurate on the nose and hence needs only to be combined with 
accurate body predictions for good force and moment predictions to result. None of the 
methods validated, however, gave sufficiently accurate predictions to be "acceptable" in 
Table 3 ; the magnitude of both C N and C were significantly overestimated in all cases. 
This can be attributed to inaccurate C p predictions on the conical frustrum-flare. 

Aerodynamic force and moment predictions for a triangular section body, vehicle 10, 
at Mach 3.12, are shown in Figure 6. Good C- and C predictions are given by the 
Modified Newtonian Method (1,1 (K = 1.75)) and the c_ trend is reasonable. The C 
prediction is inaccurate though, since no viscous contribution has been included. Many 
very poor predictions are given for this configuration. It might have been expected that 
some of the empirical methods would give reasonable C D predictions, since they are not 
purely inviscid, but many of the C D trends are very poor. Validation was also undertaken 
for bodies alone at Mach 3.12 with the same cross-sectional area distribution and same 
length as vehicle 10 but having circular (vehicle 4) and elliptic (vehicle 9) cross- 
sections. The Newtonian Method (1,1 (K = 2.0)) gave very good C. and C predictions for 
these configurations. L m 

Figure 7 shows force and moment predictions for an ellipse section vehicle with 
monoplane fins, vehicle 16, at a Mach Number of 4.63. Difficulty was encountered when 
trying to predict C accurately. Although some methods approximate the data trend, the 
magnitude is inaccurate. Perhaps the Modified Newtonian and Prandtl-Meyer method (2,2 (K 
- 1.794)) is a poor choice to apply on the body of this configuration, since this method 
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should not oe applied to a nose impact angle less than that for shock detachment. 

However, the prediction accuracy is comparable to that of the other methods. C is 
reasonably predicted, and the C D trend is correct for all the methods shown. CT 
magnitude can be improved by adding a viscous contribution. 

Figure 8 shows predicted forces and moments for a tangent ogive-cylinder 
configuration, with two sets of cruciform control surfaces, at Mach 4.6. C and 
predictions are "acceptable" for all the methods shown, though the trends become 
inaccurate at very high incidences. C A predictions are again low. 

Figure 9 shows pressure predictions and experimental data on the upper surface of a 
fin alone at several incidences. The three methods presented give similar resuits; too 
large a magnitude for C is generally predicted. The difference between the zero and 12° 
incidence predictions is too great, but the difference between the a = 12® and a = 24° 
predictions is about right. 

When attempting to obtain force and moment predictions for body/wing configurations, 
because of interference flow, larger pressures are expected for windward control surfaces 
that are not shielded than for controls in isolation. Thus good results can be obtained 
when particular methods are applied to unshielded, windward control surfaces but the same 
methods would overpredict pressures if applied to controls in isolation. Conversely, due 
to shielding, smaller pressures are expected for shielded control surfaces than for 
controls in isolation. Reasonable predictions have been obtained at SRC for wing/body 
configurations when the tangent wedge and Prandtl-Meyer methods (3,3) are applied to 
control surfaces that are not shielded and the tangent cone and Prandtl-Meyer methods 
(5,3) are applied to those that are. It is also likely that methods 12,3,9,7(3/3) and 
13,7 would provide reasonable predictions on shielded control surfaces. 

At present s/HABP does not have a suitable method to predict deflected control 
pressures (as opposed to pressures where the control and body are at the same incidence) 
since there is no separation model within the program. 

Figure 10 shows the predicted and experimental pressure distributions over the lower 
surface of a triangular section waverider at Mach 8.6. The trend of the data is not 
followed by the prediction techniques and predictions are particularly disappointing at 
lower body incidences. 

The Blast Wave pressure increments method, impact;1^, has also been seen to give 
some accurate pressure predictions at supersonic I-iacn Numbers. These have been for 
hemisphere cylinders and blunted flat prates at zero incidence. 

Figure II snows the Shuttle Orbiter configuration, as drawn by the graphics package, 
TERPLC. The modelling of this configuration involved the use of many geometry options. 
The model is divided into nine panels. The four body panels were generated using the 
Aircraft Geometry Arbitrary Cross-Section iuselage Generation Option and the five nozzles 
were generated by the Ellipse Generation Method. The tail was modelled by the Aircraft 
Geometry General Aerofoil Option and the remaining parts were input element by element. 

Figure 12 shows the S/HABP Newtonian predictions (1,1 (K = 2.0)) to interpolated 
wind tunnel data and STS-1 data at Mach 13.5. The coefficient trends are mostly good, 
c , C , c D and L/D trends are closer to the STS-1 data than the interpolated wind tunnel 
data. The C. and C L trends are the least accurate, though would be expected to be 
inaccurate since no^viscous contribution is included. 

Figure 13 shows STS-5 lift and drag comparisons with preflight predictions from 
Reference 12. The variation allowed as shown in Reference 12 is also presented. It 
should be noted that below Mach 10.0 incidence is not constant. Vehicle incidence and 
Mach Number both vary up to Mach 10.0, incidence starting at 0° at very low Mach Numbers 
and reaching 40® at Mach 10,0. The curve discontinuities shown are due to shuttle 
manoeuvres and are not predicted. Various methods and combinations of methods were used, 
with and without a shielding contribution. On the whole, C predictions which included 
the shielding contribution were poor. The Dahlem Buck Empirical and Prandtl-Meyer 
Expansion Method (14,3), shown in Figure 13, without shielding gave generally good 
predictions for all the coefficients, and these were mainly within the allowed variation. 

Results from the Free Molecular Flow Method (10,9) produced at Mach 25.0 were poor, 
however. Predictions from this method depend on the values of normal and tangential 
momentum accomodation coefficients (f and f. respectively), if both coefficients are 
set equal to 0.0 Newtonian flow is approximated and both coefficients are set equal to 
1.0 for completely diffuse reflection. It was thought that a lengthy calibration process 
would be required to ensure the right combination of f. and f for the Shuttle 
configuration at Mach 25.0 and this was not attempted. 

It is difficult to identify the best inviscid pressure method for a specific 
configuration and flow regime. In some cases, a change in Mach Number or incidence angle 
can considerably alter method accuracy. Table 3 provides one approach to method 
selection, which can be used if one of the configurations in the table is close to the 
vehicle shape and flight conditions for which a prediction is required, if pressure 
coefficient experimental data and prediction comparisons are available for parts of 
models which resemble parts of the required configuration at, or close to the appropriate 
Mach Number, then methods can be selected on a part by part basis. 
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If the general vehicle shape and flight conditions within a parametric study are new 
to the S/HABP user, then prediction comparisons with experimental data for a similar 
vehicle and flight condition can be made to aid method selection. Alternatively, S/HABP 
pressure prediction methods can be compared to results from the appropriate Euler method 
(e.g. 'SWINT', Reference 13, for a conventional missile shape) for a sample case. 

Some improvements to predictions can be made by varying the Modified Newtonian 
Correction Factor to account for real gas effects. Due to inaccurate circular section 
body predictions, at supersonic speeds, a new method for use on the leeward side of 
cylindrical bodies has been recently introduced, this being the ACM Empirical Method. 

This method has been seen to give considerably improved C and X predictions, when used 
in conjunction with the Dahlem Buck Empirical Methods on filunted c tangent ogive type noses 
and the inclined cone method on the windward side of the cylindrical body (i.e. when 
14,10/6,11 is used). 

The program also predicts the various aerodynamic derivatives by the method of small 
perturbations. The accuracy of this type of prediction depends on how sensitive the 
aerodynamic force and moment predictions are to varying the parameter concerned. Some 
reasonable roll damping moment predictions have been gained. 

2.3 The Shielding Option 

One method provided by S/HABP to enhance inviscid pressure method predictions is the 
shielding option. This accounts for the reduction in pressure experienced by an 
elemental panel being hidden or shielded from the flow by another panel by setting C 
on shadow elements and those other elements hidden from the flow to zero. This is widely 
held to be realistic at hypersonic Mach Numbers, though not at lower supersonic speeds. 

A low supersonic prediction of vehicle forces and moments, with and without shielding and 
experimental data are shown in Figure 14. The C N prediction is marginally improved, but 
C is definitely degraded when shielding is incorporated. Figure 13 also showed 
cSnsiderably degraded c predictions for predictions with shielding compared to those 
without, even at Mach 2§.0. The prediction is probably made worse because shadow 
pressure coefficients which are negative are raised to zero by this method, not 
decreased. This method has been put to best use when it has been restricted to hidden 
impact regions only. 

2.4 The Flowfield Analysis 

The major purpose of the flowfield option is to provide a flowfield around the 
configuration which can then be used to account for the effects of the interference of 
one part of the vehicle on another {e.g. the effect of the body flowfield on the forces 
and moments of a control surface). 

The second use of the flowfield option is to provide a surface flowfield, for use in 
the calculation of surface streamlines. 

The flowfield methods of Table 4, can also be converted to pressure methods and the 
aerodynamic forces and moments of the configuration can then be calculated. 

Flowfields can be generated by handloading or by the use of the methods shown in 
Table 4. An empirical approach is used to calculate the shock wave shape. (For further 
details of flowfield calculation methods, see Reference 1). A surface flowfield can aiso 
be created by transfer of data from the inviscid pressure methods calculation procedure. 

Figure 15 shows the Mark IV S/HABP and the method of characteristics shock shape 
prediction for the minimum drag body of reference 15 at Mach 2.3. Results are good at 
the nose deviating downstream. Predictions of extent or breadth of the shock field which 
have been undertaken by S/HABP, have been found to be inaccurate when compared to 
experimental data. 

Figure 16 shows the C predictions for the minimum drag configuration with monoplane 
wings. The tangent wedge prediction with the interference of the body flowfield seems to 
be the best prediction method, although the interference contribution is small. 


As yet, the program cannot be used to interrogate the flow i.e. to output flowfield 
information between the body and its shock along arbitrary ('interrogation') lines as 
shown in Figure 17. This facility is currently under investigation by AFWAL and SRC. 


2.5 Streamline Calculation 

As far as the streamlines are concerned three main problems have been encountered. 
First, where to start the streamline on the body, second how to ensure sufficient 
streamline coverage over the entire geometry surface and third streamlines are restricted 
to continuous parts of the vehicle shape and cannot cross from panel to panel. Logic for 
these functions has been included in recent program updates, which it is hoped can be 
incorporated into the program in the near future. The approximations made in the 
streamline analysis are that the streamlines are two-dimensional and parallel. 
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2.6 The Viscous Methods 

The remaining option is the viscous methods option. This is comprised of two 
methods: the Mark III Skin Friction Method, which considers the vehicle as a series of 
flat plates and the Integral Boundary Layer Method, which computes the boundary layer 
characteristics along streamlines using the Integral Boundary Layer equations. 

The Mark III skin Friction Method calculates the viscous forces on a number of 
constant property flat plates. Since a coarser model is required here than for the 
inviscid pressure methods, this requires a second pass into the geometry option. In the 
Mark III method, incompressible skin friction coefficient is given by Blasius or Sivells 
and Payne (Reference 16) for laminar or turbulent flow respectively. Correction, factors 
to account for compressibility effects are given by either of the reference temperature 
or reference enthalpy methods for laminar or turbulent flow, and the Spalding-Chi method 
can be used instead, if desired, for turbulent flow. Surface wall temperature is also 
required in the correction factor equations and is either given by a thin skin heat 
balance, or is input by the user, or the adiabatic wall temperature can be used. The user 
selects the method and wall temperature combination from Table 2. A real gas viscous 
option is available, and is used automatically if the laminar reference enthalpy method 
is selected. Viscous-inviscid interaction, planform effects and flow history are also 
taken into account in the Mark III Skin Friction Method. (Further details of this method 
are provided in Reference 1). 

In order to assess this part of the code, the accuracy of the Stanton Number 
prediction was considered. Since this method predicts only skin friction coefficient 
and not Stanton Number, the following equations were used: 

C 

N st = -j Pr” 2/ ^ 3 for laminar flow 
and N gt = C f /2 for turbulent flow 

Figure 18 shows the Stanton Number predictions at zero incidence for a sharp nosed 
10° cone. A value of Pr = 0.725 was used in this case. The S/HABP predictions were lcwer 
than the experimental data, and the reference enthalpy and reference temperature methods 
gave virtually the same result. The laminar, Blasius hand calculation shows the size of 
the compressibility effect allowed for in S/HABP. 

Figures 19 and 20 show the Stanton Number predictions for a blunted 20° cone at zero 
incidence. A value of Pr = 0.71 was used in this case. Close agreement with 
experimental data is seen for the laminar predictions, while the reference enthalpy and 
reference temperature calculated wall temperature methods are the best for the turbulent 
flow regime. At 10® incidence, the accuracy of the turbulent regime reference temperature 
method, with calculated wall temperature deteriorated considerably, though the laminar 
prediction remained accurate. 

Mark III Skin Friction method predictions for a blunt nosed 50° cone at zero 
incidence are shown in Figure 21. A value of 0.71 was used for Prandtl Number for this 
case. Both the laminar and turbulent cases were better predicted by the calculated wall 
temperature version of the reference temperature laminar flow and Spalding-Chi turbulent 
flow method than the input wall temperature version. 

The Integral Boundary Layer Method can be used to calculate detailed boundary layer 
characteristics along a streamline. However it cannot be used to calculate the viscous 
contribution to vehicle forces and moments, since there is no logic to ensure sufficient 
streamline coverage. The method does not allow for viscous-inviscid interaction or 
planform effects. Blunt nosed and pointed nosed cones can be analysed, but the input of 
suitable initial boundary layer thicknesses is required, since there is no logic to find 
the true starting position of the streamline. 

Reasonable Stanton Number predictions for pointed and blunt nosed 50° cones have been 
achieved with this version of the code. However the prediction is heavily dependent on 
input boundary layer thicknesses, which are generally not known in advance. It is 
thought that forthcoming updates will rectify the problems in this version of the method, 
and correct some errors which have been encountered. 

3. CONCLUSIONS 

Parts of the original version of S/HABP, namely the f^owfield interrogation option, 
the streamline analysis and the Integral Boundary Layer Method have not been working 
adequately and updates are awaited. 

The remaining options of the program have been used to give some accurate 
aerodynamic predictions for configurations ranging from a triangular section body alone 
at Mach 3.1, to the complex Shuttle configuration at Mach 25.0 and including 
wing/body/control configurations at Mach 5.0. The code is considered to be highly 
flexible in that it can assess simple and very complicated shapes, but prediction 
accuracy depends on the user's experience with the code. Very accurate predictions have 
been gained after calibration of S/HABP results with experimental data or Euler methods 
predictions. 


The ease of setup of vehicle geometries and cheapness of the program make it an 
ideal tool with which to investigate the aerodynamic potential of a large number of 
configurations within a parametric study. 
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METHOD 

NO. 

IMPACT METHOD 

(APPLIED TO WINDWARD SIDE 

OF VEHICLE) 

1 

MODIFIED NEWTONIAN 

2 

MODIFIED NEWTONIAN AND 


PRANDTL-MEYER 

3 

TANGENT-WEDGE 


(USING OBLIQUE SHOCK) 

4 

TANGENT-WEDGE EMPIRICAL 

S 

TANGENT-CONE 

6 

INCLINED-CONE 

7 

VAN DYKE UNIFIED 

8 

BLUNT-BODY SKIN-FRICTION 


SHEAR-FORCE 

9 

SHOCK-EXPANSION (USING 


STRIP THEORY) 

10 

FREE-MOLECULAR FLOW 

11 

INPUT PRESSURE COEF- 


FICIENT 

12 

HANKEY FLAT-SURFACE 


EMPIRICAL 

13 

DELTA-WING EMPIRICAL 

14 

DAHLEM-BUCK EMPIRICAL 

15 

BLAST-WAVE PRESSURE 


INCREMENTS 

16 

MODIFIED TANGENT CONE 

17 

OSU BLUNT BODY EMPIRICAL 


METHOD 

NO. 

SHADOW METHOD 

(APPLIED TO LEEWARD SIDE OF 
VFHICLE) 

1 

NEWTONIAN ( i.e.Cp - 0) 

2 

MODIFIED NEWTONIAN AND 

PRANDTL-MEYER 

3 

PRANDTL-MEYER EXPANSION 

4 

INCLINED-CONE 

5 

VAN DYKE UNIFIED 

6 

HIGH MACH NUMBER BASE 
PRESSURE (Cp *"Vm 2 ) 

7 

SHOCK-EXPANSION (USING 
STRIP THEORY) - PRANDTL- 
MEYER EXPANSION FROM 
FREESTREAM ON FIRST 

ELEMENT OF EACH STREAM- 
WISE STRIP 

8 

INPUT PRESSURE COEF¬ 
FICIENT 

9 

FREE MOLECULAR FLOW 

10 

MIRROR DAHLEM-BUCK 

11 

ACM EMPIRICAL DATA 

12 

OSU BLUNT BODY EMPIRICAL 


NOTE: IMPACT METHODS 16 AND 17 AND 

SHADOW METHODS 10, 11 AND 12 
ARE RECENT UPDATES TO S/HA8P 


Table I : IMPACT AND SHADOW METHODS 



Table 2 : MARX III SKIN FRICTION VISCOUS OPTION METHOD 
SELECTION AND INTEGRAL BOUNDARY LAYER VISCOUS 
METHOD TEMPERATURE SELECTION. (NUMBERS SHOWN 
INDICATE FLAG REQUIRED IN S/HABP.) 



Table 4 : TO SHOW APPROXIMATE ANALYTICAL FLOWFIELD 

PREDICTION METHODS AVAILABLE WITHIN S/HABP 
SEE REFERENCE 1 FOR FURTHER DETAILS OF 
METHODS AVAILABLE 
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KEY 

V = ACCEPTABLE 

X = UNACCEPTABLE 

BLANK = THIS METHOD WAS NOT USED OR THIS DATA WAS 
NOT AVAILABLE 

REFER TO TABLE 1 FOR THE KEY TO THE INDIVIDUAL 
METHODS EVALUATED. METHOD 9,7(5/3) IS THE SHOCK 
EXPANSION METHOD USED IN THIS TABLE. 

NOTES 

a) ACCEPTABIL T TY CRITERIA FOR C 

C PREDICTED 

0.8 < —-< 1.25 

c experimf.nta: ' 

x 

b) THE FOLLOWING COMBINATIONS ALSO PROVED 
ACCEPTABLE: 

(i) MODEL 3:6,4 NOSE; 3,2 BODY GAVE ACCEPTABLE 
C m AND C N PREDICTIONS. METHOD 14,1 GAVE AN 
ACCEPTABLE C H PREDICTION. 

(ii) MODEL 11, X = -45°, METHOD 12,3, WITH 
SHIELDING, GIVES AN ACCEPTABLE C^ PREDICTION. 


(iil) FOR MODEL 13,METHOD 6,4/13,7 GIVES AK 

'ACCEPTABLE' C N PREDICTION AT M=2.25 AND 

AN 'ACCEPTABLE' C PREDICTION AT M=5.0 
A 

(iv} FOR MODEL 14, Al BOTH MACH NUMBERS METHOD 

14,5/13,7 GIVES 'ACCEPTABLE' C AND C 
N ra 

PREDICTIONS. 

(C) FOR MODEL 15, MANY COMBINATIONS OF METHODS 
WERE USED. ONLY THE MORE COMMON OR 
'ACCEPTABLE' METHODS ARE PRESENTED HERE. 

(d) FOR MODEL 16, NO METHOD PREDICTS C^ 

ACCEPTABLY, BUT EXPERIMENTAL VALUES WERE 
SMALL AND THEREFORE PERCENTAGE ERRORS WERE 
LARGE. 


Table 3 : TO SHOW * ACCEPTABLE' 7 -C AND C PREDICTIONS 

N m A 




















Figure 1 : S/HABP FLOWCHART 



THE INTERRELATION OF TOE PRESSURE CALCULATION METHODS 
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Figure 12 : AERODYNAMIC COEFFICIENT 
NEWTONIAN PREDICTIONS 

















Figure 14 : C ,C n VERSUS a FOR SQUARE CROSS-SECTION BODY WITH 

CRUCIFORM WINGS. X = 0.0, M * 2.0, MRP = 9.0d AFT 
OF NOSE 
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Figure 20 : COMPRISON OF S/HABP TURBULENT BOUNDARY LAYER RESULTS 

WITH EXPERIMENTAL DATA a = 0° *= 0°,M = 4.95, N gt « 0.5 C { 


f O EXPERIMENTAL DATA: REF 19 


S/HABP, MARK III SKIN FRICTION METHOD. 
N gt =* 0.5C f (TURBULENT) N St = 0.6282C f 

- O (LAMINAR) 

_ / 



NOTE: THE MARK III SKIN FRICTION METHOD PROVIDES 
LAMINAR AND TURBULENT CF VALUES AT EACH X STATION. 
IN THIS FIGURE THE MOST APPROPRIATE VALUE IS USED. 
(EXPERIMENTAL ERROR ALSO INDICATED) 


Figure 21 : COMPARISON OF EXPERIMENTAL AND PREDICTED 
STATION NUMBER AROUND BLUNT - NOSE CONE 
M = 2.5, a = 0° (EXPERIMENTAL ERROR ALSO INDICATED) 
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SUMMARY 


Wind-tunnel tests are being performed in order to measure overall and panel forces 
and moments on cruciform body-control and body-wing missile configurations at M * 2.5, 

3.5 and 4.5. When completed, the test results will provide a wide-ranging data-base 
suitable for Inclusion into semi-empirical prediction methods. Additionally it can be 
used to help validate and assess the computational fluid dynamic (CFD) methods that are 
available. 

This Paper gives a detailed description of all the models and the wind-tunnel test 
conditions, and selected results are presented. Comparisons are shown between the exper¬ 
imental data and results from a 3pace-marching Euler code. An outline Is given of the 
extension of these comparisons to surface pressures. 


LIST OF SYMBOLS 


Cn overall normal force coefficient; pitches, but does not roll with the model 

Cnp panel normal force coefficient; sometimes suffixed to denote a particular wing, fin, 
or control panel; pitches and rolls with both panel, and body, pitch and roll angles 

D maximum body diameter (93.98 mm) 

L overall body length 

M freestream Mach number 

P surface static pressure 

P w freestream static pressure 

X axial location relative to body nose (In calibres positive upstream) 

Xcp overall longitudinal centre of pressure location relative to body nose (in calibres) 
<; rudder angle 

n elevator angle 

X body roll angle; positive clockwise viewed from rear 

£ panel deflection angle relative to body axis; positive clockwise viewed outwards 
from body 

o body angle of attack to freestream 

+ angular position on body surface relative to windward generator 
Suffixes 


1 

2 

3 

4 


starboard panel) 
bottom panel ) 
port panel ) 
top panel ) 


control or wing 
panel at zero 
roll when viewed 
from the rear 


1 INTRODUCTION 

A need exists for methods that can be used to predict the aerodynamic behaviour of 
missiles at high supersonic speeds. For the present and for many years to come, the major 
source of predictions will be the semi-empirical, or engineering, type methods. These 
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methods depend upon experimental data as a basic Input to a simple theoretical framework. 
The more comprehensive the experimental data, the wider the ranges of missile configur¬ 
ations and flight envelopes that can be predicted with confidence. 

The purely theoretical computational fluid dynamic (CPD) methods that are now being 
developed and used are not limited by sets of experimental data. With new generations of 
faster, more powerful computers being introduced, CPD methods (even with longer computing 
times than serai-empirical methods) are becoming more attractive. In order to validate and 
assess these methods, much work Is required in comparing these predictions with experimen¬ 
tal data. 

Therefore, for both the seml-empirlcal and CPD methods, experimental data that 
cover wide ranges of flow conditions and design configurations are required. The RAE has 
recently embarked on a series of wind-tunnel tests to provide a high Mach number data-base 
of forces and moments on body, body-wing, and body-control missile configurations. 
Additional teats to measure the surface pressures on selected configurations are being 
planned. 

Limitations of computing resources, uncertainties concerning turbulence modelling, 
and difficulties of use, have, for most computational aerodynamlclsts, delayed the routine 
application of codes which solve the Navier-Stokes equations. Codes solving the Euler 
equations are, however, being applied more extensively. These methods do not model vis¬ 
cosity, but one of Its major effects, flow separation and the resultant vortlclty, can be 
modelled if some assumptions regarding separation are employed. This Paper attempts to 
show, with comparisons between experimental data and results from the space-marching code 
SWINT , that. If used with care, flow separation models can significantly improve 
predictions. 

2 MODELS 

2.1 Body plus control configurations 

The basic body for use with all the control configurations consists of a sharp axl- 
symmetrlc 3 calibre long nose having a cubic profile, and a 10 calibre long cylindrical 
afterbody (see Pig 1). 

Three cruciform control sets are available, the planforms consisting of a small 
delta, a large delta, and a square (see Pig 1). The small and large deltas have 45* 
leading edge sweep angles, and nominal root-chord and semi-span lengths of 1 and 
/2 calibres. The square planform has nominal root-chord and serai-span lengths of 
1 calibre. A small amount of blunting is applied to both leading and trailing edges, so 
that the actual sizes of all the controls are slightly less than the nominal dimensions. 

The control sets are fitted to the body with their rotational axes either 3.5 or 
11.5 calibres downstream from the body nose (see Pig 2). Each individual control panel 
can be deflected in steps of 5* from -25* to +25* (relative to the body axis). 

The configuration nomenclature is built up from the body (B1A); the control shape 
(Cl, C2 or C3); and whether the control set is mounted at the forward or rearward (P or R) 
end of the body. For example, controls C2 mounted at the front end gives B1AC2P, and at 
the rear end B1AC2R. 

2.2 Body plus wing configurations 

The bodies consist of axlsymmetric noses having cubic profiles, followed by 
cylindrical afterbodies. The three nose shapes are shown in Pig 3, nose "A" being the 
same as used for the body-control tests. The equation given for nose "C" Is for a sharp 
nose of fineness ratio 1.5; this shape has then been spherically blunted as shown, giving 
a final fineness ratio of 1.465. Overall body lengths range from 8 to 19 calibres. 

Table 1 shows the nomenclature used for describing the overall body lengths and nose 
profiles. 

The cruciform wing sets have nominal root-chord lengths of 9.682, 5.809 and 
3.631 calibres as shown in Pigs 4 to 6. With the exception of wings W10 and Wll, all wing 
leading, trailing and strearawlse edges are slightly blunted as shown in Pig 4. The wing 
sets can be fixed to the bodies with their trailing edges either in-line with, or 

3 calibres forward of the body base. 

The configuration nomenclature is built up from 3 components. Firstly the body- 
nose combination (eg B5A); secondly the wing shape (eg W14); and thirdly the length, in 
calibres, of the afterbody (if present). Hence wing W14 mounted on body-nose B5A with the 
wing trailing edge at the body base is designated B5AW14, but if the wing is moved forward 
3 calibres the designation changes to B5AW14A3. 

3 WIND-TUNNEL, TEST EQUIPMENT AND PROGRAMMES 

All the tests are being made at RAE Bedford in the recently recommissioned 3ft * 4ft 
(0.91m x 1.22m) continuously-running wind-tunnel which has a Mach number range of 2.5 to 5. 
To avoid condensation shocks at M * 5, the stagnation temperature needs to be raised to 
around 140*C. Neither the control nor wing panel balances would accept this high tempera¬ 
ture. Test Mach numbers of 2.5, 3.5 and 4.5 have therefore been chosen. Most of the 
tests are being performed at a freestream Reynolds number of 13.1 x 10 6 per metre, with 
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some data at Reynolds numbers of 6.6 x 10 6 and 19.7 x 10 6 per metre. Boundary-layer 
transition trips are applied to the body nose and the wing and control leading edges. 
Analysis of the axial force results Is consistent with the assumption of a turbulent 
boundary layer existing over most of the model at all test Mach and Reynolds numbers. 

Overall leads on the complete body-wing and body-control configurations are 
measured using a 6-component strain-gauge balance mounted within the model. An absolute 
pressure transducer measures the model cavity pressure, this being assumed to act over the 
whole model base for calculation of the base pressure coefficient. To measure the 
Individual wing loads, two opposing wing planforms are attached to 3-component strain- 
gauge balances (measuring wing normal force, pitching moment, and rolling moment). All 
wing planforms stay undeflected relative to the body axis. To measure the Individual 
control loads, two opposing panels are attached to 5-component strain-gauge balances 
(axial force missing). These balances rotate with the controls, so panel normal force is 
always normal to the control root-chord. 

Data is recorded every 7.5* whilst the model Is being continuously rolled from 
0* to 360*, a complete roll sweep taking less than 2.5 min. Nominal model incidence 
angles are -2* to 26 *, in steps of 2*. 

The body-control test programme is about 70% complete. The body-wing test pro¬ 
gramme (Pig 7) is about 30% complete. 

4 PRESENTATION OP SELECTED RESULTS AT MACH 4.5 

4.1 Body plus control configurations 

Results presented in this section for the body-control configurations are limited 
to zero roll angle, ie when the pair of deflected controls are normal to the pitch plane. 
The variation of the overall normal force coefficient (Cn) with body angle of attack (o) 
and control elevator angle (n) for the small delta controls In the rearward and forward 
positions is shown In Figs 8 and 9 respectively. Body alone results are also presented in 
each figure. For all values of n, Cn for the controls In the forward position is always 
slightly higher than for the rearward position, the greatest difference occurring at an 
angle of attack around 18 ’. 

The movement of the centre of pressure with changes In the angle of attack, control 
position, and elevator angle is shown in Fig 10. Body alone results are also plotted. 

For all angles of attack, the greatest centre of pressure movement occurs with changes in 
elevator angle when the controls are mounted In the rear position. 

4.2 Body plus wing configurations 

4.2.1 Effect of forebody length at zero roll 

The overall normal force coefficients of bodies along B5A and B11A, and with wings 
W14 added, are shown in Fig 11. For any particular value of o, the effect of Increasing 
the forebody length of B5AW14A3 by 3 calibres to B11AW14A3 Is less than the corresponding 
increase between B5A and B11A (eg at o » 24*, 0.92 as opposed to 1.00). However, the 
opposite is true when wings W13 are added to bodies B5A and B1A, as shown in Fig 12. In 
this case, the effect of increasing the forebody length of B1AW13 by 3 calibres to B5AW13 
is greater than the corresponding Increase between B1A and B5A (eg at o * 24°, 0.93 as 
opposed to 0.90). 

Analysis of the wing panel loads (Fig 13) indicates that the wing loads are inde¬ 
pendent of forebody length for the configurations shown, the only effect of forebody 
length being an increase in Cn due to the additional body length. 

4.2.2 Effect of afterbody length at zero roll 

The variation of the normal force coefficient with angle of attack for two con¬ 
figurations having the same forebody and wings, but differing in the length of afterbody, 
is shown in Fig 14, along with the respective body alone coefficients. The difference in 
Cn between B5AW14A3 and B1AW14 at any particular value of o is around 25% greater than the 
corresponding difference between B5A and B1A. The wing loads are the same due to the nose 
and forebody being identical, hence this increase is due to the carry-over of normal 
force from the wing onto the body being greater for the configuration having the afterbody 
present. Typically this is between 8% and 11% of the total Cn, the lower value being for 
configuration B1AW14. 

5 FUTURE TEST PROGRAMME 

With the growth of CFD prediction methods, a greater need Is developing for experi¬ 
mental data to include both surface and flowfleld pressure results for direct comparison 
with prediction. Therefore, the future test programmes for both the body-control and 
body-wing configurations will not only continue with the force and moment data gathering, 
but will also include a large pressure data-bank. For the body-control tests, a rig for 
the 3ft * 4ft wind-tunnel is being built which will accommodate a row of yawmeters for 
traversing through the flowfleld surrounding the model. Of particular interest will be 
the development of the leeside vortices, and their Interactions with the control planforms. 
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The measurement of surface pressures will be made on selected body—wir ^ configur¬ 
ations which can be fitted with cruciform control surfaces upstream of the wVigs. Two 
proposed configurations are shown in Pig 15. Pressure taps will be sited along the body 
surface and on one wing surface. Additional taps may be added to the nose, and to the 
control surfaces. The body length between the wings and the controls will be variable, as 
will be the control deflection angles. Thus many different flowfields over the pressure 
tapped wing and body areas can be easily achieved. 

6 BRIEF DESCRIPTION OP THE SWINT CODE 

SWINT is a space-marching Euler code which calculates the supersonic flow between a 
missile-type configuration and its bow shock, given a starting solution in a crossflow 
plane near the nose. The computational grid is constructed around the body of the 
configuration and any controls or wings are assumed to be thin and to lie close to radial 
grid lines. The grid density can be changed to suit the calculation progressing in the 
axial direction. 

SWINT can be run in either of two modes - a full flowfleud for 360’) calculation, 
in which the whole of the flowfield between the configuration and the bow shock is com¬ 
puted, and a naif flowfield calculation in which symmetry is assumed. The h. If flowfield 
mode would be appropriate for a conventional cruciform missile at 0* or 45“ roll, but any 
other roll angle would require a full flowfield calculation. 

The missile aerodynamlcist is concerned with mainly two types of flow separation: 
that from a wing or control, and that from a body. Por most missile configurations, wing 
and control edges are sharp, or can be regarded as such, and, in che case of a subsonic 
leading edge, the location of separation is assumed to be at the leading edge. A missile 
body at incidence often involves flow separation from a smooth surface, and the location 
of separation is then more difficult to define. SWINT allows the user to model both these 
types of flow separation, the location on axisymmetric bodies being determined 
empirically. 

In the original version of SWINT, the option of modelling flow separation from the 
body was only available for half flowfield calculations. In order to stuuy the effect of 
roll angle on the interaction between controls and vortices arising from body separation, 
RAE has extended the body separation option so that it can also be used in full flowfield 
calculations. 

7 COMPARISON OF SWINT RESULTS WITH EXPERIMENT 

7.1 Body alone 

Calculations were made for body B1A at a Mach number of 3.5 using SWINT with and 
without employing flow separation from the body. All the calculations were in the half 
flowfield mode and used a grid of 31 points radially and 19 points circumferentially 
between the body and the bow shock. 

Pig 16 shows the two predicted surface pressure distributions around the body at 
the base station, significant differences between them being confined to the leeward half 
of the body. Experimental pressure measurements are not available for comparison and 
therefore it is not possible at present to Judge which curve is more realistic. A com¬ 
parison between the Integrated pressure distributions and experimental values of normal 
force and centre of pressure position is shown in Pigs 17 and 18. Reasonable agreement is 
demonstrated irrespective of whether flow separation has or has not been modelled. 

7.2 Body plus control configuration 

7.2.1 Control loads 


Calculations were made for configuration B1AC1R at Mach 3*5 using SWINT. At 12* 
angle of attack and a range of roll angles, calculations were made with and without 
employing the option for flow separation from the body. All these calculations were made 
in the full flowfield mode, and since the leading edges of the controls were supersonic, 
attached flow was assumed on these surfaces. A grid of 31 points radially and 36 points 
circumferentially was used in the region of the controls, and a coarser grid was used 
upstream. Pig 19 shows the predicted and experimental loads on one control panel as the 
configuration is rolled through 360*, the panel being in the windward position when the 
configuration is at zero roll. 

The modelling of separation appears tc have a negligible effect on the control load 
while the panel is in the windward half of the flowfield. However, when the control is in 
the leeward half, the predictions with and without separation modelling show ? -jnifleant 
differences. The calculations with the flow separation Included produce results which are 
generally in better agreement with experiment. This Is probably due to the predicted 
Interaction between the body vortex and the control panels. 

The measured loads on the same control panel, but with a 10* rudder deflection 
applied, are shown in Pig 20, together with the results of SWINT calculations which 
employed the body separation option. SWINT models the flow over :n undeflected control 
panel by using the actual surface slopes relative to the free stream but applies them 
through the boundary conditions on a radial plane parallel to the body axis (le as if the 
control had zero thickness). For a deflected panel, the same plane 13 used, and thus the 
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approximation becomes less realistic as the deflection angle increases. The largest 
discrepancy is near the 300® position where the panel experiences the largest local angle 
of attack. Otherwise the predictions are in good agreement with the experimental data. 

7.2.2 Overall loads 


SWINT calculations for configuration B1AC1R at zero roll were made at a Mach number 
of 3.5 and over an angle of attack range up to 24®. The half flowfleld mode and the 
options for flow separation from the body and attached flow on the controls were used with 
a grid of 31 points radially and 19 points circumferentially over the full length of the 
configuration. Pigs 21 and 22 show comparisons between prediction and experiment for the 
overall normal force and centre of pressure position. The agreement is excellent, normal 
force being predicted to within 4% of the experimental value, and centre of pressure to 
within 0.2 of a calibre throughout the angle of attack range. 

7.3 Body plus wing configurations 

7.3.1 General comments concerning computations 

Calculations hive been made for two of the body-wing configurations shown in Fig 7, 

namely B5AW7A3 and B5AW14A3. The Mach number was 3.5 and an angle of attack range between 

0* and 20* was attempted, for both the 0® and 45* roll positions. The choice of th:se 

roll angles enabled SWINT to be run in the half flowfleld mode. In all cases in the 
region of the wing, calculations were made on a grid consist*ng of 31 points in the radial 
direction and 25 points circumferentially. Ahead of the wing a coarser grid was used. 

The option of modelling flow separation from the body was used throughout the computations 
unless otherwise stated. Attention is focussed on configuration B5AW14A3 at 45® roll. 
However, it should be noted that the calculations for zero roll, and for the other body- 
wing configuration studied (B5AW7A3)* support the conclusions drawn herein. 

7.3.2 Overall loads 


Pigs 23 and 24 show comparisons of overall normal force and centre of pressure 
position respectively. Since the wings have subsonic leading edges at Mach 3.5, the 
initial SWINT calculations used the leading edge separation option for the leeside cf all 
lifting surfaces at any non-zero incidence (however small) to the freestream. Thus a step 
discontinuity occurs in the Cn versus incidence curve at zero angle of attack. Clearly 
the discontinuity is unrealistic. Physically the leading edge separation will start at a 
few degrees angle of attack, the actual value being dependent upon the leading edge blunt¬ 
ness and chamfer angle. 

Calculations were then made in which no special treatment was applied to the 
leeward sides of the wings ie attached flow was assumed. The results (also shown on 
Pigs 23 and 24) show a marked improvement in the agreement with experiment. No such com¬ 
putations at angles of attack above 8" were successful due to the prediction of a negative 
pressure near the leading edge of the lower wing. This suggested that the flow was 
attempting to turn through too large an angle and the attached flow assumption was 
invalid. Physically, separation would almost certainly have occurred at well below 8® 
angle of attack. 

It appears that when a leading edge separation is being modelled at low angles of 
attack, SWINT overestimates the effects of the vortex. There are several possible reasons 
for this, eg an insufficiently fine grid, lack of viscosity, or a separation model inad¬ 
equacy. However, It aopears that good results can be obtained from SWINT (when calculat¬ 
ing the flow past a wing with a subsonic leading edge), by imposing separation from the 
leading-edge at angles of attack only where an attached flow solution is unobtainable. 

Using this procedure. Pigs 23 and 24 show that good agreement with experiment can 
be obtained. The Cn predictions are very close to the experimental values until about 8®, 
above which the maximum error is approximately 7X. The centre of pressure predictions are 
excellent, the trend matching the experiment throughout the angle of attack range. The 
error Is less than 0.25 calibres at all points except at 2®, where the centre of pressure 
is the quotient of two small quantities. 

7.3.3 Wing loads 

The experimental and predicted normal forces for a lower wing panel are compared in 
Fig 25. As for the overall loads, the agreement at low angles of attack is improved when 

attached flow is assumed. However, the trend at higher angles of attack, where wing 

leading edge separation has to be imposed to obtain a solution. Is disappointing. 

Similar comments apply to Fig 26 which 3hows the normal force coefficient for an 
upper wing panel. The experimental data is substantially non-linear and this feature Is 
reflected in the results of the computations with the leading edge separation imposed. 

All the calculations described so far employed the option for modelling flow 
separation from the body. However, it is probably unrealistic to model such a separation 
in the region of the wings. The presence of the wings would suppress or at least substan¬ 
tially affect flow separation from the body. Additional calculations were made with the 
body flow separation option employed ahead of the wings but not in the region of the wings 
or the afterbody. Fig 26 also shows the results of these computations. As expected, at 

low angles of attack they merge with the results of the cal >latlons with body flow 
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separation modelled everywhere. At higher angles of attack, an increase In the predicted 
wing normal force is seen, giving rise to an improvement in the trend of the results. The 
Improvement In prediction for this upper wing panel is significant. The results for the 
lower wing and the overall forces were relatively unaffected by these modifications to the 
body flow separation. 

8 CONCLUSIONS 

The present comparisons have shown that some useful validation of a CFD code can be 
made when overall and wing force measurements are available for comparison. Some quali¬ 
tative knowledge of the aerodynamics of the configuration can allow various options in the 
code to be critically assessed. 

The current work has led to the following conclusions about the space-marching 
Euler code, SWINT. 

1 The modelling of body flow separation can significantly affect the predicted 
pressure distribution on the leeslde of a body. However, for the case studied 
herein, the overall normal force and centre of pressure predictions showed only 
small changes consequent on whether flow separation was, or was not, modelled. 

2 Modelling flow separation from the body may provide better predictions of the 
loads on controls or wings In the leeward half of the flowfleld. Further improve¬ 
ments to these predictions may be obtained by modelling flow separation ahead of 
the wings or controls, but not in the region of the wings or controls themselves. 

3 Modelling of wing leading edge separation appears to overestimate the effect of 
leading edge vortices at low angles of attack. Better results are obtained for the 
cases considered here if attached flow on the wi.ngs is assumed until the angle of 
attack is too high to permit an attached flow solution. 

-4 Some qualitative knowledge of the aerodynamics of a missile, together with 
careful use of the separation options in SWINT, has enabled excellent predictions 
of loads and moments to be made for the configurations studied so far. 

5 When validating and assessing CFD codes, measured surface pressures or 
flowfleld data should ideally be available in addition to force and moment data. 
Discrepancies between predictions and experimental results can then be pinpointed. 

Future work will Include the following items. 

1 Calculations will be made for other configurations in the experimental data¬ 
base in order to assess further the SWINT code. 

2 The data-base will be used for comparison with calculations made using other 
CFD codes. 

3 Experimental body and wing surface pressure measurements will be made at Mach 
numbers from 2.5 to 4.5 for more detailed comparisons with the results from CFD 
codes. 


TABLE 1 

BODY LENGTHS AND NOMENCLATURE 


Body 

B9A 

B10A 

B4A 

B1A 

BIB 

B1C 

B5A 

B5B 

B11A 

B11B 

L/D 

8 

10 

11 

13 

13 

12.963 

16 

16 

19 

19 
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Pig 11 Effect of forebody length on over-all 
normal force; wing W1 «j 
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Fig lk Effect of afterbody length on overall 
normal force; wing Wl 1 * 
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Pig 15 Two planned configurations for the 
measurement of surface pressures 
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CONCEPTS GENERAUX AERODYNAMIQUES-AEROTHERM1QUES D* HERMES 


P .Perrier et Ph.Caupenne 
Avions Marcel Dassault — Breguet Aviation 
78, Quai Carnot — 92214 Saint Cloud 
France 


>. L’avion spatial Hermes a fait I'objet, pour l'annee 1987, d'un financement de 1'Agence Spatiale Europeenne dans le 
cadre d'un programme preliminaire. Ce programme est finance maintenant par ('ensemble des etats membres 
apres avoir ete limite a la France et a quelques pays en relation bilaterale. Au cours de la abase initiale, des 
etudes detaillees de la forme aerodynamique et des flux nominaux ont ete poursuivies pour acquerir une premiere 
definition a etudier experimentalement par les Avions Marcel Dassault-Rreguet Aviation ceux-ci avant ete 
charges de la responsabiiite (fHermes en tant que vehicule volant. 

Nous passerons successivement en revue les concepts generaux retenus pour les etudes du dessin 
d'Hermes, nous donnerons quelques exemples de leurs applications et justifierons la methodologie generale retenue 
pour cet ambitieux programme europeen. 

. CONCEPTS GENERAUX DE DESSIN 
1.1 - Concepts de dessin aerodynamique 

L'objectif d’Hermes est le transport d'hommes en orbite avec une charge utile limitee. Hermes doit ainsi 
8tre satellise gr8ce a un lanceur commercial Ariane V et recuperer hommes et charges ou permettre des 
operations en orbite en connexion vers le module de station orbitale Colombus. 

Ariane V impose a I'avion spatial une taille relativement beaucoup plus faible qut I’Orbiter mais avec 
des per/orma/rces demandees superieures : 

- utiliser des pistes europeennes pour le retour (forbite, c'est-a-dire des pistes usuelles avec un d^Dort 
lateral permettant de rattraper un decalage cforbite, 

- avoir un equipage a deux, ce qu| induit une taille relative de fuselage beaucouo plus grande que 
I'Orbiter, 

- avoir des frais de remise en etat limites. 

Pour s'adapter a ces exigences, l'etude a montre que le dessin aerodynamique etait bien olus critiaue 
que sur I'Orbiter et que des progres sur la realisation de la protection thermique etaient eg alement necessaires par 
suite des accroissements de flux lies a la diminution des dimensions. 

On voit sur la figure 1 que les tailles comparees des fuselages qui creent la destabilisation en 
longitudinal et lateral sont relativement 40 % plus grandes. 


ligil 
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L'utilisation de pistes plus courantes conduit a viser I'emploi de charges alaires reduites oermettant, 
pour une incidence donnee a l’impact, une reduction de 20 kts a I’approche. Pour realiser ce gain en SCz, sachant 
que l'on ne peut guere esperer augmenter notablement I’envergure relative, i! a sembl^ necessaire de centrer au 
mieux ('avion a l'impart, ce qui permet de limiter la diminution de la charge alaire a environ 20 %. Pour reduire la 
masse, on utilise completement le concept CAG sur les 3 axes afin de minimiser les surfaces stabilisatrices 
necessaires. Ceci a conduit a ('implantation de derives d'extremite de voilure induisant des efforts et moments 
bien situes par rapport au centre de gravite et permettant de passer en gouvernes aerodynamiques sur les 3 axes 
des que la densite est suffisante et ainsi de minimiser la masse. Enfin le contrOle de la vitesse sur trajectoire en 
finale s'effectue par variation de trainee, ce qui est possible par une configuration en crocodile des gouvernes, 
figure 2. Ainsi les differentes fonctions presentes sur un demonstrates militaire Rafale sont presentes avec 
cependant une complexite reduite par ('absence de modes superieurs comme I'antirafale. 



Les principaux choix aerodynamiques sont bien clairement lies a 1'objectif d’un pilotage sain durant 
toute la reentree et I'approche et 1'atterrissage, demandant dans toutes ces phases de vol des efficacies 
suffisantes sur tous les axes et des courbes aerodynamiques taisonnablement lineaires. Ceci conduit a retenir des 
fleches de bord d'attaque assez elevees et des cambrures de voilure suffisantes pour oermettre une bonne marge 
de linearite de fonctionnement en incidence et derapage. 

1-2 - Objectifs de dessin aerothermique 

La diminution de taille par rapport a I'Orbiter induit des problemes de d!us grande difficult^ lies a 
^augmentation correlative des flux : les materiaux de I'Orbiter sont deja assez proches de leurs limites sans les 
marges importantes qu'il semble necessaire (fadmettre dans le cas cPemploi regulier de 1'avion spatial. Ainsi la 
marge d'altitude entre la trajectoire au plafond de rentree et la trajectoire a echauffement critique sur le nez ou 
les points les plus chauds est fortement reduite voire inexistante si l'on ne decroit pas la charge alaire fcette 
decroissance est done doublement necessaire car compatible avec les objectifs basse vitesse). Enfin, puisque l'on 
n'admet pas de surchauffes locales, on en deduit que l'on doit eviter les dessins presentant des risques de telles 
surchauffes locales. A ce point de vue, ies stabilisateurs en extremite d'aile sont eventuellement cause de 
surchauffe si leur rayon de bord d’attaque et leur dessin Iui-m£me n'est pas tres progressif. r>e plus, il semble 
evidemment necessaire d'eviter les surchauffes dues aux croisements de chocs en evitant des formes en plan a 
cassure de bord d'attaque comme I'Orbiter. Les formes retenues pour Hermes mettent toutes les formes 
aerodynamiques dans I’enveloppe des chocs attaches a I'intrados, de m£me que les problemes de protection des 
transparents conduisent a garder une marge suffisante du nez par emploi d’un fuselage avant assez d^veloppe et 
protegeant les transparents de cabine. Enfin I’echauffement des surfaces mobiles etant limite grflice au 
rerayonnement des parois, nous avons retenu la configuration en crocodile ouverte pour Ie vol hvpersonique de 
fa^on a permettre ces reradiations, tout en mettant un accent particulier sur revaluation des echauffements de 
gouverne : e’est une des limites majeures de leur efficacite a cause des limitations de braquages maximaux qu'ils 
supposent. On donne sur la planche 3 ci-dessous un resultat typique de calcul au cours d’une reentree sur laqoelle 
on remarque bien les zones critiques de nez et gouverne ainsi que de bord d’attaque. 





6 


5 


4 
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1.3 - A partir de ces elements de calculs puis cfessais, il est possible tfevaluer differentes formules et de les 
comparer afin de selection ner au mieux leurs caracteristiques. On voit sur la planche 4 ci-dessous qu'un grand 
nombre de configurations ont ete calculees et un certain nombre envoyees en soufflerie pour s'assurer que le 
dessin general etait raisonnablement proche (fun dessin presentant une sensibilite point trop exageree aux 
variations de formes ou de dimensions, variations qui seront probables au cours de la finalisation du projet. 



En particulier, on verifie constamment que les marges (Pechauffement max. restent realistes pour les 
materiaux disponibles. 


£igi5 




La prise en compte recente de criteres de securite renforces a la suite de ('accident de PObiter conduit 
egalement a revoir le dessin avec des masses a vide augmentees et rend particulierement critiques les pertes de 
masse qui seraient creees par des formes exterieures inadequates a mftme volume interne. 


2. EXEMPLES DE PRISE EN COMPTE D’OBJECTTFS 
2.1 - Equilibre longitudinal aerodynamique 

On sait que les marges prises sur POrbiter pour couvrir des erreurs sur {'evaluation des braauages de 
gouverne necessaires etaient particulierement faibles et ont pose quelques problemes de validation des 
performances nominales : 



MACH NUMB® 


9 
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L'etude detaillee par le calcul et sur recoupement en essais de soufflerie a deja montre que des calculs 
simplifies ne sauraient suffire a (’evaluation des efficacites de gouverne et des moments destabilisateurs du 
vehicuie. U a ete propose au CNES de calculer avec les meilleurs outils disponibles (calculs Euler ^ les diffbrents 
dessins d'Hermes malgre 1'augmentation du coOt en calcul correspondent. On voit sur la figure 7 ci-dessous que 
1‘ecart le plus critique des braquages se fait entre W = 1,5 ft M = !0 ou plus et que cet ecart est sensible a la 
methode de calcul : a priori les methodes les plus simples sont exclues de la panoplie de calcul necessaire. 

On peut voir sur cette m£me planche que m£me la correction aux modeles linearises supersoniques ne 
permet pas d'envisager de calculs rapides ; i'anaiyse des resultats montre qu>* ceux-ci sont dus a la forme tres 
arrondie et aux grandes incidences caracteristiques des trajectoires d'Hermes. 



On voit sur la planche 8 relative a un calcul d'AOTV qui exagere I’effet de gaz reel que ^approximation 
du local peut conduire a des ecarts tres importants des caracteristiques en moment, hearts qu’il imoorte 
prevoir sur les formes complexes d'Hermes. 

Cependant 1'experience de I'Orbiter (fig. f> ci-dessus^ montre des erreurs maximales a fort Mach, so it 
par effet de dissociation, soit par effet de gaz rarefies et Ton ne peut pas actuellement le verifier par le calcul 
car les codes de calcul n'ont pas la precision requise excepte pour des dessins tres si moles comme l'AOTv pour 
lesquels on a pu faire des comparaisons assez precises. 
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2.2 - Un exemple en aerothermique 


De la mime fagon, il importe (foptimiser par !e calcul les echauffements des differentes Darties en 
essayant de regler les courbures locales du nez, des bords d'attaque, etc... de fagon a minimiser les surchauffes et 
I'emploi de materiau carbone a haute temperature. Mais par ailleurs, il importe de ne pas oublier que I'on doit 
couvrir, comme sur un avion, la combinaison de parametres la plus desastreuse en prenant en compte les 
variations de I'atmosphere mais aussi et surtout les variations de sensibilite a la transition et les effets de 
catalycite. 


On donne ci-dessous les cas deter mi nant-enveloppe qui ont ete determines de cette facon. On oourra 
remarquer que, rapport au cas presente pi. 3, il y a des contraintes beaucoup plus elevees (pi. 9). 



L'element principal dans ce cas est la variation de la position de la transition en presence de Feffct des 
rainures entre paves. 

On peut voir sur la planche 10 que l'on peut esperer, quoique sur des cas pratiques assez restreints, une 
determination assez precise de la transition en hypersonique. Mais il reste des problemes de surchauffe locale que 
I'on ne sait probablement pas atteindre dans la simulation experimental et qui induisent une grande imprecision 
sur les flux reels. 



figili 



Thermocolor - Calcul. 










METHODOLOGIE CENERALE 


On a vu qu'il y avait des risques importants d'ignorance de problemes maJ connus au cours He 
('estimation des efforts et flux dans un projet aussi complexe que ('Hermes. Ce non contr&Ie des aleas est 
principaiement technique voire scientifique par suite de la tres grande difficulte des oroblemes Doses. 

Par consequent, il a ete mis en place un support de recherche couvrant environ 50 axes de recherche 
dont la moitie en analyse numerique et I'autre en mecanique des fluides. C'est cTaijleurs celle-ci qui est la plus 
critique par suite de l'absence d'equipes qualifiees suffisantes et de moyens experimentaux, specialement de 
mesure, adequats. Le support de recherche est done essentie! et cera assez exhaustif grSce aux meilleurs 
specialistes europeens. 


METHODOLOGY Of DEVELOPMENT HERMES-MA1A 



Pour valider mieux ces resuitats complets, il est propose d'emplover un demonstrateur lance egalement 
par Ariane et qui permettrait de faire avancer la technique en validant assez tdt et les calculs et les experiences 
transposes par le calcul. La commission de I'ESA chargee d'e 'aluer la methodologie avec demonstrateur a 
egalement recommande que les premiers lancements soient faits avec des Hermes inhabites. 

La methodologie generate couvre done trois efforts parallels, I'un relatif a la recherche de base de 
comprehension et verification de la moderation des phenomenes de base, le second relatif aux essais et calculs 
des formes industrielles, le troisieme a la verification globale en vol qui s'appuiera sur ('experience de POrbiter 
puis sur des experiences europeennes. 

Ainsi ('amelioration de la technologie europeenne en hypersonique fera d'Hermes un demonstrateur 
technologique et une etape essentielle vers les lanceurs futurs completement recuperables qui donnent des moyens 
economiques a Phomme pour travailler dans PEspace. 
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HYPERSONIC AERODYNAMICS - APPLICATIONS FOR HOTOL 


by 

Mrs. Alison J. Wake 
HOTOL Study Team 
British Aerospace PLC 
Military Aircraft Division 
Warton Aerodrome 
Preston PR4 1AX 
United Kingdom 


Su—ary 

HOTOL has emerged from studies between BAe and Rolls-Royce as a totally reusable 
airframe with a hybrid air-breathing propulsion system. It is aimed at placing 
payloads into low earth orbit for 20% of the cost of the U.S. Space Shuttle. 

As part of the current Proof-of-Concept Study an assessment is being made of the 
aerodynamic characteristics of the vehicle including those in the hypersonic regime. 
This assessment will also identify areas of high risk and where current methods 
are deficient. 

This report details some of the results obtained, the areas so far identified 
as requiring further work and proposes a five year programme to investigate these 
areas. 


Introduction 


BAe have identified the need for a new launch vehicle to supplement and eventually 
supersede existing launch vehicles by the end of this century. Forecasts of the 
potential market show that the currently available launch capacity will be exceeded 
by then. 

Studies of the economics of existing satellite launch and recovery systems show 
that the high costs are largely attributable to throw away components, such as 
external tanks, retrieval and refurbishment of solid rocket boosters and the largo 
number of support staff required for vertical take-off operations. 

HOTOL, Figure 1, has emerged from studies between BAe and Rolls-Royce as a totally 
reusable airframe with a hybrid air-breathing propulsion system, with horizontal 
take-off and landing to simplify turn-around oprations. It is aimed at placing 
payloads into low earth orbit for 20% of the cost of Shuttle. 

A Proof-of-Concept Study, lasting two years, was begun in Autumn 1985 with BAe 
Military Aircraft Division, Warton as lead Division. The objectives of the study 
are: - 


to demonstrate that there are no insuperable problems to the development 
of the engine. 

to show that the vehicle can be engineered at a reasonable cost. 

to identify areas of high risk and to propose programmes to investigate 
these areas. 

to detail test and support facilities to fulfil these programmes and 
to identify what the cost will be. 

The HOTOL aerodynamic design is driven by a trade-off between the best aerodynamic 
performance and minimum structural weight. The hypersonic region is perhaps the 
most challenging aspect of the aerodynamic design, especially for re-entry into 
the atmosphere which is a critical phase of reusable spacecraft operations. 

Re-entry 

Re-entry into the atmosphere is initiated by a deorbit manoeuvre. Firstly the 
reaction control thrusters are used to turn the HOTOL tail first. Then the orbital 
manoeuvring engines are used to slow the vehicle down. The thrusters are used 
to turn the vehicle round again and to set up the correct attitude for re-entry. 

Because of HCTOL's low planform loading, deceleration can begin at high altitude 
to minimise peak velocity and minimise aerodynamic heating. Figure 2 shows a 
comparison between the HOTOL and Shuttle re-entry trajectories. You will notice 
that HOTOL is intended to travel more slowly than Shuttle at altitudes between 
60 and 80 km where maximum heating rates are expected. 
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To maintain minimum velocity HOTOL must have adequate lift which means it must 
be possible to trim and control the vehicle at high angles of attack. Although 
reaction control thrusters may be used to augment control the additional fuel 
required penalises the payload or results in vehicle growth. 

As the vehicle enters the atmosphere the high incidence gives a large force normal 
to the trajectory. If this force is allowed to act entirely in the orbit plane 
it will cause the vehicle to skip out of the atmosphere. Therefore the in-plane 
component of lift must be controlled by rolling the vehicle out of the trajectory 
plane. The out-of-plane component can be used to realign the landing track by 
maintaining the roll angle or to extend the down-range capability by periodically 
reversing the roll angle. 

Once peak heating has been passed the vehicle is slowly pitched down to maximum 
L/D to maximise cross - or down - range performance. 

In optimising the trajectory, to give maximum range performance within structure 
and internal temperature constraints, it is necessary to resolve the "infernal 
triangle*. 

The "Infernal Triangle* 

This is the close interaction of trim/control, cross-range and heating rate, see 
Figure 3. The required incidence must be able to be trimmed with an adequate 
control margin. Viscous and real gas effects must be taken into account when 
determining if trim is possible. A high incidence gives a lower speed which reduces 
the kinetic heating rate, £>. However, a lower incidence, giving a high lift to 
drag ratio, is required to maximise cross-range performance. A low lift to drag 
ratio shortens the duration of the re-entry and hence the heat soak being the 
integral of heating rate and total exposure time. 

Accurate knowledge of heating and heating rates is essential in deciding what 
materials are used to build the structure and what insulation is required. Because 
of uncertainties in this knowledge tolerances must be applied to control and heating 
estimates requiring additional control power and insulation with consequent mass 
penalties. Let us consider each of these three aspects in turn:- 


(ii) cross-range 

(iii) heating 


(i) Trim 


Good correlation of Newtonian predictions with wind tunnel and flight measurements 
have been seen in published reports for overall forces and moments. However 
reference 1 indicates that wing trailing edge flaps can be more effective 
than Newtonian theory would predict. An investigation into this "hyper¬ 
effectiveness" has been carried out and is reported in reference 2. This 
proposes that Newtonian theory does not perform well in estimating pressures, 
for the concave shape that occurs when trailing edge flaps are deflected, 
because of the low Mach number of the flow in the shock-layer. Newtonian 
theory is based on the assumption that the high freestream Mach numbers 
are also typical of the local flow behaviour. Figure 4 shows the effect 
of deflecting a trailing edge flap on a flat plate at incidence in a flow 
which is inviscid. Once the shock-layer properties are known the control 
force can be deduced from simple oblique-shock theory. 

If the flap is deflected through a sufficiently large angle an attached 
oblique shock will not be possible and the effectiveness of the flap will 
be considerably reduced. The existence of viscous effects introduces additional 
constraints on the performance of the flap. A sufficiently large increase 
in pressure across the hinge line will cause the boundary layer to separate. 

Figure 5, taken from reference 3, shows the shock systems with the associated 
pressure distributions for laminar and turbulent flow. For laminar flow 
the inviscid and viscous pressure rises are approximately equal although 
the point of action of the flap force is further upstream for the viscous 
case. 


For turbulent flow the inviscid pressure rise is greater than the viscous. 

Again the point of action of the force is further upstream for the viscous 
case than the inviscid. The variation of flap pressure with control deflection 
is shown in Figure 6. This shows the compatible inviscid and viscous values 
up to turbulent separation and the low level of the Newtonian estimate. 

Note that real gas effects are such that the flap angle before shock detachment 
occurs is increased. Therefore for this case it is pessimistic not to take 
account of them. 
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Now consider the pitching moment due to flap deflection shown in Figure 7. 

Note that the inviscid and viscous solutions are no longer the same below 
turbulent separation; this is because of the differences in the points of 
action of the flap force. 

The effect of incidence on control power is illustrated in Figure 8. As 
incidence increases turbulent separation occurs at lower control deflections. 

This means that the maximum control moment and consequently the trimmable 
c.g. range reduces with incidence. Figure 9 shows the expected trimmable 
c.g. range for the current configuration using wing and body flaps. For 
the re-entry case there is adequate trim for low incidence where maximum 
L/D occurs. However, at high incidence, required for the initial stages 
of re-entry, the range of acceptable c.g. position becomes progressively 
smaller so that 45° is the maximum incidence that can be trimmed. Although 
higher incidence capability is desirable, the currently predicted performance 
is quite*satisfactory. 

(ii) Cross-range 

Figure 10 shows the achievable cross-range with a maximum allowable surface 
temperature of 1200 K. The variation of cross-range with L/D - effectively 
vehicle shape, and planform loading - a measure of vehicle mass and size, 
are shown. 

Maximum cross-range is obtained for a vehicle with high L/D ratio and low 
planform loading. For the current HOTOL configuration the expected cross¬ 
range is about 25° latitude. 

If however the maximum allowable temperature could be increased by only 
50K this would result in a significant increase in cross-range capability 
as shown in Figure 11, about 25% for the current vehicle. However, this 
would result in an increase of insulation mass, to protect internal structure 
and systems, of 30% resulting in an increase in GLOW (Gross Lift Off Weight) of 
9 tonnes. This emphasises that accurate prediction is essential because a small 
tolerance is significant. 

{iii) Heating 

Maximum heating rates, and consequently temperatures, are expected to occur 
at the stagnation point and along attachment lines. A procedure for estimating 
this attachment line heating is reported in reference 4 for both laminar 
and turbulent conditions. It is concluded that, for laminar heating rates, 
the effects of real gas are of second order importance - being always less 
than 20%. Therefore reasonably accurate estimates may be obtained by assuming 
that air is thermally perfect. However, for turbulent flow real gas effects 
on heating rates are much more important. Since transition to turbulence 
occurs at relatively low altitudes, the assumption of a thermally perfect 
gas may still be acceptable but further work is necessary to quantify these 
effects. 

The onset of transition is critical as heating rates in turbulent boundary 
layers are significantly higher than in laminar flow. At the start of re¬ 
entry, where Reynolds number is low, the flow is laminar. As the vehicle 
comes lower into the atmosphere Reynolds number increases and transition 
to turbulent flow occurs. the criterion for transition is based on an allowable 
reference Reynolds number, reference 5. The reference Reynolds number is 
a function of speed {= altitude for a given trajectory) and local geometry 
so transition does not occur on all parts of the vehicle at the same point 
in the trajectory. Figure 12 shows the variation of Reynolds number with 
altitude for various X stations on the vehicle. This shows that turbulent 
flow first occurs over the intake at about 70 km. Figure 13 shows the expected 
equilibrium wall temperatures on the HOTOT. centreline at a position 25 m 
aft of the nose. 

Several areas have been identified as requiring further investigation:- 

the location of attachment lines 

the variation of critical step size with reference Reynolds number 

the optimisation of the re-entry trajectory to minimise the critical 

heating 

the behaviour of complex flows in the region of the intake (including 

shocks, expansion fans). 

In addition to the attachment line heating, regions of local superheating 
are likely to occur as the result of shock interaction. Shock-shock, shock¬ 
boundary layer, shock-surface and shock-shear layer interactions all have 
an effect. Reference 6 shows that the local hot spots generated undergo 
heating rates up to an order of magnitude higher than other parts of the structure. 
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see Figure 14. This increase in heating rate depends on the strength of 
the shock and can be alleviated by sweep. The precise location of these 
local hot spots is difficult to determine and more work, both experimental 
and computational, needs to be done before these effects can be determined 
with any degree of confidence. 

Experience gained from wind tunnel and flight tests of the Shuttle has indicated 
that there is significant heat transfer taking place on the leeward side 
of the vehicle due to flow reattachment. This also occurs on the vehicle sides due 
to embedded vortices developing in unstable boundary layers and due to scrubbing 
by the vortices generated at the wing-body junction. Again estimation of 
these effects is difficult and further work is necessary. 

The Way Forward 

A possible HOTOL development programme is shown in Figure 15. This would lead 
to first flight in 1998, development of the engine proceeding in parallel with 
the airframe with the intention to demonstrate the engine cycle at an early stage. 

In parallel with both the initial phases of the airframe and the engine programmes 
there is a proposed Enabling Technology research and development programme. This 
activity is aimed at verifying the design assumptions and minimising the risks 
at entry into the full development programme. Proposed activities come under 
the following major headings: 

Materials and structures 
Aerodynamics including heating effects 
Vehicle systems 

Command and control, including ground infrastructure 
Unmanned flight 

A significant part of these technology programmes would be relevant to any European 
launch vehicle. 

Aspects of hypersonic aerodynamics which would be included in this work are summarised 
as: - 


Accurate estimates of temperature and heating rates to minimise insulation 
mass and maximise cross-range, including location of attachment lines on 
windward and leeward sides of the vehicle and real gas effects. 

Prediction of the position and magnitude of local hot spots caused by shock 
intersections in order to provide adequate protection for the structure. 

Prediction of accurate forces and moments duiing re-entry is necessary to 
ensure:- 

adequate lift during the early stages of re-entry to minimise speed 
and hence aerodynamic heating 

adequate L/D to meet cross-range requirements 

adequate aerodynamically trimmable c.g. range due to the large fuel/weight 
penalty for trimming with reaction control thrusters. 

These are areas which the UK and Europe now need to mobilise their resources, 

both experimental and computational, in order to bring the aerospaceplane to reality. 
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ROUND TABLE DISCUSSION 

AEROTHERMODYNAMICS OF HYPERSONIC LIFTINC VEHICLES 
April 9, 1937 


S. Bogdonoff, Princeton 
Ladies and Gentlemen, 

Let me say first how pleased I was to be asked to be technical evaluator for this meeting. Hans Hornung 
and Bob Whitehead are two old friends, and I didn’t realize quite when I said yes many months ago, how 
enjoyable this was going to be. Although I tried to listen to every paper with great detachment, I am 
afraid X got swept away every now and then. The job of the technical evaluator is one which 1 have taken 
in a very wide view. There were many excellent papers presented, and I will make no attempt to talk 
specifically about each paper here. What I would like to do, instead. Is to share with you a general 
impression of what was covered, what was not covered, and make some comments which I hope might be helpful 
for some of you, individually, or for AGARD, with regard to the continuation of efforts like this In the 
future. 

The meeting was entitled "Hypersonics", but it really wasn't in the full sense. Many of the papers were 
on high speed fluid mechanics which, in many cases, has some relevance to Hypersonics. 

I was particularly interested in the mix of people who were at this meeting. I want to congratulate the 
group who proposed this meeting some years ago. Although Hans Hornung said that it was luck, I think that 

it was great foresight. One of the things that I think is important in the evaluation of the meeting is 

the audience. I categorize the audience in three groups: there are "grey hairs and no hairs" who worked 
in this field well over a decade ago. There are a small group of people who connect the past with the 
present. They have been working on hypersonic problems over many years. Then there are many young people 
who clearly are working in hypersonics for the first time, who don't know about all the mistakes that were 
made, and are prepared to make their own mistakes all over again! Part of the difficulty I had in 
evaluating the papers individually Is that the papers were written for and presented by different segments 
of the audience. 

One thing that I think was missing was an overview of the field, as an introduction to bring these three 
groups together in some sort of a framework. As the meeting went on, some comments came up which did part 
of that job. An overview might be helpful when there is a very div rse audience and things which are well 

known to some of the people are totally unknown to others. 

The discussions, in particular, and the coffee and tea breaks helped to solve some of this. It would be 
helpful if we had a chance to define the key issues for hypersonics, and then it would be easier to say, 
"What have we done", "what haven't we done” and what are those issues that are yet to be resolved". The 
last point I want to make is the question of "where doe6 hypersonics start?". An old answer is that It is 
"wherever you are when you say you are working in hypersonics". 1 think that applies very well to some of 
the papers in this meeting. There were some excellent papers in high speed aerodynamics, but I question 
whether they are key issues to be faced in hypersonics; whether they are the key elements that designers 
need to know for hypersonic designs. I want to give you a possible frame of reference so that you will 
understand the basis of my remarks. Hypersonics is not just an extension of high speed aerodynamics. 

High Mach numbers brings into play a whole group of new phenomena. One way to put it is that, if you are 
flying at 5, and you compare it to flying at 15, you are talking about an order of magnitude difference in 
energy. If you go into orbit from the ground, about one-half of the energy goes in above Mach 15. 

Working at Mach numbers of 5 and 10, which may sound like hypersonics, is not attacking the crucial parts 
of the problem, which occur at high mach number. It is Important to work on high speed aerodynamics, but, 
there Is a good reason to think about hypersonics in different ways. I divide hypersonics into "low 
speed" and "high speed". Low speed, to me, is under Mach 10. 1 make that division because I believe that 

ft is possible to take what we know about supersonics and get pretty close to 10 by extensions and 
extrapolations. It's primarily aerodynamics. We have some facilities, and we have the ability to 
compute. But when you get above Mach 10, you enter a different region where there are very significant 
new phenomena. They are there at lower mach number, but they are not critical. When you work in 
hypersonics, you have to take into account new phenomena, which we don’t ordinarily consider in high speed 
aerodynamics. We design airplanes in the supersonic range and "low" hypersonic range primarily for 
aerodynamic efficienty. When you consider "high" speed hypersonics, strong interactions, heat transfer, 
materials, ionized gases, real gases, are Important. It is from this point of view that I say that 
"hypersonics" is different. You can't design a hypersonic vehicle from aerodynamics alone. It may not be 
the optimum aerodynamics vehicle because you can't handle the heat transfer or the control or the 
materials and structures. Hypersonics Is an Integrated field, a lot different than what we are used to in 
high speed aerodynamics. It Is particularly important in propulsion, which 1 will comment on further in 
my e\a!uation report. 

What I would like to do is to go over each of the sessions (without going through Individual papers) and 
give you a "overall" view. First, let me say that the organization of the meeting was very good. It went 
from fundamentals to real applications, The idea of putting the Integrated design problems at the end 
gave everybody some perspective of where their own little world of research or computation fifed in to 
the real problem. It also highlighted the needs of the people who have the responsibility to figure out 
how to make one of these things fly. 
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Session I. Facilities 

I was disappointed in the discussion about facilities. In many cases there has been a struggle in the 
last few years to resurrect the facilities that we had burled, or threw away or neglected. There are very 
few people who have had the luxury of having facilities operating for the past 10-15 years, improving them 
all the time, and doing better instrumentation, and so on. Most of the facilities that we are talking 
about were designed 20-30 years ago, when we knew much less about hypersonics than we know now. i suggest 
that the world has changed significantly, our ability to do things has changed, and surely our ability to 
measure has changed radically. I would suggest that, when we discuss facilities, we ought to first 
determine what is really needed. What kind of information are we looking for? You can approach this in 
many ways, but I think that most people who work in the field would end up giving a list which is 
similar. The question is how do you get that information, how do you get that data. Although many of us 
were broug t up on wind tunnels, ranges, or shock tubes, I believe that hypersonics demands a broader look 
than that. I don't think that we are going to be able to generate all of the Information that we need for 
hypersonic} in ground facilities. There may be some new concepts, but so far I haven't heard of them. 

When you s^eak of facilities for hyperscaics, you should start from what you need, and figure out every 
way that you can possibly get that data. Hypersonic testing, without considering flight instruments, is 
not very realistic. Many things that we can do on the ground are extraordinarily useful, and must be 
done. But, there are some phenomena which will be very difficult to simulate. 1 will come back to that 
later when I discuss CFD. There is a problem with flight tests. It is extraordinarily expensive, and it 
is very difficult to get the quality of data that we are going to need to make progress in hypersonics. I 
suggest that this is part of what the cost is going to be. Part of the responsibility of a group in this 
field is to work on such a program, not being tied to in the past, what conventional aerodynamicists have 
been tied to the wind tunnel. Hypersonics needs more than that! After being so negative, let me say that 
ground facilities, with modern instrumentation, can supply a lot of information that hasn't been supplied 
yet, and it will be very useful information. In many cases it will be crucial to the continued 
development of hypersonics. But, we are going to need more! 

Session 2. Experimental Investigations and Techniques 

I was quite interested in this session because it contained many excellent papers in high speed fluid 
mechanics. However, most were not aimed at the critical problems of hypersonics per se. There are 
significant differences between phenomena that are important at Mach numbers of 3, 5 and 7 and those that 
happen at 15, 17 and 19. We know so little about what happens at very high mach numbers that, it seems to 
me, most of our resources (if we have the ability to move our resources) should be focussed on the 
critical areas that we don't know very much about: turbulence, transition, boundary layers under very 
cold wall conditions, real gas effects, catalysis. All of these are very Important items if we are going 
to try to do something for a hypersonic vehicle. To tackle these questions is very difficult, but that Is 
the crucial part of hypersonics. I suggest that we might gain a lot in our future progress if we could 
focus on these areas, perhaps at the detriment of some other things that we are in love with, that we have 
worked with, and which have supported us for years. The future is going to require an attack on new 
difficult problems. 

There were some interesting papers about low density flows. Most aerodynamicists work with continuum 
flows. Hypersonics is, as 1 have commented, an extension of high speed aerodynamics to new phenomena. 

One I didn't mention is the non-continuum area. As an aerodynamicist or a fluid mechanlcist working in 
hypersonics, you have to be very well aware of what is going on in free molecular flow. In addition, 
there is the wonderful region, totally unknown, in between free molecular and continuum. We simply don't 
know, at the moment, how to get from continuum to free molecular. George Koppenwallner's paper 
demonstrated that two end points doesn't describe the phenomena in between. That is the sort of surprise 
that we may find in other phenomena in this transition region, simply because we haven't been there! 
Outside of the kinetic theory part of it, it is all non-equilibrium , a phenomena which is usually not 
considered in aerodynamics. 

Session III. Propulsion 

Propulsion got short shrift in this discussion. I believe I understand why. When you talk about 
hypersonics, there is again another division. If you consider propulsion using rockets, you only worry 
about external aerodynamics. The rockets are mounted at the back, and have little influence on the 
vehicle shape. But there is another group that considers "air breathers". For this group, it is 
impossible to talk about the aerodynamics of the vehicle without talking about the power plant at the same 
time. A hypersonic air breather is the most integrated vehicle that we have ever conceived. You can't 
separate the engine from the airframe. The integration that i6 involved is several steps more complex 
than a vehicle which uses a rocket. The propulsion system may tell you what is the optimum airframe. Let 
me point out though that there is only a part of the hypersonic world that considers air breathers. 

Rocket propulsion has a great advantage in the design of a hypersonic vehicle in that it may be much 
simpler. However, when you use a rocket. It has a big, blunt, back end, which is a problem if you want to 
fly at lower speeds or when the rocket is not operating. 

Session IV. Computational Fluid Dynamics 

Let me comment about one of my favorite subjects, CFD. There is a major difference, in my mind, between 

the role that CFD plays in the subsonic and supersonic field, as compared to the hypersonic field. In the 

subsonic and supersonic field thdre is enough experience and data around so that, when you compute 
something wrong, you know that it is wrong right away. In hypersonics, there is a serious problem. The 
CFD community has developed an extraordinary talent for the techniques, and the computer industry has 
developed great tools; the difficulty is that we don't know what is real and what is not. The design 

people kept bringing that up. They need some tools to tell them things that they can't measure at 

conditions which they have not experienced. I suggest that hypersonic CFD, at the moment, has not taken 
on the important job of determining what specific codes can and can't do. If it can do it, what sort of 
error band is realistic? It is very important that the CFD people, who have been having so much fun so 
far, get down to business and try to provide tools for industry. This requires the definition of what you 
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can and what you can't do. What has become so critical in the hypersonic field is that CFD is the glue 
that is g^ng to put all of the hypersonic elements together. We are going to have test data simulating 
different phenomena of CFD. There are only two ways of putting it all together. One is you put 
everything together on a vehicle and see what happens. The other way is to have CFD tools available which 
will permit you to put things together, with some reasonable confidence , that they are going to give you 
the right answer. CFD validation is critical . I suggest that you should make no computations unless 
there Is data available (of the right sort) to check against, or it Is associated with a test which is 
going to be made which will tell you something about the comparisons. That is an extreme statement, but 1 
think that we are going to have to face that. 

Session V. Vehicle Design 

l personally want to thank the design group who talked about trying to design vehicles. The problems 
about trade-offs, parametric studies, and validated CFD codes are what these people need to put a vehicle 
together. They have to design vehicles that go from Mach 0 to 25, they have to work at altitudes from sea 
level to apace. What they have to work with is the data that you can get out of wind tunnels, the data 
that you can put together with CFD, and the data that you get out of flight experiences. People who do 
basic or applied research ought to listen carefully to those people. It was clear to me that they dropped 
back orders of magnitude in the kind of sophistication which we were talking about during the rest of this 
meeting. Whatever they use, they have to believe in well enough to invest money In it. Most of us just 
invest papers and some reputation. 

1 will try, in the final written report, to make some comments of a more technical nature, but thank you 
again for giving me the opportunity to be involved in this group. I have learned a great deal, and I hope 
that all of you will go onwards and upwards with hypersonics. 

H. Hornung, DFVLR 

We now come to a ritual which is common to AGARD meetings. We will have a discussion session in which 
there is a peculiarity which distinguishes it from the other discussions, namely that everything is 
recorded. This means that if you make a contribution to the discussion, we must insist that you wait 
until the mike is switched on and say your name and your affiliation clearly because what you say will be 
sent to you for editing. So, if you don't like what you said, you still have a chance to modify it, 
slightly. 

To make the most of this discussion and to make it useful, ask short questions and make short comments. 
Don’t give quarter hour talks, we only have two quarter-hours. The floor is open for discussions. 

F. Myaliwetz, MBB 

In my mind, and I think many of you will agree, efficient hypersonic flight will be a reality in the 
future. There is a long way to go to reach this end. I think that we are presently at the stage which is 

comparable to Che late 'AO'a or early *50's with respect to supersonic flight. We can visualize that 

there is a lot to be done. We need more resources, money, methods, experimental facilities and what we 

need above all is young, gifted people. The average age of us here is about 50. In ten years when Hermes 

is flying the average age will be about 60. This means that we have to try to inspire young people to 
come to this field and devote their time to It. 

H. Hornung, DFVLR 

Thank you for that comment. Do I see any other hands up? 

M. Ahmet, British Aerospace 

One thing that I personally was a little bit disappointed in was the exclusion of the experimental 
uncertainty in the examples which have been shown when validating theoretical methods which covers the 
computational as well as the semi-empirical and other types. 

S. Bogdonoff, Princeton 

I would suggest that people who make computations should also include error bands. Practically everybody 
who presents the results of a computation, present it as a thin black line. We have done some analysis of 
some of these computations and that "thin line” should be drawn with a big black brush. It would be very 
helpful for the experimentalist, because it would show the need for a measurement of a speciflc accuracy, 
if you are going to check a computation. I think that the discussion, of error bands applies to both 
computation and experiments. 

H. Hornung, DFVLR 

Yes, this is currently a problem that we all are aware of, but I would like to say that hypersonics is, 
more than anything else, a field where now after all we have got to get these experimenters and CFD people 
closer together. We mustn't fight against each other; we must wo~k together. 

A. Roshko, Cal Tech 

This was an excellent symposium. I enjoyed it hugely. I think that I am in a category of those who are 
weighting the average towards 60 or higher by now. One of the things that struck me, and it is certainly 
no fault of the organizers, is the lack of what 1 might call analysis In all the proceedings. It is not 
only true here, but at most conferences these days. By analysis I mean the search for the simplifying and 
unifying concepts that have been so common to aeronautics In the past. In trying to figure out why that 
is so, one possibility is that all the simple problems are gone, that they were skimmed off thirty or so 
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years ago in the last round, but I really don't believe that. Another possibility is that all the 
analysts are gone. It you ask where they are gone, I suspect that a lit of thea are gone into 
computation. If so, I guess this problem should correct itself in another 10 or 20 years once computation 
becomes a tool like experimentation Is, at present, because I believe that the end product of computation 
is the same as the end product physical experimental, except, of course, that you have more measurements 
accessible from computation. However, all the data that will eventually come out of computations still 
needs the kind of unifying treatment that was provided in the past by analysts. I am a little puzzled as 
to the present situation; it may be that analysts are not obraining the support or the welcome that they 
did in the past. 

R. Graves, NASA 

I want to address the question of attracting young people back into the field. In the United States, the 
Office of Naval Research, the Air Force Office of Scientific Research and NASA Headquarters have entered 
into a program to fund training and research in hypersonics with six universities with the specific 
purpose of attracting new young people into the field to work on Master's and Doctoral degrees and 
providing them adequate support for training as well as support in terms of research. This is our first 
step in hopefully reinstituting hypersonics into the university community in the U.S. It could serve as a 
model for other countries in terms of reinitiating hypersonic training into the university community. 

H. Hornung, DFVLR 

Thank you for that comment which is also very welcome to me. Will someone say something about CFD? 

W- Schmidt, Dornier 


I don't want to say something about CFD now, I would just like to give a small comment to what you said 
previously. Since I belong to those who did some work in hypersonics more than 10 years ago, starting as 
a very young person, I must also tell you that by that time I was somewhat disappointed because we were 
very enthusiastic and started things and then there was a decision that there was no use. So now we 
restart again working in this field, but we should be well aware of the fact that this makes no sense if 
we have to stop again in some years. 

H. Hornung, DFVLR 

In other words you would like to see something that really flys. 

P. Perrier, Avlons Marcel Dassault 


As the person responsible for the aerodynamics and aerothermodynamics of Hermes, I have two general 
remarks on that session. First, it seems to me that there is not sufficient emphasis on the accuracy and 
on the problem of measurement in the wind tunnel or any hypersonic facility. The great difference 
actually between the measurement in a current wind tunnel and use of true hypersonic facilities, not 
facilities at Mach number 8, but facilities with problems typical of hypersonics is that you change your 
scale. When you use for designing an aircraft a wind trnnel result, you use a scale such that you can see 
one count in pitching moment, one count in lift or one count In drag. When you use currently that sort of 
terrific ground installation, you change the scale many times by a factor of 10. So it is not realistic 
at all for the design and we have to go from something that is more an experimental level to an industrial 
level. This can be seen by the fact that all the equipment for the measurements are not at the level of 
quality that is necessary. For example, if you wish to have heat fluxes or something as simple as a 
pressure it is not useful to use the current aerospace industry scale, otherwise the scatter is too 
large. My second remark is on the CFD side. It seems to me the people have not done sufficient empltasis 
on the fact CFD effort is increasing in hypersonics, not only by the fact that it increases everywhere, 
but because it is necessary for solving the problems of hypersonics. It is the only way to put together 
all the different Influences that are important in hypersonics. Typical figures 10 years ago in the 
percentage of CFD in the design of an aircraft was at the order of 102 or lower. Currently, on the Rafale 
demonstrator, that is our last prototype, we have put the figure at the order of 502. It seems to me that 
it was necessary for having sufficient manoeuverability on the general design in transonic and 
supersonic. It seems to me that when I have to fight with CNES or European Space Agency for having a 
percentage of CFD in Hermes that Is larger than 502, it is perhaps too 6oon, but I had no large success 
because I have not many experiences of that sort of design behind me. But it is quite evident that it is 
the only way for the future of the design. Otherwise, if you use the scatter we have in experimental 
research, what will be the result of that? Either we have to be extremely conservative or to choose a 
very risky design. 

J. Slooff, NLR 

This is not a comment to M. Perrier's remarks, but rather it should be put in the context of answering 
your invitation for remarks on CFD a minute ago. I have one which can probably be put in the category of 
kicking against open doors, but I will give it anyway. Professor Bogdonoff stressed the point when he 
talked about facilities. I think that development of new facilities in particular should be addressed 
from the standpoint of what the needs are; what sort of information precisely do we want out of it. The 
type of facility should be determined by the answers to those kind of questions. I think that he did not 
stress the point that the situation is exactly or should be exactly the same in CFD. We have had a lot of 
fun in the CFD community in the past 10 years or so, to speak with Professor Bogdonoff'a words, and it has 
led to a tremendous amount of codes of varying sophistication that have filled lots of symposia, etc.. 
However only a very small number of these codes have been developed. Most just have developed, I think. 

As far as CFD is concerned, we are going to enter an era, several people have already done so, in which 
you start with designing a code from the viewpoint of what we need it for and what sort of information we 
want to get out of it, with what accuracy, etc., and then start the development. That is what I wanted to 
say. 
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W. Schmidt, Dorpier 

Now I think that I have to say something about CFD. From my opinion there is kind of a mix between two 
things. One is physics of flow fields and one is computational methods. When people are talking here 
about CFD they are more or less blaming the non-understanding of the physics rather than the method 
itself. If we state a physical problem which we understand in all the details, if we have a very clear 
physical model, and if we have the corresponding differential equations or finite difference equation, I 
think that we are capable of solving this equation to any accuracy you like, at least in a large amount of 
cases. What we are lacking especially in hypersonics, but also in most speed regimes is the right 
physical understanding, the right understanding of length scales and thus also the right modelling, for 
instance with meshes to resolve certain areas of flow fields. We have to get much better physical 
understanding and this is something that we don't get by CFD in itself. We have to play back the ball to 
the experimentalists. What we need is much better experiments with much more quality in the details 
because we have to get the physics from the experiments, the methods won't give the physics. 

R. Bradley, General Dynamics 

I have a comment I would like to make on Wolfgang's comment. I agree wholeheartedly that instrumentation 
and measurement accuracy to a much higher degree are necessary. However, I would like to reinforce what 
Professor Bogdonoff said earlier, I am convinced that we do not understand the numerical physics that are 
in many codes that we use routinely. I feel that we need a much higher degree of understanding of the 
effects of grid densities, convergence and artificial viscosities because many times the physics can be 
totally obscured by the numerics. 

H. Hornung, DFVLR 

Eli, I would like to change the subject. 

E. Reshotko, Case Western Reserve University 

I'll try. First I will answer Wolfgang Schmidt by emphasizing one of Anatol Roshko's remarks, namely, 
that when you don't understand the physics, experiment is not the only alternative, there is also 
analysis. In this whole symposium, I did not once hear the expression hypersonic similarity nor about the 
hypersonic similarity laws, which were once the backbone of hypersonic flow relationships. In fact 
sometimes when I am asked what is hypersonics, I say that a hypersonic flow is one that obeys hypersonic 
similarity laws. For blunt body flows that may be at Mach numbers as low as 2. For slender body flows it 
might be at Mach 15 or higher. The fundamental understanding of the physics is all important, and there 

must be an appreciation of the need for getting good physics out of computation. I am disappointed that 

In the computation of laminar flows there isn't a clear solution. We went through an exercise recently in 
the United States where the same problem was solved using five different PNS codes for laminar flow, and 
we obtained five different answers. Now, there are not five different laminar flows, there is only one, 

so we don't know which one Is right. There has to he some attention given to making sure that the 

computation codes are responsive to the flow physics. That is what Professor Bogdonoff meant when he said 
that there must be redundancy in the flow calculation procedures because they are not reliable until so 
proven. 

In changing the topic I warn to get to some of the technical elements now as well. I was disappointed 
generally in the lack of sophistication in the methods presented at this meeting for the consideration of 
viscous flows. We have a long past history of being able to deal successfully with two-dimensional 
Integral methods for boundary layer and for estimation of aerodynamic heating. I grew up in aerodynamic 
heating, and I am on the higher side of the average age as estimated in this room. I don't understand whv 
the established three-dimensional finite difference methods and three-dimensional integral methods for 
boundary layer and for estimation of aerodynamic heating are not in use. It would seem to me that if it 
was done 20 years ago. It could be done now. Also I would expect hypersonic viscous interactions to play 
a more prominent role in the phenomenology than showed up at this meeting. There were papers presented 
covering dynamic stability considerations that Ignored the boundary layer, and yet for sharp cones or 
wedges, there are interactions near the leading edge that can introduce, not only additional pressures but 
pressures that are out of phase with the motion because of the character of the unsteady boundary layer. 
The dynamic stability characteristics can depend on frequency and should not be represented only by their 
zero frequency limit. These are issues that I feel should have been raised at this meeting but were 
missing. I hope in the future to see some of the old sophistication returning. 

H. Hornung, DFVLR 

1 think the leading edge of intakes are particularly relevant problems. 

L. Ericsson, Lockheed 

I want to follow up on Ell's comment in regard to viscous flow. Often in meetings you will find that 
people will be very concerned about turbulence closure without ever mentioning the word boundary layer 
transition. You don't have to go into the "tickling" of the boundary layer, using Morkovin’s 
nomenclature. That Is not needed to describe the coupling between boundary layer transition and vehicle 
motion. All you need is to describe the slowly varying environment, the slowly varying coefficients, if 
you will, that determine the effect of boundary layer transition on the vehicle dynamics. I think that 
the CFD people should be eminently capable of Including that at the present time. 
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S. Molder, Ryerson Polytechnic Institute 

I would Hite to address my remarks to the code-smiths and be a bit critical about their presentations, the 
type of presentations which start with Navier Stokes equations and end up with vector plots of the results 
without all that much in between; without much explanation of the steps that have been taken or the 
methods that have been followed. This makes us admire their efforts; however, it’s not very useful 
because we cannot objectively judge the accuracy, or even the gross validity in some cases, oi the 
results. We cannot use the presentation or the accompanying papers to write programs of our own* and in 
very many cases the authors or their agencies are not willing to supply more detailed information or the 
computer programs themselves. What I would suggest to the organizers in the next CFD sessions is to 
extract from all the CFD authors a promise to supply their codes if they are asked for them. 

H. Hornung, DFVLR 

I don't know if you have much experience with promises from number crunchers. 

G. Koppenwallner, DFVLR 

I would like to make a comment concerning wind tunnels and code validation. We need two kinds of wind 
tunnels, one kind which is essentially used for industrial testing and then we need another Una of wind 
tunnels which we use for code validation. These wind tunnels must work at very well defined conditions. 
For instance, 1 think that in wind tunnels where we make only Mach-Reynolds simulation we mi st exactly 
know our gas conditions. Therefore, we use only a single component gas and avoid dissociation. Then win** 
tunnels where we study only rarefaction effects, again with a well-defined gas. Then wind tunnels for 
real gas do this. Tills is one point where we don't want to mix everything up. That is one point which I 
want to make. The next point concerns the comparison between theory and experiment. Here one must be 
very careful because in hypersonics we have, for instance, a large change of temperature and also 
viscosity. For an appropriate comparison the viscosity law and temperatures of the theoretical 
calculations shall match the experimental conditions. Literature data is usually insufficient to do 
this. This is one point which is very important. Also, if you are going to compare pressur, data which 
are on the lee side of a body in hypersonic flow. These pressures are very small and you car. compare 
on a linear scale. You must go on a logarithmic scale in order to see the defails. These are >me points 
I find important for the comparison of codes with experiments. 

*• Yeung, Queen Mary College 

One of the areas of which one heard relatively little in detail during the discussions is that of real gas 
effects. We saw how important real gas effects could be from the trajectories that were shown of 
vehicles. This is an area where I think that there may well be an accumulation of information which is 
not being properly tapped. There was work done on real gas effects 10 or 15 years ago when the subject 
was alive and popular, and I have no doubt that there must be material in various physics laboratories 
which would be relevant to some of the problems of real gas effects. I think that this Is an area that 
would repay a lot more attention than is being given at the moment. 

H. Hornung, DFVLF 

I should make use of the general interest in accuracy in wind tunnels that has been voiced to make a plug 
here for the next AGARD meeting which is on Wind Tunnel Accuracy, Quality Requirements and Achievements. 
This addresses precisely the point that has been discussed here, though of course, in transonic flow. 

If there are no more questions, then we come marvelously on time to the end of the discussion. I would 
like to say one word which is appropriate here in Bristol. I don't know if you have noticed, but we keep 
talking about heat transfer and heating here, and just between this theater and the other side of this 
wall is a picture of the second Professor of Engineering in this University, who was Stanton. He was the 
second Professor, the first one was Hele-Shaw. I think that at this point I will hand over to Peter 
Sacher who is going to go through the final ritual of this meeting. 

P. Sacher, MBB 


At the end of this busy week, it is up to me to find some closing remarks. Following the discussions, the 
presentations, especially these last discussions, one may say that there are many more questions left open 
than answered. But I think that is not a characteristic of a bad meeting; on the contrary, I think this 
may follow the purpose of a symposium: to stimulate new work, to improve contacts and cooperation and we 
have had, I think we all agree, a very complete state-of-the-art review. If somebody says that most of 
the material being presented here is 10 years old, then it may lead to a kickoff stage of new 
investigations in this field. Then, at least in my opinion, we will have fulfilled our purpose. 

Now let me say some words of acknowledgement. First of all, I wish to thank all of our speakers for their 
outstanding presentations, delivery of papers, and of course, the audience here for their enthusiastic and 
active participation in the discussions. 

I hope that we all agree to congratulate and very much thank our Program Committee for arranging this 
successful meeting. We acknowledge the tremendous effort by the two co-chairmen of this meeting, namely, 
Prof. Hans Hornung from the DFVLR Gottingen, and Dr. Robert Whitehead from the U.S Navy. In addition we 
have to thank our excellent session chairmen for leading us through the program and through the 
discussions. I would like to express once more our appreciation to the National Delegates of the U.K. for 
having Invited us, especially Mr. Scott-Wilson and Professor Lowson for the warm welcome on Monday morning 
and the opening address they have given to us, and of course, Alderman Williams and the city of Bristol 
for the outstanding hospitality at the reception Mondav evening. In addition, I thank the University of 
Bristol for providing the local arrangements for the meeting and the two coordinators of the University, 
Dr. Roger Moses and Dr. John Flower. In addition, our two local FDP points of contact, Bob Bignell, who 
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ia a resident here in Bristol and Derek Peckham, oar Deputy Chairman who has arranged many things 
throughout this week. 

Really outstanding work in organizing and preparing the meeting has been done by the National Coordinator 
throughout the whole week, namely. Captain Ray Hillary and his secretary, Diana Halliday. 

Now I would like to thank our Executive, Mike Fischer and the FDP Secretary, Anne Marie Rivault, for 
providing excellent support and service throughout the whole week from the administrative side. 

Concluding, 1 have to address our appreciation and acknowledgement to the technical staff. We thank our 
interpreters. Miss Rita Day and James Sneckman. Thank you very much for doing a hard job speaking and 
translating. I have to thank especially our technicians for the projections and the help in our 
microphone service, John Bracy and John Henriette. The latter had a bad car accident and I want to thank 
him very much for being here and helping us throughout the whole week. 

To conclude, I would like to make some commercials for the FDP program. I will come back to our program 
In 1987. We have just had our first symposium on Aerodynamics of Hypersonic Lifting Vehicles. Hans 
Hornung has announced already our second which will take place in September/October In Naples. We are 
running two special courses; Modern Theoretical and Experimental Approaches to Turbulent Flow and Missile 
Aerodynamics. We have currently three working groups: one on Boundary layer Control, one on 
Three-Dimensional Viscous Flow Boundary Limits and the third one on Rotary Balances. 

Let me introduce to you our program for 1988. In spring we will have a symposium on Validation of 
Computational Fluid Dynamics in Portugal . As you can see one point of this emphasis will be the 
validation and the use of experimental data bases. This concerns also high speed hypersonic flow. We try 
to establish limits of applicability of CFD codes for engineering work. The second symposium in 1988 will 
deal with Fluid Dynamics of Three Dimensional Turbulent Shear Flows and Transition and we try to fulfill a 
secondary requirement which was part of our previous discussion; the understanding and the prediction of 
the physics of three-dimensional turbulent shear flows. You are all invited to participate in our future 
programs. In summary we have in addition in 1988 two special courses; one on Boundary l^yer Simulation 
Methodology and the other on Aerodynamics of Hypersonic Vehicles. We will have also two new working 
groups; one on Adaptive Wind Tunnel Walls and a second on Air Intakes for High Speed Vehicles. This 
concludes my final remarks. Thank you all for attending our present symposium and I hope to see many of 
you at one of our next activities. 
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